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PREFACE 


M he  differences  in  flight  conditions  and  geometric  configurations  between  aircraft  and  missiles  mean  that  aero- 
dynamic techniques  for  missile  applications  frequently  differ  from  those  used  for  aircraft.  This  lecture  series  aimed  to 
emphasize  these  differences  in  the  aerodynamic  design  features  of  both  guided  and  unguided  weapons.  In  addition  to 
treating  the  component  parts  of  the  weapons  themselves  (e.g.,  wings,  bodies,  controls,  propulsion  units)  and  particular 
aspects  of  complete  weapons  (e.g.,  kinetic  heating,  high  incidence  effects),  the  course  also  dealt  with  the  effects  of  air- 
breathing  engines  on  the  aerodynamics  and  vice  versa,  the  interactions  between  aircraft  and  the  weapons  they  carry, 
stores  separation,  and  model  test  techniques.  ^ 

The  course  was  aimed  at  staff  (junior  aerodynamicists  and  senior  non-aerodynamicists)  at  firms,  research  establish- 
ments, the  military  and  engineering  teaching  institutions  who  could  profit  from  a wide-ranging  survey  of  the  subject. 
Lectures  generally  started  with  a review  of  fundamentals  and  paid  particular  attention  to  practical  methods  of  estimation 
and  design  and  to  comparison  of  these  with  experimental  results. 

This  Lecture  Series  conceived  and  supported  by  the  AGARD  Fluid  Dynamics  Panel  and  the  von  Karman  Institute 
has  been  developed  from  two  similar  previous  events  organized  at  VKI  in  1974  (VKI  LS  67)  and  1976  (VKl  LS  88). 

Some  of  the  articles  are  in  a similar,  but  updated  form,  however,  new  articles  especially  in  the  field  of  weapon  aircraft 
interactions  and  stores  separation  and  air-breathing  propulsion  units  have  been  included. 


Les  differences  de  conditions  de  vol  et  de  configurations  geometriques  qui  distinguent  les  aeronefs  des  missiles  font 
que  les  techniques  aerodynamiques  qui  leur  sont  appliquees  different  aussi  frequemment.  Le  cycle  de  conferences  dont 
il  est  rendu  compte  ici  avait  pour  objectif  de  souligner  ces  differences,  telles  qu'elles  apparaissent  dans  les  caracteristiques 
conceptuelles  aerodynamiques  des  armes  guidees  et  non  guidees.  Outre  les  elements  composants  des  armes  proprement 
dites  (ex:  ailes,  corps,  gouvernes,  groupes  propulseurs) et  certains  aspects  particuliers  de  ces  armes  considerees  dans  leur 
integralite  (ex:  cchauffement  cinetique,  effets  des  incidences  elevees),  les  questions  traiteesau  cours  des  conferences 
englobaient  les  effets  des  moteurs  aerobies  sur  Taerodynamique,  et  vice-versa,  les  interactions  entre  les  avions  et  les  armes 
qu'ils  transportent,  la  separation  des  elements  largables,  et  les  techniques  d’essais  de  maquettes. 

Ce  cours  etait  destine  au  personnel  de  I’industrie  privec  (jeunes  aerodynamiciens  et  cadres  non  aerodynamiciens), 
aux  etablissements  de  recherche,  aux  militaires  et  aux  ecoles  de  formation  d'ingenieurs,  bref,  a tous  ceux  qui  etaient  a 
meme  de  beneficier  d'une  etude  de  grande  envergure  sur  ce  sujet.  Les  conferences  debuterent  en  general  par  un  rappel 
des  principes  fondamentaux,  et  s’attacherent  en  particulier  d Texamen  des  methodes  pratiques  d’evaluation  et  de  concep- 
tion, ainsi  qu'a  la  comparaison  de  ces  dernieres  avec  les  resultats  experimentaux. 

Ce  cycle  de  conferences,  con9U  et  realise  sous  I’egide  du  Panel  de  Dynamique  des  Fluides  de  I’AGARD  et  de 
rinstitut  von  Karman  (VKI),  constituait  le  developpement  de  deux  experiences  similaires  organisees  precedemment  au 
VKI:  en  1974  (VKI  LS  67)  et  en  1976  (VKI  LS  88).  Certains  des  articles  de  cet  ouvrage  se  presentent  sous  une  forme 
semblable  mais  ont  fait  I’objet  d'une  remise  a jour;  toutefois,  de  nouveaux  articles  on  ete  ajoutes,  en  particulier  en  ce 
qui  conceme  les  interactions  entre  aeronefs  et  armement,  la  separation  des  elements  largables,  et  les  groupes  propulseurs 
aerobies. 
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Aerodyaanics  Department 
Royal  Aircraft  Establishment 
Farnborough,  Hants,  GU14  6TD,  UK 


SUOURY 


I 

t 

' i 
. 


The  differences  in  design  objectives  and  consequently  in  geometry  between  aircraft  and  weapons,  and 
the  aerodynamic  repercussions,  are  described.  Various  general  categories  of  air  flight  weapons  are  listed  . 
propelled  and  unpropelled,  guided  and  unguided  - and  in  the  particular  category  of  propelled  guided  weapons 
different  classes  are  identified.  The  following  components  of  a guided  weapon  are  described  briefly: 
warhead,  propulsive  unit,  safety  and  arming  mechanism,  fuze,  guidance  system  and  control  system.  Their 
functions  and  their  effects  on  the  aerodynamic  design  are  described.  Finally,  the  place  of  the  aero- 
dynamicist  in  the  design  of  a guided  weapon  is  discussed,  and  related  to  the  various  stages  of  the  design 
and  development  process. 


1  INTRODUCTION 

The  history  of  air-flight  weapons  probably  began  with  the  sling-shot,  the  spear,  the  arrow  and  perhaps  the 
boomerang.  The  invention  of  gunpowder  brought  about  a huge  increase  in  range,  but  prior  to  the  20th  century 
gun-fired  projectiles  were  purely  ballistic  in  their  flight  - they  had  no  built-in  propulsion,  no  built-in 
guidance,  no  built-in  control.  The  science  of  ballistics  pre-dated  the  science  of  aerodynamics  and  the 
first  studies  of  supersonic  fli^t  wore  prompted  by  the  behaviour  of  artillery  projectiles.  During  the  20th 
century,  however,  and  particularly  since  the  second  world  war  there  has  been  a great  increase  in  the  number 
of  weapons  which  are  self-propelled  or  guided  or  both,  and  the  science  of  aerodynamics,  which  has  been  so 
extensively  developed  in  the  study  of  aircraft  flight,  now  contributes  more  thai  ballistics  to  the  design  of 
modem  air-flight  weapons. 

Let  us  start  by  considering  why  the  title  of  this  Lecture  Series  is  "Missile  Aerodynamics".  He  mi^t 
infer  from  this  that  the  science  of  aerodynamics  and  its  laws  are  different  when  applied  to  the  design  of 
weapons  than  they  are  when  applied  to  the  design  of  aircraft.  This,  of  course,  would  be  wron?.  The 
scientific  laws  are  the  same,  but  it  is  sensible  to  differentiate  between  weapon  aerodynamics  and  aircraft 
aerodynamics  on  three  grounds: 

1 'Hie  objectives  of  the  design  of  the  flying  vehicles  are  usually  quite  different. 

2 The  rar.ge  of  attitudes  and  flight  conditions  are  usually  quite  different. 

3 The  shapes  which  are  appropriate  to  achieve  the  design  objectives  in  the  required  flight  conditions 

can  be  very  different,  and  since  applied  aercdynamics  usually  requires  a number  of  assumptions  and 

approximations  to  be  made  in  order  to  obtain  practically  useful  results,  the  assumptions  and  approxima- 
tions appropriate  for  typical  weapons  may  not  be  appropriate  for  aircraft  shapes. 

The  difference  in  design  objectives  between  civil  aircraft  and  weapons  can  be  seen  from  Figure  1.  The 
aircraft  is  designed  for  efficient  and  economical  cruising  flight,  which  implies  a high  value  of  lift/drag 
ratio:  by  the  use  of  variable  geometry  devices  it  adapts  its  flying  characteristics  to  make  it  suitable  for 
landing  and  take-off:  its  manoeuvres  and  acceleration  roust  be  tolerable  by  ordinary  people  wearing  ordinary 
clothes  who  comprise  the  payload.  A typical  weapon,  on  the  other  hand  does  not  have  the  same  emphasis  on 
economical  operations.  It  is  required  to  deliver  a payload  to  a prescribed  point  in  space  as  effectively 
as  possible.  The  lateral  and  longitudinal  accelerations  necessary  to  do  this  may  well  be  beyond  the  range 
acceptable  to  human  beings.  The  weapon  is  controlled,  if  at  all,  by  an  autopilot  which  does  not  have  the 
same  flexibility  of  response  as  a human  being  but  which  will  be  much  faster.  On  grounds  of  cost  and  relia- 
bil.ty,  control  systems  including  aerodynamic  controls  must  be  as  simple  as  possible  so  that  varying  the 
geometry  during  flight,  as  with  variable-sweep  wings  and  complicated  flap  systems,  is  not  usually  a practical 
proposition. 

Military  aircraft  lie  between  civil  aircraft  and  weapons  in  this  comparison  since  the  aircrew  can  be 
asked  to  tolerate  an  environment  that  would  be  unacceptable  to  civilian  passengers,  and  because  there  is  not 
the  same  emphasis  on  the  economics  of  the  flight.  In  recent  years,  remotely  piloted  vehicles  (RFV), 
hitherto  used  primarily  as  target  aircraft,  have  been  considered  for  operational  roles  in  order  to  avoid 
the  expenditure  of  the  lives  of  human  aircrew,  so  the  distinction  between  military  aircraft  and  weapons  is 
becoming  less  clearly  defined.  Moreover,  manned  military  aircraft  are  now  beginning  to  venture  into  flight 
conditions  hitherto  explored  only  by  guided  missiles,  such  as  extreme  agility  of  manoeuvre  and  stability 
augmentation  by  electronic  or  electro-mechanical  means.  Some  of  the  earlier  guided  weapons,  such  as  Mace, 
Bomarc  and  Styx,  had  monoplane  configurations  similar  to  aircraft,  but  improved  performance  required  designs 
more  appropriate  for  the  function. 

How  then,  do  we  define  the  field  of  interest  of  the  weapon  aerodynamicist.  I suggest  that  our  field 
ds  the  aerodynamics  of  narrow,  low-aspect-ratio,  slender  wing-body-control  combinations.  Not  all  these 
descriptions  necessarily  apply  to  a given  shaSM,  - for  example,  low  aspect  ratio  does  not  necessarily  imply 
aerodynamic  slenderness,  - and  not  all  weapons  have  these  three  component  parts.  The  aerodynamics  of 
aircraft  would  not  generally  be  regarded  as  a narrow  specialisation  because  the  subject  has  so  many  facets. 
Yet  the  oorresponding  field  of  weapon  aerodynamics  is  regarded  ais  a specialised  activity.  The  fact  is. 
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however,  that  the  weapon  aerodynamiciet  has  to  have  a wide  knowledge  of  many  areas  within  the  subject:  the 
flow  around  inclined  bodies;  the  oharacteriatios  of  wings  (usually  very  different  in  geometry  from  aircraft 
wings)  and  the  interference  effects  between  wings  and  bodies;  the  behaviour  of  several  types  of  controls; 
the  effect  of  the  complete  range  of  roll  angle  on  monoplanes  and  cruciform  configurations;  boimdary  layers, 
especially  on  bodies;  base  pressure  and  base  drag  with  a very  hot  jet  efflux  present;  the  effects  of 
vortices  on  downstream  components;  the  effect  of  nose  shape  on  drag  and  the  drag  due  to  excrescences  and 
protuberances;  kinetic  heating  effects;  an  incidence  range  from  0 to  180  ; a Mach  number  range  from 
moderate  subsonic  to  high  supersonic;  static  and  dynamic  aerodynamic  derivatives.  All  this  has  to  be 
applied  to  shapes  which  may  be  by  no  means  ideal  for  aerodynamic  efficiency  and  which  may  not  be  amenable 
to  accurate  aerodynamic  calculation,  such  as  bodies  with  square  cut  noses  (Figure  2),  or  wings  which  look 
like  those  in  Figure  3,  or  the  bomblet  shown  in  Figure  4.  It  must  be  conceded  that  the  weapon  aero- 
dynamicist  does  not  usually  have  to  concern  himself  with  the  fine  details  of  the  flow  around  a configuration, 
such  as  the  effect  of  the  threedimensional  boundary  layer  on  a swept  wing,  but  this  is  at  least  partly  offset 
by  the  need  to  consider  a wide  range  of  incidence  angle  and  roll  angle. 

2 CATEGORIES  OF  WEAPONS 

The  family  of  air  flight  weapons  can  be  conveniently  divided  into  the  four  categories  shown  in  Figure  5s 

1 Ihiguided  and  unpropelled. 

2 Ihiguided  and  propelled. 

3 Guided  and  unpropelled. 

4 Guided  and  propelled. 

The  first  category  includes  the  only  true  ballistic  weapons  such  as  air— flight  bombs  and  artillery  shells 
including  high-velocity,  flat-trajectory  projectiles.  Artillery  shells  are  of  course  propelled  by  the 
charge  in  the  gun,  but  I here  use  the  term  "propelled"  to  mean  that  the  weapon  has  a propulsion  unit 
contained  in  itself.  The  second  category,  unguided  and  propelled  weapons,  contains  for  example  rocket- 
powered  projectiles  fired  from  aircraft  and  from  the  ground,  and  gun-fired  rocket-assisted  projectiles.  The 
third  category  contains  glide  bombs  and  those  weapons  which  are  nowadays  called  "smart  bombs".  The  fourth 
category  is  the  one  which  people  usually  mean  when  they  refer  to  guided  weapons.  The  long  range  strategic 
ballistic  missile,  such  as  Polaris  or  Minuteman,  comes  in  Category  4,  that  is  guided  and  propelled  for  at 
least  part  of  the  flight,  and  is  therefore  not  a true  ballistic  weapon.  Hie  guidance  however  consists  of 
corrections  to  follow  a path  determined  before  launch  and  monitored  by  an  inertial  system  on  board  the  weapon. 
Such  missiles  have  aerodynamic  problems  which  are  peculiar  to  themselves  and  may  have  little  relevance  to 
other  weapons  - for  example,  hypersonic  speeds  and  flight  through  a rarefied  atmosphere.  This  course 
therefore  excludes  consideration  of  these  strategic  weapons. 

In  Category  1 a significant  difference  between  bombs  dropped  from  aircraft  and  shells  fired  from  guns 
is  that  the  former  are  usually  stabilised  by  means  of  tail  fins  (Figure  6)  whereas  shells  have  usually  been 
stabilised  by  spinning  them  at  a high  rate  by  means  of  "rifling"  in  the  gun  barrel  and  a "driving  band"  on 
the  projectile  which  transmits  the  spin  torque  of  the  rifling  to  the  shell.  Nowadays  fin-stabilised  weapons 
can  be  fired  from  smooth-bored  guns  either  by  using  "flip-out  fins"  which  are  erected  after  leaving  the  gun 
barrel  as  on  the  American  Ccpperhead  projectile,  or  by  using  fins  whose  span  does  not  exceed  the  diameter  of 
the  gun  barrel,  thereby  stabilising  the  projectile  both  inside  the  barrel  and  in  free  flight.  Alternatively 
a "ring-tail"  or  "drum- tail"  enclosing  supporting  struts  can  be  used,  (Figure  6).  Projectiles  which  spin 
at  a high  rate  intrcduce  a branch  of  aerodynamics  called  Magnus  effects  which  I shall  refer  to  briefly  in  my 
second  introductory  lecture.  Aerial  bombs  in  recent  years  have  developed  a new  sub-^ii vision,  namely  "cluster 
weapons".  The  "bomb  case"  is  actually  a container  for  a large  number  of  much  smaller  projectiles  which  are 
released  in  the  air  and  fall  in  what  is  hoped  will  be  a pre-determined  area. 

In  Category  2,  the  weapons  which  come  to  mind  are  air-launched  and  ground-launched  rcckets,  usually  fired 
in  salvos  at  targets  on  the  ground.  Each  rocket  propels  itself  from  its  individual  tube,  and  is  stabilised 
by  a set  of  tail  fins  which  are  folded  before  launch  and  are  erected  when  clear  of  the  launcher,  (Figure  7). 
Recent  developments  in  artillery  include  gun-launched  projectiles  which  have  a rocket  motor  to  increase  the 
range. 

The  examples  in  Category  3 have  arrived  there  by  two  routes.  In  one  case,  guidance  and  control  packs 
have  been  added  to  basic  ballistic  bombs  to  enhance  their  effectiveness.  In  the  other  case,  new  vehicles 
have  been  designed  as  controlled  gliders  incorporating  guidance  equipment.  For  the  latter,  television  is 
a common  form  of  guidance,  as  on  Walleye,  and  the  guided  bombs  have  tended  to  use  laser  systems. 

Finsdly  we  come  to  Category  4,  weapons  which  are  both  propelled  and  guided,  and  these  are  the  weapons 
which  are  usimlly  meant  by  the  terms  "guided  weapons"  or  "guided  missiles".  They  form  a much  more  extensive 
and  varied  group  than  the  other  3 categories  and  are  much  more  complex  and  challenging  pieces  of  engineering. 

It  is  worth  while  considering  the  natural  sub-divisions  of  this  category,  but  before  doing  so  I would  empha- 
sise that  the  study  of  weapon  aerodynamics  as  defined  here  is  relevant  to  all  4 categories. 

3 CUSSES  OF  GUIDED  WEAPONS 

3.1  SiU7face-to-Surface  Guided  Weapons  (SSGW) 

Apart  from  long-range  ballistic  weapons,  this  class  consists  of: 

a.  Weapons  used  by  land  forces  against  other  forces  some  distance  away.  These  are  a form  of  artillery^ 

for  example  Sergeant  and  Lance,  and  they  usually  have  inertial  guidance.  A recent  development  using 

terrain  comparison  guidance  is  the  ground  launched  cruise  missile,  such  as  Tomahawk. 
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b.  Qround-launched  anti-tank  weapons.  'Riese  are  of  comparatively  short  ran^  and  are  among  the  lees 
complex  guided  weapons,  for  example  Swingfire,  Milan  and  TOW. 

c.  Ship-to-Surfaoe  Weapons.  These  are  usually  designed  to  attack  other  surface  shipping,  edthough 
they  oculd  in  principle  be  directed  against  land  targets.  Current  examples  are  Exocet  and  Styx. 

3.2  Surfaoe-to-Air  Guided  Weapons  (SAGW) 

This  class  consists  of  missiles  launched  from  ground  launchers  or  from  ships  against  airborne  targets. 
They  cover  a wide  range  of  size  and  maximum  altitudes,  depending  on  the  type  of  target  to  be  attacked. 

Current  ground-launched  weapons  are  Rapier,  Hawk  and  Crotale;  and  among  ship-launched  weapons  are  Seaslug  2, 
Sea  Dart  and  Tartar. 

3.3  Air-to-Surfaoe  Guided  Weapons  (ASGW) 

These  are  launched  frcm  aircraft,  including  helicopters,  against  targets  on  the  ground  or  on  the  surface 
of  the  sea.  Current  examples  include  Martel,  Maverick  and,  under  development,  the  air  launched  cruise 
missiles. 

3.4  Air-to-Air  Guided  Weapons  (AAGW) 

This  class  is  launched  from  aircraft  against  airborne  targets.  Current  missiles  in  this  class  are  Red 
Top,  Sparrow  and  Magic. 

3.5  Surfaoe-to-Sub-Surface  ■.;ca.p''ns  (S  Sub  QW) 

There  are  few  weapons  in  this  category.  They  are  ship-launched  and  are  aimed  against  submarines. 

They  include  the  Australian  Ikara  and  the  French  Halafon. 

3.6  Submarine-to-Surface  and  Submarine-to-Sub-Surface  Guided  Weapons  (Sub  S GW) 

It  is  possible  to  fire  guided  weapons  from  submarine  torpedo  tubes.  The  American  Subroc  weis  one  of 
these,  aimed  at  submarine  targets.  Other  weapons  under  development  are  aimed  at  surface  shipping  targets. 

It  should  be  remembered  that  a single  design  of  guided  weapon  may  be  adapted  to  fill  several  roles. 

This  obviously  has  economic  advantages.  The  American  Harpoon  missile  can  be  launched  against  shipping 
targets  from  aircraft,  ships  or  submarines.  The  British  anti-aircraft  missile,  Seacat,  launched  from  a 
ship,  has  been  adapted  for  ground  launch.  It  is  usually  more  feasible  to  adapt  the  method  of  launching 

than  to  adapt  a missile  to  attack  different  kinds  of  target,  since  the  guidance  system  will  be  designed  to 
cope  with  targets  having  a certair  ra..g«  of  speed  and  manoeuvrability.  It  is  possible  however  to  fit 
alternative  guidance  systems.  ’taxtel  is  example  of  this. 

4 COMPOKENTS  OP  MISSILE  DESIGN 

Having  defined  these  classes  of  guided  weapons,  let  us  now  look  at  the  component  parts  of  a guided 
weapon  as  shown  schematically  in  Figure  8,  and  consider  their  relationship  to  the  aerodynamic  design. 

4.1  Warhead 

This  is  the  reason  for  the  existence  of  a guided  weapon,  the  purpose  of  which  is  to  deliver  the  warhead 
to  a particular  point  in  space.  Sometimes  the  warhead  has  to  be  oriented  in  a particular  manner  at  impact 
or  at  detonation.  For  example,  the  "shaped  charge"  warhead  has  brought  about  a substantial  improvement  in 
the  armour-piercing  capability  of  anti-tank  weapons.  Warheads  may  be  described  as  armour-piercing  or  semi- 
armour-piercing  which  implies  that  a direct  hit  on  the  target  is  necessary.  Other  types  of  warhead  are  blasts 
fragmentation,  continuous  rods,  and,  of  course,  nuclear.  Most  warheads  are  axisymmetrio  with  a fineness 
ratio  between  1 and  2,  and  to  maximise  their  effectiveness  it  is  sometimes  necessary  for  the  weapon  body 
around  them  to  have  a regular  circular  form,  without  attachments  such  as  wings  or  strakes  to  interfere  with 
the  pattern  of  the  explosion.  Although  I have  said  that  the  warhead  is  the  essential  part  and  raison  d'etre 
of  a missile,  it  is  true  that  even  without  one  a weapon  can  do  considerable  damage  to  the  target  by  virtue 
of  its  kinetic  energy  provided  it  hits  the  target.  However,  not  all  weapons  are  designed  to  achieve  direct 
hits  every  time. 

4.2  Propulsive  Unit 

This  can  be  either  a rocket  motor  carrying  both  fuel  and  oxidant  internally  or  an  air-breathing  engine 
which  carries  only  the  fuel  internally. 

Rocket  meters  can  have  either  a solid  fuel-cum-oxidant  or  a liquid  fuel  with  separate  liq^^id  oxidant. 

Host  rockets  used  in  guided  weapons  use  solid  fuel  as  this  is  convenient  for  storage,  but  modem  "packaged- 
liquid"  motors,  which  are  self-contained  sealed  units,  may  well  find  applications  in  this  field.  Solid  fuel 
rockets  have  a charge  of  cylindrical  shape  and  the  motor  case  containing  it  is  frequently  used  as  part  of 
the  missile  body  to  which  wings,  for  example,  can  be  attached  directly.  In  liquid  fuel  motors  combustion 
takes  place  in  a combustion  chamber  which  can  be  separate  from  the  fuels  and  oxidant  containers,  thus  confer- 
ring more  flexibility  in  the  design  than  with  a solid  fuel  motor. 

For  longer  range  missiles,  the  penalty  of  carrying  oxidant  eis  well  as  fuel  becomes  exoessive  and  sdr- 
breathing  engines  become  more  attractive.  These  may  be  either  turbo-jets  or  ram-jets,  the  former  being 
more  appropriate  for  subsonic  EUid  low  supersonic  speeds,  the  latter  more  appropriate  for  speeds  in  excess  of. 
Say,  Mach  2.  The  range  at  which  the  air-breathers  begin  to  show  an  advantage  over  rockets  is  round  about 
30  km  but  this  depends  on  the  missile's  weight  and  altitude.  If  a ram-jet  is  used  it  is  necessary  to  boost 
the  missile  to  a suitable  speed  before  the  ram-jet  can  operate  and  this  is  done  by  meauis  of  a separate  rocket 
boost  motor  which  may  or  may  not  be  jettisoned  after  it  has  burnt  out.  Indeed  combinations  of  two  or  more 
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power  units  are  quite  usuatl  even  when  only  rocket  motors  are  employed.  A common  arrangement  is  for  a 
rocket  of  high  thrust  and  short  duration  to  boost  a missile  quickly  to  its  cruise  speed,  at  which  it  is  , 
sustained  by  a second  motor  of  lower  thrust  and  longer  duration.  In  many  oases  the  coasting  phase  after 
motor  burn-out  can  provide  an  effective  phase  of  the  controlled  trajectory. 

Nowadays,  sophisticated  hybrid  power  units  have  been  designed  and  manufactured  which  combine  two  kinds 
of  propulsion  in  a single  integrated  package.  For  example  a ram— jet  can  be  designed  which  contains  solid 
rocket  fuel.  The  rocket  motor  boosts  the  missile  to  its  cruising  speed  and  the  empty  combustion  chamber 
then  functions  as  a ram-jet  using  the  same  propulsive  nozzle. 

Tlie  aerodynamic  contribution  to  the  propulsive  unit  consists  of  the  design  of  the  nozzle  and,  in  the 
case  of  air-breathing  engines,  the  design  of  the  air  intakes.  These  can  usually  be  much  simpler  than  those 
necessary  for  jet  aircraft,  but  have  to  be  arranged  so  that  a usable  air  supply  is  available  to  the  engine 
over  the  whole  range  of  attitude  and  speed  appropriate  to  the  weapon  without  the  use  of  complicated  variable 
geometry.  As  regards  external  aerodynamics,  the  component  of  force  most  significant  to  the  power  unit  is 
the  drag,  since  the  thrust  and  drag  must  be  in  balance  i - -ng  constant  speed  flight.  An  important  contri- 
bution to  the  missile  drag  is  base  drag  and  afterbody  drag,  which  may  be  affected  by  the  geometiy  of  the 
nozzle  and  the  jet  efflux  characteristics. 

4.3  Safety  and  Arming  Mechanism 

This  is  usually  electro-mechanical  in  nature.  It  prevents  premature  detonation  of  the  warhead,  thus 
ensuring  safety  in  the  neighbourhood  of  the  launcher,  and  it  usually  has  no  effect  on  the  aerodynamic  design. 

4.4  Fuze 

The  fuze  controls  the  moment  at  which  the  warhead  is  exploded  at  or  near  the  target.  It  is  a sensing 
device  which  determines  how  close  the  missile  is  to  the  target  or  how  far  it  has  penetrated  the  target.  The 
former,  the  proximity  fuze,  is  of  an  electrical  or  electronic  nature,  and  may  affect  the  aerodynamic  configu- 
ration by  requiring  aerials  to  be  placed  at  a suitable  position  on  the  body,  usually  near  the  front. 

4.5  Guidance  System 

This  unit  is  naturally  of  the  utmost  importance  in  a guided  weapon,  and  is  one  of  the  most  expensive 
parts  of  such  a weapon.  Its  purpose  is  to  detect  a target,  to  compare  its  position  with  that  of  the  weapon 
and  to  pass  instructions  to  the  control  system  such  that  the  two  positions  eventually  coincide.  The  design 
of  most  guided  missiles  begins  with  the  guidance  system,  and  the  rest  of  the  design  has  to  be  compatible  with 
it.  However,  in  later  developments  of  a missile,  substantial  changes  may  be  made  in  the  guidance  system, 
and  a recent  example  is  the  use  of  the  American  Sparrow  airframe  with  a new  British  guidance  system  to  form 
the  new  air-to-air  missile,  Skyflash. 

Guidance  systems  may  initially  be  divided  into  four  categories,  homing  systems,  beam-riding  systems, 
command  systems,  and  inertial  systems,  (Figure  9)*  The  homing,  beam-riding  and  inertial  systems  require 
some  guidance  equipment  in  the  missile,  the  command  system  does  not.  Homing  systems  can  be  divided  into 
three  classes  - active,  semi-active  and  passive.  In  an  active  system  a signal  is  transmitted  from  the 
missile,  reflected  from  the  target  and  received  back  in  the  missile.  The  direction  and  sometimes  the 
distance  of  the  target  can  thus  be  determined.  A semi-active  system  works  on  the  same  principle  but  in 
this  case  the  transmitter  is  located  externally  to  the  weapon,  usually  close  to  the  launch  point.  The 
transmitted  signal  is  usually  a pulsed  radar  beam  or  a continuous-wave  radio  transmission,  but  laser  beams 
are  coming  into  use  for  shorter  range  weapons.  This  applies  to  both  active  and  semi-active  systems.  A 
passive  weapon  is  dependent  on  receiving  a signal  emanating  spontaneously  from  the  target.  Passive  systems 
may  home  on  a radar  transmission  from  the  teirget,  on  a heat  source  by  means  of  the  associated  infrared 
radiation,  or  on  the  image  of  the  target  received  by  a television  camera.  In  a beam— riding  system,  the 
missile  senses  its  position  relative  to  a narrow  beam  of  electro-magnetic  radiation  pointed  at  a target 
from  a transmitter  external  to  the  missile.  The  error  signal  is  used  to  correct  the  missile  flight  path. 

In  a command  system,  the  equipment  external  to  the  missile  locates  the  target,  compares  the  relative  posi- 
tions of  target  amd  missile,  auid  sends  instructions  to  the  missile  to  change  its  course  accordingly.  In 
an  inertial  system  the  information  about  the  target  position  is  obtained  externally  to  the  missile  and  fed 
continuously  into  the  missile  prior  to  launch.  After  launch,  the  missile  is  guided  inertially  to  the  last 
target  position  fed  to  it,  and  such  a system  is  therefore  only  useful  against  stationary  or  relatively  slow 
targets. 

There  are  very  many  variations  on  these  basic  systems,  and  some  guided  weapons  may  employ  different 
systems  for  different  parts  of  their  trajectory.  For  example,  a missile  may  be  guided  inertially  until  it 
gets  near  the  target,  at  which  point  an  active  homing  system  takes  over  until  the  target  is  reached.  In 
Figure  10  there  are  listed  a few  examples  of  the  guidance  systems  used  in  guided  weapons  at  present  in 
service  or  in  development. 

The  guidance  system  has  not  only  to  locate  a target  but  also  to  pass  instructions  to  the  control  system 
so  that  the  appropriate  manoeuvres  are  executed  to  bring  the  missile  to  the  target.  These  instructions  are 
based  on  a Navigation  Law,  which  relates  the  information  supplied  by  the  guidance  system  to  the  demanded 
manoeuvre. 

The  most  oortmon  navigation  law  is  called  Proportional  Navigation,  or  PN  _for  short.  This  is  a verv 
simple  law,  which  states  that  the  rate  of  turn  of  the  missile's  flight  path, T , is  proportional  to  the 
"sight— line  spin",  that  is  to  the  rate  of  rotation  of  the  line  joining  the  missile  to  the  target,.*  . 

Thus  the  law  is  simply  expressed  as; 


I 


t'  = k* 

where  k is  called  the  Navigation  Constant.  There  are  a number  of  other  Navigation  Laws  in  use,  but 
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Proportional  Navigation,  in  one  or  other  of  its  developments  is  the  most  pommon.  The  translation 

of  Y into  an  acceleration  perpendicular  to  the  missile  axis* is  tne  function  of  the  next  component  on  our 

list,  the  control  system. 


The  link  between  guidance  and  control  systems  is  so  close  that  it  is  easy  to  think  of  them  together, 

especially  in  their  effects  on  the  aerodynamic  design*  iTie  guidance  law  chosen  certainly  can  have  some 

effect  on  the  required  aerodynamic  characteristics,  but  most  of  the  interaction  stems  from  the  control 

system,  which  will  be  discussed  in  the  next  section*  l^ere  is  one  aspect  c the  guidance  system,  however, 

which  has  a direct  effect  on  the  aerodynamic  shape,  and  that  is  the  shape  of  the  nose  when  the  forebody 
contains  a radar  transmitter  and/or  receiver,  a television  camera  or  a passive  infrared  sensor.  In  the 
case  of  radar  and  infrared  systems  the  problem  is  to  avoid  or  minimise  aberrations  of  the  direction  of  the 
signals  ns  they  are  refracted  on  passing  through  the  dielectric  material  of  the  retdome  or  the  optical 
materia,  f the  infrared  "window".  In  each  case  the  shape  preferred  by  the  guidance  designer  is  a hemi- 
sphere which,  in  a simplified  analysis,  can  reduce  the  aberration  to  zero.  The  high  drag  of  a hemispherical 
nose  at  transonic  and  supersonic  speeds  ms^,  however,  make  the  use  of  such  a shape  impracticable  and  an 
elliptical  or  ogival  shape  with  higher  drag  rise  Mach  number  and  lower  wave  drag  has  to  be  used,  at  the 
expense  of  a certain  amount  of  aberration.  Similarly,  the  ideal  shape  for  a television  "window"  would  be 
a plane  surface,  but  again  this  may  have  to  be  compromised  in  order  to  reduce  the  drag.  A well-known 
example  of  the  latter  is  the  TV  version  of  Martel  shown  in  Figure  11.  The  temperature  rise  due  to  kinetic 
heating  effects  is  likely  to  be  greatest  at  the  nose,  and  at  high  supersonic  Mach  numbers  special  attention 
may  have  to  be  paid  to  the  survival  of  the  radome  or  "window"  and  the  internal  equipment. 

4.6  The  Control  System 

The  control  system  is  really  the  heart  of  the  aerodynamic  design  of  a guided  missile.  In  the  past, 
remarks  have  been  made  along  the  lines  of  "We  don't  care  what  the  aerodynamic  characteristics  are  a£  long 
as  we  know  what  they  are".  Or,  more  concisely,  "We  can  fly  an  elephant".  These  remarks  imply  that  the 
presence  of  an  autopilot  in  a guided  weapon  makes  it  possible  to  achieve  a satisfactory  flight  path  what- 
ever the  aerodynamic  characteristics  may  be.  It  must  be  admitted  that  there  is  a small  element  of  truth  in 
such  a statement  since  the  autopilot  can  certainly  smooth  over  some  irregularities  in  the  aerodynamics  and 
some  lack  of  inherent  stability.  But  this  attitude  ignores  the  fact  that  the  autopilot  can  only  affect 
the  flight  path  throiigh  a set  of  controls  which  are  usually  aerodynamic  in  their  nature,  and  which  must 
have  the  required  effectiveness  in  airborne  flight.  It  will  be  seen  in  a later  lecture  that  under  certain 
circumstances  the  result  of  moving  a control  in  a certain  direction  can  be  substantially  affected,  even 
reversed,  by  different  flight  conditions. 

The  autopilot  receives  "instructions"  from  the  guidance  equipment  as  to  the  flight  path  the  missile 
should  take  to  reach  the  target,  and  it  translates  these  instructions  into  the  appropriate  movement  of  the 
missile  control.  Autopilots  can  be  divided  into  "open  loop"  and  "closed  loop"  systems.  In  the  former, 
the  control  movement  is  affected  only  by  the  direction  of  the  sight  line  between  the  missile  and  the  target 
or  whatever  other  observation  is  being  used  to  define  the  required  motion.  In  the  latter,  there  is  a feed- 
back to  the  autopilot  from  the  missile's  motion  so  that,  as  the  missile  turns  towards  the  demanded  flight 
path,  the  control  deflection  i?  reduced  and  any  "overshoot"  is  thereby  minimised.  The  open-loop  system  may 
be  quite  suitable  fc  ' simpler  guided  weapons,  and,  being  less  complex,  it  is  cheaper  than  a closed  loop 
design. 

The  most  common  type  of  control  is  the  deflected  aerodynamic  surface  in  one  of  the  forms  illustrated 
diagrammatically  in  Figure  12.  On  guided  weapons  the  whole  control  surface  is  usually  deflected,  but  some- 
times hinged  flaps  at  the  rear  of  fixed  surfaces  are  used,  as  on  aircraft  wings  and  tailplanes.  On  most 
weapons  the  control  surfaces  are  at  the  tail,  but  it  is  not  uncommon  to  find  the  "canard"  arrangement  where 
the  controls  are  placed  near  the  nose  of  the  body.  Rather  less  common  nowadays  is  the  "moving-wing"  system, 

where  the  control  surface  is  placed  close  to  the  centre  of  gravity  of  the  aircraft,  so  that  the  force  on 
the  control  surface  acts  directly  to  provide  a lateral  acceleration,  instead  of  changing  the  angle  of  inci- 
dence of  the  complete  missile.  In  the  aerodynamic  design  of  control  surfaces,  one  is  interested  in  knowing 
the  change  in  the  overall  forces  and  moments  and  also  the  forces  on  the  control  panels,  over  the  range  of 
deflection,  incidence  angle  and  roll  angle  considered  appropriate.  In  addition,  the  moments  of  the  panel 
forces  about  the  hinge  line  are  importeint,  since  the  control  actuation  mechanism  is  invariably  required  to 
be  as  light  and  compact  as  possible.  When  one  considers  the  wide  range  of  missile  attitudes  over  which 
control  may  have  to  be  maintained,  and  the  possible  interference  effects  from  the  body  and  other  surfaces, 
it  is  clear  that  the  design  of  effective  controls  can  be  full  of  problems.  A more  cwnplete  survey  of  this 
subject  will  be  given  in  a later  lecture. 

Although  deflected  surfaces  are  the  most  common  form  of  control,  other  kinds  of  control  can  be  con- 
sidered where  their  particular  characteristics  are  appropriate.  Among  these  are  mechanical  spoilers,  jet 
reaction  controls  and  thrust  vector  controls. 

Mechanical  spoilers  are  used  on  aircraft  either  as  drag  devices,  such  as  air  brakes,  or  as  an  alterna- 
tive to  a flap  type  of  control.  In  the  latter  case  the  objective  is  usually  to  produce  the  control  force 
further  forward  on  the  wing,  thereby  reducing  or  eliminating  the  torsional  distortion  and  other  aeroelastic 
effects  that  a hinged  flap  might  cause,  particularly  on  a swept  wing.  The  spoiler  is  usually  used  as  an 
aileron  control  rather  than  a pitch  control,  and  acts  as  its  name  implies  by  reducing  the  lift  on  a wing 
rather  than  by  increasing  it.  Not  many  applications  to  missiles  appear  in  the  literature. 

With  a jet  reaction  control  a gas  jet  is  exhausted  from  a surface,  and  the  reaction  force  or  thrust  on 
the  surface  provides  the  control  force.  A control  force  is  thus  produced  in  the  absence  of  an  external 
stream,  and  the  jet  reaction  control  is  therefore  useful  at  very  high  altitudes  where  the  density  Is  low  and 
at  times  when  the  missile  velocity  is  veiy  low.  When  the  jet  exhausts  into  an  external  stream,  rather  than 
into  a vacuum,  there  8u:*e  interaction  effects  between  the  two  flows  and  this  may  result  in  a control  force 
greater  or  less  than  the  reaction  force  alone.  The  "augmentation  factor"  depends  on  the  longitudinal 
position  of  the  jets  on  the  body  and  on  the  ratio  of  jet  pressure  to  the  static  pressure  of  the  free  stream, 
and  in  unfavourable  circumstances  may  be  less  than  unity.  The  jets  may  exhaust  through  slots  or  holes  and 
from  the  body  or  from  wing  or  tail  surfaces.  One  disadvantage  of  this  form  of  control  is  that  a source  of 
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gas  must  be  carried  in  the  weapon,  at  the  expense  of  an  increase  in  weight  and  volume.  This  source  can 
be  either  stored  gas  in  a container  or  a gas  generator  (for  example,  an  isopropyl  nitrate  generator). 
Alternatively  ram  air,  introduced  through  inlets,  can  be  modulated  to  provide  a control  force  of  this  type. 

Thrust  vector  control  systems  operate  by  deflecting  the  jet  efflux  from  the  propulsion  unit.  A 
turning  moment  is  therefore  applied  directly  to  the  body.  There  are  numerous  ways  ol  deflecting  toe  thrust, 
including: 


a.  Using  a mechanical  spoiler  or  transverse  gas  jet  in  the  nozzle. 

b.  Pivoting  the  nozzle  on  a flexible  mounting. 

o.  Placing  in  the  efflux  an  aerofoil  which  ca'  be  deflected. 

d,  "Semaphore”  arms  pivoted  on  the  base  plate  of  the  body  and  moving  into  the  jet  efflux. 

As  with  jet  reaction  controls,  thrust  vector  controls  provide  an  effective  control  force  when  either 
the  free  stream  velocity  or  ambient  density  are  low  (that  is,  a low  dynamic  pressure).  However,  thrust 
vector  control  is  only  available  while  the  motor  is  thrusting,  whereas  jet  reaction  controls  may  operate  as 
long  as  the  gas  supply  lasts. 

Finally  in  this  summary  of  control  systems  let  us  return  to  the  autopilot.  There  are  two  ways  in 
which  the  missile  is  manoeuvred.  In  one,  called  a "Cartesian"  system,  it  is  necessary  to  have  a cruciform 
design  rather  than  a monoplane  layout.  As  shown  in  Figure  13  if  the  missile  is  required  to  move  in  the 
direction  AB,  each  pair  of  controls  is  deflected  in  such  a way  that  the  resultant  motion  is  in  the  required 
direction.  In  the  other  method  called  a "Twist  and  Steer"  system,  the  missile  is  manoeuvred  like  an  air- 
craft and  is  therefore  suitable  for  a monoplane  configuration.  The  missile  is  rolled  until  the  "demand 
vector"  is  at  ri^t  angles  to  the  plane  of  the  elevator  controls,  which  are  then  deflected  until  the  appro- 
priate lateral  acceleration  is  generated.  In  practice  the  "Twist"  and  the  "Steer"  may  overlap,  instead  of 
taking  place  successively.  The  twist  and  steer  system  is  generally  felt  to  be  slower  in  response  than  the 
cartesian  system,  though  under  certain  circumstances  it  may  be  preferable.  The  characteristics  of  the 
guidance  system  may  make  it  necessary  to  "roll  position  stabilise"  the  missile  (as  with  TV  guidance)  or  "roll 
rate  stabilise"  the  missile  (as  with  laser  guidance). 

5 THE  PROCESS  OF  AEROBYNAMIC  DESIGN  OF  A WEAPON 

Even  at  this  early  stage  in  the  series  of  lectures  it  is  worth  while  considering  the  place  of  the  aero- 
dynamioist  in  the  process  of  designing  and  developing  a guided  weapon.  One  reason  is  that  it  is  important 
to  appreciate  how  the  aerodynamic  design  may  be  constrained  by  the  requirements  of  other  design  features. 
Another  reason  is  that  the  level  of  aerodynamic  activity  varies  diufing  the  development  and  it  is  important 
to  appreciate  the  time  scales  with  which  the  aerodynamic ist  has  to  comply,  A third  reason  is  that  the 
accuracy  of  aerodynamic  estimates  and  measurements  is  determined  by  the  uses  to  which  they  are  put.  I hope, 
therefore,  that  this  summary  will  put  the  later  lectures  on  various  aspects  of  aerodynamics  into  the  context 
of  the  situations  in  which  they  will  be  applied. 

The  aerodynamic ist  involved  in  weapon  design  does  not  enjoy  the  same  elevated  status  relative  to  his 
colleagues  in  other  disciplines  as  does  the  aircraft  aerodynamic ist.  In  the  design  of  an  aircraft,  the 
critical  performance  parameters,  such  as  lift/drag  ratio,  are  achieved  mainly  through  the  aerodynamic  design, 
and  though  the  structural  and  propulsive  designers  are  of  the  utmost  importance,  they  seldom  influence  the 
configuration  of  an  aircraft  as  vitally  as  does  the  aerodynamic ist.  In  the  design  of  a weapon,  however, 

other  specialists  may  be  of  at  least  equal  importance  to  the  aerodynamicist.  This  is  particularly  true  of 
guided  missiles,  when  the  initial  exercises  and  studies  of  the  possibilities  of  developing  a missile  to  do 
a particular  task  will  be  based  on  the  size  of  the  warhead,  the  propulsion  unit  and  the  guidance  and  control 
systems.  These  define  the  destructive  effect  of  the  weapon,  and  the  kinematics  of  the  air  flight.  Whether 
the  dynamic  and  aerodynamic  characteristics  of  the  weapon  will  permit  these  kinematic  conditions  to  be 
achieved  may  be  ignored  initially  - but  not  for  long. 

The  procedures  involved  in  designing  and  developing  a guided  weapon  naturally  vary  from  one  firm  to 
another.  They  also  vary  from  one  country  to  another,  because  almost  all  such  weapons  are  developed  in 
response  to  Government  requirements  and  the  details  of  the  development  phase  depend  on  the  philosophy  of 
the  Government  concerned,  I am  therefore  only  able  to  speak  about  the  systems  I have  been  associated 
with  in  Britain  and  involving  British  firms. 

In  Britain  it  is  always  possible  for  one  of  the  weapon  firms  to  initiate  i oroposal  for  the  development 
of  a particular  missile,  as  a result  of  its  own  studies.  This  proposal  will  he  compared  with  the  views  of 
the  Armed  Services  about  the  nature  of  their  future  requirements.  On  the  other  hand,  the  initial  stimulus 
for  the  development  of  a new  weapon  may  come  from  the  Armed  Services  themselves. 

The  main  stages  in  the  evolution  of  a weapon  can  be  listed  as  in  Figure  14.  The  Staff  Target  or  Staff 
Requirement  will  be  written  by  the  branch  of  the  Armed  Services  concerned.  A Staff  Target  sets  out,  without 
very  much  detail,  the  kind  of  performance  envisaged  for  a new  weapon.  This  is  followed  by  the  Feasibility 
Study,  in  which  all  aspects  of  the  design  of  such  a weapon  are  studied  theoretically  to  determine  whether 
the  required  performance  is  likely  to  be  achieved,  and  to  reveal  the  problems  which  must  be  solved  before 
success  oan  be  reached.  It  is  unusual  for  much  experimental  work  to  be  done  during  the  Feasibility  Study 
and  the  end  product  at  this  stage  is  paper  — a review  of  the  study,  the  problems,  the  proposed  solutions, 
etc.  If,  as  a result  of  the  initial  Feasibility  Study,  the  prospects  of  success  look  good,  a Staff 
Requirement  will  be  written  which  is  much  more  comprehensive  and  precise  than  the  Staff  Target,  and  the  weapon 
goes  into  the  Project  Definition  Stage  and  the  Development  Stage.  Towards  the  end  of  Development  it  is 
offered  to  the  customer,  namely  the  Armed  Services,  for  acceptance,  and  if  it  is  accepted  it  goes  into 
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The  aerodynamicist  will  become  involved  at  the  time  of  the  Feasibility  Study.  One  of  the  first 
decisions  at  this  point  is  likely  to  be  the  choice  of  ^idance  system.  This  decision  will  probably  have 
nothing  to  do  with  aerodynamics,  and  will  be  made  as  a result  of  performance  calculations  based  on  guidance 
system  parameters  and  a simple  kinematic  description  of  the  flight  characteristics.  The  propulsion  units 
will  also  be  defined  broadly  by  the  range,  speed  and  altitude  set  out  in  the  Staff  Target,  using  a neces- 
sarily very  approximate  figure  for  the  drag  of  the  weapon.  At  this  stage,  naturally,  there  is  considerable 
iteration  in  attempts  to  find  designs  which  are  self-consistent  in  all  the  various  aspects  and  components 
which  make  up  a guided  missile.  Ideally  the  aerodynamicist  would  wish  to  start  with  a clean  sheet  of  paper 
and  freedom  to  study  all  possible  configurations,  but  in  practice  this  would  be  a time-consuming  and  rela- 
tively expensive  exercise.  Instead  he  will  probably  have  to  use  his  accumulated  experience  to  restrict 
the  possible  configurations  to  those  which  he  feels  to  be  practicable.  One  of  the  most  important  inputs 
to  his  choice  will  be  the  physical  and  geometric  constraints  imposed  by  the  environment  in  which  the  weapon 
is  stored  and  used.  For  example,  a ship-to-air  or  ship-to-surface  weapon  may  have  to  be  stored  vertically 
between  decks,  so  that  its  overall  length  will  be  limited,  unless  the  Staff  Target  indicates  that  the  weapon 
may  be  divided  into  two  parts  for  stowage.  Again,  the  demands  of  storage  space,  or  a requirement  to  be 
carried  in  and  fired  from  a sealed  box,  may  restrict  the  maximum  span  or  else  make  it  necessary  to  fold  the 
wings  and/or  control  surfaces.  It  is  important  that  such  constraints  should  be  made  known  as  early  as 
possible  to  avoid  wasting  time  and  money  on  configuration  studies  which  later  turn  out  to  be  unsuitable. 

One  of  the  main  parts  of  the  weapon  affecting  guided  missile  design  is  the  guidance  and  control  system. 

For  example,  if  the  missile  has  to  be  stabilised  in  roll  because  of  the  guidance  characteristics,  it  is 
unlikely  that  a canard  configuration  will  be  suitable,  because  of  the  poor  roll  control  effectiveness 
generally  found  with  this  layout.  Again,  if  a cartesian  control  system  is  to  be  used,  a cruciform  con- 
figuration will  be  necessary,  whereas  if  a twist  and  steer  system  is  to  be  used,  either  a monoplane  or  a 
cruciform  layout  may  be  suitable.  If  a homing  system  is  chosen,  the  nose  shape  of  the  missile  body  may  be 
partly  determined  by  the  transmission  or  reception  requirements  of  the  homing  equipment,  whereas  with  command 
or  inertial  systems  the  nose  shape  can  probably  be  determined  from  considerations  of  aerodynamic  drag  alone. 

It  is  during  the  Feasibility  Study  i.i.at  the  accuracy  of  aerodynamic  estimation  methods  first  assume  import- 
ance, because  the  choice  of  the  weapon  configuration  may  depend  on  the  answers,  and  a change  in  the  configura- 
tion at  a later  date  may  be  costly  in  terms  of  time  and  money.  One  should  aim  for  a situation  where  an  error 
of,  say,  10^  in  estimating  an  aerodynamic  coefficient  or  derivative  does  not  have  such  a serious  effect  that 
the  concept  of  the  weapon  is  invalidated  or  the  physical  constraints  on  the  weapon  geometry  violated.  If 

the  success  of  the  weapon  does  appear  to  be  veiy  sensitive  to  aerodynamic  prediction  accuracy,  it  might  be 

better  to  revise  the  concept  in  some  way.  Also  during  the  Feasibility  Study  the  aerodynamicist  should  be 
looking  for  possible  sources  of  trouble  that  his  experience  tells  him  may  occur,  even  though  these  are  not 
predictable  by  standard  methods.  For  example  there  may  be  difficulties  in  achieving  a reliable  separation 
of  a tandem  boost  motor  after  it  has  burnt  out.  At  this  stage  the  first  performance  calculations  will  be 
done  on  the  basis  of  the  predicted  aerodynamics. 

If  the  Feasibility  Study  conclusions  are  favourable,  and  a Staff  Requirement  is  issued,  the  weapon  goes 
into  Development.  This  may  be  preceded  by  an  additional  stage  called  "Reject  Definition”  in  which  the 
concept  of  the  weapon  is  refined  and  steps  taken  to  study  the  major  sources  of  uncertainty.  In  many  cases  a 
set  of  ^design  aims”  will  be  defined  in  each  of  the  specialist  areas,  in  which  the  overall  performance  speci- 
fication is  translated  into  technical  requirements  in  each  area.  For  example,  aerodynamic  design  aims  are 
determined  by  interpreting  the  dynamic  and  kinematic  performance  of  the  proposed  weapon  in  aerodynamic  terms, 
such  as  the  required  lateral  acceleration  at  a given  angle  of  body  incidence,  the  drag  at  given  speeds,  the 
control  3i2e  and  the  maximum  control  deflections,  the  stability  margins.  These  design  aims  may  be  relaxed 
or  made  more  severe  as  the  iterative  process  of  the  design  continues. 

During  the  Development  stage  a comprehensive  programme  of  wind  tunnel  testing  is  carried  out.  This  has 
two  objectives: 

1 To  confiim  the  aerodynamic  estimates  made  in  the  Feasibility  Study. 

2 To  provide  the  aerodynamic  raw  material  for  constructing  a computer  program  to  predict  all  aspects 

of  the  weapon’s  performance. 

The  first  objective  would  require  a comparatively  simple  wind  tunnel  programme  since  the  estimates  would 
almost  certainly  have  been  limited  in  extent  - say  0^  and  45  roll  angle  and  a restricted  number  of  speeds. 

The  second  objective  however  requires  a much  larger  programme  in  order  that  the  functional  dependence  of  the 
aerodynamic  characteristics  on  the  independent  variables  may  be  sufficiently  well  defined.  For  example, 
roll  angles  at  H-i-  intervals  and  Mach  numbers  at  intervals  of  0.05  or  0.1  may  be  justified,  along  with  a 
range  of  total  incidence  which  will  cover  all  the  expected  values. 

Although  the  aerodynamicist  naturally  hopes  that  the  configuration  tested  will  be  the  final  one,  it 
may  be  necessary  to  change  it,  either  because  the  experimental  results  do  not  agree  very  well  with  the 
estimates  or  because  other  design  features  change  in  some  way.  For  example,  it  is  quite  common  for  the 
position  of  the  centre  of  gravity  to  wander  backweirds  and  forwards  as  the  engineering  design  proceeds, 
thereby  affecting  the  stability.  It  is  therefore  often  prudent  to  test  some  variants  of  the  basic  con- 
figuration so  that  the  effects  of  such  changes  can  be  readily  assessed  - for  example,  three  different  longi- 
tudinal wing  positions  and  two  control  sizes.  It  is  naturally  helpful  if  the  wind  tunnel  model  is  con- 
structed so  that  such  modifications  are  easily  made. 

The  results  of  wind  tunnel  tests  are  converted  into  inputs  to  performance  calculations,  either  by 
constructing  tables  of  forces  and  moments,  or  their  coefficients,  as  functions  of  variables  such  as  inci- 
dence angle,  roll  angle,  speed  and  altitude,  and  interpolating  as  necessary  between  these  tabulated  values: 
or  by  fitting  mathematical  functions  of  the  independent  variables  - for  example,  polynomials  - to  the  experi- 
mental results.  The  former  method  requires  a very  large  computer  store,  and  in  most  cases  the  curve-fitting 
method  is  employed.  The  necessary  degree  of  accuracy  of  the  curve-fit  is  a matter  of  judgement  and 
experience. 
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There  may  now  be  an  interval  in  aerodynamic  activity  until  flight  trials  begin.  The  extent  of  the 
flight  trials  programme  depends  on  the  philosophy  of  the  country  concerned  and  on  the  amount  of  money  avail- 
able, since  such  trials  are  comparatively  expensive.  In  Britain  the  usual  view  is  that  the  early  fli^t 
trials  rounds  should  test  missiles  of  gradually  increasing  complexity  so  that  the  cause  of  faults,  if  they 
occur,  can  be  more  readily  identified.  The  first  one  or  two  rounds  may  be  fired  simply  to  prove  the  opera- 
tion of  the  launching  gear  and  the  prcpulsive  units.  Such  rounds  can  be  used  to  give  information  on  aero- 
dynamic drag  by  measuring  longitudinal  acceleration,  combustion  chamber  pressure  (to  give  the  thrust),  and 
the  trajectory.  By  setting  the  controls  in  suitable  fixed  positions,  other  trials  rounds  can  be  made  tc 
follow  a fixed  barrel-rolling  path,  and  by  means  of  lateral  accelerometers  in  the  body  the  normal  force  and 
centre  of  pressure  can  be  derived.  On  later  rounds  the  controls  can  be  operated  in  a programmed  sequence 
by  telemetered  ground  signals  and  by  comparing  the  trajectories  with  performance  calculations  the  aerodynamic 
control  power  can  be  checked.  This  is  about  all  that  can  be  done  to  acquire  aercdynamic  data  from  flight 
trials,  and  the  main  trials  programme  which  follows  afterwards  will  be  concentrated  on  the  performance  of  the 
guidance  and  control  systems  against  various  targets. 

It  will  be  clear  from  what  I have  said  that  the  aerodynamics  activities  in  guided  weapon  development  are 
generally  concentrated  in  the  first  stages  of  both  feasibility  studies  and  development  programmes.  This  is 
in  contrast  to  some  of  the  other  technical  areas,  such  as  the  fuze  and  the  safety  and  arming  equipment,  which 
may  not  be  developed  until  quite  late  in  the  total  programme.  If  the  estimation  methods  used  in  feasibility 
studies  are  as  complete  and  sophisticated  as  possible  and  if  the  wind  tunnel  test  programme  has  been  well 
planned,  there  should  be  few  aerodynamic  problems  in  the  later  stages  because,  unlike  the  guidance  and  contrcl 
designers,  for  example,  the  aerodynamicist  is  not  at  the  mercy  of  the  reliability  of  equipment  in  the  missile. 
Any  substantial  revision  of  the  aerodynamic  characteristics  of  the  missile  is  likely  to  be  due  to  changes 
introduced  in  other  aspects  of  the  missile  design,  but  if  there  is  an  aerodynamic  problem  it  is  likely  to  be 
because  of  characteristics  which  cannct  be  readily  calculated  or  represented  in  wind  tunnel  tests,  such  as 
the  separation  of  boost  motors. 
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1.  Economical  crui$«  at  on*  speed 

2.  High  aspect  ratia  manoplan*.  producing 
vertical  lift  fore*  efficiently  (low 
induced  drag^ 

3.  Very  accurate  aerodynamic  data 
required  over  limited  rang*  of  conditions 

4.  Max  g -v  2 


1.  Highly  manoeuvrable  ever  a wide 
speed  rang* 

2.  Cruciform  low  aspect  ratio 
wing-body-control  combination 
able  to  develop  lateral  force  in 
any  direction 

3.  Aerodynamic  dota  required  over 
0 wide  rong*  of  incidence,  roll 
angle  and  Mach  number 

4.  Max  q>\-S-SO 


FIGI  AERODYNAMIC  DIFFERENCES  BETWEEN  CIVIL  AIRCRAFT  AND 

GUIDED  WEAPONS 


FIG.  S CATEGORIES  OF  WEAPONS 


FIG.6  UNGUIDEO,  UNPROPELLEO  MISSILES 


FIG.7  AIR-LAUNCHED  ROCKET 
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FIG.  8 LAYOUT  OF  A TYPICAL  GUIDED  WEAPON 
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FIG  9 TYPES  OF  GUIDANCE  SYSTEMS 
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GUIDANCE  SYSTEM 
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FIGIO  EXAMPLES  OF  GUIDANCE  SYSTEMS 


FIG.  12  DEFLECTED  AERODYNAMIC  SURFACE  CONTROLS 
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George  C Brebner 
Aerodjrtiamics  Department 
Ho^l  Aircraft  Sstabliahment 
Itimborou^,  Hante,  OUI4  6TD,  UK 


SUMKART 

Uie  differences  in  design  objectives  and  therefore  in  geometric  proportions  between  airoraft  and 
guided  weapons  mean  that  different  aerodynamic  oaloulatlon  methods  may  often  be  required  for  the  two 
applications,  l^ioal  weapon  shapes  are  less  amenable  than  typioal  airoraft  to  preoise  theoretical 
treatment,  and  experimental  results  should  therefore  be  analysed  to  validate  and  augment  theoretical 
methods. 

The  six  components  of  aerodynamic  force  and  moment  acting  on  an  air  flie^t  missile  are  taken  in  turn, 
their  iiiq>ortance  discussed  and  their  various  ctunracteristics  described,  along  with  some  oonments  on  methods 
of  estimating  them. 

The  non^lmenslonal  forms  of  these  forces  and  moments  are  functions  of  the  components  of  linear  and 
angular  velocities,  and  their  derivatives  with  respect  to  these  velocities  are  listed  euid  the  more 
Important  ones  defined. 

Brief  descriptions  are  given  of  the  origins  and  significance  of  Nagnus  effects  and  cross-oo\ipling 
effects. 


NOTATIOH 
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coefficient 
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coefficient 
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characteristic 
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roll  interf« 

t 

body  length 

axial  force 
side  force 
normal  force 
rolling  moment 
pitching  moment 
yawing  moment 

normal  force  (usually  - -C^ 
lift 

length  or  reference  length 
Be  factor 
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L,  K,  N 
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aerodynamic  moment  components  about  the  x,  y and  z axes 

Mach  number 

Drag  rise  Haoh  number 

angular  velocity  about  Ox 

angular  velocity  about  Oy,  or  dd/dt 

angular  velocity  about  Oz 

Reynolds  number 

characteristic  area  or  reference  area 
time 

velocity  along  Ox 
velocity  along  Oy 
velocity  along  Oz 
free  stream  velocity 
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X,  y,  z 
X,  Y,  Z 
a 

P 

X 

♦ 

e 

p 

O' 

M 


ceurtealan  coordlnatea  in  a ayaten  of  azea  Oz,  Qy,  Oz 
aerodynainio  force  component  a along  the  z,  y and  z azea 
incidence  angle 

/~2 

aidealip  angle,  or  / N - 1 
roll  angle 
roll  angle 
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1 nnsorocTiOH 

In  thia  aeoonl  introductory  lecture  I propoae  to  oonaider  the  main  aerodynamic  effecta,  coefficienta 
and  derlvativea  which  are  of  importance  in  the  deaign  of  weapona,  and  to  indicate  in  broad  terme  aome  of 
the  methoda  that  may  be  uaed  to  eatimate  their  valuea.  It  ia  net  qy  intention  to  treat  any  apecific  aapect 
in  depth,  or  to  give  a comprehenelve  aet  of  equationa  that  may  be  tiaed,  but  rather  to  eet  the  acene  for 
the  detailed  ezpoaitlona  by  the  other  leoturera  on  their  peirtlcular  aubjecta. 

Aa  I have  aald  in  ay  flrat  lecture,  the  Job  that  a guided  weapon  ia  required  to  do  uaually  dictates 
that  ita  configuration  ia  very  different  from  that  of  an  aircraft,  particularly  a commercial  aircraft. 

It  may  be  that,  for  a comparatively  long-range  weapon  with  a suba'tantial  period  of  cruising  fli^t,  a 
configuration  like  that  of  an  aircraft  is  very  suitable,  and  in  that  case  aerodynamic  design  methods 
appropriate  for  aircraft  may  be  used.  In  particular,  it  may  be  worthwhile  to  consider  the  design  of 
suitable  aerofoil  sections  for  efficient  fli^t.  It  must  always  be  remembered  however,  that  there  is 
usually  a strong  incentive  to  keep  the  production  costs  of  weapons  as  low  as  possible,  so  that  a shape 
idiich  requires  many  man-hours  to  produce  will  be  unpopular  with  the  project  managers.  For  the  great 
majority  of  weapons,  the  configuration  will  be  of  lower  aspect  ratio  than  for  aircraft,  and  the  shapes 
will  be  as  simple  as  possible  to  permit  ease  and  cheapness  of  production.  For  example,  wings  may  have 
simple  double-wedge  or  hexagonal  sections,  probably  with  a specified  non-zero  thickness  at  leading  and 
trailing  edges. 

It  is  clear  therefore  that  we  will  probably  not  be  concerned  with  the  fine  details  of  aerodynamic 
behaviour,  such  as  the  threedimensional  boundary  layer  over  the  wings.  The  accuracy  required  in  the 
estimation  - and  measurement  - of  the  aerodynamic  characteristics  of  weapons  cannot  be  defined  in  general 
terms.  It  will  be  determined  as  a result  of  performance  calculations,  when  the  sensitivity  of  the 
performance  to  various  changes  to  the  aerodynamic  coefficients  and  derivatives  can  be  studied. 

In  the  great  body  of  experimental  and  theoretical  work  that  has  been  built  up  over  many  years  for 
application  to  aircraft  design,  two  of  the-  most  useful  simplifications  have  been  the  assunq>tion  of  two- 
dimensional  flow  in  the  design  of  lifting  surfaces,  and  the  restriction  of  angular  attitudes  to  small 
values  so  that  the  assumption  of  linear  perturbations  may  be  justifiable.  In  the  case  of  weapons,  the 
great  majority  of  designs  are  of  small  aspect  ratio  so  that  the  usual  twodimensional  aesunqitions  are 
invalid.  Also  weapons  usually  attain  euigles  of  incidence,  yaw  EUid  roll  >diich  are  large  enough  to  introduce 
non-linear  variations  of  the  aerodynamic  characteristios.  For  example,  one  of  the  lecturers  in  this 
course  will  be  dealing  with  forces  and  moments  at  incidence  angles  up  to  90°  or  beyond. 

Because  of  the  cluracterlstlo  shape  of  weapons,  however,  a variant  of  twodimensional  theory,  namely 
slenden-body  theory,  does  have  considerable  value  in  two  respects:  firstly,  to  provide  a quick  first 
estimate  of  some  of  the  main  aerodynamic  characteristics  such  as  normal  force  and  pitching  moment;  and 
secondly,  to  provide  a practicable  theoreticed  approach  to  some  of  the  more  complex  characteristics  - for 
example,  the  forces  and  moments  in  non-uniform  flow.  The  textbook  "Missile  Aerodynamics"  by  Nielsen'* 
gives  a detailed  exposition  of  slender-body  theory  and  many  of  its  applications.  Slender-body  theory  is 
essentially  an  Invlscid  theory  and  so  does  not  cover  the  effects  of  flow  separation  which,  on  low  aspect 
ratio  shapes  at  large  incidence  angles,  can  be  very  significant.  The  theory  is  usually  developed  and 
applied  with  the  further  assumption  of  linear  characteristics,  but  even  within  the  boutxia  of  potential 
flow  this  is  not  essential,  and  higher-order  effects  also  can  be  calculated.  Non-linear  effects  due  to 
viscosity,  which  are  much  more  Important  than  higher-order  potential  flow  effects,  csuniot  of  course  be 
calctilated  hy  slender-body  theory,  and  have  to  be  allowed  for  separately.  A useful  coiiq>lementary  volume 
to  Ref  1 is  "Missile  Configuration  Design"^,  by  Chin,  which  deals  with  aerodynamics  in  a less  rigorous 
fashion  but  Includes  other  topics  such  as  propulsion  and  structural  design. 

The  importance  of  non-linear  chareu:teristiC8  in  weapon  aerodynamics  means  that  estimation  methods  for 
practical  application  should  be  checked  by  cemparison  with  experimental  results,  and  the  latter  analysed 
tc  provide  empirical  or  semi-empirloal  modifications  to  theory.  Wind-tunnel  test  results  on  models  of 
missile  projects  are  usually  restricted  in  their  distribution  because  cf  their  security  classification. 
Moreover  practical  weapons  may  have  features  such  as  launcher  lugs  and  aerials,  :diich  make  generalised 
analysis  suspect.  There  are  however  many  sources  of  test  results  on  generalised  models,  some  of  vdiich  are 
listed  as  Refs  3-24.  Unfortunately  this  mass  of  useful  experimental  data  has  seldom  been  subjected  to 
thorough  analysis,  and  one  feels  that  there  is  a rich  mine  of  information  waiting  to  be  exploited.  This 
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is  probably  because  the  number  of  aerodynamicists  woi^cing  in  the  weapons  field  is  comparatively  small,  and 
the  demands  of  project  design  and  development  take  priority  over  analytical  research. 

In  most  of  the  lecture,  I shall  take  different  aerodynamic  coefficients  and  derivatives  in  turn,  and 
consider  their  iiq>ortanoe  and  methods  of  estimating  their  value.  In  performance  calculations  of  missiles 
it  is  usually  necessary  to  use  a set  of  reference  axes  fixed  in  space,  but  in  studying  the  aerodynamics  of 
missiles  it  is  customary  to  use  a system  of  axes  fixed  with  respect  to  the  body.  Diis  may  have  two  forms  - 
a set  in  vdiich  the  axes  roll  with  the  body  and  a set  in  vdiich  they  do  not.  The  x-.axis  in  both  systems 
oolnoides  with  the  body  axis.  In  the  non-rolling  system  the  z-axie  is  always  in  the  incidence  plane 
(incidence  angle  - cr  or  0 ) and  the  roll  angle  ( X or  e ) is  specified  with  reference  to  this  plane.  In 
the  rolling  axis  system,  the  incidence  and  yaw  planes  are  fixed  in  the  body,  so  that  the  total  incidence 
angle,  <r  or  • , is  resolved  into  an  Incidence  angle  *a  and  a sideslip  angle  g . A system  of  body  axes  is 
sho%a>  in  Figure  1.  The  components  of  force  amd  moment  are  the  axial  force,  the  normal  force  (at  ri^t 
angles  to  the  body  axis  in  the  incidence  plane),  the  side  force,  the  pitching,  yawing  and  rolling  moments. 
This  system  of  forces  and  moments  differs  from  that  usually  used  in  aircraft  aerodynamics,  in  which  the 
forces  are  resolved  in  and  perpendicular  to  the  wind  direction  - for  example,  drag  and  lif^  instead  of 
axial  foroe  and  normal  force. 


'nie  aerodynamic  force  on  a missile,  and  consequently  the  three  components  of  this  force,  are  propoi^ 
tional  to  the  air  density,  to  the  square  of  the  velocity  and  to  the  square  of  the  linear  dimensions  of 
the  body,  that  is,  to  a characteristic  area.  The  aerodynamic  moment  and  its  three  components  are  propor- 
tional to  the  cube,  not  the  square,  of  the  linear  dimensions,  that  is  to  the  product  of  the  characteristic 
area  and  a characteristic  length.  In  missile  aerodynamics  it  is  customary  to  choose  the  body  cross-section 
area  and  the  body  diameter  as  the  characteristic  area  and  length.  The  force  and  moment  coiiq)onents  may 
therefore  be  generalised  in  the  form  of  non-dimensional  coefficients  by  dividing  by  or  -IpV^Sd  as 

appropriate : 


iPV^s 

•i-pV^Sd 

I 

n _ 

M 

ipv^s 

m 

ipV^Sd 

z 

N 

ipv^s 

‘^n  - 

ipV^Sd 

where  X,  T and  Z are  the  components  of  force  along  the  x,  y and  z axes, 
L,  M and  N are  the  components  of  moment  about  the  x,  y and  z axes, 
p a air  density 
V m free  stream  velocity 
S a characteristic  area  or  reference  area 


d a characteristic  length  or  reference  length. 
2 COEFFICIENTS  OF  STATIC  FORCE  ANT  MOMENT 


2.1  Normal  Force 

The  majority  of  weapons  have  bodies  vdiich  are  essentially  axisymmetric.  This  is  a suitable  shape  for 
rocket  or  air-breathing  propulsion  units  and  for  cheapness  of  manufacture.  To  this  body  are  attached  vdiat- 
ever  lifting  surfaces  and  control  surfaces  may  be  appropriate.  In  calculating  the  normal  force  coefficient 
of  such  a combination,  it  is  customary  to  calculate  the  normal  force  on  body,  wings,  oontrols,  etc, 
separately  and  to  add  them  together  with  appropriate  factors  to  allow  for  interference  between  the 
components. 


In  general  the  body  will  have  a nose  section,  a cylindrical  section  and  a rear  section  in  the  shape 
of  a boat-tail  or  flare  (Figure  2).  The  shape  of  the  nose  may  be  a cone,  a circular  arc  ogive,  a parabola, 
an  ellipse,  a hemisphere,  or  one  of  a number  of  other  shapes  derived  for  a specific  purpose.  Slender-body 
theory  predicts  that  the  lift  on  an  inclined  body  is  distributed  only  over  those  parts  vdiere  the  cross- 
section  area  is  changing,  that  is,  the  nose  and  the  boat-tall  or  flare,  (Figure  2).  At  subsonic  and  tran- 
sonic speeds  the  slender  body  values  for  the  positive  lift  on  the  nose  and  flare  and  the  negative  lift  on 
the  boat-tail  are  quite  good  approximations  if  suitable  fevctors  are  applied  to  account  for  boundary  layer 
effects.  It  is  implicit  in  this  theory  that  no  variation  with  Mach  number  is  predicted.  Variation  of  the 
normal  force  with  Mach  number  in  the  supersonic  speed  range  oan  be  calculated  by  linearised  and  second- 
order  supersonic  theories  for  bodies  with  pointed  noses  emd  for  boat-tails,  and  charts  of  empirical  results 
are  available  in  Ref  25. 


Those  theoretical  results  do  not  allow  for  the  effects  of  viscous  separation  of  the  flow  around  the 
body,  which  becomes  evident  once  the  Incidence  angle  exceeds  a few  degrees.  TTie  flow  starts  to  separate 
about  2 or  3 calibres  behind  the  point  of  the  nose  and  forms  tv«)  coiled  vortex  sheets  above  the  upper 
surface  of  the  body.  Above  about  20°  incidence,  depending  on  the  nose  shape,  the  vortices  take  up 
asymmetric  positions  relative  to  the  vertioal  plane  of  symmetrySfi,  but  this  is  probably  not  very  signifi- 
oant  in  caloulating  the  component  of  normal  foroe  arising  from  flow  separation.  Qualitatively,  it  is 
convenient  to  regard  this  normal  foroe  contribution  as  arising  from  the  component  of  the  free  stream 
perpendicular  to  the  cylindrical  body,  and  the  flow  of  this  oomponent  around  the  body  in  the  manner  of 
twodimensioiail  flow  about  a cylinder.  The  "cross-flow  oomponent"  oan  be  calculated  on  the  basis  of  the 
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analogous  "oross-flow  drag  coefficient",  tut  it  is  important  not  to  stretch  this  analogy  too  far.  In 
particular,  the  value  of  "oross-flow  drag  coefficient"  should  not  be  derived  from  twodimensional  experi- 
ments but  hy  analysis  of  normal  force  measurements  on  a true  inclined  body,  where  the  cross-flow  is  more 
likely  to  be  oharaoteristio  of  the  flow  around  elliptical  cylinders,  whose  drag  coefficients  are  given  by 
Hoemer  in  Ref  27.  Figure  3 shows  how  the  total  lift  on  an  ogive-cylinder  varies  with  Mach  number.  It  is 
clear  that  there  are  no  severe  changes  in  the  transonic  region.  The  normal  force  and  other  aerodynamic 
charaoteristiOB  of  bodies  will  be  dealt  with  in  the  lecture  by  Herr  Esoh,  part  of  the  initial  overview  at 
the  beginning  of  this  course. 

The  lift  or  normal  force  on  thin  plane  wings  at  subsonic,  transonic  and  supersonic  speeds  is  fully 
covered  by  the  appropriate  linearised  theories.  Biese  only  apply  at  small  incidence  angles,  at  which 
there  is  no  significant  difference  between  lift  and  normal  force.  At  low  subsonic  speeds,  incompressible 
flow  theory  can  be  used  and  by  applying  the  Prandtl-Olauert  transformation  the  effect  of  compressibility 
can  be  allowed  for  almost  up  to  Ifeoh  1.  Near  Mach  1,  slender  body  theory  can  be  used  for  pointed  wings, 
and  above  Mach  1 linearised  supersonic  theory  takes  over.  Results  of  these  calculations  are  available  in 
chart  form,  for  example  in  Ref  25,  Figure  4 shows  the  linearised  supersonic  curves  for  the  elope  of  the 
normal  force  coefficient  against  incidence  angle  for  triangular  and  rectangular  wings,  as  functions  of  the 

Maoh  number  ( ^ = - l)  and  aspect  ratio  A. 

At  Incidence  angles  higher  than  a few  degrees,  the  influence  of  viscosity  may  give  rise  to  an  addi- 
tional component  of  normal  force  which  is  non-linear  with  incidence.  The  nature  and  magnitude  of  the 
viscous  non-linear  normal  force  depends  on  the  planform  and  Mach  number.  Pointed  slender  wings,  parti- 
cularly if  they  have  sharp  edges,  have  a flow  sepeiration  at  the  leading  edge,  starting  at  quite  low 
incidence  angles,  which  is  most  pronounced  at  subsonic  speeds  and  which  effectively  disappears  by  the  time 
that  the  free  stream  component  normal  to  the  leading  edge  has  reached  Mach  1.  Tlie  coiled  vortices  formed 
above  the  upper  surface  give  rise  to  non-linear  lift  increases  above  the  linear  values.  The  features  of 
this  non-linear  lift  have  been  thorou^ily  explored  in  the  research  work  aimed  at  supersonic  transport 
aircraft,  such  as  Concorde.  Even  sophisticated  theoretical  studies,  however,  have  so  far  failed  to  provide 
a idiolly  satisfactory  method  of  calculating  this  lift,  and  recourse  has  to  be  made  to  empirical  or  semi- 
empirical  methods.  On  wings  which  are  essentially  unswept,  with  comparatively  large  wing  tips,  a non- 
linear lift  increase  arises  from  the  "endplate  effect"  of  the  tip  vortex  sheet.  On  some  missiles  where 
the  span  is  very  limited  because  of  external  constraints  the  wings  may  be  little  more  than  strakes  and  the 
separated  flow  from  the  tips  nay  contribute  most  of  the  lift. 

Since  missiles  may  be  required  to  generate  a large  lateral  acceleration  and  therefore  reach  high 
angles  of  incidence,  it  may  be  important  to  know  the  value  of  the  maximum  coefficient  of  lift  or  normal 
force  and  the  incidence  angle  at  which  this  occurs.  Figure  5,  which  was  compiled  from  Refs  28-30,  shows 
that  for  a 65°  delta  wing  at  low  subsonic  speed  both  coefficients  have  a distinct  maximum  value  between 
35°  and  40°,  In  contrast,  at  a supersonic  Mach  number  the  lift  coefficient  reaches  a maximum  value  between 
40°  and  50°  vdiereas  the  normal  force  coefficient  continues  monotonioally  to  its  maximum  value  at  90° 
incidence. 

Most  weapons  employ  cruciform  arrangements  of  lifting  surfaces  and  it  is  necessary  to  know  the  lift 
developed  at  any  roll  angle.  There  are  two  roll  angles  which  give  symmetry  about  the  incidence  plane, 

0°  and  45°  (Figure  6).  Linear  theory  predicts  that  for  a given  total  incidence  the  normal  force  in  the 
total  incidence  plane  on  a pair  of  horizontal  wing  panels  at  0°  roll  angle  is  equal  to  that  developed  on 
4 cruciform  surfaces  at  any  roll  angle.  At  roll  angles  other  than  zero,  the  distribution  of  lift  between 
two  panels  of  an  opposite  pair  is  not  equal.  Linear  theory  and  experiment  both  show  that  the  lower  panel 
carries  more  lift  than  the  hi^er  one,  though  the  theory  indicates  that  the  total  normal  force  on  the 
cruciform  arrangement  is  unaffected  hy  this  redistribution. 

The  difference  >diioh  is  observed  in  practice  between  the  normal  force  at  0°  and  45*?  roll  angles 
arises  because  of  the  non-linear  lift  components.  To  a first  approximation,  the  magnitude  of  the  non- 
linear components  at  non-zero  roll  angles  can  be  estimated  by  using  the  component  of  total  incidence  angle 
perpendicular  to  each  pair  of  surfaces.  In  addition,  except  at  small  total  incidence  angles,  the  two 
lower  panels  at  45°  roll  angle  have  a shielding  effect  on  the  upper  pair.  Figure  7 shows  the  load  on  a 
single  panel  as  the  roll  angle  varies  throu^  180°,  from  leeward  to  windward,  for  the  combination  of 
axisymmetrio  body  and  slender  cruciform  delta  wings  illustrated^*^. 

When  wings  are  mounted  on  a body,  the  total  lift  on  the  combination  is  not  necessarily  equal  to  the 
sum  of  the  lift  on  the  wings  and  body  in  isolation,  A lift  force  due  to  interference  between  wings  and 
bodies  is  developed  on  both  components.  If  the  body  is  at  incidence,  the  effect  of  the  upwash  around  the 
body  is  to  increase  the  angle  of  incidence  of  the  wings  (which  will  usually  be  aligned  parallel  to  the  body 
axis).  Moreover  the  lift  developed  on  the  wings  gives  rise  to  a "carry-over"  lift  on  the  body  itself.  A 
detailed  treatment  of  missile  wings  and  wing^body  combinations  will  be  given  in  the  lectures  by 
Professor  Stahl  and  Dr  Gregoriou  in  the  overview  section  of  the  course. 

Aerodynamic  surfaces  used  as  controls  can  be  treated  in  the  same  way  as  wings,  except  for  two  additional 
features.  Since  there  is  a gap  between  the  control  surface  and  the  body,  it  is  possible  for  some  of  the 
control  panel  lift  to  be  lost  because  the  pressure  difference  at  the  root  will  be  reduced  by  flow  from  the 
lower  surface  to  the  upper.  Secondly,  the  control  will  not  generally  be  aligned  parallel  to  the  body  axis, 
and  the  wing-body  interference  factors  for  the  lift  due  to  control  deflection  are  different  from  the  factors 
for  the  lift  due  to  the  inclined  body  and  the  undeflected  control.  This  will  be  discussed  in  my  later 
lecture  on  controls. 

When  a configuration  has  two  or  more  sets  of  surfaces  spaced  along  a longitudinal  direction,  each  set 
is  subject  to  the  interference  effects  of  vortices  shed  from  any  of  the  other  sxirfaoes  which  lie  upstream, 
as  well  as  those  from  the  Inclined  body.  These  effects  can  be  very  complex,  and  they  too  will  be  discussed 
in  the  lectures  hy  Dr  Gregoriou  and  myself. 
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2.2  Pitching  Moment 


Accurate  prediction  of  the  pitching  moment  is  of  oonsiderahle  impojrtance  in  determining  the  stability 
and  controllability  of  a missile.  However,  accurate  prediction  is  usually  handicapped  by  the  difficulty 
of  estimating  the  interference  effects,  or  "downwash",  of  the  trailing  vortices  already  mentioned.  In 
practice  the  pitching  moment  is  calculated  by  determining  the  aerodynamic  centre  ard  centre  of  pressure 
for  the  individual  components  - such  as  body,  wing,  controls  - multiplying  them  by  the  appropriate  com- 
ponents of  the  normal  force,  and  dividing  the  sum  by  the  total  normal  force.  It  is  customary  in  a guided 
weapon  to  design  for  a small  positive  amount  of  static  longitudinal  stability,  but  in  some  circumstances 
neutral  stability  or  a small  amount  of  instability  may  be  preferable  - for  example,  in  the  period  just 
after  ground  launch  in  the  presence  of  a orosswind.  In  this  situation,  the  missile  speed  is  comparatively 
low  and  positive  stability  would  tend  to  turn  the  missile  into  the  orosswind.  The  stability  requirement 
depends  on  the  autopilot  oharaoteristios,  and  it  is  usually  necessary  to  use  performance  calculations  to 
indicate  the  best  combination  of  autopilot  characteristics  and  aerodynamic  stability.  Stability,  of  course, 
depends  on  the  centre  of  gravity  as  well  as  the  aerodynamic  centre,  and  can  therefore  change  with  time  as 
the  fuel  of  the  propulsion  unit  is  burned. 

It  is  worth  remarking  that,  because  of  the  non-linear  aerodynamic  characteristics  commonly  found  in 
weapon  design,  it  is  sometimes  possible  for  a weapon  to  take  up  a stable  trimmed  attitude  at  a non-zero 
angle  of  incidence,  even  without  control  deflection  or  other  asymmetry  about  the  median  plane.  This  can 
ocour,  for  example,  if  the  aerodynamic  centre  moves  to  the  rear  as  the  incidence  is  increased  until  it 
coincides  with  the  centre  of  gravity  as  shown  in  Figure  8.  This  feature  can  be  used  in  the  aerodynamic 
dispersion  of  bomblets. 

For  a guided  weapon,  the  centre  of  gravity  must  not  only  be  in  the  appropriate  position  relative  to 
the  aerodynamic  centre  for  the  required  stability,  but  must  also  be  in  such  a position  that  the  missile 
can  be  trimmed  to  give  the  required  value  of  lateral  eicoeleration  by  deflecting  the  controls  within  their 
effective  range. 

Hie  aerodynamic  centre  of  wings  - and  control  surfaces  - can  be  determined  by  linear  theory  if 
applicable,  using  the  various  charts  available.  The  non-linear  lift  due  to  a tip  vortex  can  be  assumed  to 
act  at  about  three-quarters  of  the  tip  chord.  For  slender  sharp-edged  pointed  wings  at  supersonic  speeds 
the  aerodynamic  centre  is  near  the  centroid  of  the  planform,  (for  both  linear  and  non-linear  components) 
and  at  subsonic  speeds  it  is  further  forward  by  some  5-10)^  of  the  root  chord. 

For  the  potential  lift  on  the  nose,  boat-tail  and  flare  of  a body,  the  aerodynamic  centre  can  be 
calculated  by  the  appropriate  theory.  The  viscous  lift  can  be  assumed  to  act  on  the  whole  of  the  body 
behind  a point  about  2 calibres  from  the  nose  except  possibly  for  very  short  or  very  long  bodies.  At 
subsonic  speeds  it  is  probably  good  enough  to  assume  that  its  distribution  is  constant  over  the  whole  of 
this  length,  but  at  supersonic  speed  this  simple  distribution  is  not  adequate  (see  Figures  9 and  10,  taken 
from  Ref  31). 

An  important  aspect  of  pitching  moment  is  the  hinge  moment  of  a control  suirfaoe.  In  order  to  keep 
the  control  actuation  mechanism  as  snail  and  li^t  as  possible  the  axis  of  the  control  should  be  placed 
at  or  near  the  control  centre  of  pressure.  This  will  in  general  vary  with  Mach  number,  incidence  and 
control  deflection,  and  it  is  usually  necessary  to  choose  a compromise  position  for  the  hinge  line.  This 
is  one  design  feature  which  can  not  always  be  estimated  with  sufficient  accuracy,  and  it  is  best  to  place 
the  hinge  line  after  analysing  results  of  appropriate  wind-tunnel  tests. 

2.3  Side  Force 

If  a missile  has  an  angle  of  yaw  to  the  direction  of  fli^t,  it  will  have  a side  force  which  is 
directly  analogous  to  the  normal  force  generated  by  the  missile  at  an  angle  of  incidence.  This  component 
of  side  force  can  therefore  be  treated  in  exactly  the  same  way  as  the  normal  force  in  Section  2.1. 

Up  to  moderate  values  of  incidence  angle,  say  about  20°,  there  is  no  side  force  when  the  roll  angle 

is  0°  and  90°  for  a monoplane  arrangement  or  0°  and  45°  for  a cruciform  arrangement,  that  is  when  there 

is  symmetry  about  the  incidence  plane.  At  other  roll  angles,  a non-zero  side  force  exists.  One  can  of 
course  regard  the  combination  of  total  incidence  angle  and  roll  angle  as  a combination  of  incidence  angle 
and  yaw  angle  relative  to  one  of  the  wing  planes,  (see  Figure  6).  The  side  force  is  cyclic  in  nature, 
being  zero  at  0°  and  45°  roll  angle,  as  shown  in  Figure  11  for  a cruciform  wing-body  combination^®.  The 
corresponding  variation  of  side  force  for  a monoplane  is  also  shown.  The  importance  of  this  side  force 
is  that,  if  a demand  vector  lies  between  the  symmetrical  roll  directions,  and  the  missile  moves  in  that 
direction,  then  the  roll  eingle  relative  to  the  total  incidence  plane  is  asymmetric  and  the  missile 
experiences  a side  force  as  well  as  a force  in  the  direction  of  the  demand  vector.  This  can  complicate 
the  guidance  and  control  process. 

To  calculate  approximately  the  side  force  arising  from  asymmetric  roll  angle,  one  can  revert  to  the 
incidence  angles  * and  B perpendicular  to  the  planes  of  the  two  sets  of  surfaces  (see  Figure  6), 

oalciilate  the  force  normal  to  these  planes  as  described  in  Section  2.1,  and  take  the  component  at  right 

angles  to  the  plane  of  total  incidence. 

Above  moderate  incidence  angles,  a side  force  can  exist  even  at  0°  and  45°  roll  angle,  due  to  vortices 
shed  from  the  forebody  ahead  of  the  lifting  surfaces  taking  up  stable  asymmetric  positions  relative  to 
the  body.  This  is  believed  to  be  started  by  a very  small  asymmetry  at  the  body  nose  which  "triggers"  the 
asymmetric  formation.  The  direction  of  the  vortex  asymmetry  and  hence  of  the  side  force  can  change  from 
aide  to  side  as  the  angle  of  incidence  increases.  Dr  Wardlaw  will  deal  with  this  subject  which  has  become 
increasingly  important  in  recent  years. 
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2.4  Yawing  Moment 

This  component  is  associated  with  the  side  force  and  arises  from  the  same  causes,  as  summarised  in 
the  previous  section.  When  the  side  force  is  generated  hy  a yaw  angle,  or  from  a roll  eingle  other  than 
0°  and  45° » the  centre  of  pressure  of  the  side  force  is  likely  to  he  near  that  of  the  normal  force,  and 
therefore  the  yaw  stability  will  he  similar  to  the  pitch  stability.  However,  when  the  side  force  is  due 
to  asymmetric  body  vortices,  the  centre  of  pressure  of  the  side  force  has  no  direct  relationship  with  that 
of  the  normal  force.  Like  the  side  force,  the  yawing  moment  arising  from  asymmetric  vortices  can  change 
direction  as  incidence  angle  increases, 

2.5  Ilrag 

The  importance  of  drag  and  accurate  estimation  of  drag  in  the  design  of  a missile  depends  very  much  ; 

on  the  particular  fli^t  characteristics  of  the  missile,  and  even  for  a single  missile  the  importance  of 
drag  can  vary  between  one  part  of  the  fli^t  and  another.  For  example,  during  a boost  phase  when  the  j 

missile  is  accelerated  quickly  to  a much  higher  speed,  the  thrust  will  be  several  times,  perhaps  many  1 

times,  higher  than  the  drag.  It  is  therefore  hardly  worthwhile  to  strive  for  very  high  accuracy  in  \ 

predicting  the  drag  in  this  phase,  or  to  strive  to  reduce  this  drag.  A ^(yf>  reduction  in  drag  mi^t  mean 
only  about  Vjl>  increase  in  the  "thrust  minus  drag"  or  nett  axial  force.  When  a missile  is  travelling  at 
constant  speed,  on  the  other  hand,  the  drag  is  a much  more  important  characteristic.  Any  increase  in 

drag  implies  a correspcnding  increase  in  thrust  for  a given  range  or  speed,  or  a decrease  in  range  or  ; 

speed  if  the  motor  thrust  is  kept  the  same,  , J 
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As  is  the  case  with  aircraft,  drag  is  very  difficult  to  estimate  accurately  and  also  very  difficult  I 

to  measure  accurately  in  wind-tunnel  tests.  This  is  because  of  the  predominating  influence  of  viscosity,  il 

the  effects  of  which  are  much  less  amenable  to  calculation  than  those  effects  which  can  be  reasonably  well 
predicted  by  potential  flow  assumptions.  Experimentally,  the  Reynolds  number  in  wind-tunnel  tests  is 
usually  less  than  that  of  the  missile  in  fli^t,  thou^  the  defect  is  not  nearly  as  great  as  is  the  case 
with  aircraft  models.  When  a model  is  supported  by  a sting,  as  is  usually  preferable  in  tests  at  transonic 

and  supersonic  speeds,  the  presence  of  the  sting  affects  the  base  pressure  of  the  missile  which  is 

frequently  a very  important  contribution  to  the  drag. 

It  is  customary  to  estimate  the  "sero  lift  drag*'  of  a weapon,  which,  with  the  symmetry  characteristic 
of  most  missiles,  is  usually  the  same  as  the  zero  incidence  drag.  When  the  missile  is  flying,  the  body 
axis  will  usually  be  at  an  angle  to  the  fli^t  direction,  and  the  drag,  in  the  direction  opposite  to  that 
of  flight,  is  made  up  of  the  components  in  the  free  stream  direction  of  the  axial  force  and  the  normal 
force.  The  latter  corresponds  approximately  to  "induced  drag",  and  an  extra  component  of  this  kind  occurs 
when  surfaces  are  deflected. 

At  subsonic  speeds  below  the  onset  of  compressibility  effects,  the  main  drag  contributions  at  zero 
incidence  are  skin  friction,  form  drag,  base  drag  and  the  drag  of  excrescences  and  surface  irregularities. 

Many  approximate  methods  are  available  for  estimating  akin  friction,  which  for  most  of  a missile  surface  is 
more  likely  to  be  due  to  a turlnilent  boundary  layer  than  to  a laminar  boundary  layer.  Refs  32  and  33 
contain  comprehensive  comparisons  of  various  methods  for  twodimensional , incompressible  flow  and  compress- 
ible flow  respectively.  The  emphasis  is  on  twodimensional  oases  but  suitable  factors  can  be  used  to  apply 
the  skin  friction  results  to  other  shapes  such  as  cylinders  and  conical  noses,  and  other  factors  give  the 
mean  akin  friction  drag  on  a body  in  terms  of  the  local  coefficient.  Wing  and  control  surfaces,  though 
thin,  will  usually  have  simple  cross-section  shapes  like  a double  wedge.  However  it  is  usually  good  enough 
to  treat  them  as  thou^  they  were  flat  plates,  and  to  assume  that  the  boundary  layer  is  turbulent.  If  it 
is  believed  that  a substantial  region  of  laminar  flow  exists,  a simple  approximation  to  the  position  of 
boundary  layer  transition  is  usually  sufficient. 

The  base  drag,  which  cein  amount  to  25-30^  of  the  total  drag,  is  the  most  complex  drag  component,  since 
its  value  depends  on  so  many  variables.  For  example,  the  length  of  the  body,  the  shape  of  the  rear  end, 
the  Mach  number,  the  Reynolds  number,  all  affect  the  value  of  the  base  drag  vdien  no  motor  or  engine  is 
exhausting  from  the  base.  In  the  presence  of  a motor  efflux,  the  estimation  of  the  base  drag  is  even  more 
difficult,  being  dependent  on  variables  such  as  nozzle  exit  angle,  nozzle  exit  area,  jet  temperature,  and 
jet  pressiu’e  ratio.  No  satisfactory  comprehensive  method  of  estimating  base  drag  over  the  wide  range  of 
practical  variables  has  yet  been  developed,  but  M.  Delery  and  M.  Sirieix  will  present  a comprehensive 

review  of  the  present  state  of  the  art,  ] 

The  pressiire  drag  on  bodies,  wings  and  the  controls  at  subsonic  speeds  is  seldom  a very  significant 
contribution,  unless  the  body  is  very  short,  but  at  transonic  and  supersonic  speeds  the  wave  drag  is 
important.  The  wave  drag  of  wings  and  control  surfaces  can  be  calculated,  for  simple  planforms  and  simple 
sharp-edged  cross-section  shapes,  by  linearised  supersonic  theory.  Values  have  been  presented  in  chart 
form25,  with  factors  to  take  account  of  more  complicated  cross-section  shapes.  If  the  wings  are  hi^ily 
swept,  the  drag  rise  Mach  number,  Mj),  is  quite  high,  and  for  the  missile  as  a whole  may  then  be 

dependent  on  the  body  characteristics. 

For  a body,  there  are  wave  drag  contributions  from  any  portions  where  the  cross-section  is  increasing 
or  decreasing.  Most  commonly  these  will  be  at  the  nose  and  tail.  Linear  theory  oharts  are  available25 
for  the  drag  of  open  conical  frusta,  both  expanding  (as  for  noses)  and  contracting  (as  for  boat-tails). 

They  also  cover  sharp-pointed  closed  nose  shapes  of  specifio  form  such  as  cones  and  circular  arc  ogives. 

However,  for  reasons  of  safety  in  handling,  sharp-nosed  missiles  are  rare  - some  degree  of  blunting  is 
common.  If  the  weapon  is  a homing  missile  with  guidance  ecpiipment  in  the  nose,  the  shape  of  the  nose  may 
have  to  be  a compromise  between  aerodynamic  and  guidance  requirements.  For  example,  a radar  antenna  in 
the  nose  will  require  a nose  shape  which  will  keep  the  aberration  to  a low  level,  preferably  a hemisphere 
but  certainly  with  a certain  amount  of  blunting.  Infra-red  detectors  also  require  plane  or  spherical 
surfaces  for  their  "windows".  Such  shapes  can  increase  the  wave  drag  contribution  to  a very  high,  perhaps 
unacceptable  level,  not  only  at  supersonic  speeds,  but  also  at  hif^  subsonic  speeds  where  so  many  present- 
day  missiles  operate.  This  is  shown  in  Figure  12,  vdiere  the  drag  characteristics  of  various  nose  shapes 
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are  shown  at  high  suhsonic  and  supersonic  speeds.  It  has  been  known  for  some  30  years  that  drag  at 
supersonic  speeds  can  be  reduced  by  a certain  amount  of  nose  blunting,  provided  the  nose  fineness  ratio 
is  kept  constant,  and  recent  results  by  Ward  at  RAE  Bedford  indicate  that  such  blunting  can  also  be 
beneficial  at  transonic  speeds.  These  results  give  some  hope  of  being  able  to  placate  guidance  engineers 
without  sacrificing  aerodynamic  drag  requirements. 

The  remaining  major  contribution  to  the  drag  of  a missile  is  that  due  to  excrescences  and  roxigjiness. 
Because  of  the  need  to  minimise  production  costs,  it  is  usual  for  the  surface  finish  of  missiles  to  be 
less  than  perfect,  with  small  steps  at  the  joins  between  different  parts  of  the  structure,  protruding 
rivets,  etc.  The  excrescences  are  in  the  form  of  launcher  lugs,  aerials,  cable  ducts,  tracking  flares, 
etc,  and  0£in  be  quite  large.  When  the  design  of  the  missile  has  progressed  far  enou^,  it  is  possible 
to  calculate  approximately  the  drag  of  the  various  excrescences,  though  it  is  still  prudent  to  include 
a factor  for  small  irregularities  and  rou^mess.  In  the  early  stages  of  design,  before  the  shapes  of  the 
excrescences  are  known,  an  overall  factor  to  the  drag  of  the  "clean"  configuration  is  usually  applied  to 
allow  for  unknown  contributions  from  this  source.  This  factor  is  usually  between  1.1  and  1.2,  depending 
on  the  experience  of  the  aerodynamic ist  and  the  expected  size  and  number  of  the  exorescenct s. 

2.6  Rolling  Moment 

A missile  with  a single  pair  of  wing  i)anels  will  normally  be  in  a stable  roll  attitude  when  the  wings 
are  horizontal.  This  is  because  a panel  deflected  sli^tly  below  the  horizontal  generates  more  lift  than 
one  deflected  sli^tly  above  (see  Figure  7)-  With  the  cruciform  configuration  more  common  on  missiles, 
there  are  two  basic  roll  orientations  where  the  rolling  moment  is  zero,  namely  at  0°  (with  the  siu-faces 
in  and  at  ri^t  angles  to  the  incidence  plane)  and  at  45°»  It  is  unlikely  that  the  missile  will  be  stable 

in  roll  at  both  these  angles,  but  the  stable  orientation  will  depend  on  Mach  number  and  wing  shape,  as 

shown  in  Figure  13. 

At  roll  angles  other  than  0°  and  45°  rolling  moment  is  small  at  low  angles  of  incidence  but 
increases  quickly  as  the  incidence  increases.  This  rolling  moment  comes  about  because  of  the  normal  force 
component  on  the  surfaces  due  to  roll  angle,  because  of  shielding  of  upper  surfaces  by  lower  surfaces,  and 

by  the  velocities  induced  on  the  panels  by  vortices  shed  from  the  body  ahead  of  the  surfaces.  Rolling 

moments  at  different  Mach  numbers  and  incidence  angles  are  shown  in  Figure  14  for  a slender  wing-body- 
oontrol  combination.  The  cyclic  nature  of  the  rolling  moment  is  evident  and  it  is  clear  that  in  some 
conditions  the  configuration  is  stable  at  0°  roll  angle  and  in  other  conditions  at  45°  roll  angle.  One 
can  see  also  that  the  amplitude  of  the  rolling  moment  does  not  necessarily  increase  continuously  as 
incidence  increases.  Rolling  moments  arising  in  this  manner  are  called  "induced  rolling  moments". 

The  importance  of  induced  rolling  moments  in  missile  design,  along  with  rolling  moments  due  to 
constructional  misalignments,  is  that  the  operation  of  the  guidance  equipment  may  be  affected  by  them,  one 
way  or  another.  If  the  missile  is  allowed  to  roll  freely,  the  guidance  equipment  will  probably  nox 
operate  effectively  if  the  roll  rate  exceeds  a certain  value.  On  the  other  hand  the  guidance  equipment 
may  make  it  necessary  to  stabilise  the  missile  in  roll,  which  therefore  makes  demands  on  the  control  power 
available.  Apart  from  the  interactions  with  the  guidance  system,  both  guided  and  unguided  missiles  can 
suffer  from  coupling  between  roll  rate  and  pitch  rate  which  can  lead  to  catastrophic  instabilities.  For 
example,  if  the  aerodynamic  centre  moves  forward  as  the  roll  angle  changes  from  0°  to  45°i  ^ud  the  missile 
rolls  freely,  a pitch  oscillation  linked  to  the  roll  rate  can  develop  and  lead  to  instability. 

Accurate  measurements  of  rolling  moment  in  wind-tunnel  tests  require  a high  quality  of  tunnel  flow 
aind  an  accurate  model  to  avoid  contributions  to  the  rolling  moment  due  to  misalignments.  So  far,  no 
general  methods  for  predicting  induced  rolling  moment  have  been  devised.  The  complexities  introduced  by 
viscosity  .ind  the  effects  of  shielding  are  forbidding  in  a situation  where  the  nett  rolling  moment  is 
evaluated  as  the  comparatively  small  sum  of  comparatively  large  contributions  from  each  wing  and  control 
panel.  At  subsonic  speeds  Ogle  has  analysed  the  results  on  slender  wing-body  combinations  to  give  the 
empirical  values  of  the  roll  interference  factor,  shown  in  Figure  15.  The  extent  to  which  this  can 

be  applied  to  other,  less  slender,  configurations,  such  as  a rectangular  wing  on  a body,  has  not  yet  been 
assessed. 

3 STABILITY  DERIVATIVES 

The  static  aerodynamic  characteristics  dealt  with  so  far  make  up  a set  of  six  non-dimensional  forces 
and  moments,  C^,  Cy,  C^,  C^,  C,,,,  Cjj,  the  notation  being  derived  from  the  symbols  of  the  axis  system 
(Figure  I).  There  are  also  six  components  of  linear  and  angular  velocity,  u,  v,  w,  p,  q and  r.  If  the 
missile  motions  are  slow  enough,  the  forces  amd  moments  acting  on  it  are  functions  only  of  these  velocities. 
If  we  restrict  ourselves  to  linear  functions  of  these  velocities,  we  have  36  partial  derivatives  of  the 
six  forces  and  moments  with  respect  to  the  velocities  (Figure  16).  These  are  called  velocity  derivatives, 
those  with  respect  to  the  linear  velocities  being  called  static  stability  derivatives  and  those  with 
respect  to  the  angular  velocities  being  called  rotary  derivatives.  By  including  terms  of  higher  degree 
an  unlimited  number  of  higher  order  derivatives  can  be  defined.  The  coefficients  themselves,  for  example, 
C2,  are  non-dimensional,  so,  if  the  derivative  is  also  to  be  non-dimensional,  the  velocities  must  be  made 
non-dimensional.  For  linear  velocities  this  is  done  by  dividing  by  the  free  stream  velocity  V,  and  for 
angular  velocities  by  dividing  by  2V/d  where  d is  a characteristic  length.  Provided  w and  v are 
small  compared  with  V,  the  velocities  w/v  and  v/V  are  the  same  as  the  incidence,  a , and  sideslip, 

6 , in  an  axis  system  which  rotates  with  the  body. 

In  the  same  way  the  derivatives  of  the  force  and  moment  coefficients  can  be  obtained  with  respect  to 
the  linear  and  angular  accelerations.  These  are  called  acceleration  derivatives. 

Of  this  total  of  72  linear  derivatives,  only  a few  are  of  practical  significance  in  weapon  design 
(see  Figure  17).  Some  second-order  derivatives  can  also  be  Important,  for  example  the  ones  shown  in 
Figure  17. 
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Some  confusion  can  be  caused  by  the  fact  that  the  pitch  (and  yaw)  damping  is  the  sxuu  of  two 
derivatives  C[nq  + and  it  is  instructive  to  consider  hov;  this  arises,  6 is  defined  as  the  ar^'le 

between  the  missile  longitudinal  axis  and  a direction  fixed  in  space,  6 = q and  is  therel'ore  a pitch 
rate  about  the  missile  centre  of  gravity  referred  to  the  space  axis  system,  a is  defined  as  the  arifd  e 
between  the  missile  longitudinal  axis  and  the  line  of  flight,  and  the  rate  of  change  of  a , i , car.  ) 
considered  as  arising  from  a "heaving”  motion  at  right  angles  to  a uniform  stream,  Ttiree  diafT'ams  in 
Figure  18  show  various  combinations  of  q and  a.  Figure  18  (i)  shows  a missile  whose  centre  of  ^-ravity 
describes  a sinusoidal  flight  path  while  the  missile  axis  maintains  a constant  angle  to  the  flight  path. 
Figure  l8  (ii)  illustrates  the  same  sinusoidal  flight  path  with  the  missile  axis  rerfiainin^:  horizontal. 

In  Figure  18  (iii),  the  flight  path  is  a straight  line  and  the  missile  pitches  about  the  centre  of  gravity 
as  it  moves.  The  characteristics  of  d and  q in  these  three  cases  are  as  follov/s: 

(i)  «.  = constant,  d = 0 and  q is  sinusoidal 

(ii)  q = 0,  a and  are  sinusoidal 

(iii)  d = q,  and  both  are  sinusoidal 

Case  (iii)  is  the  situation  if  a wind-tunnel  model  in  a uniform  stream  is  oscillated  about  the  pitch  axis. 

The  evaluation  of  stability  derivatives  can  be  simplified  by  the  broad  syiTimetries  which  are  usually 
apparent  in  missile  designs*  The  assumptions  of  slenderness  enable  mathematical  methods  to  be  applied  to 
their  calculation.  The  derivation  is  covered  fully  by  Nieljen^  who  uses  a method  due  to  Bryson  which  is 
based  on  considerations  of  apparent  mass. 

The  geome+ilo  simplifications  implicit  in  these  mathematical  methods,  and  their  inability  to  treat 
viscous  effects,  mean  that  experimental  determination  of  the  stability  derivatives  is  of  practical 
iraportance.  Measurement  of  the  aerodynamic  coefficients  by  conventional  wind-tunnel  test  tec^.r.iques  gives 
derivatives  with  respect  to  attitude  parameters  such  as  incidence  angle,  yaw  angle  and  roll  an^le.  Of 
the  rotary  derivatives,  damping  in  pitch  and  damping  in  yaw  can  be  deduced  by  analysis  of  the  static 
pitching  moments  and  yawing  moments^.  Other  wind-tunnel  methods  require  an  oscillatory  support  mechanism 
which  will  impart  a cyclic  pitching  or  yawing  motion  to  the  model.  This  oscillatory  motion  cm  be  either 
forced  or  unforced.  Techniques  and  results  relevant  to  low  aspeev  ratio  wings  are  described  in  Refs  3‘-”36. 
Damping  in  roll  can  be  measured  by  inducing  a continuous  rolling  motion. 

Although  missiles  in  flight  generally  follow  a constantly  changing  flight  path,  the  values  of  the 
damping  derivatives  are  not  always  of  major  importance. 

4 MAGIIUS  EFFECTS 

Instead  of  being  stabilised  by  means  of  tail  fins,  projectiles  can  be  stabilised  by  being  spun  at 
high  speed  about  their  longitudinal  axis.  This  is  particularly  popiflar  for  projectiles  fired  from 
cylindrical  guns.  Spin  stabilisation  works  because  of  its  gyroscopic  effect  on  the  projectile  and  not 
for  aerodynamic  reasons.  There  is,  however,  an  aerodynamic  effect  called  the  Magnus  effect,  v;hich  is 
associated  with  spinning  bodies,  and  in  the  case  of  spin-stabilised  projectiles  Magnus  effects  can  lead 
to  instability  and  dispersion. 

The  simplest  demonstration  of  Magnus  effect  is  provided  by  an  infinite  cylinder  at  right  angles  to  a 
uniform  stream#  If  the  cylinder  is  at  rest  there  is  no  steady  force  at  right  angles  to  the  free  stream 
direction,  but  if  the  cylinder  is  spinning  about  its  axis  a force  is  generated.  This  force  is  proportioi^l 
to  the  density  and  velocity  of  the  airstream  and  to  the  circulation  about  the  cylinder.  As  in  the  case  of 
a conventional  aerofoil  at  an  angle  of  incidence  this  circulation  could  not  exist  in  an  inviscid  fluid,  and 
therefore  the  Magnus  effect  can  be  expected  to  depend  on  the  state  of  the  boundary  layer  around  the  cylinder. 

If  we  now  consider  a spinning  cylinder  with  its  axis  making  an  angle  not  equal  to  $0^  with  the  stream 
direction,  a similar  Magnus  force  is  obtained  at  right  angles  to  the  incidence  plane.  In  addition  to 
causing  a side  force,  the  Magnus  effect  also  gives  rise  to  a yawing  momenl , which  may  be  unstable.  It  is 
convenient  to  associate  this  Magnus  force  and  moment  with  the  cross-flow  component  of  the  flow  past  the 
inclined  body  on  the  analogy  of  the  twodimensional  cylinder,  but  the  development  of  the  boundary  layer 
separation  in  the  two  cases  may  be  quite  different.  If  the  incidence  exceeds  some  moderate  value,  the 
spinning  of  the  cylinder  causes  the  separated  body  vortices  to  take  up  asymmetric  positions,  giving  rise 
to  a side  force  and  yawing  moment  which  is  not  due  to  the  same  flow  mechanism  as  Magnus  effects. 

Since  Magnus  effects  depend  on  boundary  layer  characteristics,  the  experimental  measurement  of  their 
magnitude  is  very  sensitive  to  the  flow  characteristics  in  the  wind  tunnel  or  ballistic  rar^  being  used. 

It  is  therefore  not  surprising  that,  in  the  past,  experimental  results  have  shown  considerable  scatter,  but 
the  realisation  of  the  importance  of  the  boundary  layer  may  lead  to  more  reliable  data.  Theoretical  esti- 
mation methods  have  so  far  not  yielded  satisfactory  comparison  with  experiment,  and  are  probably  over- 
simplified, A recent  review  of  the  subject  of  Magnus  effects  has  been  written  by  Jacobson^?,  Pinned 
bodies  are  sometimes  spun  to  comparatively  hi^  angular  rates  in  order  to  reduce  the  likelihood  of  roll- 
yaw  coupling,  and  spin  effects  on  such  configurations  are  sometimes  loosely  referred  to  as  ”Magnus  effects” 
though  their  origin  does  not  lie  in  the  flow  mechanism  associated  with  spinning  cylinders. 

As  has  already  been  remarked,  bodies  at  high  incidence  angles  and  with  no  rolling  motion  may  have  an 
asymmetric  separated  vortex  pattern.  In  such  circumstances  if  the  body  is  spun  rapidly  it  would  be 
difficult  to  separate  Magnus  force  and  moment  from  that  due  to  the  high  incidence  angle. 

5 CR0SS-C0UPLIM3 

This  term  applies  to  missile  behaviour  arising  either  from  the  relative  magnitudes  of  the  moments  of 
inertia  of  the  missile  about  the  3 principal  axes,  called  inertia  cross-coupling,  or  from  the  fact  that  a 
change  in  one  independent  variable  can  affect  more  than  ono  component  of  force  or  moment.  This  is  called 
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aerodynamic  cross-coupling.  For  example,  at  a given  total  incidence  angle  a change  in  roll  angle  can  in 
practice  change  not  only  the  rolling  moment  but  also  the  forces  in  and  at  right  angles  to  the  total 
incidence  plane.  Simple  linecirised  inviscid  theory  would  predict  no  change  in  these  forces.  The  low 
aspect  ratio  configurations  typical  of  weapons  lend  theniselves  to  inertia  cross-coupling  as  vjell  as 
aerodynamic  cross-coupling,  and  the  number  of  possible  coupled  motions  is  large.  The  need  for  a full 
understanding  of  the  aerodynamic  characteristics  of  a weapon  is  therefore  obvious,  and  this  must  include 
non-linear  effects  as  well  as  linear  effects,  viscous  effects  as  well  as  inviscid  effects.  It  follows 
that  linearised,  inviscid  calculations  of  the  aerodynamic  coefficients  and  derivatives  are  likely  to  miss 
characteristics  which  have  an  important  bearing  on  the  dynamic  behavioiu-.  The  value  of  experimental  wind- 
tunnel  data  is  thus  evident. 


In  the  case  of  a guided  weapon  the  autopilot  may  b able  to  compensate  adequately  for  any  undesirable 
flight  behaviour  arising  from  cross-coupling  effects,  but  these  effects  may  have  more  serious  results  on 
the  trajectory  of  an  unguided  weapon,  such  as  a free  fall  bomb.  Severe  instabilities  can  occur  which 
cause  the  bomb  to  fall  far  away  from  the  target.  Among  these  instabilities  are; 


(i)  Roll-yaw  resonance  instability.  This  can  be  predicted  by  linear  theory  to  arise  from  the 
presence  of  small  configuration  asymmetries,  together  with  an  acceleration  in  roll  leading  to  roll 
frequencies  which  resonate  with  the  pitching  frequency.  The  magnitude  of  the  resulting  instability 
depends  upon  the  rate  with  which  the  resonant  region  is  traversed. 

(ii)  Catastrophic  yaw  may  occirr  in  missiles  with  low  roll  rates  and  is  caused  by  rolling  moments 
and  yawing  moments  which  depend  on  both  yaw  angle  and  roll  attitude.  It  is  essentially  non-linear. 

(iii)  Magnus  instability,  which  occurs  at  hig^i  roll  rates,  with  destabilising  moments  which  are 
dependent  on  both  spin  rate  and  yaw  angle. 

In  Ref  38,  Regan  et  al  discuss  these  problems  and  some  measirres  which  have  been  taken  to  study  them 
and  tackle  them. 

In  the  case  of  guided  weapons,  cross-coupling  effects  can  affect  the  response  to  control  deflection. 
For  example,  we  have  already  observed  that  with  a cruciform  combination  at  an  asymmetric  roll  angle  there 
will  in  general  he  a rolling  moment.  If  one  of  these  pairs  of  surfaces  is  an  all-moving  control  which  is 
then  deflected  symmetrically,  there  will  he  a resultant  change  in  rolling  moment  as  well  as  a force 
increment  perpendicular  to  the  plane  of  the  control.  Once  again,  the  need  for  comprehensive  wind-tunnel 
tests  to  determine  the  magnitude  of  such  effects  is  emphasised. 
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AERODYNAMICS  OF  LOW  ASPECT  RATIO  WINGS 
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summary 

The  lecture  deals  with  the  types  of  wings,  which  generally  find 
application  on  missiles,  that  is  with  wings  having  delta,  rectangular, 
trapezoidal,  or  other,  planform.  of  more  or  less  small  aspect  ratio. 

An  overview  over  the  available  experimental  evidence  for  the  flow  - 
fields  of  such  wings  is  given,  as  well  as  a discussion  of  measured 
pressure  distributions,  forces,  and  moments  at  low  and  high  speeds; 
also  the  influence  of  Reynolds  number  is  considered.  Various  methods 
to  predict  the  aerodynamic  characteristics  of  such  wings  are  reviewed 
and  comparisons  are  made  between  theoretical  and  experimental  results. 
An  extensive  list  of  references  is  provided. 
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1.  INTRODUCTION 

Missiles  typically  have  wings  which  are  rather  long  and  narrow,  i.e.,  slender,  with  aspect 
ratios  being  around  A = 1 + 2.  Often  a delta  or  near  delta  planform  is  used;  but  others,  like  rec- 
tangular, trapezoidal,  arrow,  etc.,  have  found  applications,  too.  We  shall  rarely  encounter  an 
aerodynamically  sophisticated  profile,  often  the  wing  or  fin  is  simply  a more  or  less  thin,  flat  plate 
which  has  aerodynamically  sharp  edges  everywhere.  In  general,  missiles  have  their  wings  in  a 
cruciform  arrangement.  To  provide  an  example.  Fig.  2 shows  the  air -ground  guided  missile  "jumbo", 
with  its  more  or  less  delta  wings  and  trapezoidal  fins  in  cruciform  arrangements. 

These  low  aspect  ratio  wings,  used  on  missiles,  are  in  various  respects  quite  different  to 
those  used  on  airplanes,  which  generally  have  more  or  less  large  aspect  ratios.  In  Fig.  3 some  of 
the  essential  aspects  of  each  type  of  wing  are  shown  schematically  and  compared  to  each  other.  On 
one  side,  there  is  the  large  span  wing  of  an  airplane;  it  has  a carefully  designed  profile  with  a 
rounded  nose,  exhibiting  a flow  which,  over  a certain  range  of  incidences  and  flight  speeds,  stays 
attached  on  the  major  portion  of  the  wing  surface.  A vortex  sheet  leaves  the  trailing  edge,  rolling 
up  downstream  from  its  edges  in  the  well  known  manner.  The  high  aspect  ratio  wing  experiences 
a lift  force  which,  in  a certain  range,  depends  linearly  on  the  angle  of  incidence  and,  correspond- 
ingly, is  dealt  with  by  the  socalled  "linear"  theories,  as  will  be  treated  later  on. 

On  the  other  side,  there  is  the  low  aspect  ratio  wing.  In  the  case  of  the  delta  wing  depicted 
in  the  figure,  we  may  consider  simply  a more  or  less  thin  plate  with  aerodynamically  sharp  leading 
edges.  Its  flow  field  is  characterized  by  the  fact  that  the  flow  separates  not  only  at  the  trailing 
edge  but  also  at  the  leading  edges;  the  vortex  sheets  leaving  there  are  coiling  up  to  form  the  fa- 
miliar leading-edge  vortices  above  the  wing.  Such  a flow  field  leads  to  a nonlinear  dependence  of 
the  lift  force  on  the  angle  of  incidence,  as  is  shown  on  the  lower  right-hand  side  of  the  figure.  The 
study  of  these  wings,  with  such  vortex  flows,  led  to  the  nonlinear  theories,  which  became  neces- 
sary in  order  to  describe  the  physical  facts  more  correctly  than  the  linear  theories  can. 

The  material  to  be  presented  in  the  following  on  such  low  aspect  ratio  wings  with  various 
planforms  is  to  a great  part  intended  to  provide  an  insight  into  the  flow  field  generated  by  the 
wings  and  to  discuss  some  of  the  effects  of  the  flow  on  the  wings.  This  should,  in  the  end,  be  of 
help  in  the  design  of  a wing  with  some  desired  properties.  To  this  end,  we  shall  make  use  of  ex- 
perimental evidence,  as  obtained  in  wind  or  water  tunnels  by  various  flow  visualization  techniques 
and  from  pressure  measurements  made  on  the  model  surfaces  or  in  the  outer  flow.  Some  results 
of  force  measurements  will  then  be  presented  to  give  an  idea  of  the  aerodynamic  characteristics 
of  such  wings.  U has  to  be  kept  in  mind,  however,  that  the  wings  or  fins,  in  the  end,  will  be  used 
in  the  presence  of  the  missile  body,  which  may  influence  the  flow  about  the  wing  considerably. 

In  a second  part,  a survey  will  be  given  on  various  theoretical  methods  for  the  prediction  of 
the  aerodynamic  characteristics  of  low  apsect  ratio  wings  with  different  planforms.  Results  obtained 
from  some  of  the  theories  will  be  compared  to  the  results  from  experiments. 

2.  EXPERIMENTAL  EVIDENCE 
2.1  Delta  Wings 

We  shall  at  first  deal  with  wings,  which  have  a delta  planform  or  nearly  so,  and  which  are 
often  just  flat  plates,  with  sharp  leading  edges.  The  wings,  we  are  interested  in  here,  are  often 
thin  and  quite  narrow,  compared  to  their  length,  i.e.,  their  leading  edges  are  swept  back  pro- 
nouncedly. As  we  have  already  seen  in  Fig.  2 the  "Jumbo"  missile  is,  for  example,  equipped  with 
such  wings. 

When  such  a slender  delta  wing  with  sharp  leading  edges  is  placed  in  an  uniform  flow,  which 
is  incompressible  to  start  with,  at  some  angle  of  incidence,  it  produces  a flow  field  which  is  shown 
schematically  with  its  principal  features  in  Fig.  4.  At  the  leading  edges  the  flow,  approaching 
them  on  the  lower  and  upper  surface,  separates.  A stream  surface  leaves  from  each  edge,  across 
it  the  velocity  vector  jumps  in  direction  , therefore  constituting  a vortex  sheet.  The  magnitude  of 
the  velocity  vector,  on  the  other  hand,  must  not  change  discontinuously  through  the  vortex  sheet, 
as  the  sheet  cannot  sustain  a pressure  jump  from  one  side  to  the  other.  Each  sheet  rolls  up  into 
a So-called  vortex  core  above  the  suction  side.  These  leading-edge  vortices  are  characteristic  for 
the  flow  field  past  such  a slender  delta  wing  at  incidence  and  they  are  found  in  a wide  Mach  number 
range . 

In  a real  flow,  there  are  always  at  least  small  effects  of  the  viscosity  of  the  fluid  present.  The 
changes  in  velocity  are  actually  continuous,  although  they  occur  across  a small  distance.  The  con- 
cept of  a discontinuity  is  an  idealization  which,  however,  has  proved  to  be  very  useful  for  theo- 
retical analysis,  an  example  being  the  treatment  of  the  trailing  vortex  sheet  for  large  aspect  ratio 
wings.  Such  types  of  flow  with  vortex  sheets  have  been  treated  extensively  by  D.  KOchemann  and 
D.  KOchemann  and  J.  Weber  in  Ref.  1 and  Ref.  2,  respectively,  and  the  reader  is  referred  to 
these  papers  for  a very  detailed  treatment  of  vortex  motions. 
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By  means  of  an  adequate  flow  visualization  technique,  one  can  readily  demonstrate  the  pre- 
sence of  such  a pair  of  leading-edge  vortices  above  the  wing  in  a flow  at  incidence.  Figure  5 
shows  the  development  of  the  flow  with  Incidence  for  a low  aspect  ratio,  sharp-edged  delta  wing 
at  a high  subsonic  Mach  number  up  to  high  angles  of  attack.  It  is  evident  from  the  flow  pictures 
that  on  such  a wing  the  same  type  of  flow  is  preserved  up  to  large  incidences,  and  that  it  deve 
ops  in  a regular  manner,  at  least  as  far  as  one  can  tell  from  the  pictures. 

A limit  to  this  orderly  vortex  flow  pattern  on  a slender  delta  wing  is  set  at  higher  angles  of 
attack  by  what  is  called  "vortex  breakdown"  or  "vortex  bursting".  It  is  observed  that  the  vortex 
cores  above  the  wing  undergo,  at  some  sufficiently  high  incidence,  an  abrupt  change.  In  smoke 
flow  visualization  or  in  Schlieren  pictures  one  can  see  that  the  vortex  cores  increase  their  dia- 
meters suddenly  at  a certain  point,  the  so-called  "breakdown"  point.  Measurements  in  the  region 
downstream  of  this  point  have  shown  that  the  velocities  are  decreased  considerably  here,  the  flow 
being  diffuse  and  of  turbulent  nature.  The  phenomenon  is  actually  first  observed  downstream  of  the 
trailing  edge  of  the  wing,  moving  upstream  with  increasing  angles  of  incidence,  then  crossing  the 
trailing  edge,  and  progressing  forward  on  the  upper  side  of  the  wing.  Here  the  influence  on  the 
aerodynamic  characteristics  can  become  noticable  and,  as  in  the  case  of  the  lift,  quite  unfavour- 
able. In  Fig.  6,  we  can  observe  how  the  vortex  flow  on  wings  of  various  aspect  ratios  breaks 
down  near  the  trailing  edge,  spreading  over  the  wing.  We  shall  discuss  another  example  of  flow 
with  vortex  breakdown  later  (Fig.  34  );  there  the  phenomenon  is  observed  by  means  of  the  Schlieren 
method. 

The  angle  of  attack  at  which  vortex  breakdown  occurs  on  the  wing,  say,  at  the  trailing  edge, 
depends  strongly  on  the  aspect  ratio,  that  is,  on  the  leading-edge  sweep.  This  is  clearly  demon- 
strated in  the  flow  visualizations  shown  in  Fig.  6.  It  can  be  seen,  that  with  decreasing  leading- 
edge  sweep  the  (critical)  angle  of  attack  is  decreasing,  for  which  breakdown  is  observed  on  the 
rear  part  of  the  wing.  This  dependence  of  the  critical  incidence  on  the  leading-edge  sweep  is 
plotted  in  Fig.  7,  based  on  the  results  of  number  of  tests  carried  out  in  a water  and  various  wind 
tunnels,  as  reported  by  H.  Werl4  in  Ref.  3. 

Vortex  breakdown  is  found  under  various  circumstances  in  different  forms;  it  is  not  restricted 
to  the  flow  above  slender  delta  wings.  It  usually  occurs,  when  a vortex  flow  penetrates  into  a 
region  with  an  adverse  pressure  gradient  in  the  outer  flow,  it  is  connected  with  an  abrupt  change 
in  the  velocity  distribution  of  the  vortex  flow.  A number  of  theories  or  proposals  habe  been  brought 
forward,  to  explain  why  this  sudden  change  in  the  flow  structure  takes  place,  under  what  circum- 
stances it  appears  and  what  form  it  takes.  These  attempts  have  taken  two  different  directions, 
either  relating  the  phenomenon  to  flow  instability  or  to  other  causes.  It  is  believed,  that  there  is 
not  necessarily  only  one  theory  which  would  be  applicable  to  all  the  various  forms  of  vortex  break- 
down. The  various  approaches  have  been  discussed,  e.g. , by  H.  Ludwieg  in  Ref.  4 and  by 
M.G.  Hall  in  Ref.  5.  More  recently  a contribution  to  this  subject  has  been  given  by  Y.  Hayashi 
and  T.  Nakaya,  Ref.  6. 

The  same  type  of  regular  vortex  flow  above  the  wing  is  found  for  a wide  range  of  Mach  num- 
bers. It  exists  also  at  supersonic  speeds,  as  long  as  the  leading  edges  are  subsonic,  i.e.,  as 
long  as  they  are  swept  back  behind  the  Mach  cone  originating  in  the  apex  of  the  wing.  As  the 
component  of  the  free-stream  Mach  number  in  a plane  normal  to  the  leading  edge,  M^  , approaches 
unity,  the  leading-edge  vortices  vanish.  There  is  then  a change  to  a supersonic  expansion  of  the 
flow  around  the  edges.  Shocks  and,  eventually,  shock  induced  separations  may  occur  inboard  on 
the  suction  side.  On  the  pressure  side,  with  increasing  Mach  number,  M,,,  an  initially  detached 
shock  moves  closer  to  the  wing  and  subsequently  attaches  at  the  leading  edges.  These  types  of  flow, 
for  a thin  delta  wing  at  supersonic  speeds,  arc  depicted  schematically  in  Fig,  8.  as  reported  by 
L.C.  Squire  in  Ref.  7.  On  the  right  hand  side  the  flow  regions  are  indicated  for  three  wings 
having  different  leading-edge  sweep,  0 , for  actual  flight  conditions;  i.e.  flight  Mach  number, 
and  angle  of  attack,  a.  Further  studies  to  obtain  information  about  the  lee-side  flow  over  delta 
wings  in  a range  of  supersonic  Mach  numbers  and  angles  of  attack  have  been  performed  hy 
J.  Szodruch  and  U.  Ganzer.  their  results  have  been  reported  in  Ref.  8. 

The  flow  regime,  in  which  the  free-stream  velocity  component  normal  to  the  leading  edges  is 
sonic  or  near  sonic  has  been  investigated  experimentally  (and  theoretically)  by  various  authors,  e.g. 
D.  KUchemann,  see  Ref.  9 . H.  Each  studied  the  behaviour  of  the  bow  shock  wave  of  a thick  delta 
wing  with  sharp  leading  edges  in  supersonic  flow  at  zero  incidence,  when  the  leading  edges  pass 
from  being  subsonic  to  supersonic  (Ref.  10.).  Fig.  9 shows,  how  the  bow  shock  wave  is  displaced 
outwards  more  and  more,  relative  to  the  Mach  cone,  when  the  edges  go  from  subsonic  to  super- 
sonic. Even  in  the  case  of  a supersonic  leading  edge  the  bow  shock  wave  may  be  detached. 


We  now  turn  to  a more  detailed  description  of  the  structure  of  the  flow  past  a low  apsect  ratio 
delta  wing.  In  Fig.  10  is  given  an  Interpretation  of  a visualization  of  the  flow  at  the  wing  surface, 
which  was  obtained  at  an  angle  of  incidence,  * 17  , at  a transonic  Mach  number  by  W,  ,I . Rainturd 

et  al.  in  Ref.  11.  One  can  find  there,  in  spanwise  direction,  a sequence  of  attachments  of  the  flow 
to  the  wing  surface  and  separations  of  the  boundary  layer  flow.  We  observe  also  on  the  suction 
side  of  the  wing  that  there  is  not  only  a leading-edge,  or  primary,  vortex  present,  but  also  a 
secondary  and  even  a very  small  tertiary  vortex  is  found  inboard  of  the  edge. 
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The  boundary  layer  on  the  wing's  suction  side  is  now  considered  more  closely  for  the  flow 
directed  outwards  after  attachment  has  occurred  inboard.  The  initially  laminar  boundary  layer  has 
on  the  forward  part  of  the  wing  relatively  short  running  lengths,  it  stays  laminar  outwards  to  the 
line,  where  it  separates  in  the  adverse  pressure  field  of  the  leading-edge  vortex.  The  boundary 
layer  flow  far  enough  rearwards  on  the  wing  has  running  lengths  which  are  long  enough  to  allow 
transition  to  a turbulent  boundary  layer  flow . This  flow  will  also  separate  near  the  leading  edge,  but 
farther  outboard,  as  the  turbulent  boundary  layer  is  now  able  to  penetrate  farther  into  the  adverse 
pressure  field.  Figure  11,  on  the  left  hand  side,  depicts  schematically  the  different  boundary  layer 
flow  regions,  together  with  the  separation  lines  on  a slender  delta  wing.  On  the  right  hand  side  of 
the  figure  is  plotted  the  Reynolds  number.  formed  with  the  distance  from  the  apex  to  the 

kink  in  the  boundary  layer  separation  lines,  which  marks  the  first  transition  from  laminar  to  tur- 
bulent boundary  layer  flow.  The  diagram  shows  (for  constant  free-stream  velocity),  how  the  region 
of  turbulent  boundary  layer  flow  spreads  forward  on  the  wing  with  increasing  angles  of  incidence. 
These  results  of  investigations,  made  by  D.  Hummel,  were  reported  in  Ref.  12  by  H.  Schlichting. 

Turning  now  to  the  pressure  field  of  the  wing,  we  shall  see  how  this  can  be  brought  into  con- 
nection to  the  observed  flow  phenomena.  In  Fig.  12  is  given,  in  a schematic  presentation,  how  the 
wall  pressures,  on  the  pressure  and  suction  sides  of  a slender  delta  wing  are  distributed  in  span- 
wise  direction.  There  are  distinct  suction  peaks  in  the  pressure  distribution  on  the  upper  surface 
which  can  be  related  immediately  to  the  vortex  flows  above  the  wing.  The  primary  and  secondary 
vortices  induce  velocities  with  a corresponding  pressure  distribution  on  the  wall,  as  shown  in  the 
upper  part  of  Fig.  12.  Right  underneath  a vortex,  there  are  high  induced  velocities  and  the  low 
pressures  showing  up  as  suction  peaks.  Some  results  of  pressure  measurements  on  a slender  delta 
wing  in  incompressible  flow,  obtained  by  D.  Hummel  in  Ref.  13,  are  depicted  in  Fig.  13.  We  have 
the  distribution  of  pressures  in  spanwise  direction  on  pressure  and  suction  side,  at  various  chord- 
wise  stations.  Also  given  are  curves  obtained  from  the  theories  of  J.H.B.  Smith  and  R.  T.  Jones, 
respectively,  which  will  be  discussed  later.  The  experimental  results  obtained  on  the  suction  side 
show  over  the  greater  part  of  the  wing,  except  for  the  rearward  section,  several  suction  peaks  in 
the  spanwise  pressure  distributions,  which  can  be  attributed  to  the  various  vortices  above  the  wing: 
the  leading-edge  vortex,  the  secondary  and  even  a tertiary  vortex  in  this  case.  On  the  lower  sur- 
face, we  find  that  the  overpressures,  nearly  constant  about  the  axis,  are  varying  smoothly  towards 
the  leading  edge. 

The  flow  on  such  a low  aspect  ratio  delta  wing,  at  an  angle  of  incidence  o!  a - 20.5°  has 
been  studied  in  detail  by  D.  Hummel,  for  laminar  and  turbulent  boundary  layers,  see  Ref.  14.  In 
both  cases  it  turned  out  that  the  flow  field  was  non-conical.  The  presence  of  a secondary  vortex 
has  two  main  effects  on  the  flow  field:  There  exists  a displacement  effect  by  which  the  leading-edge 
vortex  is  shifted  inwards  and  upwards,  leading  to  an  Inboard  movement  and  a reduction  of  the  suc- 
tion peak  of  the  pressure  distribution.  Furthermore,  there  exists  a vorticity  effect,  which  increases 
the  suction  in  the  region  of  the  secondary  vortex.  For  turbulent  boundary  layers  the  effects  are 
small,  they  are  large  for  laminar  boundary  layers.  This  is  due  to  the  fact,  that  turbulent  boundary 
layers  stay  longer  attached  and  form  a small  secondary  vortex,  whereas  the  laminar  boundary  lay- 
ers separate  early  and  lead  to  a large  secondary  vortex. 

Hummel  also  determined,  from  his  experiments, the  bound  vortex  lines  in  the  wing,  both  for 
laminar  and  turbulent  boundary  layers.  It  was  found,  that  free  vortices  are  shed  from  the  trailing- 
edge,  with  rotation  opposite  to  that  of  the  leading-edge  vortex.  This  trailing  vorticity  is  larger  for 
laminar  than  for  turbulent  boundary  layers  at  the  trailing-edge. 

Also,  extensive  pressure  measurements  were  carried  out  downstream  of  the  wing  trailing-edge 
in  planes  perpendicular  to  the  free  stream  for  the  case  of  turbulent  boundary  layers  at  the  edge.  The 
formation  of  a concentrated  trailing  vortex  has  been  observed,  with  rotation  opposite  to  that  of  the 
leading-edge  vortex.  This  trailing  vortex  starts  at  about  70)^  of  semispan  and  travels  downstream  on 
a helical  path  around  the  leading-edge  vortex.  At  the  center  of  this  trailing  vortex  high  velocities, 
as  well  as  total  and  static  pressure  minima  were  found.  Fig.  14  shows  the  plot  of  such  a total 
pressure  distribution  in  a plane  downstream  of  the  wing,  taken  from  Ref.  14  . The  secondary  vor- 
tex decays  rapidly  downstream  of  the  trailing  edge,  its  remains  are  rolled  up  into  the  trailing 
vortex. 

We  now  consider  results  of  such  pressure  measurements  carried  out  on  a slender  delta  wing 
in  compressible  flow  as  reported  by  W.  Stahl  et  al.  in  Ref.  15.  The  spanwise  pressure  distributions 
on  the  suction  side  at  various  sections  in  the  Mach  number  range  from  = 0.7  to  1.2  are  shown 

in  Fig.  15.  Curves  have  been  drawn  only  through  the  points  of  the  front  section  II  and  the  rear 
section  IV.  The  variation  of  the  pressure  coefficient  again  is,  essentially,  what  would  be  expected  for 
such  a slender  wing.  There  is,  however,  a pronounced  difference  between  the  fore  and  aft  sections 
around  the  suction  peaks  and  farther  outboard.  In  the  forward  part  of  the  wing,  the  suction  peak  is 
much  lower  and  farther  inboard;  this  feature  is  observed  in  the  whole  Mach  number  range  and  at  all 
incidences.  A plausible  explanation  can  be  given,  realizing  the  large  differences  in  running  lengths 
of  the  boundary  layer  of  the  outward  flow,  underneath  the  leading-edge  vortex.  Oil  flow  pictures 
provided  some  insight  into  the  flow  field  in  question.  Thus  it  can  be  expected  on  the  front  porticxi 
of  the  wing,  where  only  short  running  lengths  are  possible,  that  a laminar  layer  separates  early 
in  the  adverse  pressure  field  between  the  leading-edge  vortex  core  and  the  edge.  Farther  back  on 
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the  wing  the  running  lengths  become  sufficiently  long,  so  that  transition  is  possible  and  a turbulent 
boundary  layer  is  able  to  penetrate  closer  to  the  leading  edge. 

The  fact,  that  the  state  of  the  boundary  layer  on  the  suction  side  of  the  wing  has  such  a strong 
effect  on  the  pressure  distribution  led  to  the  investigation  of  the  influence  of  the  free-stream  Rey- 
nolds number  for 
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and  of  the  influence  of  a transition  strip. 

The  spanwise  pressure  distributions  on  the  suction  side  as  shown  in  Fig.  16  for  = 1, 

depend  on  Reynolds  number  especially  near  the  suction  peak.  The  pressure  distributions  suggest 
that  for  the  high  Reynolds  numbers  Re  ^ 3.8  • 10®,  a turbulent  boundary  layer  separates  close 
to  the  leading  edge;  this  view  is  also  supported  by  oil  flow  pictures.  At  low  Reynolds  numbers, 
there  is  probably  a laminar  boundary  layer  flow,  with  a secondary  separation  farther  inboard.  The 
influence  of  Reynolds  number  on  the  pressure  distribution  of  the  pressure  side  is  not  very  marked. 

Furthermore,  attempts  were  made  to  get  aitificial  transition  by  means  of  a carborundum  band, 
extending  from  the  apex  back  to  the  trailing  edge  at  40  ^ semi-span.  The  pressure  distribution  at 
low  Reynolds  numbers  with  the  transition  strip  becomes  similar  to  that  at  high  Reynolds  numbers, 
though  not  attaining  as  high  suction  peaks,  see  Fig.  17.  In  this  connection,  attention  is  drawn  also 
to  the  pressure  measurements  on  a slender  rhombic  cone,  which  were  carried  out  by  J.H.B.  Smith 
and  A.G.  Kurn  and  reported  in  Ref.  16. 

The  influence  of  Mach  number  on  the  spanwise  pressure  distribution,  at  the  middle  section,  on 
the  suction  and  pressure  sides,  is  shown  in  Fig,  18.  The  pressure  coefficient,  Cp  , increases  on 
both  sides  of  the  wing  with  increasing  Mach  number;  the  tendency  is  reversed  at  Mqq  = 1.1  on 
the  pressure  side  and  in  the  inner  part  of  the  suction  side.  It  is  also  evident,  that  the  suction 
peak  becomes  less  and  less  pronounced.  The  losses  on  the  suction  side  with  Mach  number  are 
largely  compensated  by  gains  on  the  pressure  side,  but  there  is  still  some  decrees;  in  load  with 
increasing  Mach  number  at  the  section  discussed. 

We  have  so  far  considered  the  pressures  acting  on  the  wing.  Of  course,  we  must  take  account 
of  the  viscous  effects,  too,  which  are  present  in  any  real  flow.  There  are  the  boundary  layers, 
developing  at  the  wall  in  the  usual  manner,  and  corresponding  wall  shear  stresses  are  exerted  on 
the  wing  tangentially.  The  forces,  due  to  these  pressures  and  shear  stresses  are  adding  up  to  the 
total  force,  exerted  by  the  fluid  on  the  wing.  We  shall  have  a look  at  some  experimental  evidence 
obtained  for  the  various  force  components.  Fig.  19  gives  the  results  of  three-component  measure- 
ments on  three  delta  wings  of  aspect  ratio  A = 1.0,  1.6  and  2.3  in  low  speed  flow,  as  reported 
in  Ref.  17.  We  see,  that  the  lift  varies  in  a nonlinear  way  over  a large  range  of  angles  of  attack. 
This  nonlinearity  of  the  lift  curve,  with  increasing  slopes,  is  characteristic  for  such  slender 
wings  with  leading-edge  vortices,  as  was  mentioned  already  in  the  beginning.  We  remember,  that 
wings  of  large  aspect  ratios  ( A ^ 5),  with  their  rounded  leading  edges  and  with  only  little  or 
moderate  sweepback,  have  a flow  field  which  is  characterized  by  an  attached  flow  round  thr.r 
leading  edges  and  on  most  parts  of  the  wing,  and  that  the  lift  of  such  wings  varies  linearly  with 
incidence. 

The  diagrams  show  also  the  effects  on  lift  and  pitching  moment,  due  to  the  breakdown  of  the 
leading-edge  vortices,  which  has  been  discussed  above.  The  loss  in  lift  at  high  incidences  is  ac- 
tually due  to  two  phenomena,  one  is  that  the  axes  of  the  leading-edge  vortices  are  bending  back 
into  the  free-stream  direction,  and  the  other  is  the  actual  vortex  breakdown  occurring  on  the  wing. 

The  separation  of  these  two  effects  was  reported  by  D.  Hummel  in  Ref.  13. 

Furthermore,  some  results  of  force  measurements  are  presented,  which  were  obtained  in  high 
subsonic,  transonic,  and  supersonic  flow  at  constant  Reynolds  number;  the  data  were  reported  in 
Refs.  15  and  18.  The  normal  force  coefficient,  c-,  , is  shown  in  Fig.  20  as  a function  of  angle  of 
incidence  for  Mach  number  Mg^  = 0.5  to  1.2.  Alt  curves  are  strongly  nonlinear,  as  is  character- 
istic of  such  a slender  wing.  The  dependence  of  the  normal  force  coefficients  on  Mach  number  for 
the  wing  at  various  angles  of  incidence  is  shown  in  Fig.  21.  It  is  seen,  that  c^  changes  little 
with  Mach  number  in  the  high  subsonic  and  transonic  speed  range.  On  the  other  hand,  we  have 
noted  the  dependence  on  Mach  number  of  the  pressure  coefficients  on  the  wing  pressure  and  suction 
sides  in  Fig.  18,  for  this  speed  range.  Also  given  is  the  pitching  moment  about  the  axis  through 
the  center  of  area  (at  2/3  Cg  from  the  apex)  in  Fig.  20.  The  variation  of  the  position  of  the  center 

of  pressure  on  the  wing  with  Mach  number  for  various  angles  of  incidence  is  shown  in  Fig.  22. 

Such  a delta  wing,  being  a conical  body,  should  generate  a conical  flow  field,  especially  in  super- 
sonic flow,  where  the  upstream  influence  of  the  trailing  edge  is  essentially  negligible.  In  a conical 
flow  field,  with  the  flow  properties  constant  along  rays  through  the  apex  of  the  wing  as  the  center 
of  symmetry,  the  center  of  pressure  coincides  with  the  center  of  the  wing  area.  One  can  see  that 
this  is  fulfilled  quite  well  in  supersonic  flow,  at  least  for  the  angles  of  incidence  o > 5°. 
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Let  U8  now  turn  to  the  question  of  what  importance  the  shape  of  the  leading  edge  is.  which  we 
had  up  to  now  taken  to  be  sharp,  in  general.  Fig.  23  depicts  experimental  results,  obtained  on  a 
slender  delta  wing  with  sharp  and  round  edges,  respectively,  as  reported  in  Ref.  19.  It  is  seen, 
from  the  upper  part  of  the  figure,  that  with  the  round  edges,  th;  li-ft  coefficient  of  the  wing  is 
reduced  considerably.  The  flow  from  the  pressure  side  to  the  suction  side  is  now  able  to  remain 
attached  to  the  surface  around  these  edges.  The  flow  will  then  separate  somewhat  inboard  on  the 
upper  surface  and  again  the  familiar  type  of  vortex  flow  is  observed  above  the  wing.  The  nonlinear 
part  of  the  lift,  which  is  due  to  the  vortices,  is  seen  to  be  reduced  in  the  case  of  the  round  edges. 
At  the  bottom  of  Fig.  23  is  depicted  the  corresponding  influence  of  the  leading-edge  shape  on  the 
moment  coefficient  about  an  axis  in  the  apex.  The  effect  of  wing  leading -edge  radius  on  the  longitudinal 
aerodynamic  characteristics  of  highly  swept  wing-body  configurations  has  been  investigated  by 
W.P.  Henderson,  Ref.  20.  In  this  connection,  also  the  work  of  G.  E.  Bartlett  and  R.J.  Vidal,  Ref.  21, 
has  to  be  mentioned. 

A short  discussion  will  now  be  given  here  as  to  what  is  called  ground  effect.  When  the  wing  moves 
near  the  ground,  the  flow  about  the  wing  is  influenced  by  the  proximity  of  the  ground,  and  consequently, 
there  are  certain  ground  effects  on  the  aerodynamic  characteristics.  For  slender  wings,  this  ground 
effect  is  much  more  pronounced  than  for  wings  of  large  aspect  ratio;  the  ground  effect  gives  rise  to  an 
additional  nonlinearity  of  the  lift  curve,  as  was  shown  by  K.  Gersten  and  J.  v.d.  Decken  in  Ref.  22.  The 
wing  near  the  ground  has  a nonlinear  lift  curve,  even  when  the  leading-edge  vortices  are  neglected. 
Experimental,  as  well  as  theoretical  results,  are  given  in  Fig.  24  for  a slender  delta  wing  at  a small 
incidence,  a - 5°.  There  is  plotted  the  lift  coefficient  near  the  ground,  related  to  the  lift  coefficient  far 
from  the  ground,  as  a function  of  the  distance  from  the  ground.  The  lift  coefficient  is  seen  to  be  increased 
in  ground  proximity,  though  the  influence  is  noticeable  only  for  flight  it  close  distance  to  the  ground.  For 
example,  at  a distance  of  one  trailing-edge  span,  the  increase  in  lift  is  only  some  percent.  It  has  been 
pointed  out  in  Ref.  23  by  J . v.  d.  Decken,  that  the  wing  thickness  also  makes  itself  increasingly  felt  when 
the  wing  comes  closer  to  the  ground.  The  aerodynamic  characteristics  of  delta  wings,  which  are  moving 
close  to  the  ground  have  also  been  studied  e.  g.  byS.D.  Ermolenko  et  al.,  Ref.  24,andC.H.  Fox,  Ref.  25. 
Low-speed  normal  force  and  pitching  moment  data  of  slender  wings  in  ground  effect  can  also  be  found  in 
Ref.  26. 


The  influence  of  an  angle  of  yaw  on  the  flow  field  of  a slender  delta  wing  at  incidence  should 
also  be  mentioned.  It  was  found  in  experimental  investigations,  that  the  following  changes  occur. 
Increasing  yaw  angles.  lead  to  a strengthening  of  the  vortex  core  on  the  windward  side  of  the 
wing,  and  it  is  moving  inboard  and  downwards;  the  vortex  core  on  the  leeward  side,  on  the  other 
hand,  is  weakened  and  it  moves  outboard  and  upwards.  The  pressure  distributions  or  the  suction 
side  of  the  wing  show  corresponding  changes  in  position  and  strength  of  the  suction  peaks.  The 
spanwise  variation  of  static  pressures  on  a slender  delta  wing  at  incidence  for  various  yaw  angles 
is  shown  in  Fig.  25;  the  results  were  obtained  by  J.K.  Harvey  in  Ref.  27.  D.  Hummel  and  G. 
Redeker  reported  in  Ref.  28  on  the  influence  of  vortex  breakdown  on  the  aerodynamic  characteristics 
of  slender  delta  wings  at  yaw. 

We  shall  turn  now  to  the  rolling  motion  of  slender  delta  wings  in  low  speed  flow,  as  has  been 
studied,  e.  g.  by  F.  Schlottmann,  Ref.  29.  The  rolling  moments  were  measured  as  a function  of 
the  roll  (angular)  velocity  and  its  time  derivative,  for  various  angles  of  attack.  The  flow  field  of 
the  rolling  wings  was  studied  by  means  of  a surface  flow  visualization  technique  and  smoke.  When 
the  wing  is  rolling  with  zero  angle  of  incidence,  then  one  leading-edge  vortex  is  formed  on  each 
side  of  the  wing,  as  is  shown  schematically  as  case  A in  Fig.  2 6.  This  vortex  configuration  le- 
sults  from  the  antimetric  span  wise  distribution  of  the  incidence,  due  to  the  rolling  motion.  The 
corresponding  rolling  moment  curve  is  nonlinearly  increasing  with  the  roll  velocity.  When  the 
angle  of  incidence  is  increased,  at  constant  angular  velocity,  the  vortex  becomes  stronger  on  the 
side  of  the  wing,  with  the  higher  effective  angles  of  incidence,  resulting  from  the  wing  incidence 
and  the  roll  induced  incidence  distribution;  on  the  other  side  of  the  wing  a weaking  of  the  vortex 
results.  With  increasing  incidence  this  may  lead  to  a flow  pattern,  for  which  the  leading-edge 
vortex  has  disappeared  on  one  side,  while  the  other  one  has  further  increased  its  strength.  This 
situation  is  depicted  schematically  as  case  B in  Fig.  26.  For  even  higher  incidences,  at  constant 
angular  velocity,  the  angle  of  incidence  of  the  wing  outweighs  the  roll-motion  induced  incidence 
distribution,  and  a flow  field  results,  with  both  vortices  lying  now  on  the  same  side  of  the  wing, 
but  having  different  strengths.  This  is  case  C in  the  figure.  The  rolling  moment,  which  corresponds 
to  this  flow,  varies  linearly  with  angular  .eiocity. 

There  are  other  aerodynamic  aspects  of  low  aspect  ratio  delta  wings,  which  will  not  be  dealt 
with  in  any  detail,  but  for  which  a few  indications  to  references  will  be  given.  Measurements  on 
a low  aspect  ratio  delta  wing  (A  = 2)  in  unsteady,  incompressible  flow  were  reported  oy  A.G. 

Parker  in  Ref.  30.  He  determined  the  vortex  location,  vortex  burst  location,  and  upper  surface 
pressure  distributions  in  an  oscillatory  airstream.  Investigations  of  the  flow  field  of  delta  wings 
at  hypersonic  speeds  have  been  performed  by  E.J.  Cross.  Ref.  31,  by  D.  M.  Rao  and  A.  H. 
Whitehead,  Ref.  32, among  others.  The  latter  work  was  performed  with  regard  to  the  problem  of 
intense  heating  observed  on  the  leeward  side  of  wings.  It  is  this  heating  problem  in  connection 
with  the  vortex  flows  that  becomes  of  greater  importance  there,  as  the  surface  pressures  on  the 
lee  contribute  only  little  to  the  aerodynamic  loading  at  high  supersonic  Mach  numbers. 
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This  type  of  flow  past  low  aspect  ratio  delta  wings  at  incidence,  has  found  the  interest  of 
many  research  workers  in  the  past,  not  only  in  connection  with  the  application  to  missiles,  but  also 
in  connection  with  the  development  of  the  "Concorde"  supersonic  transport.  Some  of  the  early-  work 
should  be  mentioned  here;  it  is  due  to,  e.  g.  L.P.  Tosti,  Ref.  33;  M.  Roy,  Ref.  34;  T.  Ornberg, 
Ref.  35;  P.  T.  Fink,  Ref.  36;  D.J.  Marsden  et  al.  Ref.  37;  H.F.  Emerson.  Ref.  38,  to  cite  only 
some. 

2.2  Rectangular  Wings 

We  have  up  to  now  dealt  with  low  aspect  ratio  wings  of.  delta  planform,  because  they  are  used 
quite  often.  Let  us  continue  with  rectangular  planforms  , which  have  applications  on  missiles,  too. 
The  dimensions  of  the  rectangular  wings  of  interest  to  us  are  such  that  span  and  chord  are  of  about 
the  same  magnitude;  i.e.,  the  wings  are,  more  or  less,  of  low  aspect  ratio  again.  Another  possible 
shape  includes  the  trapezoidal  wing;  which  may,  in  Some  cases,  differ  only  little  from  the  rectan- 
gular wing.  If  this  is  the  case,  one  may  expect,  that  their  flow  fields  will  not  differ  in  essence. 
These  wings  now  have  a leading  edge,  as  well  as  a more  or  less  pronounced  side  edge.  We  shall 
try  first  to  get  some  insight  into  the  flow  which  passes  over  the  leading  edge,  and  then  investigate 
what  kind  of  flow  occurs  at  the  side  edges. 

We  consider  the  rectangular  wing,  having  a thin  profile  with  a more  or  less  rounded  nose,  and 
we  assume  that  there  is  a region  in  the  center  part,  where  the  flow  is  not  influenced  too  much  by 
the  flow  over  the  side  edges,  and  can  be  treated  as  being  more  or  less  two-dimensional.  These  thin 
profiles,  in  a flow  at  incidence,  often  do  not  have  the  desired  flow  field  and  pressure  distribution, 
as  is  shown  schematically  in  Fig.  27  on  the  left  hand  side.  Instead,  we  observe  the  type  of  flow 
depicted  on  the  right  hand  side  of  the  figure.  It  is  characterized  by  a separation  bubble  from  the 
leading  edge.  In  this  case,  the  boundary  layer  flow  around  the  leading  edge  is  still  laminar  when  it 
separates  in  the  adverse  pressure  gradient  region.  Further  downstream,  as  a free  shear  layer,  it 
becomes  turbulent  and  the  flow  is  then  able  to  reattach  to  the  wall.  The  separation  bubble  develops 
with  increasing  incidence  from  an  initially  short  bubble  to  one,  which,  at  higher  angles  of  Incidence, 
extends  over  most  of  the  profile  and  finally  into  the  wake.  The  pressure  distribution  on  a thin  pro- 
file with  a flow,  exhibiting  such  a "long  bubble",  is  also  given  schematically  in  Fig.  27.  Compared 
with  the  profile  on  the  left  hand  side,  with  attached  flow,  one  notices  the  reduced  suction  peaks, 
followed  by  a constant  pressure  region  underneath  a large  part  of  the  bubble. 

In  the  case,  in  which  the  wing  is  a thin  flat  plate,  with  a sharp  leading  edge,  we  have  a flow 
which  is  similar  to  that  dealt  with  before.  The  flow,  which  is  attaching  underneath,  will  not  be 
able  to  go  around  the  sharp  edge;  instead  it  will  separate  there  and  reattach  on  the  upper  surface 
of  the  wing  somewhat  downstream.  The  flow  pattern  is  then  again  characterized  by  a leading-edge 
bubble.  Inside  the  bubble  we  have  a rotating  flow.  Results  of  research  work  concerning  the  topic 
of  separation  bubbles  have  been  presented  by  A.  D.  Young  in  Ref.  39, 

We  are  turning  now  to  the  flow  around  the  side  edges  of  a wing  at  incidence.  We  consider 
again  wings  of  rectangular  shape,  flat  plates  with  sharp  edges,  as  were  investigated  by  H.  Winter 
in  Ref.  40.  The  flow  from  the  pressure  side  around  the  side  edge  to  the  upper  side  separates  at 
the  sharp  edge.  A vortex  sheet  is  formed  by  the  separating  stream  surfaces  from  the  lower  and 
upper  wing  surface.  The  vortex  sheet  rolls  up  into  a vortex  core,  which  is  lying  above  the  wing. 
This  vortex  flow  is  shown  schematically  in  Fig.  28.  It  interferes  with  the  flow  passing  around  the 
leading  edge,  which  we  have  discussed  already  above. 

In  Fig.  29  a-b  are  given  the  pressure  distributions  On  the  suction  side  of  a rectangular  plate 
in  a flow  at  angles  of  incidence  a = 8°  and  a - 30°,  respectively.  In  the  case  of  the  flow  at  the 
lower  angle  of  incidence,  we  observe  in  the  spanwise  pressure  distributions  near  the  side  edges 
suction  peaks,  as  we  would  expect  them  underneath  a side-edge  vortex.  At  the  high  angle  of  inci- 
dence, the  flow  in  the  center  part  of  the  wing  is  dominated  by  flow  separations,  while  we  again 
observe,  near  the  side  edges,  the  suction  peaks  which  are  due  to  the  vortices.  The  results  of  force 
measurements,  carried  out  by  H.  Winter  on  a number  of  rectangular  plates  for  a wide  range  of 
aspect  ratios  are  presented  in  the  following  diagrams.  Fig.  30  presents  the  normal  force  coeffi- 
cients as  obtained  up  to  high  angles  of  incidence.  We  notice  immediately  how  the  nonlinearity  of 
the  curves  which  is  due  to  the  vortices  above  the  wing,  increases  as  the  aspect  ratio  of  the  wings 
decreases.  The  vortex  flow  is  then  influencing  the  flow  field  on  the  suction  side  to  a larger  and 
larger  proportion.  In  Fig.  31  the  moment  coefficients  (related  to  the  chord)  are  given  for  these 
wings. 

The  work  of  H.  Winter,  on  which  was  reported  here,  also  contains  the  results  of  investigations 
on  flat  plates  of  other  planforms,  as  elliptical,  semi-elliptical  and  delta. 

There  are  also  results  available  from  the  investigations  of  N.  Scholz,  Ref.  41,  who  carried 
out  force  and  pressure  measurements  on  low  aspect  ratio  wings,  too.  Furthermore,  in  Ref.  42, 
there  are  given  results  by  K.  Gersten  of  lift  measurements  on  a series  of  rectangular  wings  of 
various  aspect  ratios.  Some  of  the  material  is  also  discussed  in  the  book  by  M.  Schlichting  and 
E.  Truckenbrodt,  Ref.  43.  R.H.  Wickens,  in  Ref.  44,  investigated  the  vortex  wake,  as  well  as 
the  distribution  of  the  aerodynamic  load  of  low  aspect  ratio  rectangular  plates.  There  should  also 
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be  mentioned  the  very  early  work  on  such  wings  by  F.  Ahlborn  in  Refs.  45  and  46. 

2.  3 Wings  with  Strakes 

It  has  been  shown,  that  on  highly  swept  back  wings  in  a flow  at  angle  of  incidence  the  flow 
separates  from  the  leading  edges,  forming  the  well  known  roUed-up  vortex  sheets  above  the  wing. 

On  the  other  hand,  on  wings  with  moderate  sweep,  leading-edge  separation  occurs  in  an  erratic  and 
unsteady  manner.  While  the  steady  vortex  separation  on  slender  wings  generates  large  lift  increments, 
the  unsteady  erratic  separation  on  large  aspect  ratio  wings  provides  undesired  effects  such  as  lift 
decay  and  force  fluctuations,  see  e.g.  D.G.  Mabey , Ref.  48.  Techniques  have  been  developed  suc- 
cessfully, to  enhance  the  formation  of  stable  leading-edge  vortices  by  means  of  strakes  or  by  blow- 
ing a discrete  jet  in  spanwise  direction,  but  the  underlying  flow  mechanisms  are  not  well  under- 
stood. It  is  not  intended  here,  to  deal  with  the  technique  of  spanwise  blowing.  A few  references 
must  suffice  as  a possible  introduction  to  the  subject:  The  work  of  J.J.  Cornish.  Ref.  49;  C.J. 

Dixon,  Ref.  50;  H.  Werl4  and  M.  Gallon,  Ref.  51  and  R.G.  Bradley  et  al.  Ref.  52,  to  give  only 
a few  names.  We  shall  give  some  consideration  to  wings  with  strakes  in  the  following,  since  they 
may  find  application  on  missiles,  as  they  have  found  already  on  airplanes. 

In  recent  years,  wing  planforms  have  comeinto  use  with  aircrafts,  which  are  characterized  by 
a so  called  "strake"  ahead  of  the  main  wing.  The  strake  has  the  shape  of  a slender  delta  wing,  or 
nearly  so.  Examples  -are  the  SAAB-35  "Draken"  with  a double  delta  wing  and  the  Northrop  F-5 
"Tiger  II",  having  a trapezoidal  wing  with  strake;  others  are  the  YF-16  of  General  Dynamics  and 
YF-17  of  Northrop.  Such  wings  with  strakes  have  now  also  found  interest  for  application  on  mis- 
siles; thus  it  seems  justified  to  report  here  on  some  of  the  results  which  have  so  far  been  obtained 
in  connection  with  the  use  on  airplanes. 

The  area  of  such  an  additional  delta  wing  in  front  is  usually  only  about  10  of  that  of  the 
main  wing.  Because  of  the  large  sweepback  of  the  relatively  sharp  leading  edges  of  the  strake  one 
has  a strong  vortex  flow  on  the  suction  side,  which  influences  the  flow  towards  and  above  the  main 
wing  and  which  might  be  felt  even  on  the  controls  in  the  rear. 

There  are  two  different  cases  to  be  dealt  with;  these  are  shown  schematically  in  Fig.  32.  On 

wings  which  have  no  or  only  moderate  leading-edge  sweepback  and  rounded  noses  at  small  angles 
of  attack  (and  as  long  as  shocks  are  of  no  importance),  the  vortex  flow  of  the  strake  will  interfere 
with  an  essentially  attached  flow  on  the  main  wing.  The  influence  of  the  strake  vortices  becomes 
of  importance  at  higher  incidence,  when  the  main  wing  would  - without  strake  - exhibit  flow  se- 
parations of  one  or  the  other  type  ( trailing-edge  separation,  separation  bubbles  at  the  leading  edge), 
but  also  in  transonic  flow,  when  there  would  be  shock  induced  separations.  Secondly,  there  is  the 
case,  where  the  main  wing,  too,  has  a leading  edge  which  is  sufficiently  swept  back  and  sharp. 

Then,  we  have  in  a considerable  range  of  incidences  and  Mach  numbers,  the  strake  vortex  flow 
interfering  with  the  main  wing’s  vortex  flow,  as  is  the  case  for  the  double  delta  wing. 

Results  of  experimental  investigations  on  double  delta  wings  at  low  speeds  have  been  presented 
by  V.  Holmboe,  Ref.  53;  W.H.  Wentz  and  M.C.  McMahon,  Refs.  54  and  55;  and  by  P.  Krogmann, 
Ref.  56;  for  high  subsonic  and  supersonic  speeds,  there  are  results,  e.g.  by  E.J.  Hopkins  et  al.  , 
Ref.  57;  V.R.  CorsigUa  et  al.  , Ref.  58  and  W.  Stahl,  Ref.  59. 

As  to  the  effect  of  such  strakes  on  wings  with  essentially  low  sweep  , we  have  the  results 
by  W.  P.  Henderson  and  J.K.  Huffman  in  Ref.  60.  W.  Staudacher  gives  the  results  of  tests  under- 
taken on  an  aircraft  model  having  trapezoidal  and  swept  wings  with  various  strakes  at  subsonic, 

transonic  and  supersonic  speeds  in  Refs.  61  and  62.  W.  Schrbder,  in  Refs.  63  and  64.  reports  on 
flow  investigations  on  wings  with  cranked  leading  edges  and  unswept  and  swept  outer  wings  at  low 
speeds.  W.  Baumert,  in  his  investigation  of  a wing-body  combination  with  a trapezoidal  wing,  made 
velocity  measurements  in  the  outer  flow  above  the  model,  as  well  as  pressure  measurements  on 
the  wall,  see  Refs.  65  and  66. 

In  Fig.  33  results  are  presented  for  a delta  wing  without  and  with  strake  in  subsonic , transonic 
and  supersonic  flow,  as  reported  in  Ref.  59.  The  lift  coefficient  curves  of  the  basic  wing  without 
strake  show  an  abrupt  decrease  at  high  angles  of  attack  for  subsonic  and  transonic  Mach  numbers; 
they  do  not  show  these  jumps  for  the  supersonic  Mach  numbers;  at  least  not  in  the  incidence  range 
investigated.  The  addition  of  the  strake  has  a pronounced  effect  on  the  lift  coefficients  at  high  in- 
cidence in  subsonic  and  transonic  flow;  they  now  further  increase  continuously,  and  it  is  seen  that 
the  abrupt  decrease  in  the  lift  coefficient  in  the  transonic  case  is  displaced  now  to  a larger  in- 
cidence. There  are  now  much  higher  lift  coefficients  available  at  high  incidences. 

An  explanation  is  found  for  the  discontinuities  in  the  lift  curves  of  the  basic  wing  in  the  changes 
occurring  in  the  flow  field  above  the  wing.  The  leading-edge  vortices  at  first  develop  regularly  with 
increasing  incidence;  at  large  enough  incidences  there  is  vortex  breakdown,  observed  first  somewhat 
downstream  of  the  trailing  edge.  With  increasing  incidence  the  breakdown  region  moves  forward, 
crossing  the  trailing  edge  and  progressing  upstream  on  the  wing.  Flow  observations  showed  that  at 
a certain  incidence,  this  region  of  rather  unorganized  vortex  flow  was  jumping  forward,  from  be- 
hind the  trailing  edge,  to  the  suction  side  of  the  wing,  with  only  a very  little  increase  in  incidence; 
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(subsequently  it  was  moving  forward  on  the  wing  relatively  slowly  with  incidence).  This  leads  to  a 
corresponding  abrupt  increase  in  pressure  on  the  upper  side  and  to  the  observed  sudden  decrease 
in  lift.  As  this  does  not  occur  for  both  vortices  at  the  same  incidence,  the  lift  curves  show  two 
discontinuities.  When  we  add  the  strake  to  the  basic  wing,  we  have  vortices  from  the  main  wing 
and  the  forward  panels.  Fig.  34  is  showing  schlieren  pictures  of  the  flow  for  both  the  basic  wing 
and  the  wing  with  strake,  at  a Mach  number  M = 0.9  for  an  angle  of  incidence  a = 18°.  One  can 
immediately  observe  the  effect  of  the  addition  oi  the  strake:  On  the  suction  side  of  the  basic  wing 
the  breakdown  region  reaches  far  forward  on  the  wing  (upper  picture);  on  the  wing  with  strake, 
however,  this  region  is  still  downstream  of  the  trailing  edge  (outside  of  the  picture). 

We  turn  now  to  the  case  where  a trapezoidal  wing  is  fitted  with  a strake.  The  results  given 
in  Fig.  35,  as  obtained  by  W.  Staudacher  in  Ref.  62,  show  the  influence  on  the  lift  coefficient 
when  adding  a strake  to  a trapezoidal  wing  on  a fuselage  at  a Mach  number  of  MgQ=  0.  5.  At  mo- 
derate angles  of  incidence,  there  begins  a gain  over  the  wing  without  strake,  which  becomes  very 
considerable  at  high  incidences.  The  increase  of  maximum  lift  coefficient  for  the  wing  with  strakes 
in  the  regime  of  low  subsonic  to  transonic  velocities,  is  shown  in  Fig.  36;  the  gain  being  consider- 
able up  to  the  transonic  Mach  numbers.  Detailed  investigations  of  the  effect  of  the  strake  vortex 
flow  on  the  flow  above  the  main  wing  at  low  speeds  were  carried  out  by  W.  Baumert;  Refs.  65 
and  66,  on  a trapezoidal  wing  with  aspect  ratio  A = 3.2  on  a cylindrical  body,  the  strake  having 
a leading-edge  sweep,  <p  = 75°.  He  found  that  the  suction  on  the  main  wing  is  reduced  inboard  of 
the  vortices,  the  gain  in  lift  is  effected  on  the  wing  outboard  of  the  vortices. 

On  grounds  of  the  knowledge  obtained  with  aircrafts  about  the  advantageous  aerodynamic  cha- 
racteristics of  wings  with  strakes,  their  application  on  missiles  may  be  envisaged.  Here,  the 
situation  is  somewhat  different,  as  we  have  seen,  that  missile  wings  are  often  just  sharp-edged 
plates  of  small  aspect  ratio.  Their  semispans,  as  well  as  those  of  the  strakes  are  small  compared 
to  the  body  radius.  Furthermore,  wing  and  strake  may  have  to  operate  in  the  presence  of  a long 
forebody.  Experimental  investigations  on  such  a typical  missile  configuration  were  performed  by 
M.  Akcay  et  al,  see  Ref.  67.  The  results  obtained  showed,  that  the  addition  of  strakes,  in  sub- 
sonic and  transonic  flows,  leads  to  considerable  gains  in  normal  force  for  higher  angles  of  inci- 
dence, see  Fig.  37.  Pressure  measurements  on  the  wing’s  upper  surface,  at  Mach  number 

0.83,  revealed  that  with  strake  there  is  considerably  increased  suction  on  the  forward  part 
of  the  wing,  as  is  shown  in  Fig.  38. 

Attempts  have  been  made  to  more  fully  understand  the  underlying  mechanisms  in  the  Interaction 
of  strake  and  main  wing.  S.  P.  Fiddes  and  J.H.B.  Smith,  Ref.  68,  showed  in  a theoretical  investi- 
gation, that  the  strake  vortices  induce  a velocity  field,  which  causes  an  increased  effective  sweep 
of  the  leading  edge  of  the  main  wing  near  the  kink  section  as  well  as  an  increased  effective  in- 
cidence of  the  outboard  region  of  the  main  wing.  Some  of  their  results  are  given  in  Fig.  39.  They 
suggested  that  the  outflows  induced  by  the  strake  vortices  may  be  instrumental  in  delaying  the  low- 
speed  stall  of  the  wing. 

E.  Wedemeyer  in  Ref.  69  presented  a theoretical  study  of  the  stability  of  leading-edge  sepa- 
ration on  delta  wings,  which  is  of  pertinence  in  connection  with  the  subject  of  strake  effects.  This 
investigation  is  an  attempt  to  explain,  why  there  are  two  distinct  types  of  leading-edge  separation. 
The  theory  follows  previous  results  regarding  the  internal  structure  of  leading-edge  vortices  by 
M.G.  Hall  and  H.  Ludwieg  and  their  stability  by  H,  Ludwieg,  see  Refs.  4 and  5. 

In  the  course  of  his  fundamental  investigations  on  the  stability  of  helical  flows,  Ludwieg  has 
shown  that  a stable  leading-edge  vortex,  entering  a region  of  increasing  static  pressure  eventually 
transforms  into  a highly  unstable  structure.  This  finding  was  offered  by  Ludwieg  as  an  explanation 
for  the  vortex  breakdown  phenomenon.  Extending  Ludwieg’ s hypothesis  it  is  supposed  that  the  two 
distinct  types  of  leading-edge  separation  can  be  attributed  to  the  existence  or  non-existence  of  a 
stable  separated  vortex. 

For  slender  delta  wings  computational  methods  have  been  developed,  e.g.  by  C.E.  Brown  and 
W.H.  Michael,  or  J.H.B.  Smith,  discussed  later,  which  permit  approximate  solutions  tor  the  se- 
parated flow  disregarding  the  internal  vortex  structure.  To  these  solutions  are  fitted  Hall’s  solutions 
for  the  vortex  core.  In  this  way,  complete  - though  approximate  - solutions  are  constructed  which 
relate  the  "external”  parameters  angle  of  sweep  and  angle  of  incidence  to  the  "internal"  parameters 
which  characterize  the  structure  of  the  vortex  core,  i.e.  the  velocity  distributions  within  the  core. 
Considerations  of  the  stability  of  the  corresponding  vortex  cores  lead  to  the  following  results:  For 
highly  swept  delta  wings  at  angles  of  incidence  below  a critical  value  stable  vortices  exist;  further- 
more, the  critical  angle  of  incidence  beyond  which  no  stable  vortex  exists,  decreases  with  de- 
creasing angle  of  sweep,  and  for  sweep  angles  below  a limiting  value  unstable  vortices  are  found 
for  any  angle  of  incidence.  The  calculated  results  are  confirmed  by  experimental  findings,  see 
Fig.  40.  It  is  supposed  that  the  theory  outlined  above  accounts  for  the  performance  of  a strake  on 
wings  with  moderate  sweep  angle. 

Fig.  41  shows  schematically  the  effect  of  the  strake  on  the  main  wing.  The  strake  vortices 
induce  an  outflow  on  the  main  wing,  especially  near  the  kink  in  the  leading  edge,  as  was  shown 
also  by  S.  P.  Fiddes  and  J.H.B.  Smith  and  mentioned  earlier.  The  induced  flow  velocity  changes 


J 


the  initial  flow  direction  thus  increasing  the  effective  sweep  of  the  leading  edge.  If  at  higher  angles 
of  attack  the  flow  separates  from  the  leading  edge  of  the  main  wing  the  inboard  flow  is  stabilized 
due  to  the  higher  effective  sweep  there.  This  stable  separation  generates  large  lift  increments, 
while  without  strake  an  unstable  separation  would  lead  to  lift  decay  and  force  fluctuations.  Wede- 
meyer  quotes  experimental  results  which  lend  support  to  his  flow  model. 

3.  THEORETICAL  PREDICTIONS 


Having  a wing  in  a flow  at  a certain  velocity  and  incidence,  one  would,  of  course,  like  to  be 
able  to  predict  its  aerodynamic  characteristics  in  a sound  theoretical  way  and  to  obtain  results 
which  afterwards  would  be  in  reasonable  agreement  with  reality.  One  would  like  to  get,  at  least, 
the  overall  forces  and  moments  acting  on  the  wing,  more  preferable  would  be,  if  a prediction  of 
the  pressure  distributions  was  possible,  which  would,  of  course,  give  much  more  information  as  to 
the  origin  of  the  various  force  components.  What  one  has  to  do  is  to  obtain  first  an  insight  into  the 
relevant  features  of  the  flow,  something  we  have  tried  to  do  in  the  previous  considerations.  We  wish 
to  describe  this  flow  as  accurately  as  is  necessary  and  keep  our  description  as  simple  as  possible. 
For  this  reason,  we  try  to  device  a flow  model,  which  we  think  represents  the  physical  reality  in 
its  essential  features,  but  is  still  mathematically  treatable. 

In  Fig.  42  we  recall  the  classical  model,  as  was  deviced  by  Prandtl.  It  consists  of  one  or 
more  horseshoe  vortices,  with  the  bound  vortices  in  place  of  the  wing  and  with  the  free  vortices 
trailing  rearward  in  the  plane  of  the  wing.  This  vortex  system  makes  possible  a satisfactory  des- 
cription of  the  real  conditions  in  the  case  of  wings,  having  moderate  and  large  aspect  ratios,  say 
A ~ 3;  it  is  the  basic  underlying  idea  of  the  classical  wing  theory,  which  gives  a linear  dependence 
of  the  lift  on  incidence: 

(1)  = k^^. 

In  the  case  of  wings  with  small  aspect  ratio  at  incidence  having  a flow  field,  characterized  by  vor- 
tices above  the  wing,  the  vortex  model  of  above  has  to  be  changed.  It  should  now  allow  for  the 
free  vortices  to  lay  above  the  wing,  in  planes  inclined  to  the  plane  of  the  wing  under  some  angle  e, 
which  itself  is  a function  of  the  angle  of  incidence,  e = c(a).  Such  a vortex  system  is  shown  in  the 
lower  part  of  Fig.  42,  and  it  provides,  indeed,  a nonlinear  dependence  of  the  lift  on  the  angle  of 
incidence,  of  the  form 

(2)  Cj^  = kj  «■  + 

Thus,  the  lift  can  be  considered  to  be  composed  of  a linear  and  a nonlinear  part,  as  was  already 
shown  in  Fig.  3: 
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A first  attempt  to  leave  the  simple  vortex  model  of  linear  theory,  was  made  by  W.  Bollay  in  Ref. 
70.  He  presented,  for  the  case  of  a rectangular  wing,  a vortex  model,  in  which  the  free  vortices 
leave  from  the  side  edges,  trailing  at  an  angle  to  the  plane  of  the  wing  of  e = ff/2  , the  bound 
vortices  are  assumed  to  be  constant  in  spanwise  direction.  K.  Gersten,  in  Ref.  42,  has  refined 
this  model  by  using  a circulation  distribution  which  varies  in  spanwise  direction.  This  theory  was 
extended  later  on  by  him  to  calculate  the  aerodynamic  forces  and  moments  for  wings  of  arbitrary 
planforms,  see  Ref.  71. 

We  shall  now  consider  the  slender  delta  wing,  assumed  to  be  thin  and  flat,  in  a flow  at  in- 
cidence. The  flow  about  the  wing  was  seen  to  be  characterized  by  the  leading-edge  vortices  above 
the  wing,  which  give  rise  to  an  additional  nonlinear  lift  contribution.  The  first  attempt  to  calculate 
this  flow  field  was  made  by  R.  Legendre  in  Ref.  72,  by  using  a simplified  vortex  configuration 
and  R.T.  Jones’  slender  body  theory.  Ref.  73.  He  proposed  a flow  model  in  which  each  leading 
edge  vortex  is  replaced  by  a concentrated  line  vortex,  and  where  the  flow  is  considered  to  be  in- 
viscid  and  conical,  fulfilling  the  Kutta  condition  at  the  leading  edges.  M.C.  Adams,  in  Ref.  74, 
proposed  a theoretical  approach,  proceeding  in  the  same  manner.  This  theory  does  not,  however, 
produce  a unique  solution  for  the  lift.  In  this  approach  the  condition  was  imposed  that  no  resultant 
force  was  to  be  acting  on  the  concentrated  vortex.  R.H.  Edwards,  Ref.  75,  used  the  same  simple 
flow  model;  but  he  introduced  now  a vortex  sheet  from  the  leading  edge  to  the  vortex,  with  the 
condition  that  there  should  be  no  resultant  force  on  the  vortex  and  the  vortex  sheet.  The  lift  co- 
efficient comes  out  to  be 

(4)  c = — Ac  + jrA^^^ 

L 2 

C.E.  Brown  and  W.H.  Michael,  in  Ref.  7 6,  used  again  the  flow  model  with  a concentrated  vortex 
and  a connecting  plane  vortex  sheet  to  the  leading  edge,  with  the  same  condition  as  was  used  by 
R.H.  Edwards,  Fig.  43  depicts  their  flow  model.  The  results  for  the  lift  agree,  to  a first  approxi- 
mation, with  those  of  R.H,  Edwards  of  eq.  4.  K.W.  Mangier  and  J.H.B.  Smith  in  Ref.  77,  re- 
presented each  leading -edge  vortex  by  a curved  vortex  sheet,  the  inner  part  is  taken  to  be  a po- 
tential vortex,  the  outer  vortex  sheet  lies  on  an  analytic  curve;  see  Fig.  43.  The  numerical  results 
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for  the  lift  coefficient  can  be  well  approximated  by  the  following  expression: 

(5)  c^  = I + 4«^. 

This  result  contains  a dependence  of  the  lift  coefficient  on  aspect  ratio  only  in  the  linear  part. 

J.H.B.  Smith,  in  Ref.  78,  gave  for  the  same  flow  model  as  above,  an  improved  iterative  calcu- 

lation procedure,  which  leads  to 

(6)  = " A«  + 3.2 

All  the  authors  calculated  the  lift  of  the  flat,  slender  delta  wing  making  use  of  the  slender  body 

theory.  The  lift  coefficients  obtained  are  all  independent  of  the  Mach  number.  The  linear  part  has, 

in  all  cases,  the  value  which  is  given  by  the  slender  body  theory  of  R.  T.  Jones  : 


(7) 
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The  application  of  such  inviscid  models  of  flow  separation  using  the  vortex  sheet  model  and  the 
assumptions  of  slender-body  theory,  as  was  d<xie  by  K.W.  Mangier  and  J.H.B.  Smith,  has  been 
extended  to  various  more  special  cases.  J.E.  Barsby  calculated  the  flow  past  conically  - cambered 
slender  delta  wings  with  leading-edge  separation  in  Ref.  104.  D.  I.  F*ullin  treated  the  flow  past  a 
slender  delta  wing  at  yaw  in  Ref.  105,  and  the  flow  separation  from  yawed  delta  wings  was  also 
investigated  by  I.  P.  Jones,  see  Ref,  106.  Oscillatory  slender  wings  were  dealt  with  by  R.K.  Cooper, 
Ref.  107.  Non-conical  flows  past  a slender  plane  wing  with  curved  leading  edges  and  a delta  wing 
with  lengthwise  camber  have  been  studied  by  R.W.  Clark,  Ref.  108. 


We  have  so  far  presented  some  of  the  more  essential  contributions  to  calculating  the  non- 
linear lift  of  slender  wings  in  incompressible  flow  at  incidence.  A survey  of  the  authors  of  the 
better  know  methods,  together  with  the  underlying  flow  models  is  given  in  Fig.  44.  The  material 
was  compiled  by  W.  Sonnleitner  and  W.  Kraus  in  Ref.  79,  and  they  have  given  a very  detailed 
analysis  of  these  various  contributions  there. 


A short  description  will  now  be  given  of  an  attempt  to  extend  the  initially  discussed  theories 
to  supersonic  velocities.  All  the  authors  mentioned  earlier  (Adams,  Edwards,  Brown-Michael, 
Mangler-Smith  and  Smith)  give  the  lift  coefficient  as  the  sum  of  a linear  term  and  a nonlinear  term. 
The  linear  contribution  is  the  solution  of  the  slender-body  theory.  To  this  is  added  a nonlinear  con- 
tribution which  is  provided  by  the  various  vortex  models.  In  each  case,  therefore,  one  adds  to  the 
solution  obtained  for  the  incompressible  cross-flow  about  a slender  wing  - with  attached  flow  around 
the  leading  edges  - the  solution  for  the  flow  field  due  to  the  vortex  model  under  consideration.  It 
seems  obvious  to  try  to  improve  the  linear  contribution,  c^  Hn,  in  order  to  get  better  predictions 
in  supersonic  flow  than  were  hitherto  obtained.  Instead  of  the  linear  term  of  the  slender-body  theo- 
ry, one  introduces  now  the  linear  solution  obtained  for  a delta  wing,  (with  attached  flow  around  the 
subsonic  leading  edges),  by  the  well  known  methods,  using  source  distributions  or  conical  super- 
sonic flow  theory.  These  methods  are  discussed,  for  example,  in  the  book  of  H.  Schlichting  and 
E.  Truckenbrodt,  Ref.  43.  The  result  for  the  lift  coefficient,  including  the  nonlinear  part,  is  now 
as  follows; 
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In  this  equation,  m is  the  leading-edge  parameter  with  m < 1 for  subsonic  leading  edges,  and  E ' 
being  an  elliptical  integral.  In  this  manner,  the  solutions  are  now,  in  their  linear  part,  dependent 
on  the  Mach  number.  This  method  of  extending  some  of  the  theories  dicussed  above,  has  been 
proposed,  independently,  by  R.  HUrlimann  in  Ref.  94  and  by  W.  Stahl  in  Ref.  95. 


The  rectangular  wing  of  small  aspect  ratio  was  again  treated  by  S.  D.  Ermolenko  in  Ref.  89  in 
a way  similar  to  W.  Bollay’ s approach.  The  lifting  surface  in  subsonic  flow  is  replaced  by  a sys- 
tem of  discrete  bound  vortices  of  constant  spanwise  circulation,  which  can,  however,  vary  for  each 
vortex  line  along  the  chord.  The  free  vortices  are  trailing  from  each  side  edge  in  a vertical  plane, 
at  a certain  angle  to  the  wing  chord,  which  varies  with  incidence,  aspect  ratio  and  Mach  number. 

A more  realistic  modeling  of  the  side-edge  vortices  was  achieved  by  S.M.  Belotserkovskii,  Ref.  96 
developing  further  Ermolenko’ s method.  He  employs  a finite  number  of  discrete  vortex  lines,  which 
are  formed  by  small  straight  elements,  each  of  which  is  aligned  with  the  local  flow  in  an  iterative 
procedure. 


C.  Rehbach  in  Ref.  97  and  98  as  well  as  O.  A.  Kandil  in  Ref.  99,  O.A.  Kandil  et  al  in  Ref. 
100  developed  inviscid  discrete  vortex  methods,  with  which  it  is  possible  to  calculate  the  flow  about 
wings  of  various  shapes.  In  the  following  a somewhat  more  detailed  treatment  of  such  a discrete- 
vortex  approach  is  presented, which  approximates  the  continuous  bound  and  free  vortex  sheets,  in- 
cluding the  vortex  wake  springing  from  the  side  or  leading  edges.  As  an  example,  we  follow  here 
the  approach  as  forwarded  by  O.A.  Kandil  in  Ref.  99,  and  consider  the  cases  of  thin  wings,  having 
a parallelogram  and  delta  planform,  respectively,  set  a incidence,  and  with  the  flow  assumed  to  be 
incompressible.  The  representation  of  the  lifting  surface  by  a bound-vortex  sheet,  is  approximated 
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here  by  discrete  vortex  tines,  arranged  in  such  a way  as  to  form  a lattice.  The  free -vortex  sheets 
leaving  from  the  sharp  edges,  like  the  trailing  edge,  side  edges,  leading  edges, are  modelled  by 
vortex  lines,  which  do  not  intersect,  and  which  are  made  up  of  short,  straight  vortex  segments, 
except  for  the  last  segment,  which  is  semi -infinite.  The  direction  of  each  of  the  short  segments  is 
determined  as  part  of  the  solution,  the  last  segment  is  in  the  direction  of  the  free  stream.  The 
arrangement  of  the  discrete  vortices  is  shown  in  Fig.  45  for  both  the  parallelogram  and  the  delta 
wing.  At  the  tip  of  the  parallelogram  wing,  a vortex  line  originates  from  the  end  of  each  row,  so 
that  a number  of  them  are  shown  coincident  in  chordwise  direction.  In  the  iterative  procedure  to 
obtain  the  solution,  these  lines  lift  off  the  wing  and  align  themselves  with  the  flow.  In  the  case  of 
the  delta  wing,  the  bound-vortex  lattice  has  extensions  reaching  out  of  the  wing  region,  at  the  end 
of  which  the  free-vortex  lines  are  originating.  Again,  these  vortex  lines,  in  the  course  of  the 
iterative  computation,  align  themselves  with  the  flow. 


The  figure  shows  how  the  lattice  divides  the  wing  region  into,  not  necessarily  planar,  elements, 
each  containing  a control  point,  where  the  boundary  condition  of  tangential  flow,  is  fulfilled.  Each 
element  has  a bound-vortex  segment  on  the  upstream  spanwise  edge  and  along  the  outboard  chord- 
wise  edge.  The  Kutta  condition  at  those  edges,  where  it  is  to  be  prescribed,  is  satisfied  by  omit- 
ting vortex  lines  between  the  edge  under  consideration  and  the  nearest  control  points. 

Two  convergence  criteria  must  be  satisfied,  namely  for  the  chosen  number  of  elements  the 
shape  of  the  computed  wake  must  converge,  and  subsequently  the  aerodynamic  coefficients  must 
converge  as  the  number  of  elements  is  increased. 

In  his  approach  to  the  calculation  of  the  flow  past  a delta  wing,  C.  Rehbach  , Ref.  98  starts 
out  with  the  discrete  vortex  model  for  a rectangular  wing.  He  then  progressively  deforms  the  plan- 
form  by  holding  the  trailing-edge  span  constant  and  reducing  the  original  leading  edge  to  zero.  This 
procedure  is  sketched  in  Fig.  46.  The  application  of  this  discrete  vortex  method  is  not  restricted 
to  specific  planforms,  very  large  or  very  small  aspect  ratios,  thin  wings  or  small  angles  of  attack. 
Furthermore,  the  method  can  be  used  to  handle  the  problem  of  interacting  lifting  surfaces,  because 
of  its  capability  to  adequately  provide  the  shape  of  the  wake;  an  example  is  given  in  the  cited  re- 
ference. Examples  of  canard-wing  configurations  have  also  been  treated  by  O.A.  Kandil,  D.T.Mook 
and  A.H.  Nayfeh  in  Ref.  101. 

The  method  has  been  extended  to  be  used  for  compressible  flows  by  applying  a modified  Prandtl- 
Glauert  transformation;  it  is  however  restricted  to  wings  either  with  high  local  angles  of  attack  and 
moderate  subsonic  Mach  numbers  or  with  moderate  local  incidence  and  high  subsonic  Mach  number. 
For  the  effect  of  compressibility  on  the  predicted  nonlinear  loads  see  also  the  work  of  O.A.  Kandil, 
D.T.  Mook,  and  A.H.  Nayfeh  in  Ref.  102.  For  the  sake  of  completeness  it  should  be  mentioned 
here,  that  the  prediction  of  the  unsteady,  nonlinear  aerodynamic  characteristics  of  rectangular  and 
delta  wings  has  been  dealt  with  by  E.H.  Atta,  O.A.  Kandil,  D.T.  Mook,  and  A.H.  Nayfeh  in  Ref. 
103.  On  the  numerical  calculation  of  three-dimensional  unsteady  flows  with  vortex  sheets  has  been 
reported  by  C.  Rehbach  in  Ref.  109.  Such  discrete  vortex  methods  have  been  developed  also  by 
other  authors,  e.g.  by  W.  SchrOder,  Ref.  110. 

A quite  different  method  for  the  prediction  of  the  aerodynamic  characteristics  of  wings  with 
flow  separation  from  the  swept  leading  edges  or  from  side  edges  has  been  given  by  Polhamus  in 
Ref.  111.  The  underlying  idea  is  that  the  leading-edge  suction  developed  in  flow  attached  around 
the  edge  cannot  be  realized  at  a sharp  edge,  where  the  flow  separates  in  the  well  known  way.  In- 
stead, it  is  the  vortices  above  the  wing  to  which  an  equivalent  normal  force  is  atrributed,  as 
sketched  schematically  in  Fig.  47,  a hypothesis  which  was  found  to  work.  Polhamus  provided  charts 
for  the  prediction  of  the  subsonic  vortex  lift  characteristics  of  wings  of  various  planforms  in  Ref. 

112.  It  has  been  found  that  with  this  approach  one  is  able  to  predict  remarkably  well  the  lift  and 
drag  forces,  as  well  as  pitching  moments  and  roll  damping  of  plane  wings;  but  it  cannot  give  flow- 
field  details  or  detailed  surface  pressure  distributions.  For  various  applications  of  the  leading-edge 
suction  analogy  see  also  J.  E.  Lamar  and  J.M.  Luckring,  Ref.  113. 

The  application  of  a general  computational  technique  to  the  solution  of  the  subsonic,  three- 
dimensional  flow  over  wings  with  leading-edge  vortex  separation  has  been  presented  by  J.A.  Weber 
et  al  in  Ref.  114.  The  method  is  capable  of  predicting  forces,  moments,  and  detailed  surface  pres- 
sures on  thin,  sharp-edged  wings  of  rather  arbitrary  planform. 

The  essential  elements  of  the  inviscid  and  incompressible  flow  model  are  the  wing,  the  trailing 
sheet  (wake),  the  sheet  emerging  from  the  wing  leading  edge  and  tip  (free  sheet),  and  the  rolled-up 
core  or  spiral  region  (fed  sheet)  fed  by  the  leading-edge  and  tip  vortex  sheets,  see  Fig.  48.  The 
boundary  conditions  imposed  on  these  elements  are,  that  the  flow  must  be  everywhere  parallel  to 
the  wing  surface,  and  that  the  free  sheet  and  wake  cannot  support  a pressure  differential  Ac  and 
must  be  alined  with  the  local  flow.  The  fed  sheet  is  an  entirely  kinematic  extension  of  the  fr^e 
sheet,  and  no  boundary  conditions  are  applied  to  the  fed  sheet.  This  is  a simplified  model  of  the 
true  physical  vortex-core  region.  The  size  of  the  fed  sheet  is  taken  from  the  conical-flow  results 
of  Smith,  Ref.  78.  Kutta  conditions  are  imposed  along  the  leading,  side,  and  trailing  edges  of  the 
wing  in  the  presence  of  free  sheets  emanating  from  these  edges. 


The  geometric  description  is  that  of  a general  three-dimensional  (not  conical)  configuration 
consisting  of  a thin  wing,  free  sheet,  wake,  and  fed  sheet  (Fig.  48).  The  wing  geometry  is  arbi- 
trary in  the  sense  that  leading  cuid  trailing  edges  may  be  curved  or  kinked  and  the  lifting  surface 
may  have  arbitrary  camber  and  twist.  The  configuration  is  subdivided  into  a network  of  quadrilate- 
ral panels  whose  corner  points  are  defined  by  coordinates  in  transverse  cutting  planes.  The  trace 
of  the  kinematic  fed  sheet  in  a transverse  cutting  plane  is  either  a circular  arc  extending  over  180 
or  a single  planar  panel  locally  perpendicular  to  the  frt*  sheet. 

Briefly,  the  main  features  of  the  numerical  representation  are  the  following.  The  wing  and 
free  sheet  are  represented  by  network  distributions  of  doublets  which  vary  as  piecewise  continuous 
quadratic  functions  in  each  of  two  coordinate  directions  over  each  panel  of  the  network.  An  analysis 
type  of  network  is  employed  on  the  wing  (geometry  of  the  wing  is  specified),  and  a design  type  net- 
work of  doublets  simulates  the  free  sheet  (unknown  free-sheet  geometry,  zero  pressure  jump  speci- 
fied). Network  types  used  for  the  wake  and  fed  sheet  are  specializations  of  the  design  type  netw  rk. 

j Let  us  turn  now  to  a time -dependent  discrete-vortex  method  for  the  prediction  of  the  flow  field 

and  the  aerodynamic  characteristics  of  wings,  forwarded  by  S.M.  Belotserkovskii.  The  problem  is 
no  longer  treated  as  a stationary  one,  one  rather  looks  now  at  the  time -dependent  formation  of  the 
flow  field  in  the  following  way:  The  body  under  consideration  is  regarded  initially  (at  time  t < 0) 
to  be  at  rest;  it  is  then  suddenly  accelerated  to  its  flight  velocity  UQjj(at  time  t = 0)  and  subse- 
quently moving  uniformly.  The  flow  field  which  develops  around  the  body  and  behind  it,  is  computed 
numerically  in  discrete  time  steps.  The  computation  is  carried  out  until  a limiting  flow  pattern  is 
obtained  at  time  t-*  co,  provided  it  exists.  Results  have  been  reported  by  S.M.  Belotserkovskii  in 
Ref.  115  for  the  case  of  a thin,  plane  rectangular  wing  of  aspect  ration  A = 1,  in  an  incompressible 
flow  at  angle  of  attack  a = 30°.  The  computed  flow  field  is  shown  in  Fig.  49  at  a time  t during 
the  formation  of  the  flow  and  for  the  limit  of  the  formation  process  (t— woo).  The  latter  results 
are  in  agreement  with  those  obtained  with  stationary  theories.  In  the  calculations  the  Kutta  con- 
dition was  not  enforced  at  the  leading  edge,  i.e.  flow  separation  was  not  taken  into  account  there. 
The  specific  problem  of  the  bow  shock  wave  of  a pointed  wing  has  been  investigated  by  Y.C.  Sun 
in  Ref.  116  and  117.  He  has  treated  the  case  of  a delta  wing  with  sharp  leading  edges  in  statio- 
nary supersonic  flow  at  zero  incidence.  By  means  of  the  analytical  method  of  characteristics  he 
determined  the  properties  of  the  bow  shock  wave,  as  its  shape  and  strength,  when  the  leading  edges 
pass  from  subsonic  to  supersonic.  Fig.  50  shows,  for  a wing  with  rhombic  cross-section  of  a given 
thickness  ratio,  the  relative  bow  shock  wave  slope  in  dependence  of  the  relative  leading- edge  slope. 
The  bow  shock  wave  is  displaced  outwards  more  and  more  relative  to  the  Mach  cone,  when  the 
edges  pass  from  subsonic  to  supersonic;  even  in  the  case  of  a supersonic  leading  edge  the  bow 
shock  wave  may  be  detached  from  the  leading  edge. 

Also,  experimental  results  have  been  obtained  for  this  wing  by  H.  Esch,  Ref.  10,  which,  as 
, can  be  seen  from  the  same  figure  confirm  the  theoretical  results  satisfactorily,  the  latter  not 

taking  into  account  the  displacement  effect  of  the  boundary  layer. 

Having  given  a short  survey  of  various  of  the  more  important  theoretical  methods  for  the  pre- 
diction of  aerodynamic  characteristics  of  low  aspect  ratio  wings,  results  of  these  methods  are  pre- 
sented and  compared  with  experimental  results. 

In  Fig.  51  the  predictions  due  to  the  theories  of  C.E.  Brown  and  W.H.  Michael,  Ref.  80, 

R.H.  Edwards,  Ref.  75,  K.W.  Mangier  and  J.H.B.  Smith,  Ref.  77,  J.H.B.  Smith,  Ref.  78,  as 
well  as  those  due  to  the  linear  theory  of  R.T.  Jones,  Ref.  73,  are  compared  with  the  results  of 
wind-tunnel  tests  of  P.  T.  Fink,  Ref.  36,  which  he  obtained  for  a slender  delta  wing  in  incompres- 
sible flow  up  to  high  incidences.  The  comparison  shows  that  all  the  nonlinear  theories  predict 
higher  lift  coefficients  than  are  obtained  experimentally,  the  differences  are  considerable  in  the  case 
of  the  theory  of  Brown  and  Michael. 

The  spanwise  pressure  distribution  on  suction  and  pressure  sides,  as  predicted  by  the  theory 
of  J.H.B.  Smith  is  compared  to  the  results  of  measurements  obtained  by  D.  Hummel  in  Ref.  13, 
on  a slender  delta  wing  at  angle  of  incidence  a “ 20°,  see  Fig.  13.  The  theory  describes  in  es- 
sence the  characteristic  feature,  namely  the  main  suction  peak  underneath  the  leading-edge  vortex; 
it  cannot  take  care  of  the  secondary  and  tertiary  vortices  on  the  suction  side.  The  observed  pres- 
sure distribution  on  the  lower  surface  of  the  wing  is  also  given  by  the  theory  in  its  main  features. 

The  predictions  of  the  theories  of  Brown  and  Michael  and  of  Mangier  and  Smith  are  now  also 
compared  to  experimental  results  obtained  in  supersonic  flow  for  various  Mach  numbers  on  a thin 
slender  delta  wing  (with  a rather  small  conical  body)  by  W.  Stahl  in  Ref.  95.  Fig.  52  shows  the 
lift  coefficient  versus  angle  of  incidence  as  calculated  from  the  theories  in  their  original  versions 
(for  incompressible  flow)  as  well  as  the  results,  when  extended  to  take  into  account  the  influence 
of  Mach  number,  in  the  manner  proposed  by  R.  Huerlimann  and  W.  Stahl  and  discussed  above. 

Again,  the  experimental  results  are  overestimated  by  all  the  theoretical  methods,  though  the  ex- 
, tended  versions  of  the  theories  lead  to  closer  predictions  than  the  original  versions. 
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Comparison  of  predictions  due  to  the  theory  of  Gersten,  with  experimental  results  for  rec- 
tangular wings  of  aspect  ratio  A = 0.5  and  A = 1.0  are  shown  in  Fig.  53.  The  theoretically  pre 
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dieted  lift  coefficients  and  the  experimental  results  are  seen  to  agree  rather  well.  In  Fig.  54  is 
given  a comparison  between  predicted  and  measured  lift  coefficients  for  a swept  wing.  The  theory 
of  Gersten  is  seen  to  agree  quite  well  with  experimental  data  in  this  case,  too. 

Next  we  consider  some  results  of  the  discrete-vortex  method  developed  by  O.A.  Kandil.  Fig. 

55  shows  the  computed  wake  shape  for  a rectangular  wing  in  the  flow  at  angle  of  incidence  a = 15  . 
There  is  no  direct  comparison  given  with  a real  wake,  but  the  computed  wake  shows,  to  a certain 
degree,  the  rolling  up  process  of  the  real  side-edge  vortex  sheet.  The  computed  wake  of  a slender 
delta  wing  at  incidence  « = 15  is  depicted  in  Fig.  56,  the  leading-edge  vortex-sheet  is  seen  to 
have  rolled  up  about  a turn. 

Numerical  results  obtained  by  S.M.  Belotserkovskii.  S.  D.  Ermolenko,  and  O.A.  Kandil  for  the 
normal  forces  and  pitching  moments  of  a rectangular  wing  of  aspect  ratio  A = 1 are  presented  in 
Fig.  57a  and  57b,  respectively;  and  compared  to  experimental  data.  There  is  reasonable  agree- 
ment of  the  predictions  of  Belotserkovskii  and  Kandil  with  most  of  the  experimental  results.  The 
spanwise  variation  of  the  local  normal-force  coefficient  for  the  rectangular  wing  at  two  angles  of 
attack  is  given  in  Fig.  58;  the  predictions  of  K.  Gersten,  C.  Rehbach,  and  O.A.  Kandil  are  com- 
pared to  experimental  data.  The  normal-force  and  pitching-moment  coefficients  of  an  A = 2 delta 
wing  in  incompressible  and  compressible  flow  have  been  computed  by  O.A.  Kandil  and  compared  to 
experimental  data  in  Fig.  59. 

The  capability  of  the  method  of  J.A.  Weber  et  al  to  predict  overall  wing  coefficients  accurate- 
ly is  shown  in  Fig.  60  for  a delta  wing  of  aspect  ratio  1 at  = 0.  The  figure  shows  the  non- 
linear variation  of  the  normal-force  coefficient  c^^  with  angle  of  attack  o'.  Several  values  of  Cjj 
were  computed  for  angles  of  attack  up  to  20,  they  agree  well  with  experimental  data  auid  theoretical 
results  from  the  leading-edge -suction  analogy  of  Polhamus  . The  corresponding  load  distribution  at 
o = 20°  is  plotted  in  Fig.  61  and  compared  with  experimental  results.  Although  only  25  wing  panels 
were  used  on  one-half  of  the  configuration,  the  completely  three-dimensional  non-conical  load  dis- 
tribution is  well  predicted,  including  the  location  of  the  vortex -induced  pressure  peaks  and  the  de- 
crease of  the  load  toward  the  trailing  edge. 

As  a last  remark,  it  should  oe  stated  that  the  material  presented  hereiii  can  by  no  means  re- 
present all  the  results  of  experimental  and  theoretical  work  available.  The  reader  is  also  referred 
to  the  collection  of  various  results  on  aerodynamic  characteristics  of  low  aspect  ratio  wings  in  the 
Engineering  Sciences  Data,  Ref.  26;  as  well  as  to  the  review  articles  by  A.G.  Parker,  Ref.  118, 
D.J.  Peake,  Ref.  119  and  J.H.B.  Smith,  Ref.  120.  The  present  paper  was  intended  to  acquaint 
the  reader  with  some  of  the  pertinent  and  interesting  facts  about  low  aspect  ratio  wings,  their 
characteristic  flow  field  and  aerodynamic  behaviour,  as  well  as  to  introduce  him  to  some  of  the 
more  important,  theories  available.  The  use  of  the  references  given  should  provide  immediately  a 
large  amount  of  additional  useful  material. 
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Fig. 3 Vortices  and  lift  for  high  and  low  aspect  ratio  wing 
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Fig.8  Types  of  flow  on  thin  delta  wings  at  supersonic  speeds,  from  L.C.Squire,  Reference  7 
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f ig.  1 7 Spanwisc  pressure  (listrihiitions  on  suction  side  witli  transition  strip,  from  Kercrcnce  1 5 


Fig.  18  Influence  of  Mach  number  on  pressure  coefficient  of  slender  delta  wing,  from  Reference  I 5 


Fie.  1 9 Lift  and  pitching  moment  curves  for  delta  wings,  from  Reference  I 7 
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Fig. 23  Influence  of  leading-edge  shape  on  lift  and  moment  coefficients  for  slender  delta  wing,  from  Reference  1 9 
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Fig.32  Vortex  flows  on  wings  with  strakes  (schematically) 


f'ig.33  Lift  coefficients  for  della  wing  without  and  with  strake,  from  Reference  59 


a=Q25rad  =i4.3 


unstable 


Observed 
vortex  breakdown 


Stability  boundary  k = i,i6 


BROWN  CEV NflCHAEL  W.H.  - 

REF.  76,80. 

NEMMl  J.P/  TUNG  CH- 
REF.  81,82. 


HANSON  C.W./LUNDBERG  EJ 

SACKS  A.H. 

REF.  85. 


T 


GERSTEN  K.  REF.  42,71. 

GARNER  H C./LEHRiAND.E. 
LANGE  A.H.  REF,  86. 
REF.  87. 


I ig. 44(a)  Various  flow  nioilels  for  slender  wings,  from  Reference  7‘) 
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(•ig.45  Arrangement  of  the  discrcte-vortes  model,  acc.  to  O.A.Kandil,  Reference  99 


Fig.48  Schematic  description  of  wing  and  flow  model 
acc.  to  J.A.Weber,  et  al..  Reference  1 14 


Fig.49  Computed  development  of  vortex  wake  on  rectangular  wing, 
A = I , at  a = 30“,  from  Reference  1 15 
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Fig.5 1 Comparison  of  various  theories  with  experiment  for  slender  delta  wing,  from  Reference  94 

1 C.E.Brown  and  W.H. Michael,  Reference  80 

2 R.H. Edwards,  Reference  75 

3 J.H.B.Smith,  Reference  78 

4 K.W. Mangier  and  J.H.B.Smith.  Reference  77 
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’ Experiment  P.T.Fink,  Reference  36 


Fig  53  Comparison  of  theoretical  predictions  with  experiment  for  rectangular  wings, 

from  Reference  43 
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7(:>)  Comparison  of  theoretical  predictions  and  experiment  tor  rectangular  wing,  Noniial-force  cocrficient 
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Comparison  of  theoretical  predictions  and  experiment  for  delta  wing.  Normal- 
and  pitching-moment  coefficients,  from  Reference  99 
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Fig.60  Comparison  of  theoretical  predictions  and  experiment  for 
delta  wing  normal-force  coefficient,  acc.  to  J. A. Weber,  et  al.,  Reference  1 14 
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Fig.61  Comparison  of  theoretical  predictions  and  experiment  for  delta  wing  load 
distribution,  acc.  to  J.A.Weber,  Reference  1 14 
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1.  Introduction 

Most  missiles  fly  only  a few  seconds.  They  have  no  time  to  get  back  the  money  for  an 
elaborate  shape  or  a perfect  surface  finish.  The  production  costs  must  be  kept  low.  It  is 
a reasonable  aspect  to  drop  a few  percent  of  efficiency  when  by  this  the  costs  can  be  redu- 
ced. This  means  that  the  geometries  of  missiles  are  often  relatively  simple.  The  bodies 
have  circular  cross  sections  and  often  long  cylindrical  portions.  In  many  cases  the  form 
is  not  given  by  aerodynamic  requirements  but  by  the  payload,  the  infra-red  head,  the  boxes  , 
and  launching  devices,  which  are  already  in  use  when  a new  missile  is  designed.  Fig.  1 
shows  some  typical  body  shapes.  They  include  short  projectiles  and  multistage  sounding 
rockets  with  fineness  ratios  of  20  or  even  more,  nose  and  afterbody  snapes,  which  have  been 
optimized  with  respect  to  a minimization  of  drag,  and  blunted  noses,  which  are  given  by 
guidance  requirements.  Lately  one  finds  more  complicated  geometries  with  integrated  air- 
intakes,  noncircular  cross  sections  a.s.o. 

This  lecture  will  deal  with  the  determination  of  the  static  aerodyneunic  coefficients  of 
axisymmetric  bodies.  According  to  physical  aspects  the  forces  are  decomposed  into  poten- 
tial flow,  friction,  and  separated  flow  (fig.  2).  For  each  of  these  3 types  of  flow  diffe- 
rent computational  methods  must  be  applied.  Here  only  relatively  single  methods  will  be 
discussed  which  allow  a quick  estimation  of  the  aerodynamics.  By  these  methods  only 
slender  shapes  can  be  treated.  The  problems  which  arise  from  the  bluntness  will  therefore 
be  discussed  in  every  chapter  of  this  lecture.  Before  undergoing  flight  tests  missiles 
are  tested  in  windtunnels.  Besides  this  most  of  the  design  data  are  based  on  windtunnel 
experiments.  As  the  Reynolds  numbers  of  the  windtunnel  models  and  of  the  real  missiles 
are  often  different  and  as  this  difference  may  have  an  influence  on  the  aerodynamic 
coefficients  the  Influence  of  the  Reynolds  number  will  be  discussed  too  in  every  chapter. 
The  discussion  of  the  aerodynamics  of  bodies  can't  be  complete  within  the  frame  of  this 
lecture.  Only  some  aspects  of  static  coefficients  will  be  treated.  Other  very  important 
aerodynamic  problems  as  for  instance  dynamic  stability,  Magnus  forces,  internal  flow  of 
bodies,  stage  separation  are  not  considered. 


2.  Computational  methods  (potential  flow) 

In  the  following  results  of  computational  techniques  and  windtunnel  experiments  will  be 
compared.  Therefore  at  first  some  words  about  theoretical  methods.  There  exist  several 
methods  for  the  computation  of  the  potential  flow  over  axisymmetric  bodies.  Since  long  the 
method  of  characteristics  and  the  method  of  singularities  are  known.  From  these  two  methods 
several  other  methods  have  been  derived,  which  one  could  call  "classical”  methods,  e.g. 
the  V.  Karman-Tsien  method  (1932)  [1],  the  slender  body  theory  (Nunk  19E4,  Jones  1946) 

(2J,  the  "Second  order  shock  expansion  theory"  (Syvertson,  Dennis  1935)  [31.  They  compare 
partly  well  with  experiments  but  are  restricted  in  their  application:  to  purely  subsonic 
or  supersonic  flows  (v.  Karman-Tsien),  to  purely  supersonic  flow  (second  order  shock 
expansion  theory).  Besides  this  restriction  in  the  Mach  number  range  only  rather  slender 
shapes  can  be  treated  (fig.  3). 


The  man  in  the  industry  who  had  to  design  missiles  often  could  not  use  these  theoretical 
methods.  His  missile  for  instance  had  to  have  a blunted  infra-red  head  and  it  had  to  fly 
in  the  transonic  Mach  number  range.  Hence  he  had  to  build  up  his  own  procedure  from  his 
experience,  from  the  literature,  from  different  theories,  and  from  windtunnel  measurements. 
So  several  empirical  methods  have  been  developed,  the  best  known  of  which  is  the  Datcom 
method  (4J.  By  use  of  lots  of  charts  and  tables  and  simple  formulas  the  aerodynamic 
coefficients  of  all  conventional  missiles  can  be  computed.  There  are  also  computer  programs 
in  which  all  these  data  have  been  stored  which  allow  a rapid  estimation  of  the  stability 
and  tne  performance  of  missiles  e.g.  [3].  One  condition  must  be  fullfilled  when  using 
empirical  techniques.  Problems  similar  to  those  which  one  wants  to  solve  must  have  been 
treated  before.  This  is  often  not  the  case  with  modern  missile  concepts.  There  don't 
exist  enough  data  on  integrated  air  intakes,  complicated  cross  sections  with  shock- 
boundary layer  Interferences  a.s.o. 

In  the  last  years  work  has  begun  on  new  methods  in  order  to  overcome  the  difficulties 
associated  with  the  "classical"  methods  (slender  shapes,  purely  subsonic  or  supersonic 
flow).  E.g.  in  supersonic  flow  on  blunt  bodies  at  angle  of  attack  the  shape  of  the  detached 
bow  shock  and  the  subsonic  region  with  the  sonic  line  are  calculated  by  a three  dimensional 
time  dependent  method  (Rusanow  difference  scheme  [6]).  For  the  purely  supersonic  flow 
field  downstream  a more  economical  method  is  used.  At  the  OFVLR  in  KOln-Porz  C.  Welland 
[7]  is  working  in  this  field  with  the  aim  to  include  the  calculation  of  the  attached  three- 
dimensional  boundary  layer  and  in  later  years  also  the  separated  flow. 


In  the  last  years  panel  methods  came  more  and  more  into  use.  They  need  big  computers  with 
large  core  storages  and  long  computing  times.  From  this  one  could  conclude  that  these 
methods  are  more  accurate  than  the  simple  "classical"  methods.  But  this  is  true  only  as  far 
as  the  geometry  is  concerned.  Complete  missile  configurations  can  be  represented  by  the 
panels.  Hence  one  does  not  need  to  calculate  the  forces  on  the  body  and  the  wings 
separately  and  add  the  interferences.  But  the  physical  flow  models  are  nonully  very 
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simple.  The  panel  methods  are  well  suited  for  configurations  with  large  interferences  but 
have  no  advantages  over  the  "classical"  methods  when  the  flow  over  Isolated  bodies  or 
isolated  wings  must  be  coiq>uted  [8]. 


2.1  Method  of  linearized  singularities 


Axial-  and  nonaal  forces  are  given  by  integration  of  the  pressure  distribution.  The  pressure 
coefficient  is  related  to  the  velocity  by  the  linearized  Bernoulli-equation.  The  velocity 
is  induced  by  a distribution  of  sources  (thiclcness  distribution)  and  of  doublets  (angle  of 
attack).  From  this  one  gets  an  equation  for  the  potential  of  the  body.  In  this  equation  the 
strength  of  the  singularities  is  unknown.  The  strength  is  determined  by  the  boundary 
condition:  on  the  body  the  flow  must  be  tangential  with  the  body  contour.  In  the  v.  Karman- 
Tsien  method  the  body  is  divided  into  frustums  and  the  boundary  condition  is  fullfilled  in 
one  point  of  each  frustum.  In  slender  body  theory  in  addition  to  the  slnq>liflcations  already 
made  - i.e.  linearized  Bernoulli  - equation,  squares  of  perturbation  velocities  neglected  - 
the  source  strength  is  proportional  to  the  slope  of  the  cross  section  dS/dx  and  the  boundary 
condition  is  fullfilled  on  the  body  axis  and  not  on  the  body  contour.  From  this  follows 
that  the  pressure  and  normal  force  distributions  are  i 0 only  when  dS/dx  i 0 (fig.  7). 


A body  is  slender  when  it  lies  well  within  the  Mach  cone  from  the  vertex.  This  means  that 
in  transonic  flow  also  relatively  blunt  bodies  may  qualify  as  slender  whereas  at  hypersonic 
Mach  numbers  all  practical  shapes  are  to  blunt  to  be  treated  by  slender  body  theory.  In  the 
literature  the  following  limits  are  given  for  the  application  of  the  methods  of  linearized 
singularities  in  supersonic  flow. 

slender  body  theory:  0 < /(l^j/D)<  0.05 

V.  Karman-Tsien : 0.05£  04^-1  /(1|^/D)£  0.4 

The  V.  Karman-Tsien  method  really  fails  when  the  Mach  angle  is  smaller  than  the  slope  of 
the  contour  (fig.  3). 


2.2  Second  order  shock  expansion  method 


The  contur  is  approximated  by  a tangent-body.  Mach  number  and  pressure  on  the  starting  cone 
can  be  determined  by  known  theories  (e.g.  from  NACA  Rep.  1135).  Por  the  flow  over  the 
Juncture  between  two  frustums  the  Prandtl-Meyer  relation  is  used.  From  this  one  gets  the 
conditions  at  the  upstream  end  of  the  frustum.  The  pressure  distribution  over  the  frustum 
is  determined  with  the  aid  of  the  equation  for  a streamwise  pressure  gradient 
3p/3s  s l/cosu  • 3p/3C..  For  bodies  at  angle  of  attack  the  normal  force  coefficients  of 
cones  are  taken  (for  instance  from  NACA  Rep.  1135)  and  corrected.  The  second  order  shock 
expansion  method  is  only  applicable  in  purely  supersonic  flow  in  the  range 

0.4<  /(^/O)^  <•.  A computer  program  for  zero  angle  of  attack  which  includes  the 

calcultalon  of”the~turbulent  boundary  layer  has  been  published  in  [9]. 


yirical  methods  (fig.  4) 


Empirical  methods  are  based  on  different  data,  very  often  on  experimental  results.  As 
these  data  stem  from  different  sources  (theories,  wlndtunnels  with  different  Reynolds 
numbers,  different  types  of  tests:  force-  and  pressure  measurements,  free  flight)  there 
may  exist  some  discrepancies.  But  they  are  normally  small.  On  the  other  hand  the  many 
different  methods  and  data  on  which  these  techniques  are  based  lead  to  a greater  relia- 
bility. 


2.4  Comparison  of  different  computational  methods  for  potential  flows 


The  pressure  distribution  on  slender  bodies  in  the  linear  angle  of  attack  range  can  be 
calculated  with  the  aid  of  the  relatively  simple  methods  mentioned  sBove.  None  of  these 
techniques  has  decisive  advantages  over  the  others.  Fig.  7 shows  results  for  an  ogive- 
cylinder  body  with  nose  fineness  ratio  3.5.  At  M s 1.5  and  zero  angle  of  attack  the 
V.  Karman-Tsien  method  and  the  second  order  shock  expansion  method  give  the  sasM  pressure 
distribution.  But  at  M s 3.5  the  method  of  slngularltias  reaches  its  limit.  The  Mach  angle 
is  nearly  equal  to  the  contour  angle  at  the  vertex  (KM*-l/(ljj/D)  = O.96).  Hence  the  lower 
pressure  coefficient  at  the  vertex  and  the  lower  pressure  drag  coefficient  (fig.  7). 


According  to  the  very  simple  slender  body  theory  the  normal  force  distribution  is  proportio- 
nal to  the  derivative  of  the  cross  section  with  respect  to  x - i.e.  the  normal  force  is 
zero  on  a cylindrical  portion  of  a body  - and  it  is  Independent  of  Mach  number.  This  is 
a good  approximation  in  subsonic  and  transonic  flows  (fig.  7).  A nose  fineness  ratio  of 
3.5  at  a Mach  number  of  3*5  is  far  outside  the  range  of  this  simple  theory  (fig.  7). 
Nevertheless  slender  body  theory  can  often  be  used  when  only  rough  approximations  are 
needed. 


In  supersonic  flow  the  point  of  zero  local  normal  force  is  shifted  downstream  with 
increasing  Mach  number.  This  is  predicted  by  the  method  of  singularities  (v.  Karman-Tsien, 
FFA-panel)  whereas  the  second  order  shock  expansion  method  does  not  predict  a change  of 
sign  for  this  configuration  (fig.  7). 


Before  starting  extensive  calculations  one  has  to  check  what  is  the  cheapest  method  to 
solve  a problem.  Fig  5 shows  an  example  where  the  v.  Karman-Tsien  method  [1]  gives  the 
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same  reaults  as  tiie  metbod  of  Vfalland  [7]  Mhlch  for  this  case  needed  a 3000-tiiBes  longer 
computing  time.  But  If  the  ogive -cylinder  body  of  fig.  5 were  not  pointed  but  spherically 
blunted  the  v.  Kaxmian-Tsien  method  would  fail  and  the  more  complicated  procedure  would 
have  to  be  used. 

The  agreement  between  experiments  and  the  relatively  simple  theoretical  methods  Is  sometimes 
not  good.  Nevertheless  they  have  their  value.  It  is  often  not  necessary  to  use  complicated 
methods,  e.g.  one  does  not  need  a con^licated  boundary  layer  method  which  takes  the  heat 
^ .transfer  Into  account  when  the  difference  to  the  adiabatic  wall  temperature  is  small  or 

I when  the  contribution  of  the  friction  to  the  drag  Is  small  even  if  there  exists  a large 

[ heat  transfer.  Fig.  6 summarizes  what  was  said  about  the  different  computational  methods. 

I When  applying  the  v.  Karman-Tslen  method  or  the  second  order  shock  expansion  method  it  is 

useful  to  know  how  many  steps  are  needed  for  the  approximation  of  the  contour  by  a tangent 
body,  since  the  computing  time  is  a function  of  these  steps.  When  calculating  the  wave  drag 
and  the  normal  force  of  an  ogive -cylinder  body  at  M = 2 by  the  v.  Karman-Tsien  method,  the 
number  n of  disks  in  the  nose  region  of  the  approximating  body  was  viuried.  The  axial  force 
coefficient  is  relatively  independent  of  n -less  than  \%  - whereas  the  normal  force 
coefficient  increases  rapidly  when  n falls  short  of  a certain  amount.  In  this  case  a 
partition  of  the  nose  into  8 disks  is  sufficient  (fig.  8). 

When  usii^  computer  programs  one  should  know  the  ranges  of  their  applicability.  Nowadays 
the  listings  of  many  complicated  programs  are  available.  So  one  is  able  to  do  extensive 
ealeulations  without  having  programmed  the  methods  oneself  and  without  possibly  being  well 
acquainted  with  the  method.  Hence  one  may  run  the  risk  to  violate  certain  conditions  without 
knowing  it,  e.g.  fig.  9.  In  this  case  the  normal  force  could  be  calculated  by  the  v.  Karman- 
Tsien  method  although  the  flow  was  locally  subsonic.  This  error  could  easily  be  spotted, 
but  in  complicated  computer  programs  with  many  subroutines  it  is  very  difficult  to  know  the 
limits  of  the  program.  Normally  one  has  no  time  to  go  through  all  the  details  of  a program 
and  may  run  the  risk  to  get  absurd  results. 

The  references  [5],  (81,  (91,  [121,  [14],  [171  include  program  listings. 


3.  Axial  force 

3.1  Drag  coefficient  at  zero  angle  of  attack 

The  drag  is  divided  into  the  forebody  pressure  drag,  the  friction  drag,  and  the  base  drag. 
These  contributions  are  determined  separately.  Their  importance  for  the  total  drag  depends 
on  the  geometry  of  the  body,  the  Mach  number,  and  the  Reynolds  number.  E.g. : When  the  nose 
shape  is  not  too  blunt  the  pressure  drag  in  subsonic  flow  may  be  neglected,  the  base  drag 
can  be  reduced  by  boattailing  (conical  afterbodies  in  supersonic  flow: 

''Db’^Db  cylinder*  ^ ^ largest  contribution  to  the  total  drag  of  long  slender 

bodies  stems  from  the  friction  (fig.  10). 


The  pressure  drag  of  not  too  blunt  nose  shapes  is  almost  zero  in  subsonic  flow.  At  super- 
sonic Mach  numbers  the  pressure  drag  can  be  calculated  by  the  v.  Karman-Tsien  method  or  the 
second  order  shock  expansion  method.  Fig.  11  shows  a comparison  of  the  results.  There  are 
differences  of  up  to  15  % between  both  methods  in  the  upper  Mach  number  range  where  the 
method  of  singularities  begins  to  fail.  The  agreement  with  experimental  results  is  not  bad 
When  the  uncertainties  of  the  windtunnel  tests  are  taken  into  account.  The  total  drag  is 
measured  by  a balance,  the  measured  base  drag  and  the  computed  friction  drag  are  substracted, 
so  that  the  pressure  drag  is  the  difference  of  large  figures.  In  addition  there  are  errors 
in  the  measurement  of  and  c^^  and  one  has  to  make  several  assumptions  (transition 

point  of  boundary  layer,  heat  transfer)  when  calculating  the  friction  drag.  Hence  the  ex- 
perimentally determined  pressure  drag  coefficient  is  in  this  case  not  very  accurate. 


The  V.  Karman-Tsien  method  becomes  less  accurate  with  increasing  Mach  number.  The  nose  shape 
must  be  slender  i.e.  the  body  must  lie  well  within  the  Mach  cone  from  the  nose.  But  at 
M = 3.5  the  Mach  angle  is  equal  to  the  contour  euigle  at  the  vertex.  Hence  the  body  is  no 
longer  slender.  The  low  drag  coefficient  at  high  supersonic  Mach  numbers  is  due  to  a low 
pressure  coefficient  over  the  front  part  of  the  nose  (fig.  7).  The  v.  Karman-Tsien  method 
and  the  second  order  shock  expansion  method  can  also  be  used  for  boattailed  and  slightly 
flared  afterbodies.  At  Mach  numbers  curound  M = 1 the  pressure  drag  of  slender  nose  shapes 
(1^/0  > 3)  can  be  calculated  by  the  method  of  Wu  amd  Ayoama  [12]. 


Blunt  shapes 


Shapes  which  are  not  slender  must  be  treated  by  other  methods.  In  supersonic  flow  one  could 
for  instance  use  the  method  of  Welland  [71  as  long  as  no  separation  occurs  (e.g.  spherically 
blunted,  not  flat  faced  noses).  Normally  one  has  to  refer  to  empirical  methods.  Many  shapes 
have  been  investigated.  Hence  one  has  the  chance  when  looking  through  the  literature  to  find 
cases  which  are  similar  to  the  problem  one  has  to  solve.  Here  it  is  of  course  important  to 
understand  the  flow  phenomenon  so  that  one  is  able  to  extrapolate  correctly.  As  an  example 
the  pressure  drag  coefficient  of  blunt  nose  shapes  in  transonic  flow  is  shown  in  fig.  12. 
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I 


A tangent  ogive  nose  of  fineness  ratio  • 2.5  was  cut  to  lengths  of  2,  1.5,  1 and  0 

calibers.  The  behaviour  of  the  pressure  drag  coefficient  with  Mach  number  can  be  explained 
by  the  separation  of  the  flow  at  the  sharp  corner  of  the  face.  The  drag  is  divided  into 
two  paiTts,  the  drag  of  the  flat  face  and  the  drag  of  the  remaining  ogival  contour,  which 
is  negative  at  least  in  subsonic  flow.  The  contribution  of  the  face  is  (flat  faced  cyl- 
inder )*  /D  )*  . The  second  part  can  be  estimated  from  pressure  measurements  on  a plane- 

nosed cylinder  [13].  For  Mach  numbers  M .<  0.93  the  pressure  coefficient  in  the  separation 
bubble  just  behind  the  corner  is  c = -0.4  independent  of  Mach  number.  Only  the  length  of 
the  sepau'ation  bubble  changes  with^Mach  number  from  about  2.5  diameters  at  M = 0.7  to  about 
3.5  diameters  at  H = 0.9.  Hence  the  negative  drag  of  the  remaining  ogival  nose  increasing 
with  increasing  Mach  number  as  the  drag  of  the  flat  face  does  so  that  the  sum  of  both  is 
almost  constant  in  this  Mach  number  range  (Nose  Nr.  7 and  8).  Vihen  however  the  separation 
bubble  extends  already  at  low  subsonic  Mach  numbers  to  the  model  shoulder  the  Increasing 
separation  length  can  no  longer  Influence  the  pressure  distribution  on  the  nose  and  the 
drag  coefficient  goes  up  with  the  Increasing  drag  of  the  face  (Nose  Nr.  11).  At  a Mach 
number  of  about  0.93  the  flow  field  changes  suddenly:  a very  short  bubble  is  formed  with 
a terminal  shoclc  and  a high  negative  pressure  coefficient  at  the  corner  which  slowly 
decreases  with  Mach  number  (N  = 0.95  : ■ -1.4;  N = 1.2  : Cp  « -0.9).  Blunted  bodies  ; 

where  the  distance  between  the  face  and  the  shoulder  is  shorter  than  or  equal  to  the  length 
of  the  supersonic  separation  bubble  will  have  a drag  reduction  (Nose  Nr.  11)  due  to  the  i 

sudden  jump  of  the  pressure  in  the  separation  region.  At  nigher  Mach  numbers,  for  the  longer  j 

noses  already  at  M = 0.95,  the  short  separation  length  and  the  rising  pressure  lead  to  an  I 

increasing  drag  coefficient.  The  Mach  number  where  the  sudden  change  occurs  cannot  be  fixed  i 

definitely.  There  is  a hysteresis:  both  types  of  separation  were  observed  between  M = O.95  1 

and  M = 1.1  [13]. 


Influence  of  Reynolds  number  on  the  pressure  drag 

The  pressure  drag  is  only  slightly  influenced  by  the  Reynolds  number.  The  influence  stems 
from  the  thickening  of  the  body  contour. by  the  boundary  layer  displacement  thickness,  i.e. 
the  body  becomes  blunter  by  the  boundary  layer.  Fig.  13  shows  the  pressure  drag  coefficient 
versus  Reynolds  number  for  a slender  tangent  ogive  with  fully  turbulent  boundary  layer 
(calculated  by  use  of  [1],  [14]).  At  a Reynolds  number  based  on  body  diameter  Re-  zl'lO*, 
which  is  typical  for  medium  sized  windtunnels,  the  difference  may  be  5 S for  a 3*5  caliber 
tangent  ogive,  when  the  boundary  layer  is  not  taken  into  account. 


3.1.2  Friction  drag 

The  friction  drag  is  often  the  largest  part  of  the  total  drag  (fig.  10).  It  is  therefore 
important  to  know  it  accurately-.  There  are  many  different  methods  for  the  determination 
of  the  friction.  But  they  will  not  be  discussed  in  this  lecture.  In  the  figures  shown  here 
the  boundax*y  layer  was  calculated  by  the  method  of  Rotta  [14].  It  is  an  Integral  method  for 
compressible  plane  and  axisymmetric  flows  which  accounts  for  varying  contour  radii 
(r  ^ constant)  and  varying  pressure  coefficients  (c  ^ 0)  but  no  heat  transfer  is  regarded. 

In  empirical  methods  (e.g.  Oatcom)  one  normally  uses  tables  or  charts,  which  give  the  skin 
friction  coefficient  of  the  flat  plate  (r  s »,  c - 0)  versus  Reynolds  number  with  only 
one  parameter,  the  Mach  number.  So  one  possibly  ^must  take  other  influences  into  account: 
the  pressure  distribution,  the  surface  roughness,  the  heat  transfer  a.s.o.  In  order  to  give 
an  impression  of  the  magnitude  of  these  effects  Hgs  14  and  15  were  prepared. 

On  an  ogive  cylinder  with  a nose  fineness  ratio  of  2.5  the  local  skin  friction  is  in  the 
forward  part  by  about  15  % higher  than  the  flat  plate  value.  While  the  differences  in  c^ 
are  restricted  to  the  nose  region,  the  influence  on  the  boundary  layer  displacement 
thickness  is  felt  over  the  entire  body  (fig.  14). 

Computer  programs  and  charts  normally  give  the  skin  friction  coefficient  for  smooth  surfaces. 
Rough  surfaces  have  a higher  friction  drag  provided  that  the  roughness  height  is  large 
enough  e.g.  the  corn  size  must  be  larger  than  the  laminar  sublayer.  The  critical  size  can 
be  determined  by  the  Reynolds  number  based  on  the  conditions  at  the  roughness  element. 

Kq.U|^/v  - 250  critical  roughness  height 

Ui^  velocity  at  the  top  of  the  roughness  element 

Roughness  measurements  on  new  air  to  air  missiles  and  tip  tanks  showed  roughness  helgths 
of  about  0.01  mm.  These  surfaces  are  hydraulically  smooth  (see  fig.  15).  For  special 
cases  - the  lacquer  of  missiles  which  have  flown  for  a long  time  under  an  aircraft  may 
eraek  off-  one  can  estimate  the  influence  of  the  roughness  on  the  friction  drag  with  the 
aid  of  fig.  15.  The  drag  due  to  excrescences  as  for  instance  rivets,  launcher  hooks,  cable 
ducts,  small  steps  due  to  the  malalignment  of  different  segments  of  the  missile  is  of  the 
order  of  10  S to  20  ( of  the  clean  configuration. 

Heat  transfer  between  the  wall  and  the  flow  influences  the  friction  drag.  Its  effect  on 
c.  can  roughly  be  estimated  using  fig.  15,  when  the  wall  temperature  of  the  body  is  known. 

The  temperature  depends  on  a missiles  geometry,  structure,  mission,  inner  heat  transfer, 
flying  time  a.s.o.  For  an  accurate  determination  of  the  surface  temperature  and  the  skin 
friction  all  these  parameters  must  be  taken  into  account.  There  exist  computer  programs 
for  simple  geometrical  shapes  e.g.  [171.  In  [I8]  a temperature-time  history  of  a sounding 
rocket  has  been  published.  30  seconds  after  the  start  at  a Mach  number  N«6  a temperature 


i 


ratio  6 a 0.7  was  asasurad  on  tbs  inner  wall  of  a 1.5  steel  shell  about  2 calibers 
behind  the  shoulder  of  the  ogival  nose,  ntis  heat  transfer  increases  the  skin  friction 
by  about  20  i. 
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Blunt  bodies 


L 


Most  boundary  layer  methods,  e.g.  the  isethod  of  Rotta  [14],  postulate  that  the  stagnation 
conditions  outside  the  boundary  layer  are  constant.  On  blunt  bodies  in  supersonic  flow 
this  assumption  is  no  longer  fullfilled.  Behind  a detached  bow  shock  (fig.  16)  the  total 
pressure  varies  from  the  value  of  the  pitot  pressure  (streamlines  near  the  body)  to  the 
undisturbed  value  (streamlines  far  outside  the  body).  The  total  pressure  at  the  stagnation 
point  of  a hemisphere  at  N = 4 is  about  7 times  smaller  than  the  total  pressure  of  the 
free  stream  and  the  Mach  number  far  behind  the  nose  is  reduced  to  M « 2.7.  When' the  changes 
of  total  pressure  and  Mach  number  are  not  taken  into  account  too  high  skin  friction 
coefficients  will  be  calculated. 


Influence  of  Reynolds  number  on  akin  friction  drag 

The  friction  drag  depends  strongly  on  the  Reynolds  number.  The  influence  can  directly  be 
read  from  charts,  for  Instance  for  the  reduction  of  windtunnel  data  to  free  flight 
conditions.  Problems  arise  when  the  transition  point  of  the  boundary  layer  is  not  known. 

The  transition  point  on  windtunnel  models  is  often  fixed  by  roughness  elements.  But  at  high 
supersonic  Mach  numbers  or  in  test  series  with  strongly  varying  conditions  (Mach  number, 
Reynolds  number,  boundary  layer  thickness)  an  artificial  tripping  is  problematic  and  hence 
not  used.  In  Such  cases  the  transition  point  is  not  known  but  must  be  determined  in  special 
test  runs  or  estimated  from  the  model  geometry  and  the  transition  Reynolds  number  of  the 
windtunnel.  Fig.  13  shows  calculated  forebody  drag  coefficients  for  a slender  body.  The 
differences  in  Reynolds  number  depend  mainly  on  the  type  of  the  windtunnel:  blow  down 
tunnels  need  high  stagnation  pressures  while  in  continous  and  suck  down  wlndtunnels  at  high 
Mach  numbers  the  pressures  are  considerably  lower.  Usual  transition  Reynolds  numbers 

Re...  at  M = 3 are  between  1*10*  and  4*10*.  This  means  if  the  transition  is  not  fixed 
tr 

ao'tificially  that  at  the  lower  unit  Reynolds  numbers  the  boundary  layer  may  be  laminar  over 
long  distances  of  the  model  and  hence  the  friction  drag  will  be  considerably  smaller  them 
with  a turbulent  boundary  layer. 


3. 1. 3 Base  drag 

The  flow  in  the  base  region  will  be  discussed  in  detail  in  another  lecture.  Therefore  only 
some  remarks.  The  base  drag  may  attain  50  % or  even  more  of  the  total  body  drag  (fig.  10). 
Therefore  it  is  worthwhile  to  try  to  reduce  it.  In  addition  the  afterbody  is  sometimes 
the  only  part,  which  can  be  optimized  - e.g.  the  nose  shape  (forebody  drag)  is  given  by 
the  Infrared  head  and  the  wetted  surface  area  (friction  drag)  can’t  be  varied  very  much 


cone-angle  B depends  on  Mach  number  and  geometric  boundary  conditions:  For  a fixed  afterbody 
length  is  about  7**  for  supersonic  flow  and  about  16”  for  subsonic  flow  and  it  varies 

in  transonic  flow  with  the  critical  Mach  number.  For  a given  base  diameter  ratio  d^/D 
is  different  (see  lower  part  of  fig.  17}-  ^ 


Influences  of  blunt  nose  shapes  and  of  Reynolds  number 

The  laminar  and  the  turbulent  base  pressure  coefficients  of  cylindrical  afterbodies  without 
jet  are  often  given  as  a single  curve  (4],  as  function  of  the  Mach  number  only,  without 
regarding  the  Reynolds  number  - the  boundary  layer  thickness  is  assumed  to  be  very  small  - 
and  the  nose  shape.  From  fig.  18  one  can  see  the  differences  in  Cp  when  these  two 

parameters  are  not  taken  into  account.  In  the  test  series  the  nose  fineness  ratio  varied 
between  1^/0  s 0.5  and  3.5  and  the  cylindrical  body  length  12/0  between  6 and  18.  The  base 
pressure  Pp  increases  with  increasing  nose  bluntness  and  increasing  boundary  layer 
thickness. 


for  a given  volume  - Fig.  17  shows  that  the  afterbody  drag  can  be  reduced  by  almost  90  » 
If  the  6-caliber  body  of  figure  10  had  a conical  beattail  (lj./0  = 1,  6 = 15°)  instead  of 
a cylindrical  base,  the  total  drag  would  reduce  in  subsonic  flow  to  50  I.  The  optimum  of 


3.1.4  Influence  of  Reynolds  number  on  the  total  drag  coefficient 

In  most  cases  the  flow  over  a body  can  be  decomposed  into  contributions  due  to  potential 
flow,  friction,  and  separated  flow  and  the  forces  can  be  calculated  separately.  But 
sometimes  the  Interactions  between  the  different  types  of  flow  are  so  big  that  a 
distinction  is  not  possible  - e.g.  the  flow  over  a boattailed  afterbody  at  subsonic  speeds-. 
This  is  also  true  for  the  Influence  of  the  Reynolds  number.  Vftien  the  body  shapes  are  slender 
and  the  state  of  the  boundary  layer  is  known  it  is  relatively  easy  to  reduce  windtunnel 
data  to  free  flight  conditions  as  the  laws  of  reduction  are  known.  But  as  soon  as  separation 
occurs  the  influence  is  usually  unknown.  Especially  the  flow  over  corners  with  small  radii 
is  very  critical  as  the  separation  region  depends  on  the  state  of  the  boundary  layer  at  the 
separation  point.  At  really  sharp  corners  no  influence  of  Reynolds  number  is  felt  since  the 
flow  must  always  separate  at  the  same  point  independent  of  the  state  of  the  boundary  layer. 
The  measurements  of  Hayes  and  Henderson  [20J  clearly  show  the  range  of  corner  radii  where 
the  Reynolds  number  has  the  greatest  influence.  As  the  model  was  very  short  (1/D  « 1)  the 


3.2  Drag  coefficient  at  angle  of  attack 

In  [4]  several  empirical  methods  are  given  by  which  the  change  of  the  drag  with  angle  of 
attack  can  be  calculated.  Usually  the  axial  force  coefficient  of  the  forebody  remains 
almost  constant  up  to  a » or  Increases  only  slightly  (<  10  %)  so  that  the  change  of  the 
foreboiiy  drag  coefficient  Cqp  is  mainly  given  by  the  contribution  of  the  normal  force 

C^'Sina.  Fig.  20  shows  a comparison  between  theory  (method  of  linearized  singularities) 
emd  experiment.  According  to  theory  decreases  slightly  with  a,  while  it  increases  in 

the  windtunnel  test.  It  was  assumed  hereby  that  the  contribution  of  the  friction  drag  is 
constant  with  a within  the  angle  of  attack  rar.ge  considered  here.  A confirmation  whether 
this  assumption  is  realistic  could  not  be  found. 

The  V.  Karman-Tslen  method  auid  the  PPA-panal  method  are  linear  methods.  Therefore  one 
cetnnot  expect  that  at  aingles  of  attack  which  are  no  longer  small  the  normal  force 
coefficient  and  hence  the  forebody  drag  coefficient  C^p  can  be  determined  accurately 

j by  these  methods.  One  must  apply  techniques  which  tcOce  flow  separation  on  the  body  into 

i account  e.g.  [211  (fig.  20). 

[ As  it  is  very  difficult  to  compute  the  influence  of  the  angle  of  attack  on  the  base  drag 

[ by  theoretical  methods  one  normally  determines  the  base  drag  experimentally.  In  windtunnel 

; tests  one  has  to  regard  that  the  model  sting  affects  the  base  pressure.  It  is  almost 

impossible  to  give  correction  factors  since  the  influence  of  the  sting  depends  on  many 
parameters:  the  diameter  ratio,  the  model  geometry,  the  Mach  number,  and  also  the  angle  of 

(fig.  l8)  varies  with  a too. 
of  streamlines  which  have  gone 

through  the  bow  shock  outside  the  body  axis  at  smaller  shock  angles  (fig.  16).  Hence  the 
pressure  losses  decrease  with  a and  thereby  also  the  differences  between  the  base  pressures 
of  bodies  with  slender  and  blunt  nose  shapes. 


4.  Normal  force  and  center  of  pressure 

U-ke  the  axial  force  the  normal  force  is  divided  into  the  contributions  of  potential  flow, 
friction,  and  separated  flow.  The  contribution  of  the  friction  to  the  normal  force  is 
usually  so  small  that  it  is  practically  negligible. 

At  angles  of  attack  around  a-  o'^  the  flow  over  slender  bodies  is  well  described  by  potential 
flow  theories.  With  increasihg  angle  of  attack  the  boundary  layer  moves  to  the  lee  side  of 
the  body,  accumulates  there,  and  finally  separates  forming  a pair  of  symmetrical  vortices. 
When  separation  occurs  the  pressure  distribution  over  the  cross  section  changes  fundamen- 
tally (fig.  21):  on  the  lee  side  a region  of  low  pressure  forms  which  cannot  be  described 
by  potential  flow  methods.  It  leads  to  an  additional  normal  force  which  is  no  longer  linear 
with  a.  The  boundary  between  the  linear  and  nonlinear  angle  of  attack  ranges  is  not  fixed 
but  a function  of  body  length  (separation  starts  at  the  downstream  end  of  a cylinder  body, 
when  a increases),  Mach  number,  Reynolds  number,  model  geometry  (fig.  22).  When  the  angle 
of  attack  is  further  increased  (a  > 23*^)  the  vortex  pattern  becomes  asymmetric  leading  in 
subsonic  and  transonic  flow  to  side  forces  which  may  by  greater  than  the  normal  forces. 

What  requirements  must  be  satisfied  by  computational  methods  depends  on  the  problem  to  be 
solved.  On  sounding  rockets  the  contribution  of  the  body  alone  to  the  normal  force  may  be 
of  the  order  of  50  % whereas  for  missiles  with  large  wings  and  tails  the  body  lift  may 
decrease  to  about  10  { of  the  total  lift.  In  the  latter  case  a very  simple  method  for  the 
estimation  of  the  forces  on  the  body  will  be  sufficient. 


4. 1 Linear  angle  of  attack  range 

Near  a = 0°  the  normal  force  of  slender  bodies  is  a linear  function  of  the  tuigle  of  attack. 
For  missiles  which  fly  only  at  low  angles  of  attack  it  is  therefore  sufficient  to  know 
the  slopes  dC^/da  and  dC  /da.  Fig.  23  shows  the  typical  runs  with  Mach  number  determined 
in  a windtunnel:  a pronounced  peak  at  M = 1 and  an  increase  with  increasing  supersonic 
Mach  number.  These  curves  are  represented  by  the  above  mentioned  methods  only  to  some 
extent  (fig.  25).  The  slender  body  theory  does  not  account  for  the  influences  of  Mach 
number,  body  length,  nose  shape  on  dC^/da  but  only  for  the  effect  of  nose  shape  on  the 
center  of  pressure.  The  results  of  the  v.  Karman-Tsien  method  and  the  second  order  shock 
expansion  method  are  acceptable  for  Mach  numbers  M > 1.5  with  the  exception  of  the 
influence  of  the  body  length.  But  this  can  be  improved  by  taking  the  boundary  layer  into 
account.  In  this  regard  the  v.  Karman-Tsien  method  gives  the  best  results.  It  predicts 
the  crossing  of  the  curves  for  body  lengths  of  = 6 and  10  (fig.  24,  26).  This  cross 

over  is  caused  by  the  downstream  movement  of  the  negative  local  normal  force  (fig.  7) 
with  Mach  number.  The  consideration  of  the  boundary  layer  is  important  for  long  bodies. 

The  differences  in  normal  force  and  center  of  pressure  of  cylinders  *6)  are  due 

only  to  the  fact  that  the  displacement  thickness  increases  with  body  length  (fig.  24). 

In  slender  body  theory  the  lift  is  L = ‘U.'^Base 


t 


[ 


attack.  The  above  mentioned  effect  of  the  nose  shape  on  C 
With  increasing  angle  of  attack  the  base  lies  in  the  regii 


•2a.  This  means  that  a closed  body 
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(Sg^  = 0)  has  no  lift  but  only  a moment  which  is  in  contradiction  to  experiment.  The 
reafofl  for  these  differences  is  that  the  flow  ceases  to  be  potential  when  there  is 
boattailing.  One  assumes  that  the  point  where  this  happens  is  in  subsonic  flow  a function 
of  the  station  at  which  dS/dx  first  reaches  its  maximum  negative  value  [4]. 

The  influence  of  the  nose  fineness  ratio  is  correctly  reprensented  by  simple  theoretical 
methods  in  transonic  and  low  supersonic  flow  as  long  as  the  limitations  of  the  methods 
are  taken  into  account.  Even  slender  body  theory  describes  well  the  movement  of  the  center 
of  pressure  with  nose  fineness  ratio.  So  it  can  be  used,  for  example,  to  convert  experimen- 
tally determined  centers  of  pressure  to  other  nose  fineness  ratios.  At  high  supersonic 
Mach  numbers  the  almost  linear  relation  between  the  center  of  pressure  and  the  nose  fineness 
ratio  is  distorted.  This  is  probably  due  to  the  influence  of  the  strong  bow  shocks  on  the 
boundary  layer  since  the  influence  increases  with  body  length. 


Blunt  nose  shapes 

On  blunt  nose  shapes  and  on  shoulders  with  sharp  corners  (cone  cylinders)  the  flow  may 
separate  even  at  zero  angle  of  attack.  Hence  the  flow  is  no  longer  a potential  flow  and 
cannot  be  determined  by  the  above  mentioned  theoretical  methods.  Large  separation  regions 
exist  especially  in  subsonic  flow  with  sudden  changes  in  the  transonic  regime.  These  jumps 
are  observed  when  the  flow  in  the  nuctc  »egion  changes  from  subsonic  to  supersonic.  They 
are  mostly  due  to  boundary  layer  shock  interferences  and  they  are  connected  with 
Instationary  pressure  fluctuations  [231  and  hysteresis  (fig.  28).  The  sudden  changes 
increase  with  increasing  separation,  i.e.  they  increase  with  increasing  cone  angle  of  cone 
cylinders.  The  long  separation  bubble  in  subsonic  flow  leads  to  a higher  static  stability 
(fig.  27,  28).  Pig.  29  shows  schlleren  pictures  of  the  flow  separation  (coirrsare  also 
fig.  12). 

On  a hemisphere  - cylinder  a local  supersonic  flow  is  first  observed  just  below  M = 0.7, 
but  a well-defined  shock  system  is  not  obtained  until  nearly  M = 0.9.  This  change  in  flow 
pattern  leads  to  jumps  of  tne  normal  force  and  the  center  of  pressure  similar  to  that  of 
cone  cylinders  (fig.  27). 


Influence  of  Reynolds  number 

It  was  shown  in  fig.  24,  that  the  boun'-’ary  layer  has  a great  influence  on  the  normal  force 
of  long  bodies  near  zero  angle  of  attick.  Therefore  one  can  expect  that  also  the  effect  of 
the  Reynolds  number  la  appreciable  (24]  (fig.  31)*  it  can  be  calculated  for  instance  by  the 
methods  of  v.  Karraan-Tsier  'IJ  and  flotta  (14J.  But  for  quick  estimates  of  single  values  und 
as  subroutines  of  extensive  computer  programs  in  which  the  time  and  the  available  storage 
are  limited  simple  approximate  formulae  will  do.  They  were  derived  from  slender  body  theory. 

With  the  pressure  coefficient  Cp(*,x)  = 4*a’cos^'^  and  the  body  contour,  enlarged  by  the 
displacement  thickness  6|,  r(x)  : R(x)  * 5i(x)  one  obtains 


AC 


= -8a  pit  - 4a|Cj.j  pi  + (p  - pi)] 

-4a  {Cj.j  0.5  (pi)  + Cj.^  (p  -pi)  x 


^)]} 


ACjij  pitching  moment  coefficient  due  to  boundary 
layer,  reference  point:  nose  tip 

Cf  average  skin  friction  coefficient 

subscript:  t laminar 

t turbulent 

?or  purely  laminar  or  purely  turbulent  boundary  layers  the  formulae  simplify  to 


AC,  = -8a 


'IT 


4a'C 


f 5 


^^^m  = -'‘“•ir-ff  - 2a-Cj.-  (J) 


The  displacement  thicknesses  and  the  mean  skin  friction  coefficients  C^^,  C^^ 

should  be  calculated  by  a boundary  layer  method  such  as  that  of  Rotta  [14].  For  quick 
estimates  of  single  values  the  diagrams  In  fig.  30  were  prepared.  When  the  flow  is  partly 

-- 
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laminar  and  partly  turbulent  one  can  write  approximately  =0)“I — * ^11’ 

The  formulae  given  above  and  the  diagrams  (fig.  30)  are  valid  ohly  for  relatively  long 
cylinders  (1-2^^  ^ nose  shapes. 

When  comparing  measurements  in  different  windtunnels  often  differences  are  encountered 
which  cannot  be  explained  by  inaccuracies  of  the  test  equipment.  Here,  too,  the  boundary 
layer  may  play  a part,  and  this  even  if  the  Reynolds  numbers  are  identical  or  differ  only 
by  a factor  of  3 or  4 which  by  itself  would  not  have  a great  influence.  The  differences 
are  caused  by  different  positions  of  boundary  layer  transition.  The  transitioh  Reynolds 
number  Re^j,  can  vary  considerably  in  the  different  tunnels.  If  for  one  reason  or  another 

the  transition  point  is  not  fixed  on  the  model,  differences  in  the  normal  force  characteris- 
tics may  possioly  exist  even  if  the  experimental  conditions  are  otherwise  identical.  As  an 
example  fig.  32  shows  the  slope  of  the  normal  force  coefficient  and  the  center  of  pressure 
for  a slender  ogive-cylinder  body  at  M = 1.3  plotted  versus  the  transition  Reynolds  number 

Re.._.  Values  of  Re.._  for  various  American  transonic  windtunnels  were  taken  from  [25].  For 
tr  tr 

example,  if  the  model  R 115  of  reference  [19]  (D  = 30  mm)  had  been  tested  in  these  tunnels 
at  a unit  Reynolds  number  Re/cm  = 1.3*10’,  then  apart  from  the  usual  measuring  inaccuracies, 
the  different  positions  of  the  transition  point  would  have  led  to  differences  of  up  to  0.8 
calibers  in  the  center  of  pressure  and  of  about  15  i in  the  normal  force  coefficient  from 
one  tunnel  to  the  other.  Of  course,  such  differencies  only  occur  when  on  long  bodies  the 
transition  point  moves  by  several  calibers,  say,  in  the  range  6 < R®ti./R®n  i 1/0.  No 
differences  would  nave  to  be  expected  on  this  account  when  the  models^are ‘^appropriately 
smaller  or  larger  (here:  D = 10  mm  and  100  mm),  because  the  boundary  layer  on  the  model 
would  then  be  completely  leiminar  in  all  the  windtunnels  or  would  become  turbulent  already 
in  the  nose  region. 

4. 2 Nonlinear  angle  of  attack  range 

At  angles  of  attack  of  about  5°  - see  figs.  21,  22  - the  flow  starts  to  separate  from  the 
body.  This  flow  separation  leads  to  an  Increase  in  the  aerodynamic  loads.  At  not  too  high 
incidences  - say  up  to  about  25°  - a symmetric  vortex  pattern  exists.  Tnis  intermediate- 
angle-of-attack  remge  will  be  briefly  described  here,  not  the  complete  area  of  high-angle- 
of -attack  aerodyncunics  which  is  presented  in  another  chapter. 

There  exist  computational  methods  for  three  dimensional  viscous  flow  fields  about  slender 
bodies,  but  they  are  very  complicated  and  time  consuming  [26]  or  only  partial  problems  can 
be  treated  as  for  instance  the  determination  of  the  separation  line  in  incompressible  flow 
[27].  In  order  to  estimate  the  normal  force  on  slender  bodies  in  the  nonlinear  o-range 
simple  semi-empirical  methods  are  available.  In  these  methods  the  flow  is  decomposed  into 
the  velocity  components  parallel  with  and  normal  to  (cross  flow  U„.sina)  the  body  axis  and 
the  drag  of  the  cylinder  due  to  the  cross  flow  which  is  the  viscous  normal  force  must  be 
determined. 


rise  = I 


d(x)*Cjjj,(x)*q*sin'o*dx 


Where  d(x)  is  tne  local  body  diameter  and  Cq^(x)  the  drag  coefficient  of  a cylinder  element. 

Allen  [21]  Chose  a mean  value  for  Cpg(x)  which  is  constant  over  the  body  length  and  which 

is  only  corrected  for  tne  Influence  of  the  fineness  ratio  of  the  body.  So  he  got  a very 
simple  equation 


Cpc2o  *'*’®  ‘Irag  coefficient  of  an  infinitely  long  circular  cylinder,  n is  a correction 
factor  for  tne  influence  of  the  fineness  ratio  on  °DC»  ^p  is  the  plan  from  area  of  the  body, 
and  S = irU’/4  the  cross  section. 

This  equation  gives  good  agreement  with  experiments  for  long  cylindrical  bodies  at  high 
angles  of  attacK  (fig.  34).  But  especially  in  the  nose  region  the  cross -flow  drag  is  not 
constant  with  the  length.  Kelly  [28]  developed  a method  which  is  based  on  the  impulse- 
flow-analogy:  the  development  of  the  cross-flow  at  any  station  on  a body  of  revolution  at 
incidence  is  analogous  to  that  past  a two-dimensional  circular  cylinder  started  Impulsively 
into  motion  from  rest.  A potential  cross-flow  exists  at  the  nose,  with  a gradual  development 
of  viscous  cross-flow  along  the  body.  Schwabe  and  later  others  determined  experimentally 
tne  cross-flow  drag  of  cylinders  set  impulsively  into  motion  from  rest  (fig.  33).  The  time 
t in  the  experiments  can  be  related  to  the  distance  x of  the  body,  since  the  parameter 

X 

.t  which  he  used  is  equal  to  p 'tana  of  an  inclined  cylindrical  body  (the  cross-flow 
velocity  U,,  sina  and  the  time  t = []  ^cosa^*  order  that  the  equation  for  the  viscous 


normal  force  may  be  readily  Integrated  Kelly  approximated  Schwabe 's  results  by  a polynominal. 
The  first  term  leads  to  the  equation  * 0.49* (Cpp.l*/S)*o’  which  is  valid  for  subsonic 
flow  if  a < 10**  and  2t  tan  a <5,  as  long^is  the  boundary  layer  thickness  does  not  Increase 
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the  base  area  appreciably.  The  drag  coefficient  of  the  circular  cylinder  is  1.2  for 
laminar  and  U.35  for  turbulent  flow. 

rtore  modern  experiments  in  impulsively  started  laminar  flow  which  were  exte'ided  to  higher 
values  of  U^*t/R  show  a peak  and  then  a decrease  of  the  drag  coefficient  (fig.  33).  This  has 
been  taken  into  account  by  Thomson  [30],  who  also  made  allowance  for  the  influence  of  axial 
pressure  gradients  on  the  separation.  A favourable  pressure  gradient  inhibits  flow 
separation,  reducire  the  cross-flow  drag. 


°Zvi3c  " Cjjg-P'Q-4/ii'd/D-ain»a. 

In  this  equation  the  factors  P,  Q,  H represent  the  influences  of  the  base,  the  strength  of 
the  wake  vortices,  and  the  effect  of  the  axial  pressure  gradient.  The  cross -flow-drag 
coeffizient  includes  the  influences  of  the  type  of  separation 

« 0.6  for  0°  < a < 20°)  and  of  the  distance  from  the  nose  tip  (Cjjg  = f (x/D*S*tano) , 

S = Strouhal  number).  In  [30]  curves  are  shown  which  agree  well  with  experimental  results. 


Blunt  nose  shapes 

The  influence  of  the  nose  shape  on  the  separation  pattern  has  been  investigated  theoretically 
[31]  but  there  are  no  computational  methods  by  which  the  influence  on  the  viscous  normal 
force  could  be  calculated.  Prom  the  windtunnel  tests  of  Hartmann  [11]  one  could  conclude 
that  an  appreciable  influence  is  only  felt  in  subsonic  and  transonic  flows.  But  the  nose 
effect  could  have  been  hidden  by  the  long  cylinder  (t/D  = 19).  Oil  flow  pictures  at  least 
snow  big  differences  in  the  separation  patterns  of  the  flows  in  the  nose  regions  of  slender 
and  hemispherical  noses. 


Influence  of  Reynolds  number  I 

t The  Reynolds  number  can  have  a strong  influence  on  the  viscous  normal  force.  When  the  state  | 

[ of  separation  changes  from  laminar  to  turbulent  the  viscous  normal  force  varies  by  a factor 

E of  about  3.  This  large  variation  in  the  drag  coefficient  of  a circular  cylinder  is  taken 

! into  account  in  tne  above  mentioned  methods.  Nevertheless  big  differenes  between  calculated 

' and  measured  normal  forces  can  occur.  These  differences  are  primarily  caused  by  the  fact 

1 that  Inadequate  account  is  taken  of  the  Reynolds  number:  it  is  only  asked  whether  the 

^ boundary  layer  is  laminar  or  turbulent,  and  no  forther  distinction  is  made.  But  the  drag 

I coefficient  of  a curcular  cylinder  is  not  a step  function.  In  the  critical  cross-flow  range 

it  varies  continously  between  CocsO.25  and  1.25.  Therefore  the  strong  variations  in  the 
normal  force  coefficient  and  in  the  center  of  pressure  in  the  critical  range  (fig.  35 > 36). 

S For  long  bodies  at  high  angles  of  attack  the  nonlinear  contribution  of  tne  cross-flow  to 

t the  normal  force  coefficient  is  primairily  given  by  Cpp-sin'a,  where  the  drag  coefficient 

I Cyg  of  the  cylinder  depends  mainly  on  the  Reynolds  number  and  the  Mach  number  (fig.  38). 

E As  the  state  of  the  boundary  at  the  separation  line  is  importemt  for  the  pressure 

f distribution  in  the  wake,  the  Reynolds  number  ReJ^2>  *'hich  is  characteristic  for  the 

I separation,  is  based  on  the  freestream  conditions  and  on  the  length  of  the  streamline  I.™ 

s from  = 0°  up  to  the  separation  line  at  ♦ » 90°  and  not  on  the  cross-flow  (Ren'Sina). 

^ The  length  of  the  streamlines  is  a function  of  the  angle  of  attack:  and  thereby  also 

t ^°AZ  with  Increasing  a.  Consequently  when  changing  the  angle  of  attack  during  a 

f winottunnel  test  one  also  passes  through  a certain  range  of  Reynolds  number  Re^2‘  36 

I the  complete  critical  cross-flow  range  is  covered.  At  M = 0.5  and  Re^  = l.S'lO*,  for  example, 

ReA2  corresponding  to  o < 6°  is  so  large  that  the  boundary  layer  is  turbulent  before  reaching 
the  separation  line.  The  steep  decrease  of  C„  is  reached  when  o » 6°  (point  A).  The  minimum 

( O 

!of  the  drag  coefficient  of  the  cylinder  is  passed  as  a increases  further,  and  at  a * 12 

Cqq  has  a value  which  is  more  or  less  equal  to  that  for  a turbulent  boundary  layer  at  a low 

Reynolds  number  (point  B).  The  drag  coefficient  then  increases  rapidly  and  eventually 
attains  the  almost  constant  laminar  value.  At  larger  Reynolds  numbers  Re^  the  points  A and 

B move  towards  higher  angles  of  attack,  the  distance  between  them  becomes  greater,  and  the 
influence  of  the  critical  range  is  felt  more  strongly  (fi 4.  38). 

This  is  no  longer  true  at  higher  Mach  numbers.  As  soon  as  the  cross -flow  Mach  number 

= M'sina  reaches  the  critical  value  at  about  M„„  = 0.42  at  which  the  speed  of  sound  is 
cr  cr 

reached  locally  on  the  cylinder,  the  Influence  of  the  Reynolds  number  decreases  markedly 

and  eventually  disappears  completely  (fig.  37>  point  C in  fig.  38). 

Changes  in  the  normal  force  distribution,  too,  are  noted  when  the  critical  cross-flow  range 
is  passed  or  when  the  cross-flow  Mach  number  M^j.  exceeds  a value  of  about  0.42.  This  is 
caused  by  the  Interference  between  the  non-vlscous  flow  over  the  nose  and  the  viscous  cross- 
flow.  In  the  subcrltical  range  (laminar  separation)  or  at  M^j.  > 0.42  a region  of  high  local 
' normal  force  exists  at  the  shoulder.  This  region  increases  in  length  with  increasing  cross- 

flow  Mach  number. 

! 

y 
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If  one  wants  to  avoid  the  critical  separation  region,  one  must  limit  oneself  to  a certain 
range  of  Reynolds  number  that  depends  on  the  angle  of  attack  and  on  the  Mach  number.  In 
low  subsonic  flow  one  has  Re^^A  " ^ *^®AZB  * 2. 5- 10’  - *'*‘® 

Reynolds  numbers  streamline  length  up  to  separation,  at  the  points  A and 

a (fig.  i8)  -.  Prom  this  one  obtains  the  relationship  between  the  angle  of  attack  and  Re„ 
(fig.  3,  >.  This  relationsnip  only  holds  wnen  the  cross-flow  .Mach  number  M^^,  is  lower  s 0.42. 

fhe  importance  of  the  state  of  the  boundary  layer  for  the  normal  force  of  bodies  is 
demonstrated  by  fig.  35.  At  transonic  and  supersonic  Mach  numbers  only  small  models  of 
circular  cross  section  come  into  the  critical  separation  region  (fig.  39)  with  its  large 
Changes  in  normal  force  and  center  of  pressure.  But  this  may  happen  also  to  large  windtunnel 
models  wnen,  for  instance,  a body  has  a rectangular  cross  section  with  rounded  corners 
(compare  fig.  19). 
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Fig. 5 Pressure  distribution  on  a tangent  ogive-cylinder  body,  comparison 
between  theory  and  experiment 
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Fig.  6 Computational  methods  (potential  flow) 
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HIGH-ANGLE-OF-ATTACK  MISSILE  AFRODYNAMICS 


Andrew  B.  Wardlaw,  Jr. 
Naval  Surface  Weapons  Center 
White  Oak  Laboratory 
Silver  Spring#  Maryland,  USA 


SUMMARY 

The  large  scale  leeward  flow  separation  occurring  at  high  angles  of  attack  pre- 
cludes a tractible  theoretical  basis  for  determining  missile  aerodyneunic  characteris- 
tics. This  has  led  to  the  development  of  predictive  methods  that  rely  heavily  on 
experimental  data  and  progress  in  creating  such  techniques  is  linked  to  the  determina- 
tion of  a quantitative  experimental  description  for  the  flow  about  and  forces  on 
missiles  at  high  incidence.  The  following  paper  reviews  experimental  data  on  and 
predictive  methods  for  bodies,  fins  and  complete  missile  configurations.  An  outline 
and  description  is  provided  of  the  various  vortex  regimes  that  exist  on  a missile  and 
its  components  at  high  angles  of  attack.  Data  is  examined  to  determine  quantitative 
trends  in  surface  pressure  distributions  and  loads.  Available  analytic,  semi-empirical 
; and  empirical  predictive  methods  are  reviewed.  On  cylindrical  bodies,  analogies  with 

cylinders  in  crossflow  provide  a convenient  framework  for  constructing  empirical 
predictive  methodologies.  However,  for  lifting  surfaces  and  complete  configurations, 
an  apt  analogy  does  not  exist  and  predictive  techniques  consist  of  correlations  of 
large  force  and  moment  data  bases.  Semi-empirical  and  theoretical  methods  model  the 
flow  field  and  from  this  information  calculate  loads  on  the  missile  configuration.  Even 
though  these  approaches  require  less  experimental  information  for  development,  they  can 
have  large  computational  requirements  and  tend  to  be  restricted  to  subsonic  flow. 

SYMBOLS 


local  body  radius 
area 

reference  area 

aspect  ratio 

wing  alone  semi-span 

root  chord 

crossflow  drag  coefficient 

local  side  force  coefficient  normalized  by  the  crossflow  dynamic 
pressure 

lift  force  coefficient 

yaw  moment  coefficient 

normal  force  coefficient 

viscous  contribution  to  the  normal  force 


potential  contribution  to  the  normal  force 
pitching  moment 

(p-p<„)/q 

absolute  value  of  the  maximum  Cy 
yaw  force  coefficient 

local  diameter 
reference  diameter 

y coordinate  of  wing  vortex  location  at  the  wing  and  tail,  respectively 
width  of  a Karman  vortex  street 


tail  interference  factor  (Lt(v)/^T  ’ ^ STroU 

L„/D 

L^./D 


(s,j,-r,j,).  Also  /T. 


Lt/^  jf  d dx  = L^/D 

lift  force 
nose  length 

total  missile  length 

freestream  Mach  number 
crossflow  Mach  number,  M sin  a 


pressure 
dynamic  pressure 
reference  radius 
nosetip  radius/D 
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s 

s 

t 

t* 

u 

V 

w 

X 


m 

Xcp 

x,y,z 

a 

01-. 


freestream  Reynolds  number  based  on  diameter 

body  radius  at  the  wing  and  tail,  respectively 
crossflow  Reynolds  number,  Re^sin  a 
Strouhal  number 

wing  or  tail  semi-span  in  combination  with  body 
time 

X tana/D 

freestream  velocity 
velocity  vector 
body  volume 

complex  crossflow  plane  velocity,  v + iw 
W/U  sin  a 

distance  from  nose  or  leading  edge  to  centroid  of  planform  area  ( 

distance  from  nose  to  pitching  moment  reference  center 
center  of  pressure 

axial  coordinate  of  initial  vortex  formation 
cartesian  coordinates  (See  Figure  1) 
vortex  location  in  the  crossflow  plane 

angle  of  attack 

angle  of  attack  at  which  maximum  side  force  occurs  i 

angle  of  attack  at  which  side  force  or  wake  asymmetries  start 

V|m2-i| 

taper  ratio 
circulation 

circulation  of  wing  vortex 

semi-vertex  angle  of  a delta  wing 
complex  crossflow  plane  coordinate,  y + iz 

location  of  the  vortex  in  the  crossflow  plane 
crossflow  plane  separation  point 

factor  accounting  for  the  finite  body  length  in  crossflow  theory 
cone  half  angle 

semi-apex  nose  angle 

angular  location  of  separation  in  the  crossflow  plane 

leading  edge  sweep  angle  of  a delta  wing  (A  0 as  * ®) 

angle  between  the  extended  vortex  paths  and  a missile  body 

density 

standard  error 

tanC/tan  a 

complex  velocity  potential 
velocity  potential,  roll  angle 

VxV  ' 


Subscripts 

B 

T 

W 

BWT 

BT 

B(W)  ,B(T) 
W(B)  ,T(B) 
B(W,T) 

T(V) 

a 


body 

tail 

wing 

body-wing-tail  combination 
body-tail  combination 

body  in  the  presence  of  the  wing  or  tail 
wing  or  tail  in  the  presence  of  the  body 
body  in  the  presence  of  the  wing  and  tail 
tail  in  the  presence  of  wing  vortices 
derivative  with  respect  to  a 


1 . INTRODUCTION 

Increased  missile  performance  requirements  have  recently  stimulated  interest  in 
high  angle  of  attack  aerodynamics,  a subject  area  which  had  been  dormant  for  over  a 
decade.  This  article  considers  the  aerodynamics  of  missile  configurations  at  angles  of 
attack  where  separated  flow  dominates  the  leeward  flow  field.  Special  emphasis  is 
given  to  phenomena  which  are  unique  to  high  angles  of  attack  aerodynamics. 

As  a missile  is  exposed  to  increasing  angles  of  attack  the  leeward  flow  field  goes 
through  several  regimes.  At  incidences  above  5 degrees  the  flow  separates  from  the 
missile  body  and  leading  edges  of  lifting  surfaces.  This  separated  fluid  rolls  up  to 
form  well-defined  vortices  in  the  leeward  flow  field.  Flow  separation  is  accompanied 
by  an  increase  in  the  aerodynamic  loads  while  the  presence  of  vortices  introduces 
extreme  loading  nonlinearities.  Small  changes  in  the  vortex  paths  and  strengths  can 
result  in  large  variations  in  the  aerodynamic  forces.  At  sufficiently  high  incidences 
the  steady  vortex  patterns  disappear  and  flow  about  the  missile  body  resembles  a 
cylinder  in  crossflow. 
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The  aerodynamic  loads  at  high  angles  of  attack  differ  qualitatively  from  those  at 
low  incidences.  A much  larger  portion  of  the  normal  force  and  moment  are  contributed 
by  the  missile  body.  On  missile  configurations  with  pitch  plane  symmetry,  induced 
forces  arise.  These  loads  which  include  roll  moment,  yaw  force  and  yaw  moment  are 
absent  at  low  angles  of  attack  and  their  presence  at  high  incidence  seems  in  contradic- 
tion with  the  basic  problem  symmetry.  They  are  produced  by  the  asymmetric  vortex 
pattern  which  develops  in  the  leeward  flow  field. 

The  complex  flow-field  structure  occurring  at  high  angles  of  attack  makes  it  very 
difficult  to  predict  missile  aerodynamic  characteristics.  Linear  methods  applicable  at 
low  incidences  no  longer  are  valid  and  a tractable  theoretical  approach  does  not  exist. 
This  has  led  to  the  development  of  empirical  predictive  methods  which  rely  heavily  on 
experimental  data.  For  this  reason,  developing  an  experimental  description  of  the  high 
angle  of  attack  flow  field  is  a prerequisite  for  creating  effective  predictive  methods. 

These  notes  are  divided  into  two  sections.  In  the  first,  experimental  information 
describing  the  flow  field  about  and  forces  on  missiles  at  high  angles  of  attack  will  be 
reviewed.  This  will  include  a discussion  of  bodies  alone,  fins  alone,  complete 
configurations  and  high  incidence  testing  problems.  The  second  section  will  provide  an 
overview  of  existing  predictive  methods. 

2.1  EXPERIMENTAL  DESCRIPTION  OF  FLOW  ABOUT  CIRCULAR  BODIES 

At  an  angle  of  attack  greater  than  a few  degrees  the  fluid  on  the  leeward  side  of 
a body  in  subsonic  flow  rolls  up  to  form  vortices  as  shown  in  Figure  1.  With  increasing 
incidence  a pattern  containing  two  symmetrically  disposed  vortices  gives  way  to  an 
asymmetric  flow  field  which  may  feature  a large  number  of  vortices.  Both  of  these  flow 
conditions  are  nominally  steady  and  the  latter  gives  rise  to  large,  steady  side  forces. 
At  incidences  near  90  degrees  the  vortex  pattern  becomes  unsteady  and  the  resulting 
flow  field  resembles  that  behind  a cylinder  in  crossflow.  The  vortex  pattern  in  super- 
sonic flow  changes  as  the  crossflow  Mach  number  approaches  unity.  Vortices  near  the 
base  of  the  body  become  elliptic  in  shape  and  with  increasing  Mach  number  degenerate 
into  free  shear  layers.  The  leeside  surface  pressure  distribution  becomes  very  low  due 
to  compressibility  effects  and  the  flow  field  structure  has  relatively  little  influence 
on  total  body  loads.  A qualitative  outline  of  the  Mach  number-incidence  bounds  of  the 
various  high  angle  of  attack  flow  regimes  is  shown  in  Figure  2. 

2.1.1  PARAMETERS  FOR  CORRELATING  EXPERIMENTAL  DATA 

The  analogy  between  the  crossflow  about  a body  at  high  angle  of  attack  and  flow 
about  a two  dimensional  cylinder  is  often  relied  upon  to  interpret  experimental  data. 

Two  different  types  of  relations  have  been  constructed.  The  simplest,  which  will  be 
referred  to  as  the  crossflow  analogy,  assumes  that  the  flow  over  an  inclined  body  can 
be  divided  into  a component  parallel  to  the  body  axis  and  one  perpendicular  to  it. 

The  viscous  flow  in  the  crossflow  plane  of  the  inclined  body  is  similar  to  that  about 
the  cylinder  where  the  free  streeun  conditions  are  Repsina  and  M sina.  Figure  3 provides 
the  circular  cylinder  drag  coefficient  and  rms  lift  coefficient  as  a function  of  Mach 
number  and  Reynolds  number. From  these  charts  it  is  evident  that  Reynolds  number  is 
an  important  parameter  below  the  critical  Mach  number  of  .42.  The  onset  of  turbulence 
moves  the  separation  point  leeward  narrowing  the  wake  and  reducing  drag  and  lift.  At 
Mach  numbers  greater  than  .42,  separation  is  triggered  by  the  formation  of  weak  shock 
waves  on  the  shoulders  of  the  cylinder  and  Reynolds  number  no  longer  has  an  important 
effect  on  the  force  coefficients. 

A more  complex  analogy,  which  will  be  referred  to  as  the  impulsive  flow  analogy, 
likens  the  development  of  the  flow  in  the  crossflow  plane  of  an  inclined  body  to  that 
about  an  impulsively  started  cylinder.  This  analogy  assumes  that  the  crossflow  plane 
is  swept  at  the  uniform  rate,  Ucosa,  down  the  body.  The  flow  field  in  the  crossflow 
plane  at  a distance  x from  the  missile  nose  has  thus  been  developing  for  the  period  of 
time  t = x/Ucosa  and  should  be  analogous  to  the  flow  field  about  an  impulsively 
started  cylinder  at  the  same  time  after  the  start  of  flow.  The  free  stream  velocity  of 
the  impulsively  started  cylinder  is  U sino  and  the  dimensionless  time  parameter  for  a 
cylinder  in  crossflow,  Ut/D,  becomes: 

t*  = X tana/D  (1) 

A problem  with  the  impulsive  flow  analogy  is  that  experimental  data  on  impulsively 
started  cylinders  is  difficult  to  generate.  Available  information  from  references 
3,  4,  5 and  6 are  shown  in  Figure  4.  In  addition,  to  accurately  simulate  the  nose 
region,  impulsively  started  flow  experiments  should  initially  feature  an  expanding 
cylinder.  Despite  these  difficulties  this  analogy  correctly  predicts  formation  of  a 
symmetric  vortex  pattern  at  low  incidences  (i.e.  at  small  values  of  t*)  and  asymmetric 
vortex  structures  at  higher  angles  of  attack.  Unfortunately  it  gives  no  criteria  for 
the  onset  of  unsteady  flow. 

The  above  two  analogies  suggest  that  important  parameters  correlating  experimental 
measurements  at  high  angles  of  attack  should  be: 

1.  Crossflow  Reynolds  number,  Re^sina 

2.  Crossflow  Mach  number,  M sina 

3.  Dimensionless  time  from  the  start  of  the  crossflow,  x tana/D 
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Figure  2.  Leeward  flow  field  regimes  on  a 
circular  body,  10 

There  seems  to  be  little  question  that  crossflow 
Mach  number  and  t*  are  effective  parameters  for 
correlating  experimental  data.  However,  as  dis- 
cussed by  reference  7,  at  low  incidences  transi- 
tion is  determined  by  the  axial  Reynolds  number, 
Reocoso  while  at  high  angles  of  attacic  the  cross- 
flow  Reynolds  number  is  likely  to  be  most 
influential.  It  has  been  found  on  studies  of 
infinite  yawed  cylinders  that  the  streamwise 
Reynolds  number  Reo/sina  is  a single  parameter 
grouping  that  produces  appropriate  Reynolds 
number  values  for  predicting  transition  at  both 
high  and  low  incidences.®  To  illustrate  this 
point  experimental  values  of  the  average  cross- 
flow  drag  coefficient  on  inclined  bodies  have 
been  plotted  as  a function  of  ReQ/sina  in  Figure  5 
These  drag  coefficients  were  obtained  by  using 
the  experimental  normal  force® in  Eq.  (19)  and 
solving  for  nCjjd-  Most  oi'  this  data  was  taken  at  a 
crossflow  Mach  number  of  less  than  .35  and  shows 
a sharp  decline  at  Reynolds  numbers  greater  than 
1.5(10*)  to  4.0(1o5).  The  remaining  measurements 
reflect  a sensitivity  to  Reynolds  number  that 
decreases  with  increasing  crossflow  Mach  number. 
The  influence  of  crossflow  Mach  number  and  stream- 
wise  Reynolds  number  on  the  crossflow  drag  is  thus 
seen  to  be  very  similar  to  that  of  freestream  Mach 
number  and  Reynolds  number  on  the  drag  of  a 
cylinder  in  crossflow. 


Despite  some  success  in  applying  the  above 
Figure  1.  Leeward  vortex  structure  analogies  to  inclined  bodies,  it  should  l>e  kept 
in  subsonic  flow  in  mind  that  flow  about  such  a configuration  is 

really  three  dimensional,  particularly  near  the 
nose  and  base.  It  will  be  shown  in  later  sections  that  neither  of  these  analogies  can 
account  for  measured  side  force  characteristics. 
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Figure  3.  Cylinder  drag  and  rms  lift  coefficient  as  a function  of  Mach  for 
sub  and  supercritical  Reynolds  number 
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Figure  4.  Time  dependent  drag  and  lift 
on  an  impulsively  started  cylinder 
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Figure  5.  Measured  nCjc  o"  inclined  bodies  as  a 
function  of  Reynolds  number 
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Figure  6.  Crossflow  plane 
vorticity  (Du/4U) . Case  A is 
from  reference  11,  while 
remainder  are  from  reference  12. 
Test  body  was  a tangent  ogive, 

= 3.  , x/D  - 6. 
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2.1.2  THE  SYMMETRIC  VORTEX  REGIME 

The  symmetric  vortex  pattern,  depicted  in  Figure  la,  generally  occurs  at  incidences 
up  to  20  to  40  degrees,  with  the  lower  limit  applying  to  longer  bodies.  The  gross 
crossflow  plane  pattern  is  relatively  insensitive  to  Mach  number  and  Reynolds  number  as 
long  as  the  crossflow  Mach  number  is  less  than  unity.  With  increasing  Me,  starting  near 
the  base  , vortices  progressively  become  more  elliptic  and  finally  degenerate  into  free 
shear  layers.  This  is  illustrated  in  Figure  6 where  experimentally  determined  crossflow 
plane  velocities  have  been  integrated  to  obtain  the  vorticity  distribution<Li * The 
vortex  structure  remains  qualitatively  unchanged  in  Figure  6a,  6b,  and  6c  even  though 
the  freestream  velocity  Mach  and  Reynolds  number  vary  over  a wide  range.  A clear 
elongation  of  the  vortex  structure  can  be  seen  in  Figure  6d  which  features  a crossflow 
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Mach  number  near  unity.  This  is  more  emphatically  illustrated  in  Figure  7 using 
Oberkampf's  supersonic  crossflow  measurements. 

The  fully  developed  symmetric  vortex  pattern  as  viewed  i.i  the  crossflow  plane  is 
shown  in  Figure  8 and  features  both  a primary  and  secondary  vortex  of  opposite 
circulation.  The  flow  field  can  generally  be  characterized  by  the  following  three 
features : 


1.  Primary  separation  point 

2.  Vortex  position 

3.  Vortex  strength 

In  addition  to  the  above  quantities,  the  axial  position  of  the  initial  leeward  flow 
separation  is  found  to  be  a useful  correlative  parameter.  In  the  following  section, 
experimental  information  describing  these  features  is  presented. 

The  axial  position,  Xg,  at  which  vortices  first  appear  has  been  determined 
experimentally  in  a number  of  different  studies  and  the  results  have  been  correlated 
by  Mendenhall^^ : 


sharp  nosed  bodies: 


blunt  nosed  bodies: 


(2) 


(3) 


..  . f 


Figure  7.  Crossflow  plane  velocity 
vector  plot  from  reference  13. 

[M„  = 3.01,  a = 25°,  Rep  = 1.7  (10®)) 
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Figure  8.  Symmetric  flow  field  viewed 
from  crossflow  plane 


Measurements  of  the  primary  separation  point  can  be  found  in  a number  of  different 
references.l®~22, 45  usually  this  quantity  is  determined  using  flow  visualization  tech- 
niques such  as  oil  flow,  dye  injection  or  hydrogen  bubbles.  As  discussed  by  Schindell®, 
these  techniques  do  not  always  lead  to  the  same  results.  Hydrogen  bubbles  mark  the 
point  of  separation  for  the  inviscid  streamlines  while  the  position  of  boundary  layer 
separation  is  determined  by  dyes  and  oil  flows.  In  addition  to  these  discrepancies, 
interpretation  of  the  flow  visualization  experiments  is  often  very  subjective.  Despite 
these  uncertainties,  three  distinct  trends  are  visible  in  the  separation  point  data: 

1.  The  separation  point  moves  windward  with  increasing  distance  from  the  nose. 

2.  With  increasing  angle  of  attack,  the  separation  point  moves  windward. 

3.  At  crossflow  Mach  numbers  greater  than  .8,  the  separation  point  moves  in  the 
leeward  direction. 


This  last  point  is  illustrated  in  Figure  9 using  the  data  correlated  by  Nielsen,  et.al.^^ 
and  adding  to  it  measurements  from  Feldhuhn’s^?  study  on  cones.  Both  this  graph  and  the 
previously  described  changes  of  vortex  structure  at  high  crossflow  Mach  numbers 
indicates  that  the  wake  narrows  under  these  conditions.  The  two  other  trends  are 
depicted  in  Figure  10  which  features  separation  angle  as  a function  of  t*.  The  data 
plotted  in  this  graph  is  representative  of  both  symmetric  and  asymmetric  vortex  patterns, 
the  latter  case  occurring  for  large  t*.  Asymmetric  vortex  patterns  generate  different 
separation  angles  on  each  side  of  the  inclined  body  and  the  plotted  value  is  an  average 
of  the  two.  The  quantity  F' , determined  from  Figure  9 has  been  subtracted  from 
measurements  taken  at  crossflow  M->~h  numbers  greater  than  .8.  The  scatter  in  the 
results  makes  it  difficult  to  d / firm  conclusions,  however,  for  t*  > 2,  data  are 


A 
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roughly  distributed  between  the  laminar  and 
turbulent  cylinder  separation  angles,  with  the 
solid  symbols  representing  turbulent  separation 
(i.e.  Reo/sina  > 4(105),  Mj,  < .4)  appearing  to  be 
closer  to  the  turbulent  cylinder  in  crossflow 
separation  point. 

The  flow  field  surveys  of  Figure  6 show 
vorticity  to  be  widely  distributed  throughout  the 
crossflow  plane.  Nevertheless,  it  is  convenient 
from  the  point  of  view  of  quantifying  the  flow 
field  to  characterize  the  vortex  structure  by  a 
vortex  center  and  a total  circulation.  The 
vortex  center  is  usually  taken  to  be  the  point 
of  most  intense  circulation  which  closely  coin- 
cides with  the  position  of  the  minimum  total 
pressure.  Information  on  vortex  strength  and 
position  can  be  found  in  a large  number  of 
places. Ideally  vortex  strengths 
are  determined  by  measuring  flow  field  velocities 
and  performing  the  integration 

r = / V'ds  (4) 

c 


Figure  9.  Steady  state  separation 
angle  as  a function  of  crossflow 
Mach  number 


about  contours  which  appear  to 
enclose  the  vortex.  However, 
in  many  cases,  only  the  vortex 
position  is  measured  directly. 
The  vortex  strength  is  calcu- 
lated by  combining  position 
data  and  other  experimental 
measurements  with  simple 
theoretical  models.  As  will  be 
discussed  in  Section  3.1,  it  is 
possible  to  derive  an  expression 
for  normal  force  as  a functionof 
crossflow  plane  vortex  position. 
Assuming  symmetric  vortices  and 
solving  for  vortex  strength 
yields: 


Figure  10.  Average  separation  angle  as  a function  of  t*. 
Solid  symbols  denote  turbulent  separation. 


r_ 

2::rUsina 


4sin2oyv[l  - aV(y^  + 2^)] 


(5) 


Here  Cfj-  is  the  slender  body  theory  contribution  to  the  normal  force  and  yv,Zy  is  the 
vortex  location  in  crossflow  coordinates.  Circulation  values  obtained  by  integrating 
crossflow  velocities  are  in  good  agreement  with  these  results.  An  alternate  approach  is 
to  measure  the  location  of  the  near  wake  stagnation  point. 29  Constructing  a potential 
crossflow  plane  model  with  two  symmetrically  placed  point  vortices  and  requiring  that 
the  velocity  be  zero  at  the  measured  near  wake  stagnation  point  location  also  yields 


an  expression  for  vortex  strength. 


Vortex  positions  and  strengths  from  references  11,  14,  and  24-29  have  been  correlated 
to  determine  relevant  trends.  Figures  11  to  13  indicate  that  vortices  move  away  from  the 
missile  body  and  become  stronger  with  increasing  distance  from  the  nose.  As  is  evident 
in  Figure  11,  vortex  strength  increases  in  subsonic  flow  with  increases  in  Rej).  Although 
the  supersonic  vortex  strength  appears  to  be  larger  than  subsonic  ones,  this  may  be  partly  due 
to  Rep  which  is  generally  larger  in  the  supersonic  data.  In  Figure  12  subsonic  vortices 
are  seen  to  move  away  from  the  body  along  radial  lines  with  constant  angular  orientations. 
The  actual  angular  location  appears  linked  to  the  separation  point,  moving  leeward  with 
transition  and  then  windward  with  further  increases  in  Rep.  In  supersonic  flow  the 
vortex  angular  position  decreases  with  increasing  distance  from  the  nose.  Figure  13 
illustrates  that  the  radial  vortex  location  is  larger  in  supersonic  flow.  For  subsonic 
conditions  it  is  sensitive  to  Rep  decreasing  after  transition  and  then  increasing  with 
further  increases  in  Rep. 

A new  type  of  vortex  structure  has  recently  been  reported  to  exist  on  the  nose  tip 
of  blunt  bodies  at  intermediate  incidences  in  transonic  flow.  18  This  phenomenon  which 
occurs  in  addition  to  the  crossflow  plane  vortices,  forms  as  a result  of  a leeside 
vortex  separation  bubble  which  is  induced  by  axial  rather  than  crossflow  pressure 
gradients.  The  resulting  vortex  pair  is  illustrated  in  Figure  14  and  features  a 
circulation  opposite  in  sign  to  that  of  the  crossflow  plane  vortex.  There  is  no 
information  concerning  the  associated  vortex  strength,  hence  its  importance  in 
influencing  aerodynamic  loads  is  unknown. 
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Figure  11.  Strength  of  Symmetric 
Body  Vortices 
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Figure  12.  Angular  Orientation  of 
Symmetric  Body  Vortices 
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Figure  13.  Radial  Position  of  Symmetric 
Body  Vortices 
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Figure  14.  Nose  Vortex  Structure 
at  a 19°  on  a Blunt  Body  in 
Transonic  Flow 


2.1.4  DESCRIPTION  OF  THE  ASYMMETRIC  VORTEX  PATTERN 

At  an  intermediate  range  in  angle  of  attack  (25  to  70  degrees)  a nominally  steady 
asymmetric  vortex  pattern  develops  in  the  leeward  flowfield.  This  pattern  is  not 
extremely  stable;  various  vortex  configurations  have  been  reported  for  the  same  test 
conditions  and  in  some  cases  unsteadiness  has  occurred.  Examples  illustrating  the 
fickle  nature  of  the  flow  field  can  be  found  throughout  the  literature.  Gowen  and 
Perkins^®  ran  an  extensive  series  of  flow  visualization  studies  on  slender  bodies  of 
revolution  at  Mach  2 and  observed  the  onset  of  an  unsteady  flow  field  in  the  incidence 
range  20  to  40  degrees.  Gapcynski31  ran  similar  tests  and  was  unable  to  find  flow 
unsteadiness.  Thomson  and  Morrison^^  have  observed  unpredictable  regions  of  instability 
in  their  flow  field  studies  while  Clark  and  Nelson  and  Deffenbaugh  and  Koerner^l 
found  that  asymmetric  vortex  patterns  would  change  to  symmetric  ones,  and  vice  versa, 
with  no  discernible  variation  in  test  conditions.  Clark^O  has  also  discovered  that 
generating  a small  disturbance  upstream  of  a body  with  an  asyi^etric  vortex  pattern  will 
form  a new,  more  stable  vortex  configuration.  Gowen  and  Perkins^O  and  Wardlaw  and 
Morrison^  both  report  altering  asymmetric  vortex  patterns  by  changing  the  roll  orienta- 
tion of  bodies  of  revolution.  Results  from  the  latter  work  are  shown  in  Figure  15. 

These  experiences  suggest  that  very  small  changes  in  test  procedure  and  irregularities 
in  model  machining  can  have  a large  influence  on  the  asymmetric  flow  field.  The 
importance  of  this  last  factor  is  underscored  by  the  experiment  carried  out  by  Kruse’’ 

(see  Figure  16) . Here  an  axisymmetric  model  at  high  incidence  was  spun  about  its  axis  and 
the  resulting  side  force  which  reflects  the  leeward  vortex  structure  is  seen  to  vary 
periodically  with  roll  orientation. 

Currently  it  is  unclear  what  role  unsteadiness  plays  in  the  case  of  the  asymmetric 
vortex  pattern.  Pressure  measurements  in  incompressible  flow  by  Lamont  and  Hunt^S 
support  the  hypothesis  that  it  is  central  to  an  understanding  of  this  flow  regime.  These 
workers  have  concluded  that  the  flow  field  is  unsteady  and  continuously  changes  between 
two  mirror  images  patterns.  A right-handed  pattern  is  formed  when  the  first  shed  vortex 
is  on  The  right  side  of  the  body  and  a left  handed  pattern  reflects  the  opposite  situa- 
tion. The  steady  state  side  force  reflects  the  average  amount  of  time  that  the  flow 
spends  in  each  orientation.  Support  for  this  point  of  view  comes  from  surface  pressure 
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Figure  15.  Variation  of  the  leeward  flowfield  with  changes  in  roll  orientation 
on  an  axisynunetric  rriodel,  M = .7,  a = 40°. 
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Figure  17.  Local  side  force  as  a function  of 
axial  position  and  roll  orientation 

measurements  which  were  integrated  to  produce  the  side  force  distribution.  As  is  common 
experience,  the  steady  state  side  force  is  seen  to  vary  with  roll  angle,  however,  rhe 
functional  form  of  the  side  force  distribution  curve  does  not  (see  Figure  17).  Lnmrnt 
and  Hunt  were  able  to  make  the  magnitude  of  the  side  force  independent  of  roll  orienta- 
tion using  an  unsteady  pressure  measurement.  At  each  roll  angle  the  steady  state  side 
force  was  corrected  by  multiplying  it  by  the  ratio  of  peak  to  average  pressure. 

Thomson  and  Morrison  have  developed  a general  description  of  the  steady  asymmetric  flow 
field  using  data  covering  the  Mach  number  Range  of  .4  to  2.8  and  a low  enough  Reynolds 
number  to  assure  laminar  separation.  As  with  the  symmetric  vortex  pattern,  the  gross 
features  of  the  flow  field  are  primarily  dependent  on  crossflow  Mach  number.  For 
Mj,  < .7,  two  weak,  closely  spaced  nose  vortices  are  followed  by  a series  of  const;  nt 
strength  ones  as  shown  in  Figure  18.  As  the  crossflow  Mach  number  is  increased  past  .7, 
vortices  cluster  closer  together  and  become  increasingly  concentrated  near  the  nose  tip. 
These  changes  are  illustrated  in  the  Schlieren  photographs  of  Figure  19.  A detailed 
view  of  the  crossflow  plane  vorticity  distribution  provided  by  wake  surveys  is  shown 
in  Figure  20.  At  a crossflow  Mach  number  of  1.2  an  elliptic,  almost  symmetric  vortex 
pair  appears  near  the  lee  side  of  the  body.  Only  far  from  the  body  does  a weak 
asymmetric  vortex  pattern  develop.  This  is  in  contrast  to  the  vorticity  distribution  in 
subsonic  flow  from  reference  11  shown  in  the  same  Figure  where  a str;“nq  asymmetric 
vortex  pattern  develops  near  the  lee  side  of  the  body. 

Water  tunnel  results  by  Clark  and  Nelson^*^'^^  covering  both  laminar  and  turbulent 
separations,  in  contrast  to  those  of  Thomson  and  Morrison,  suggest  that  the  flow  field 
dominated  by  two  strong  nose  vortices.  One  or  two  additional  vortices  may  be  shed 
downstream  of  the  nose  vortices,  and  the  flow  field  about  the  aft  end  of  the  me ’el 
contains  only  diffuse  vorticity.  Introduction  of  an  air  bubble  stream  impinging  on  the 
nose  tip  was  found  to  produce  a more  stable  vortex  pattern  with  the  laraer  number  of 
shed  vortices.  The  various  vortex  patterns  observed  by  Clark  are  stiown  in  Figure  21. 
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Figure  18.  Terminology  for  Thomson  and 
Morrison's  Theory 


a)  Subsonic  flow;  M = ,6,  a =45°,  M =- , 
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c) Supersonic  flow;  M = 2.,  a=45  ,M^=1,4 

Figure  19.  Schlieren  photographs  St  the 
leeward  flow  field 

Thomson  and  Morrison  appear  to  be  the  only 
reference  developing  a quantitative  description  of 
the  asymmetric  flow  field.  These  results  apply  to 
the  case  of  laminar  separation  with  < .7  and  were 
developed  using  a cone-cylinder  model.  In  this 

study  the  leeward  flow  field  is  mapped  using  a Supersonic  flow;  M = 2.,  a=35°M 

Pitot  probe  and  results  are  integrated  to  determine  vortex  strength.  The  emerging  flow 
field  description  indicates  that  the  first  two  vortices  are  much  weaker  and  clustered 
closer  to  each  other  than  are  subsequent  ones.  In  an  effort  to  supplement  measured 
vortex  strengths  an  indirect  method  of  calculation  is  devised.  The  first  two  vortices 
are  excluded  from  the  analysis  and  the  remainder  are  treated  using  a combination  of  the 
impulsive  flow  analogy,  Karraan  vortex  street  theory^^,  and  the  concept  of  the  yawed 
vortex  street.  This  latter  principle  supposes  that  the  shed  vortices  can  be  treated  as 
a Karman  vortex  street  traveling  in  a direction  perpendicular  to  the  shed  vortex  lines 
(see  Fig.  18).  The  resulting  theory  allows  vortex  strengths  to  be  determined  from  the 
vortex  spacing  which  cati  readily  be  measured  using  Schlieren  photographs. 

The  Strouhal  number  which  describes  the  frequency  for  vortex  shedding  in  two- 
dimensional  flow  is  written: 


whore  t is  the  time  between  the  shedding  of  successive  vortices.  Using  the  impulsive 
flow  analogy  (Section  2.1.1',  the  time  between  the  shedding  of  successive  vortices  is 
related  ‘o  the  axial  distance  between  adiacent  vortices,  a',  by: 

t = (7 

It  COS  ■» 

Roplacin<{  n in  Fiq.  'C>)  by  sin  < (which  is  consistent  with  tho  impulsive  flow  analoqy) 
and  usinq  (7)  yields: 


^ 2cj  'tan  t 

The  theory  developed  by  von  Karman  dnfinns  vortex  strenqth  in  a two-dimensional  stiect 
to  be : 


Substituting  the  above  and  Eq.  (8)  into  Eq.  (9)  and  applying  an  experimentally  deter- 
mined value  of  h/l  = .19  yields  the  following  relation  for  vortex  strength: 


UD  sin  a = 2(|)  ^ ' X)  cos^  (e)coth  (3^)  (10) 

The  parameters,  S,  5,  and  x are  evaluated  as  functions  of  M^,  using  Figures 

22  and  23.  The  results  of  Eq.  (10)  are  plotted  against  a and  M,,  in  Figure  24.  These 
values  agree  well  with  the  experimentally  measured  vortex  strengths  over  a wide  range 
in  crossflow  Mach  number. 32  Also  indicated  in  this  picture  are  the  tentative  strengths 
of  the  first  two  weaker  vortices.  The  experimentally  observed  Strouhal  numbers  obtained 
using  Eq.  (8)  agree  closely  with  the  incompressible  value  of  S on  circular  cylinders  in 

crossflow.  Changes  in  vortex  spacings  do  not  occur  until  M^,  becomes  greater  than  .7. 

Thomson  and  Morrison  also  provide  experimental  information  for  the  points  at  which 
the  extended  vortex  trails  intersect  the  body  centerline  which  is  summarized  in  Figure 
25.  In  addition,  the  orientations  of  the  vortex  paths  can  be  found  using  the  values  of 
X given  in  Figure  23.  Since  x = tan  C/tan  a: 

5 = tan  ^ (x  tan  a} 

Thomson  and  Morrison's  results  can  be  compared  to  information  from  several  other 
sources.  The  break  away  points  and  values  of  x measured  by  Pick3'^  and  Clark^^  are 
shown  in  Figure  25  and  are  in  relatively  good  agreement,  however,  only  a quali- 
tative correspondence  exists  between  the  measured  break  away  points  in  all  of  these 
studies.  Some  of  the  difference  may  be  due  to  a lack  of  uniformity  in  nose  geometry. 
Also,  the  breakaway  points  measured  by  Clark  represent  the  maximum  number  of  such 
positions.  As  mentioned  earlier,  the  number  of  shed  vortices  visible  in  this  study 
varied.  The  wake  measurements  of  Yanta  and  Wardlaw,  shown  in  Figure  20  yield  a mean 
shed  vortex  strength  value  which  is  in  reasonable  proximity  to  the  results  of  Eq.  (10)  as 
shown  in  Figure  24. 


The  angle  of  attack  at  which  the  vortex  pattern  initially  becomes  asymmetric 
decreases  with  increasing  body  length  and  nose  fineness.  Experimental  studies  have 
suggested  a number  of  different  methods  for  determining  the  onset  angle.  In  Figure  25 
Thomson  and  Morrison  provide  a position  for  the  start  of  asymmetry  which  is  a function 
of  the  crossflow  Mach  number.  The  vertical  scale  on  this  graph  indicates  the  point  at 
which  the  extended  vortex  path  intersects  the  body  centerline.  To  obtain  the  axial 
location  along  the  body  where  separation  first  starts,  add  .42  to  the  value  read  in 
Figure  25.6  In  contrast  to  this  approach  which  is  Mach  number  dependent,  others  are 
not.  Also,  other  methods  are  usually  derived  from  considering  the  onset  of  side  force. 
Wardlaw  and  Morrison38  found  that  the  equation: 


= tan 


■‘(fc) 


(11) 


.39 


was  close  to  the  mean  value  for  a large  data  base.  Chapman  and  Keener"”  have  proposed 
the  following  relation  for  determining  the  onset  of  side  forces  on  forebodies: 


a = 2.1  9„ 
o n 


(12) 


In  a later  study  the  above  was  extended  to  nose  afterbody  combinations.^^  Fiechter^^  also 
provides  an  expression  for  predicting  the  onset  of  asymmetry: 


Op  -v  4.2/1^  (rad) 


(13) 


This  relation  was  developed  on  long  bodies  > 10)  and  hence  it  cannot  really 
expected  to  apply  to  forebodies  alone.  Lamont  and  Hunt’^'’’  have  suggested  the 
ing  results  which  are  based  on  pressure  measurements: 


if:  3+.05a  > 


be 

follow- 


(14) 


otherwise:  tana  - 


To  facilitate  comparison  all  of  the  above  have  been  plotted  in  Figure  26. 


In  subsonic  flow  the  vortex  patterns  become  unsteady  as  the  angle  of  attack  is 
increased  and  the  vortices  are  shed  periodically  from  opposite  sides  of  the  laody  as  is 
shown  in  Figure  Ic.  The  incidence  where  this  transition  occurs  depends  on  body  length. 
Unsteadiness  starts  at  the  model  base  and  progresses  towards  the  nose  with  increasing 
angle  of  attack.  On  long  bodies  this  transition  occurs  near  an  incidence  of  60  degrees 
while  on  short  forebodies  a steady  side  load  and  hence  steady  asymmetric  vortex  patterns 
have  been  observed  up  to  incidences  of  80  degrees . 39 , 40  For  supersonic  flow  the  vortex 
pattern  documented  by  Thomson  and  Morrison  disappears  before  this  incidence  is  reached 
and  unsteady  vortex  patterns  probably  do  not  form.  This  conclusion  is  inferred  from 
the  observation  that  the  flow  field  about  a cylinder  in  supersonic  flow  is  steady  and 
devoid  of  vortex  structures. 
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Figure  25.  Mean  measured  intersection  of 
extended  vortex  path  and  body  centerline 
(see  Figure  Ifi  for  definitions  of  gj  to  94). 
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Figure  27.  Circumferential  pressure 
distribution  on  ijj  = 3 tangent  ogive  in  low 
speed  flow.  Rg  =1.1  (loS) 


Figure  26.  Predicted  incidence  at  which  a 
flow  field  becomes  asymmetric 
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Figure  28.  Influence  of  Rep  on 
the  pressure  distribution 
of  a tangent  ogive 

2.1.5  SURFACE  PRESSURES  AND  FORCES  ON 
BODIES  AT  HIGH  INCIDENCE 

The  surface  pressure  distribution  on 
a body  in  subsonic  flow  measured  in 
reference  26  is  shown  at  several  incidences 
in  Figure  27.  The  irregular  pressure 
distribution  on  the  lee  side  reflects  the 
importance  of  the  leeward  vortex  struc- 
tures. Consistent  with  the  onset  of  the 
asymmetric  vortex  structure  discussed  in 
the  last  section,  the  pressure  distribu- 
tion is  clearly  asymmetric  at  an  incidence 
of  50  degrees.  At  an  angle  of  attack  of 
70  degrees,  circumferential  pressures  are 
again  symmetric  reflecting  the  existence 
of  an  unsteady  flow  field  which  produces 
a symmetric  time  averaged  pressure  distri- 
bution. The  influence  of  Reynolds  number 
on  the  circumferential  pressure  distribu- 
tion is  shown  in  Figure  28  using  the  data 
of  reference  21.  As  might  be  expected 
from  the  analogy  with  a cylinder  in  cross- 
flow,  the  higher  Reynolds  number  case 
which  presumably  corresponds  to  turbulent 
separation,  reflects  a higher  leeside 
pressure  and  a narrower  separation  region. 


The  normal  force  distribution  of  reference  26  is  shown  as  a function  of  incidence  in 
Figure  29  and  features  peak  loads  on  the  nose.  Although  this  feature  remains  present 
throughout  the  angle  of  attack  range,  its  relative  magnitude  is  largest  at  low  incidence 
which  explains  the  aft  motion  of  the  center  of  pressure  with  increasing  angle  of  attack. 


5-14 


Figure  29.  Force  distribution  on  inclined 

cone  and  ogive  cylinders  = 3.0) 

in  incompressible  flow. 


Figure  30.  Normal  force  coefficient 
for  an  ogive  cylinder  = 3.,  f-r  = 15) 
in  low  speed  flow.**^  Hatched  area  is 
slender  body  theory  contribution 


Figure  31.  Side  force  coefficient 
variation  with  angle  of  attac)c  for 
2 Reynolds  numbers  on  a tangent  ogive 

flSwSl^' 


it  = 15)  in  incompressible 


The  typical  normal  force  curve  for 
a body  in  subsonic  flow  is  shown  in 
Figure  30.  At  very  low  incidences  ai  x/o-»5  bi  x/d-bb 

(i.e.  a < 5)  slender  body  theory  accounts 
for  the  majority  of  the  measured  load. 

At  higher  angles  of  attack  the  flow  Figure  32.  Pressure  distribution  about  a 

separates  reducing  the  leeside  pressure  tangent  ogive  (in  = 3.5)  at  Mach  2.  Data 

and  producing  a large  increase  in  normal  from  reference  31.  — —a  = 17,  —'—a  = 30°, 

force.  Throughout  most  of  the  angle  of  a = 50°. 

attack  range,  the  circumferential  pressure  distribution,  normalized  by  crossflow  dynamic 
pressure  remains  relatively  constant  producing  a normal  force  curve  which  is 
functionally  similar  to  a sin2a  curve.  The  normal  force  curve  in  Figure  30  features  a 
temporary  decrease  or  stall  at  an  incidence  of  55  to  60  degrees.  It  has  been  postulated 
that  this  dip  is  due  to  unsteadiness  during  transition  from  an  axial  to  crossflow 
dominated  flow  field  structure. As  can  be  seen  in  Figure  30,  Reynolds  number  has  a 
large  Influence  on  the  incidence  at  which  the  stall  occurs.  It  has  been  suggested  that 
peak  side  force  values  are  accompanied  by  local  increases  in  normal  force  such  as  that 
occurring  immediately  prior  the  stall.^2,42  Qualitatively  this  observation  is  in  agree- 
ment with  the  measured  side  force  curves  shown  in  Figure  31.  However,  as  the  Reynolds 
number  is  decreased  from  1.4{lo5)  to  5.0(10'*)  the  incidence  at  which  the  peak  side 
force  occurs  moves  from  55  to  50  degrees  while  the  normal  force  stall  point  location 
changes  from  55  to  60  degrees. 


The  surface  pressure  distribution  on  a body  in  supersonic  flow  is  shown  in  Figure 
32  at  several  different  incidences.  Unlike  the  subsonic  case,  the  leeward  pressure 
distribution  is  symmetric  and  shows  the  influence  of  leeward  flow  field  vortices  only 
at  low  incidences.  As  the  incidence  and  hence  crossflow  Mach  number  increases  the 
amplitude  of  the  leeside  pressure  fluctuations  decrease  and  at  Mj,  % 1 (i.e.  a = 30°), 
the  pressure  on  the  leeside  of  the  body  is  nearly  uniform.  A typical  normal  force 
curve  for  a body  in  supersonic  flow  is  shown  in  Figure  33.  As  in  the  subsonic  case 
the  general  form  of  the  normal  force  curve  is  a sin^u  function.  However,  the  stall 
point  is  not  present  in  the  supersonic  case  and  there  is  no  leveling  off  of  the  normal 
force  coefficient  for  incidences  in  the  vicinity  of  90  degrees.  The  absence  of  the 
stall  phenomena  might  be  expected  since  this  feature  is  essentially  a product  of  the 
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Figure  33.  Influence  of  Mach  number  on  normal  force  and  center  of  pressure. 


Figure  34.  Local  side  force  distribu- 
tions on  inclined  bodies  as  a function 
of  t* 


Figure  35.  Amplitude  of  point  B on  the 
side  force  distribution  curve.  See  Table  1 
for  definition  of  and 


Figure  36.  Comparison  of  Lamont  and  Figure  37.  Peak  side  force  coefficient  as  a 

Hunt's  prediction  to  a large  body  of  function  of  Mach  number 

experimental  data  on  a single  model^^ 


lee  flow  field.  At  high  angles  of  attack  in  supersonic  flow,  the  leeward  pressure  is 
so  low  that  gross  changes  in  its  value  have  little  effect  on  the  overall  vehicle 
aerodynamics.  As  is  shown  in  Figure  33,  the  normal  force  coefficient  increases  with 
increasing  Mach  number  in  the  subsonic-transonic  regime,  but  decreases  with  increasing 
Mach  number  under  supersonic  conditions.  Center  of  pressure  location,  also  shown  in 
this  figure,  is  seen  to  be  furthest  aft  in  supersonic  flow  for  a 1 90. 

35  44 

Lamont  and  Hunt  ' have  measured  the  side  force  distribution  on  circular  bodies 
with  several  different  nose  shapes  in  incompressible  flow.  The  general  form  of  the 
local  side  force  coefficient  normalized  by  the  crossflow  dynamic  pressure  is  shown  in 
Figure  34  and  features  a periodic  distribution  along  the  body  which  is  in  accord  with 
the  predictions  of  the  impulsive  flow  analogy.  However,  the  first  peak  is  the  largest 
and  the  remaining  ones  decrease  in  magnitude  with  distance  from  the  nose.  Only  two  of 
these  peaks  are  significant  which  is  at  variance  with  the  impulsive  flow  analogy  that 
predicts  a continuing  series  of  equal  amplitude  peaks.  The  side  force  distribution  is 
correlated  with  x tana/D,  however  this  parameter  grouping  does  not  completely  remove  the 
effects  of  nose  shape  and  incidence.  Expressions  describing  the  motion  of  key  positions 
on  the  side  force  distribution  curve  with  changes  in  incidence  and  nose  shape  are  listed 
in  Table  1.  The  deduced  unswitched  amplitude  of  point  B on  the  side  force  distribution 
curve  is  shown  in  Figure  35  and  the  entire  curve  is  presumed  to  scale  with  this  point. 

As  previously  explained,  Lamont  and  Hunt  have  concluded  that  unsteady  changes  from  a 
right  to  a left  handed  vortex  pattern  account  for  variation  in  the  measured  steady  side 
force  magnitude.  These  mirror  image  patterns  produce  side  forces  of  the  same  magnitude 
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Figure  38.  Peak  side  force  coefficient  as 
a function  of  crossflow  Mach  number 
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Figure  39.  Peak  side  force  coefficient 
as  a function  of  nose  fineness. 
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Figure  40.  Reynolds  number  influence  on 
side  force  for  < .42 


Figure  41.  Ratio  of  leeside  drag 
to  total  drag  as  calculated  in 
reference  23 


but  opposite  sign.  The  maximum  possible  side  force  magnitude  occurs  under  test  condi- 
tions where  the  vortex  pattern  stays  locked  in  one  configuration  or  is  unswitched.  As 
is  illustrated  in  Figure  36#  the  total  body  side  force  produced  by  integrating  the 
distribution  curve  with  the  unswitched  magnitude  bounds  a large  number  of  measurements 
made  on  a single  body  at  varying  roll  angles. 

The  sensitive  nature  of  side  force  makes  a quantitative  description  difficult  to 
obtain.  Measured  values  have  been  observed  to  change  with  variations  in  the  roll 
orientation  of  axisymmetric  bodies.  The  data  of  references  37-41  and  43  suggest  that 
the  magnitude  of  these  loads  decreases  with  increasing  Mach  number,  decreasing  nose 
fineness  and  the  introduction  of  bluntness.  References  35  and  4 indicate  that  transi- 
tion to  turbulence  decreases  side  force  values  while  the  addition  of  grit  has  been 
observed  to  increase  these  forces  in  some  cases  and  decrease  them  in  others.  Wardlaw 
and  Morrison^S  have  developed  a quantitative  description  of  key  side  force  characteris- 
tics such  as  maximum  observed  side  force,  angle  of  attack  at  which  it  occurs  and  the 
onset  angle  of  incidence.  A data  base  was  assembled  using  information  available  in 
the  open  literature  and  private  sources.  Trends  visible  in  the  data  base  are  illustrated 
in  Figures  37  to  40.  Figures  37  and  38  show  the  effect  of  M and  M^  on  Cyj^  while  Figure 
39  examines  the  influence  of  nose  fineness.  In  all  three  cases,  the  greatest  effect  is 
found  to  exist  at  transonic  Mach  numbers  where  the  crossflow  Mach  number  is  supercriti- 
cal. The  Influence  of  Reynolds  number  at  subcritical  Mach  numbers  is  explored  in 
Figure  40.  Results  suggest  a peak  at  transition  with  a decrease  at  the  higher  Reynolds 
numbers,  but  a strong  trend  is  not  evident. 

In  order  to  develop  a quantitative  description  of  the  phenomena,  a linear  regression 
technique  has  been  applied  to  the  data  base.  Only  those  terms  that  are  statistically 
significant  are  included  in  the  final  description  of  the  phenomena.  The  following 
descriptive  equations  are  developed; 


S-t7 


(a)  Maximvim  observed  side-force  magnitude: 

1.  Sharp  tangent  ogives  (r^^  < .005) 


Cym  = 4.20  - 12.50  h(f-)  - 1.06  f (R^  , M) ; a.  = .65 


(15) 


where 


h(^)  = 

n 


.3  for  M/Z  t .3 
n 


^ for  ^ < .3 
n n 


f(Reo,M)  = 


0 if M > .57  or  Re^  < 6(10^) 


1 if M < .57  and  Re^  > 6(10^) 


2.  Blunt  tangent  ogives  (r^^  > .005) 


Cym  = 1.17  - .543  f (Re^.M)  - 3.91  (^)  ; 0^^^^  = .38 


h^(^)  = 


0 if  M < .57 


T if  M > .57 


(16) 


(b)  Angle  of  attac):  at  which  the  maximum  side  force  occurs: 


“ = 39.8  - 10.3  M + = 6.75  (17) 

ll.p  ™ 

(c)  Angle  of  side  force  onset: 

a = 18.72  + 425.7/1^;  o = 4.95  (18) 

The  side  force  values  obtained  by  integrating  Lament  and  Hunt’s  yaw  force  distribu- 
tion curve  are  compared  to  the  collected  data  plotted  as  a function  of  Ijj  Figure  39. 
It  can  be  seen  that  the  predicted  level  of  side  force  bounds  the  experimental  measure- 
ments. This  validates  the  general  level  of  side  force  determined  by  Lament  and  Hunt  in 
Figure  35  but  it  does  not  necessarily  affirm  the  rationale (i.e.  presumed  influence  of 
flow  unsteadiness)  used  in  arriving  at  this  level. 

As  can  be  determined  by  examining  Figures  37  and  38,  side  force  starts  to  decrease 
at  a crossflow  Mach  number  of  . 4 or  a freestream  Mach  number  of  .6  and  is  not  present 
in  supersonic  flow.  There  are  three  different  mechanisms  which  can  be  expected  to  lead 
to  the  reduction  of  side  force  with  increasing  Mach  n’jmber. 

1,  In  supersonic  flow  the  leeside  pressures  become  a very  small  fraction  of  the 
stagnation  value.  Pressure  changes  induced  by  the  flow  field  vortices  will  have  little 
effect  on  body  loads.  This  is  illustrated  in  Figure  41,  showing  the  ratio  of  leeside 
pressure  drag  to  total  drag  for  a circular  cylinder  as  a function  of  Mach  number. 

2.  At  crossflow  Mach  numbers  much  greater  than  .7,  the  asymmetric  vortex  structure 
develops  only  in  the  far  wa)ce  and  hence  can  be  expected  to  have  little  influence  on 
surface  pressures. 


3.  As  the  crossflow  Mach  number  becomes  greater  than  the  critical  value  (.42  for  a 
circular  cylinder)  portions  of  the  flow  near  the  cylinder  shoulder  become  supersonic  in 
the  crossflow  plane.  Thus  the  influence  of  leeward  asymmetric  vortex  structures  is  not 
sensed  on  surfaces  near  the  cylinder  shoulder. 

The  last  mechanism  is  the  only  one  which  produces  a demise  of  the  side  force  consistent 
with  the  data  of  Figures  37  and  38.  The  other  two  possibilities  lead  to  a reduction  in 
side  force  at  Mach  numbers  which  are  too  high.  Mechanism  one  should  produce  measurable 
forces  values  at  crossflow  Mach  numbers  as  high  as  1.5  or  2.  Mechanism  two  suggests  that 
side  forceswill  start  to  decline  at  crossflow  Mach  numbers  greater  than  .7. 


Induced  loads  are  very  sensitive  to  test  conditions  and  difficult  to  predict. 

These  considerations  have  motivated  an  investigation  into  methods  for  suppressing  or 
eliminating  them.  The  following  schemes  have  been  tried  for  side  forces  and  moments: 

1.  Vortex  generators.^®  These  consist  of  a large  number  of  very  small,  low  aspect 
ratio  fins  attached  to  the  missile  nose. 


2.  Use  of  grit.^^' 
the  nose  and  along  the  body. 


Grit  has  been  applied  in  a number  of  different  ways,  at 
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Figure  42.  Yaw  force  and  moment  reduction  using  strakes,  grit  and  boundary  layer  trips 

from  references  45,  39  and  46  respectively 
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Figure  44.  Vortex  structures  on  a delta  wing 
in  incompressible  flow 


Figure  43.  Lift  curves  for  delta  wings 
of  various  aspect  ratio 


3.  Nose  strakes  and  booms. 

4.  A small  degree  of  nose 
blunting .37,39 


39 


Separation  trips 


46 


SECONDARY  VORTEX 


• REATTACHMENT  LINE 

■ SECONDARY  SERARATION.  LAMINAR  BOUNDARY  LAYER 

• SECONDARY  SEPARATION.  TURBULENT  BOUNDARY  LAYER 
— — STREAMLINES 

Figure  45.  Leeward  vortex  structure  on  a 
delta  wing 


Induced  loads  have  been  reported  to  be 
reduced  substantially  through  the  applica- 
tion of  the  above  methods  as  is  illustrated 
in  Figure  42.  Devices  for  suppressing 
side  force  and  moment  disrupt  the  flow  in 
the  nose  region  and  prevent  shed  vorticity 
from  rolling  up  into  concentrated,  well 
defined  vortices.  Addition  of  grit  to  a 
model  has  been  observed  to  increase  side 
forces  in  some  cases  and  decrease  it  in 

others.  Nose  bluntness  reduces  the  size  of  side  forces  and  some  studies  have  concluded 
that  the  maximum  effect  is  obtained  with  only  a small  amount  of  nose  bluntness.  Helical 
boundary  layer  separation  trips  have  apparently  been  very  successful  in  suppressing 
side  forces  on  a number  of  different  bodies. 

2.2  EXPERIMENTAL  DESCRIPTION  OF  FLOW  ABOUT  LOW  ASPECT  RATIO  WINGS 

At  incidences  greater  than  a few  degrees,  the  flow  about  a low  aspect  ratio  wing 
separates.  The  resulting  leeward  flow  field  is  dependent  on  the  geometry  of  the  wing; 
its  planform  area  and  leading  edge  radius.  The  present  discussion  is  confined  to  sharp, 
low  aspect  ratio  delta  wings  for  which  the  most  information  is  available.  Brief 
mention  will  be  made  of  the  flow  about  low  aspect  ratio  rectangular  wings.  Additional 
review  articles  on  slender  wings  can  be  found  in  references  47,  48  and  49. 


incompressible  flow 

Figure  48.  Variation  in  peak  lift  character- 
In  subsonic  flow,  the  leeward  flow  istics  of  delta  wings  in  incompressible  flow 

field  structure  on  a delta  wing  can  be  as  a function  of  aspect  ratio 

divided  into  two  regimes.  At  low 

incidence  the  separated  flow  rolls  up  to  form  well  defined,  steady  vortices  while  at 
high  angles  of  attack  an  incoherent,  unsteady  flow  field  is  present.  The  incidence-lift 
curves  of  reference  50  which  are  shown  in  Figure  43  clearly  reflect  these  two  regimes. 

At  low  incidences  the  leeward  flow  field  vortices  produce  a large  lift  while  at  high 
angles  of  attack  the  unorganized  flow  field  structure  leads  to  a reduction  in  this 
quantity. 


The  actual  demise  of  the  organized  vortex  structure  occurs  as  a consequence  of 
vortex  bursting  or  breakdown.  This  process  which  is  promoted  by  a positive  pressure 
gradient  in  the  streamwise  direction  causes  the  vortex  to  lose  its  organized  structure, 
with  its  kinetic  energy  being  converted  into  higher  pressure.  With  increasing  angles 
of  attack  the  point  of  vortex  bursting  moves  from  the  far  flow  field  toward  the  wing 
and  finally  crosses  its  trailing  edge.  Figure  44,  which  was  taken  from  Reference  51, 
illustrates  for  incompressible  flow  the  angles  of  attack  at  which  vortex  breakdown 
first  occurs  at,  or  forward  of  the  trailing  edge.  Clearly,  this  incidence  decreases  with 
increasing  aspect  ratio.  Figure  44  also  indicates  that  for  JR  <1,  asymmetric  vortices 
form  at  sufficiently  high  incidences. 


The  low  incidence  flow  field  which  features  well  defined  vortices  is  shown  in 
Figure  45.  Fluid  impacts  on  the  lower  surface  of  the  wing  and  flows  out  on  it  leaving 
the  surface  at  the  edge  and  rolling  up  to  form  a vortex  on  the  upper  side  of  it.  This 
vortex  generates  a large  suction  increasing  the  wing  lift.  The  streamline  that  passes 
over  the  top  of  the  vortex,  reattaches  on  the  upper  surface  of  the  wing  and  divides. 

Part  of  the  fluid  moves  toward  the  trailing  edge  while  the  remainder  travels  back  to 
the  leading  edge.  This  latter  fluid  stream  reseparates  before  reaching  the  leading  edge 
due  to  the  adverse  pressure  gradient  imposed  by  the  vortex.  The  flow  rolls  up  to  form 
a secondary  vortex  structure  with  opposite  circulation  as  shown  in  Figure  45.  The 
location  of  the  secondary  separation  point  is  dependent  on  the  state  of  the  adjacent 
boundary  layer.  With  increasing  Reynolds  number  this  boundary  layer  becomes  turbulent 
and  the  point  of  separation  moves  toward  the  leading  edge  increasing  the  wing  lift 
still  further.  An  example  of  the  variation  in  the  wing  surface  pressure  distribution 
and  normal  force  with  changes  in  Reynolds  number  is  shown  in  Figure  46. 


Experimental  data  on  vortex  position  from  several  different  studies  have  been 
correlated  by  Parker^^  and  are  shown  in  Figure  47.  Despite  the  fact  that  different 
aspect  ratio  wings  are  represented,  the  data  is  fairly  tightly  grouped. 


The  portion  of  the  total  wing  lift  contributed  by  vortex  suction  increases  with 
decreasing  aspect  ratio.  This  is  illustrated  in  Figure  48  where  the  ratio  of  vortex 
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Figure  49.  Pressure  distribution  on  an  ® =4 
wing  in  low  speed  flow 
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Figure  51.  Influence  of  compressibility 
on  the  delta  wing  flow  field 
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Figure  50.  Vortex  breakdown 
position  and  incidence  of 
maximum  lift 


Figure  52.  Influence  of  compres- 
sibility on  delta  wing  surface 
pressure.  Reported  in  reference 
49  using  the  results  of  reference 
52 


lift  to  total  wing  lift  is  plotted  as  a function  of  aspect  ratio.  The  vortex  contribu- 
tion to  the  wing  lift  is  estimated  by  subtracting  the  calculated  potential  lift  (i.e. 
first  term  of  Eg.  43)  from  the  total  lift  measured  by  Wentz  and  Kolhman^*'.  Clearly, 
for  wings  with  aspect  ratios  greater  than  3 or  4,  the  vortex  induced  lift  is  not 
important.  The  pressure  distributions  on  an  aspect  ratio  4 wing,  measured  in 
reference  53  and  shown  in  Figure  49,  provides  an  explanation  for  this.  As  a consequence 
of  near  wing  vortex  breakdown  on  larger  aspect  ratio  wings  at  low  incidence,  strong 
suction  develops  only  near  the  apex. 

The  influence  of  aspect  ratio  on  lift  is  shown  in  Figure  43.  Stall  occurs  at  an 
incidence  that  decreases  with  increasing  aspect  ratio.  The  chord-wise  prsition  of  vortex 
breakdown  at  stall  is  documented  in  Figure  50  using  the  data  of  reference  50  and  can 
be  seen  to  move  forward  with  increasing  aspect  ratio.  On  small  aspect  ratio  wings, 
stall  marks  the  incidence  at  which  vortex  bursting  crosses  the  trailing  edge.  For 
larger  aspect  ratio  wings  the  position  of  vortex  breakdown  is  near  the  wing  apex.  As  is 
shown  in  Figure  48  the  peak  lift  increases  with  decreasing  aspect  ratio  until  W 1. 

For  wings  with  lower  aspect  ratios  there  is  a marked  decrease  in  the  peak  lift.  This 
has  been  attributed  to  the  formation  of  an  asymmetric  leeside  vortex  pattern  which  is 
consistent  with  the  bounds  for  this  regime  shown  in  Figure  44. 

54 

Squire  has  outlined  the  changes  in  leeward  flow  field  structure  that  occur  in 
transonic  and  supersonic  flow.  As  the  Mach  number  normal  to  the  leading  edge  approaches 
unity,  the  flow  about  the  leading  edges  is  increasingly  turned  by  a Prandtl-Meyer 
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Figure  53.  Streamlines  on 
the  surface  of  a rectangular 
wing.  Streamlines  down 
stream  of  dotted  lines  cross 
trailing  edge. 

expansion  which  results  in  a 
weaker  vortex  that  lies 
closer  to  the  wing  surface. 

At  a sufficiently  high  Mach 
number  the  flow  is  able  to 
expand  completely  about  the 
leading  edge  and  the  tip 
vortex  disappears.  Under 
these  conditions  it  is 
flpssible  for  a shock  induced 
J^paration  to  occur  near  the 
middle  of  the  wing.  This 
type  of  separation  moves 
outboard  with  increasing 
incidence  and  becomes 
indistinguishable  from  a 
leading  edge  separation  which  moves  inboard.  Further  increases  in  Mach  number  lead  to 
a windward  shock  which  is  attached  to  the  leading  edges.  The  bounds  given  by  Squire 
for  each  of  these  flow  field  structures  ire  shown  in  Figure  51  as  a function  of  the 
leading  edge  incidence  and  nomal  Mach  number: 


Figure  54.  Normal  force  curve 
rectangular  wings 


for 


M = M„  Vl  - cos^ocos^A 
= tan  ^{tana/cosA} 

The  surface  pressure  distributions  on  a delta  wing  given  in  Figure  52  indicate 
that  the  vortex  suction  peak  decreases  with  increasing  Mach  number  as  would  be  expected 
from  the  above  discussion.  However,  compressibility  effects  increase  the  windward 
pressures  compensating  for  at  least  part  of  the  loss  in  leeside  lift.  Clearly,  with 
increasing  Mach  number,  the  wing  lift  I<kc>  its  dependency  on  vortex  structure.  The 
actual  variation  of  lift  magnitude  with  Mach  number  is  dependent  on  aspect  ratio.  Very 
low  aspect  ratio  wings  which  depend  on  vortex  suction  for  a significant  portion  of 
their  lift  may  experience  a lift  reduction  at  transonic  and  supersonic  speeds.  For 
larger  aspect  ratio  wings  compressibility  effects  will  dominate  and  such  lift  losses 
will  not  occur. 

On  low  aspect  ratio  wings  with  different  planform  shapes  separation  will  occur  on 
leading  and  sides  edges.  As  long  as  the  separated  flow  reattaches  aft  or  inboard  of  the 
separation  line  a suction  will  be  formed  which  will  increase  the  wing  lift.  The 
similarity  between  the  separation  regions  on  delta  and  other  planform  shapes  does  not 
necessarily  extend  to  the  fine  structure  of  the  separation  regions.  For  example,  the 
surface  streamlines  measured  by  Wickens^^  for  a very  low  aspect  ratio  rectangular  wing, 
shown  in  Figure  53,  do  not  indicate  a region  of  secondary  separation  on  either  the 
leading  or  side  edges.  Regardless  of  fin  planform,  the  peak  lift  coefficient  will  be 
obtained  at  a small  but  finite  aspect  ratio.  In  the  limit  as  the  aspect  ratio  goes  to 
zero  the  wing  will  have  insufficient  surface  area  to  allow  flow  separating  at  the  side 
edge  to  reattach  which  will  eliminate  the  vortex  suction  lift.  It  may  also  be  expected 
that  the  peak  lift  will  occur  at  an  aspect  ratio  where  the  vortex  pattern  on  the  lee 
side  of  the  wing  becomes  asymmetric.  To  illustrate  the  qualitative  similarities  between 
the  rectangular  and  delta  planform,  the  normal  force  curves  for  several  rectangular 
wings  provided  in  referenced  56  are  shown  in  Figure  54. 

2.4  EXPERIMENTAL  DESCRIPTION  OF  THE  COMPLFTE  MISSILE  CONFIGURATION 

The  vortex  structures  associated  with  the  complete  missile  configuration  can  be 
constructed  by  superimposinq  those  of  the  isolated  components.  For  a wing-body-tai 1 
con f igurat ion  this  results  in  the  type  of  flow  field  shown  in  Figure  55.  Vortices 
?:ied  from  the  forward  lifting  surfaces  interact  with  body  vortices  and  flow  back  over 
the  tail  inducing  significant  loads  on  this  component.  The  quantitative  description  of 
the  flow  field  structure  is  strongly  influenced  by  the  interaction  between  the  various 
missile  compone.its.  With  increasing  in-'idence  the  steady,  well  defined  vortex  structures 
disappear.  In  subsonic  flow  an  organized  flow  field  structure  exists  to  a higher 
incidence  on  bodies  alone  (i  60°  to  80°)  than  on  wings  alone  (a  t 20°  to  40°).  Hence 
the  disappearance  of  vortex  structures  can  normally  be  thought  of  as  starting  on  the 
fins  with  the  onset  of  vortex  bursting.  However,  the  effective  angle  of  attack  of  a 
fin  which  is  part  of  a complete  configuration  is  dependent  on  the  configurations  roll 
orientation  and  this  may  not  always  be  the  case.  Also,  the  interaction  between  body 
and  wing  vortices  can  result  in  the  suppression  of  wing  vortex  bursting  to  a higher 
incidence. 57 

Little  systematic  information  is  available  describing  quantitatively  the  interac- 
tion between  body  and  wing  vortices.  One  of  the  few  available  studies  is  that  of 
reference  29  which  measured  vortex  paths  and  strengths  on  circular  bodies  with  and 
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Figure  55.  Vortex  shedding  on  a 
complete  missile  configuration  at  high 
angles  of  attack 


1 FIN  4 SHOCK  TRACE 


Figure  56.  Fin  surface  pressures 
on  a cruciform  missile  configura- 
tion, a = 20°,  $ = 0°,  Rep  = 

1.9  (105) 


A)  SIDE  VIEW  OF  SHOCK  STRUCTURE 


Figure  57.  Windward  symmetry  plane 
body  surface  pressures  on  a cruciform 


missile  1 = 20' 


= 1.9  (107) 


without  wings  in  subsonic  flow.  The  position  and 
strength  of  body  vortices  are  not  affected  by  the 
wings  forward  of  the  body  wing  junction.  Aft  of 
this  point,  body  vortex  strengths  are  reduced  and 
paths  are  perturbed  for  both  delta  and  rectangular 
wing  planforms.  In  supersonic  flow  body  vortices 
disappear  at  crossflow  Mach  numbers  greatly  in 
excess  of  unity  and  the  leeward  flow  field  structure 
is  dominated  by  lifting  surface  vortices. 


Bl  SURFACE  PRESSURE  DISTRIBUTION 


Inviscid  or  shock  interactions  become  important  i\  ’’’ 

in  supersonic  flow  as  shown  in  Figures  56  and  57.  1 \ \ 'X 

The  actual  effect  of  shock  interaction  is  dependent  } V\ 

on  the  specific  configuration  being  tested  and  , X ''  y 

freestream  Mach  number.  Data  taken  in  reference  16  ^ f 

illustrates  the  types  of  phenomena  present.  At  p— -vi?  - 3 ^ 8-  9-10 

incidences  in  the  neighborhood  of  20  degrees,  \ 1 1 \ ji''' 

attached  fin  shocks  intersect  the  body  and  T V7“j  \ 

adjacent  fins  while  the  bow  shock  interacts  with  t ' !/ 

the  windward  fin.  This  prodii-es  large  gradients  in  1 j v 

the  surface  pressure  as  shown  in  Figure  56.  The  ^ 

rapid  rise  in  symmetry  plane  pressure  down  stream  \ / 

of  the  fins  in  Figure  57  is  due  to  shocks  from  the  '/'J' 
horizontal  fins.  At  angles  of  attack  near  50  VjL/ 

degrees  fin  shocks  become  detached  and  interact 

with  the  bow  shock.  At  a roll  orientation  of  Figure  58.  Surface  pressure’® 

45  degrees  (X  configuration)  the  flow  between  the  shock  structure^®  on  a finned 

windward  fins  is  reminiscent  of  that  in  a choked  missile  at  a = 50° 

duct.  A normal  shock  forms  upstream  of  the  fin 

leading  edge  producing  high  pressure  and  subsonic  flow  between  the  fins.  The  shock 
structure  and  surface  pressures  for  this  case  are  illustrated  in  Figure  58. 


Figure  58.  Surface  pressure^® 
shock  structure^®  on  a finned 
missile  at  a = 50° 


As  a body-tail  configuration,  at  incidence  a,  is  rolled,  a fin  which  moves  from 
the  windward  (ifi  = 0°)to  the  leeward  (()>  = 180°) plane  experiences  a change  in  normal 
force  coefficient  (Cfj,j,)  shown  in  Figure  59a  with  the  data  of  reference  23.  In  the 
absence  of  body  influence  and  vortex  interactions,  the  wing  angle  of  attack  changes 
from  0 at  1^  = 0“  to  a at  ij)  = 90°  to  (f  at  <p  = 180°  while  the  yaw  angle  varies  from  a to  0° 
to  -1  respectively.  The  accompanying  fin  normal  force  at  Mach  3 peaks  at  = 70  degrees 
and  then  becomes  negative  at  (Ji  = 140  'v  160  degrees.  The  location  of  peak  normal  force 
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Figure  59b.  Fin  normal  force 
asymmetries  induced  by  asymmetric  body 
vortices23 
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Figure  59a.  Fin  normal  force  as  a 
function  of  body  roll  orientation^^ 

is  a result  of  the  interaction  between  the 
yaw  and  pitch  angle  changes.  Increases  in 
both  of  these  angles  tend  uo  increase  the 
fin  normal  force.  The  negative  normal  force 
near  the  leeward  plane  of  symmetry  is 
attributable  to  vortex  interaction  since  the 
wing  never  achieves  a negative  angle  of 
attack.  At  a Mach  number  of  .8  the  variation 
of  the  fin  normal  force  features  a sever 
stall  at  roll  orientations  between  25  and  50 
degrees  which  is  greater  than  that  measured 
in  fin  alone  tests. 23  The  degree  of  stall  is 
highly  dependent  on  fin  planform  geometry 
and  abates  quickly  with  increasing  Mach 
number.  The  influence  of  asymmetric  body 
vortices  on  fin  normal  force  can  be  seen  in 
Figure  59b  to  c ccur  for  <)i  > 90.  here  the 
value  of  Cnij  for  fins  positioned  symmetrically 
about  the  pitch  plane  is  seen  to  differ. 

As  a missile  fin  is  rolled  past  the 
orientation,  <(i  = (()<;,  where  the  fin  normal 
force  is  zero  the  chord  and  span-wise  moments 
remain  finite  which  moves  the  center  of 
pressure  off  the  fin  to  infinity.  The  actual 
behavior  of  the  fin  normal  force,  hinge 
moment  and  chord-wise  center  of  pressure  is 
shown  in  Figure  60  using  the  data  from 
reference  58.  Measurements  of  the  fin  center 
of  pressure  in  the  vicinity  of  <(>  = (|)c  have 
been  found  very  difficult  to  repeat  accurately. 

This  is  not  surprising  since  fin  loads  near 
this  orientation  are  dominated  by  body  vortex 
interference  effects.  As  was  discussed  in 
Section  2.1,  the  positions  and  strengths  of 
body  vortices  are  very  sensitive  to  small 
changes  in  the  experimental  procedure. 

Measurements  of  center  of  pressure  from 
repeat  tests  are  shown  in  Figure  61.  Notice 

that  even  data  from  the  same  tests  do  not  show  pitch  plane  symmetry  which  indicates  the 
presence  of  asymmetric  body  vortices. 

Yaw  forces,  yaw  moments  and  roll  moments  can  arise  on  the  complete  missile  config- 
uration at  all  angles  of  attack  due  to  such  factors  as  lack  of  pitch  plane  symmetry  or 
a yaw  angle.  At  high  angles  of  attack  asymmetric  vortices  can  also  produce  these  loads 
on  symmetric  missile  configurations  at  zero  yaw  angle.  With  increasing  Mach  number  the 
pressures  in  the  leeward  flow  field  are  reduced  relative  to  the  stagnation  pressure  and 
vortex  structures  lose  their  influence  on  loads  causing  induced  forces  to  disappear. 
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Figure  60.  Fin  normal  force,  chord- 
wise  center  of  pressure,  and  hinge 
moment  in  leeward  flow  field  58 
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Figure  61.  Near  the  roll  orientation 
where  Cjj  = 0,  center  of  pressure 
measurements  are  difficult  to  duplicate^® 
(See  Figure  60  for  definition  of  symbols) 


Figure  63.  Influence  of  model  support 
on  normal  force  at  Mach  . 6 
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Figure  62.  Model  support  systems 
tested  in  reference  61 


2.5  EXPERIMENTAL  PROBLEMS  AND  UNCERTAINTIES  AT  HIGH  INCIDENCES 


It  has  been  common  practice  to  apply  the  same  testing  procedure  used  in  low 
incidence  testing  to  high  angle  of  attack  experiments.  However,  little  effort  has  been 
expended  to  check  on  the  validity  of  such  procedures  and  data  taken  in  the  Mach  number 
range  where  viscous  effects  strongly  influence  aerodynamic  loads  must  be  regarded  with 
scrutiny.  For  body  alone  tests,  questionable  measurements  occur  in  the  subsonic- 
transonic  range  while  on  fin  alone  results  uncertainties  exist  from  the  subsonic  to  the 
supersonic  regime.  Two  separate  categories  of  problems  affect  the  validity  of  the 
experimental  results.  The  first  is  model  support  interference  while  the  second  is  the 
instability  of  the  viscous  flow  field. 

In  references  60  and  61,  model  support  interference  on  bodies  of  revolution  has 
been  examined  in  the  incidence  range  of  60  to  90  degrees.  The  four  tested  model 
support  systems  are  shown  in  Figure  62  and  consist  of  a sting  support,  a strut  mount, 
a sting  support  with  a dummy  strut  mount  and  a strut  support  with  a dummy  sting  mount. 

The  results  of  the  testing  are  provided  in  Figures  63  and  64  which  show  measured  Cm 
values  with  the  sting  and  strut  mounts  and  the  corrected  value  inferred  from  the  dummy 
combination  support  systems  at  Mach  .6  and  .9  respectively.  The  sting  support  appears 
to  increase  the  normal  force  5%  to  10%  by  increasing  the  effective  body  length  while 
the  strut  mount  acts  as  a splitter  plate  in  the  crossflow  plane  decreasing  the  crossflow 
drag  and  hence  the  normal  force  by  30%  to  40%.  Figure  64  indicates  that  the  largest 
interference  occurs  at  the  lowest  Mach  number  which  is  to  be  expected  since  the  viscous 
influence  on  the  load  is  greatest  under  these  conditions. 

Force  measurements  on  fin  configurations  have  also  bee,!  found  to  be  influenced  by 
the  type  of  support  system  used,  A comparison  carried  out  in  reference  23  between  cata 
obtained  using  reflection  plate  and  sting  supported  models  suggests  that  the  reflection 
plate  tests  feature  a premature  stall  as  shown  in  Figure  65  which  is  attributable  to  a fin 
plate  boundary  layer  shock  interaction.  The  severity  of  this  effect  increases  with 
decreasing  aspect  and  taper  ratio.  The  majority  of  high  incidence  data  for  fins  has 
been  taken  using  reflection  plate  mounting  methods  and  relatively  little  sting  support 
information  is  available  for  comparison.  Hence  the  above  conclusion  has  been  drawn 
using  a very  limited  amount  of  data.  In  supersonic  flow  the  reflection  plate  support 
technique  also  induces  flow  separation  forward  of  the  fin  at  incidences  greater  than 
60  to  70  degrees. jn  effect  the  fin  appears  as  a forward  facing  step  to  the  oncoming 
flow.®®  This  decreases  the  normal  force  coefficient  as  shown  in  Figure  66  with  data 
from  reference  62  an'  m-ives  the  lateral  center  of  pressure  outboard. 
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Figure  64.  Influence  of  model  support 
on  normal  force  at  Mach  . 9 
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Figure  66.  Supersonic  reflection  plate  fin 
normal  force  data  featuring  separation  near 
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Figure  65.  Fin  alone  support  interference  Figure  67.  Variation  of  aerodynamic  coefficients 

for  reflection  plate  and  sting  mounts  with  roll  on  a cone-cylinder 

The  second  category  of  experimental  problems  occurring  at  hiah  angles  of  attack  is 
that  of  viscous  instability  which  results  in  significant  variations  of  experimental  data, 
particularly  induced  loads,  for  the  same  nominal  test  conditions  and  model . Such  problems 
are  most  severe  on  sharp  nosed  bodies  as  shown  in  Figure  67  using  Atraghli ‘ s^^  data.  The 
change  in  normal  and  side  force  is  probably  due  to  either  a steady  or  unsteady  varia- 
tion in  the  leeward  flow  field  structure  accompanying  changes  in  the  model  orientation. 

The  relative  importance  of  these  two  mechanisms  is  at  present  unclear  and  it  is 
difficult  to  prescribe  a set  of  experimental  rules  which  will  lead  to  repeatable  results. 
However,  there  are  several  guidelines  which  it  is  wise  to  follow,  particularly  when 
measuring  induced  loads.  Tests  should  be  carried  out  in  a low  turbulence  tunnel, 
ideally  with  a free  stream  turbulence  level  of  less  than  .1%.’^  A rigid  support  system 
should  be  used  to  minimize  model  vibration.  When  force  tests  are  being  conducted 
balance  flexibility  make  this  requiremeiit  difficult  to  meet.  Light  models  in  conjunc- 
tion with  stiff  balances  should  be  used  to  minimize  this  problem.  Transient  as  well  as 
steady  state  measurements  should  be  taken  and  when  induced  loads  are  of  interest  axi- 
symmetric  models  should  be  tested  at  several  different  roll  orientations. 

In  the  case  of  fins,  viscous  instabilities  are  not  as  severe  a problem,  probably 
because  the  separation  points  are  fixed  at  the  leading  edge  tip  and  asymmetric  vortex 
patterns  are  not  encountered  as  often.  Here  a lack  of  reproducibility  from  facility  to 
facility  has  been  noted  in  Reference  15  with  regard  to  incidences  at  which  vortex 
bursting  occurs  in  subsonic  flow  as  shown  in  Figure  68. 

3.  PREDICTIVE  METHODS 

The  complete  problem  of  high-angle-of-attack  prediction  involves  determining  the 
character  of  the  leeward  flow  field;  regions  of  separation,  structure  of  the  flow,  and 
its  steadiness  or  unsteadiness.  The  problem  as  defined  in  this  manner  cannot  be 
addressed  directly  by  the  current  state  of  the  art.  However,  a large  number  of  tech- 
niques have  been  developed  for  predicting  the  loads  on  bodies  at  high  angles  of  attack 
under  restricted  conditions  and  for  specific  geometries. 

The  following  sections  provide  a revie-w  of  some  of  the  existing  predictive  methods. 

The  discussion  is  divided  into  three  parts:  body  alone,  wing  alone,  and  complete 
missile  configurations.  Each  of  these  sections  is  further  divided  into  a review  of 
empirical,  semi-empirical  and  theoretical  techniques.  Empirical  approaches  are  those 
based  primarily  on  experimental  observations  while  semi-empirical  ones  combine  experi- 
mental observation  with  computations.  Theoretical  procedures  use  no  experimental 
information . 
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Figure  69.  Body  length  correction  factor. 


EACH  SYMBOL  REPRESENTS 
RESULTS  FROM  A DIFFERENT 
FACIUTY 


Figure  68.  Angle  of  attack 
at  which  vortex  bursting 
occurs  at  the  trailing  edge 
of  a delta  wing 


Figure  70.  Correction  factor  of  calculate 
from  experimental  data  on  inclined  bodies  with 


3.1  Body  Alone  Methods  ^ 10 

Empirical  methods  have 
been  developed  to  provide  estimates 

over  the  entire  range  of  angle  of  za, — , r — — : 1 1 ^ ^ ^ ^ — — ■ 

attack  from  0 to  90  degrees.  Semi- 

empirical  techniques  are  applicable  

to  regimes  where  steady,  well- 

defined  vortices  exist  (a  < 50  60  ,, 

degrees)  . Currently  there  are  few  / 

examples  of  theoretical  methods.  / 
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3.1.1  Empirical  Methods  I “ '» ~ m*  lo 

for  Body-Alone  Configurations 

I 

Body-alone  methods  ^ ^ 

are  generally  based  on  the  analogy  “ '■ 

between  flow  about  a two-dimensional  “t 

cylinder  and  that  about  an  inclined 

body  as  discussed  in  Section  2.1.1.  Figure  71.  Crossflow  drag  coefficient  as  a 

The  total  force  is  assumed  to  be  function  of  crossflow  Mach  number  determined  from 

the  sum  of  the  viscous  force  and  normal  force  data  on  inclined  bodies 

the  potential  contribution  determined 

from  slender  body  theory.  The  simplest  approach  uses  the  crossflow  analogy  to  evaluate 
the  viscous  term.  The  crossflow  drag  coefficient  is  assumed  to  be  equal  to  the  steady 
state  cylinder  drag,  shown  in  Figure  3a,  which  is  a function  of  crossflow  Mach  number 
(Msina)  and  crossflow  Reynolds  number  (ROpSina) . This  leads  to: 

^ _ sin(2a)cos(n/2)?D^  , „„  *p ^.2^ 


potential 

term 


VISCOUS 

term 


and  the  moment  taken  about  x^^^  is: 


Cj^  = sin  (2a ) cos  (a/2 ) 
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term 


viscous 
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In  both  of  these  equations  the  factor  n is  included  to  account  for  finite  body  length. 
In  practice  it  has  been  found  that  n should  be  set  to  unit  in  supersonic  flow  and 
evaluated  from  Goldstein ' s64  ,3ata,  shown  in  Figure  69,  for  subsonic  conditions.^  In 

reference  65  the  above  equations  have  been  extended  to  bodies  with  noncircular  crossec- 
tion . 

The  crossflow  analogy  was  originally  suggested  by  Allen^^,  but  the  actual  form  of 
Eqs.  (19)  and  (20)  is  from  Jorgensen.!  Although  it  is  an  extremely  simple  approach  it 


Figure  72.  Thomson's  adjusted  crossflow  drag  curve 

does  very  well  at  providing  a rough  estimate  of  ^ 

normal  force  over  a wide  range  of  Mach  number.  / 

When  Cdc  and  h are  determined  as  described  above  f l) 

best  results  are  obtained  at  supersonic  crossflow  ^ 

Mach  numbers.  For  M^,  '\-  1,  an  uncertainty  exists  'o^  “ 

as  to  the  most  appropriate  value  of  n-  Jorgensen^5 
has  calculated  n values  by  substituting  values 
from  Figure  3a  and  C[j  measurements  into  Eg.  (18). 

The  results  shown  in  Figure  70  indicate  a rapid  os 

variation  of  n for  M^  near  unity.  In  subsonic 
crossflow  where  Reynolds  number  has  a large 
influence  on  normal  force  the  use  of  crossflow 
Reynolds  number  to  determine  the  condition  of  the 
separating  boundary  layer  is  questionable.  As 
discussed  in  Section  2.1.1  and  shown  in  Reference  ^ 

67  the  crossflow  Reynolds  number  is  based  on  an 
inappropriate  characteristic  length.  Particularly 
at  low  incidences  (a  < 25)  a characteristic  length 
representative  of  the  surface  streamline  length 
(i.e.  D/sin«)is  more  appropriate.  At  incidences 
greater  than  45  degrees,  the  ratio  of  the  stream- 
wise  Reynolds  number  (Reu/sina)  to  the  crossflow 
Reynolds  number  is  less  than  two  and  the  dis- 
crepancy introduced  by  using  this  latter  parameter 
is  probably  small. 

0 

A variation  on  the  crossflow  analogy  as  o 20  « so  80 

defined  above  is  to  calculate  values  by  sub-  a{DEGi 

stituting  t.;c  measured  normal  force  coefficient  on  Figure  73.  Correction  of 
inclined  bodie.'  into  Eq.  (19)  . A crossflow  drag  crossflow  drag  due  to  axial 

curve  suggested  by  Baker62,68  is  shown  in  Figure  pressure  gradient 

71  and  features  the  supercritical  curve  determined 

by  Fidler49  and  a subcritical  one  from  DATCOM®®.  In  conjunction  with  the  C(jc  values 
in  this  Figure,  the  following  function  is  given  to  blend  subsonic  values  of  n to  unity 
in  supersonic  flow®8: 


[^]! 


.95  < M < 1.35 


As  apposed  to  Jorgensen's  curve  fit  for  n the  above  is  based  on  freestream  Mach  number 
rather  than  crossflow  Mach  number. 

Force  Prediction  methods  based  on  the  impulsive  flow  analogy  (see  Section  2.1.1) 
produce  equations  for  Cfj  and  Cm  similar  to  those  shown  above: 
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Figure  74.  Reduction  factor  H to  account  for  base  influence. 
Apply  to  the  drag  coefficient  within  a distance  e from  the  base. 


Figure  75.  Crossflow  drag  reduction  due 
to  turbulence 

Here  again  the  total  force  and  moment  is  assumed 
to  be  the  sum  of  a potential  and  viscous  contribu- 
tion. However,  the  crossflow  drag  coefficient  is 
assumed  to  be  a function  of  distance  along  the 
missile  axis.  Available  experimental  data  for 
Cdc  on  an  impulsively  started  cylinder  is  shown 
in  Figure  4a  where  the  crossflow  drag  is  given 
as  a function  of  t*  = xtana/D. 


impulsive  flow  analogy 


The  impulsive  flow  analogy  was  initially  suggested  by  Kelly  who  used  a polynomial 
fit  to  Schwabes'  data^  to  evaluate  Eqs,  (21)  and  (22).  Unfortunately,  Schwabes'  results 
are  now  generally  considered  to  be  superseded  by  Sarplcaya ' s.  ■*  However,  tnere  is  little 
data  on  impulsively  started  cylinders  and  this  is  a major  impediment  in  using  this 
approach. 

Thomson®  has  developed  a method  of  prediction  based  on  an  extensive  modification  of 
the  impulsive  flow  analogy  which  is  applicable  at  < .8.  Sarpkaya's  C(jc  curve  is 
scaled  by  the  steady-state  cylinder  drag  value  to  introduce  a Mach  number  effect.  In 
addition,  the  functional  form  of  this  curve  is  altered  by  matching  times  at  which 
Sarpkaya  observed  vortices  to  be  shed  to  those  points  along  a missile  where  the  corres- 
ponding vortex  brea)ts  away.  This  adjusted  curve  is  shown  in  Figure  ’'2. 


Thomson's  theory  also  maites  adjustments  for  additional  effects  which  arc  generally 
ignored  in  other  empirical  approaches.  The  nose  geometry  produces  a favorable  pressure 
gradient  on  the  boundary  layer  which  reduces  the  width  of  the  separation  region  on 
forward  portions  of  the  body.  The  method  of  correction  is  based  on  slender  body  theory 
pressure  distributions  and  assumes  that  separation  occurs  at  the  point  of  minimum 
pressure.  Talcing  this  minimum  value  to  be  the  pressure  throughout  the  -^ei  aration 
region  allows  the  ratio  of  crossflow  drag  with  and  without  axial  pressui  gradient  to 
be  determined  as  shown  in  Figure  73.  The  base  influence  is  determined  by  assuming 
that  in  the  region  shown  in  Figure  74a,  the  vortices  grow  at  only  a fraction  of  their 
normal  value.  Taking  this  ;is  .4  results  in  the  base  region  crossflow  drag  reduction 
factor  provided  in  Figure  74b.  The  judgment  concerning  the  state  of  the  boundary  layer 
is  made  by  examining  both  the  crossflow  and  axial  Reynolds  numbers.  The  turbulence' 
reduction  in  crossflow  drag  coefficient  is  dependent  on  incidence  as  shown  in  Figure  ''5. 
Finally,  the  factor  F in  Figure  76  is  used  to  account  for  the  error  of  applying  the 
impulsive  flow  analogy  instead  of  the  yawed  vortex  street  concept.  Inherent  in  the 
impulsive  flow  analogy  is  the  assumption  that  vortex  cores  are  parallel  to  the  bod\ 
axis  while  in  fact  they  are  skewed  at  an  angle  f.  The  crossflow  drag  coefficient  is 
determined  by  multiplying  all  of  the  above  correction  factors  times  the  value  of 
provided  in  Figure  72.  Hence  at  any  point  along  the  crossflow  drag  coefficient  is: 

C , = Ct  FGHK 

dc  dc 


j 


i 


where  F,  G,  H and  K are  determined  using  Figures  73  to  76. 
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Figure  77.  Measured  and  predicted  normal  force  coefficients 
and  center  of  pressure  in  incompressible  flow 


Figure  78.  Measured  and  predicted  normal  force  coefficients 
and  center  of  pressure  in  transonic  flow 

The  above  methodology  applies  up  to  an  incidence  of  40  degrees.  In  the  angle  of 
attack  range  of  40  to  60  degrees  a similar  procedure  is  used  with  the  F correction 
factor  of  Figure  76  set  to  unity.  This  is  to  account  for  the  unsteadiness  of  vortices 
far  from  the  nose.  At  higher  incidence  the  standard  crossflow  anal^pgy  is  applied  with 
C(jc  determined  at  X = 2.2  in  Figure  72.  With  the  exception  of  turbulence,  the  remain- 
der of  the  correction  factors  are  dropped  in  favor  of  n which  is  determined  from 
Figure  69. 

An  alternative  application  of  the  impulsive  flow  analogy  is  provided  by  Atraghji.®^ 
This  method  uses  the  analogy  to  extend  impulsive  and  Karman  vortex  street  drag  terms  to 
the  three  dimensional  case.  To  estimate  these  quantities  a sinusoidal  bound  vorticity 
distribution  is  assumed,  the  level  of  which  is  determined  based  on  Karman  vortex 
street  analysis.  This  approach  is  applicable  to  bodies  in  incompressible  flow  only. 

The  above  predictive  methods  have  been  compared  to  experimental  data  in  reference 
71  and  some  of  these  cases  are  shown  in  Figures  77  to  79.  All  of  the  predictions  tend 
to  underestimate  the  sting  measured  normal  force  at  high  incidence  in  the  case  of  incortpres- 
sible  flow  with  laminar  separation  (see  Figure  77).  As  discussed  in  Section  2.5, 
force  data  taken  on  sting  mounted  models  tends  to  overestimate  the  normal  force  which 
may  account  for  some  of  this  difference.  However,  there  is  also  a wide  variation 
among  predicted  results.  Better  agreement  is  obtained  at  Mach  .7,  at  a supercritical 
Reynolds  number  as  is  shown  in  Figure  78.  The  abrupt  change  in  the  crossflow  pre- 
dictions using  Jorgensen's  method  corresponds  to  the  incidence  at  which  the  crossflow 
Mach  number  becomes  supercritical  and  the  Reynolds  number  loses  its  influence  of  normal 
force.  A better  prediction  of  normal  force  is  obtained  using  the  crossflow  drag 
coefficients  of  Figure  71  which  show  a more  gradual  change  of  the  supercritical  crossflow 
drag  curve  with  Mach  number.  A final  comparison  is  carried  out  in  Figure  78  at  Mach 
2 and  shows  very  good  agreement  between  theory  and  experiment.  The  method  labeled 


J 
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Figure  79.  Measured  and  Predicted  Normal  Force 
Coefficients  and  Center  of  Pressure  in  Supersonic 
Flow (Mach  = 2.,  Rep=  3.8(10^)  ) 

Jorgensen  in  this  graph  represents  the  application 
of  the  crossflow  method  of  reference  1 where  n has 
been  taken  equal  to  unity.  Had  values  for  n 
suggested  in  Figure  70  been  used,  the  hump  in  the 
I,  1 would  have  been  reduced. 


Attempts  to  develop  analogous  empirical  methods  for  predicting  yaw  force  and  moment 
have  not  been  nearly  as  successful.  The  crossflow  analogy  cannot  be  used  since  lift 
forces  on  a cylinder  in  crossflow  are  unsteady  with  a time  averaged  value  of  zero.  Ir. 
principle  the  impulsive  flow  analogy  can  be  applied  by  replacing  the  quantity  Cjjc  in 
Eq . (21)  by  C^  and  dropping  the  potential  force  contribution.  Until  very  recently 

experimental  information  on  the  development  of  lift  on  an  impulsively  started  cylinder 
was  not  available.  Hence  to  obtain  an  upper  bound  on  Cy  reference  2 used  the  root- 
mean-square  C^  value  whose  approximate  behavior  with  Mach  number  and  Reynolds  number  is 
shown  in  Figure  3b.  In  a more  detailed  approach  Lament  and  Hunt^2  have  inferred  the 
unsteady  impulsively  started  cylinder's  lift  characteristic  using  Sarpkaya’s  observed 
vortex  spacing  and  wind  tunnel  data. 


Using  a different  approach,  Thomson^  has  applied  his  own  data  concerning  vortex 
strengths  and  trajectories  to  provide  upper  and  lower  bounds  for  side  force.  The  upper 
limit  is  determined  by  assuming  that  the  circulation  around  the  missile  body  at  any 
given  cross  section  is  equal  in  magnitude  but  opposite  in  sign  to  the  strength  of  all 
the  vortices  in  the  crossflow  plane.  The  force  at  each  crossflow  plane  is  determined 
using  the  Kutta-Joukowski  theorem: 


FY=Usinapr  (23) 

The  total  force  acting  on  the  missile  body  is  determined  by  integrating  the  contribution 
of  each  crossflow  plane  along  the  length  of  the  missile.  The  lower  limit  is  arrived  at 
in  a similar  manner,  but  in  this  case  the  circulation  o^  only  the  growing  vortices  are 
used. 

In  a similar  vein  Kao^^  has  developed  a method  of  predicting  side  force  using 
Thomson's  data  and  an  experimentally  determined  onset  angle.  Again,  lift  is  computed 
using  the  Kutta-Joukowski  theorem,  but  the  final  solution  provides  an  estimate  for  the 
local  side  force  peaks,  not  an  upper  and  lower  bound  as  produced  by  Thomson. 


One  of  the  most  recent  predictive  methods  for  side  force  is  that  of  Lament  and 
Hunt^‘*  which  is  based  on  the  experimental  pressure  data  discussed  in  Section  2.1.5. 
This  information  is  integrated  to  produce  a crossflow  side  force  coefficient  which  is 
correlated  as  a function  x tanoi/D  as  is  shown  in  Figure  34.  This  correlation  does  not 
completely  remove  the  incidence  and  nose  shape  dependency  of  the  data.  Key  positions 
on  the  side  force  distribution  curve  are  defined  as  a function  of  these  parameters  in 
table  2.  The  local  side  force  coefficient  is  integrated  to  determine  Cy  using  the 
unswitched  amplitude  of  Figure  35. 


The  sensitive  nature  of  side  force  makes  it  difficult  to  evaluate  predictive 
theories.  Most  of  the  procedures  are  compared  to  limited  experimental  measurements  at 
the  time  of  development  and  hence  produce  side  forces  of  the  correct  order  of  magnitude. 
However,  for  these  methods  to  have  general  applicability,  they  should  exhibit  trends 
evident  in  a large  data  base  (see  Section  2.1.5).  In  low  speed  flow  the  side  force 
magnitude  clearly  declines  with  decreasing  nose  fineness.  To  describe  the  nose  region 
accurately,  the  impulsive  flow  analogy  should  model  flow  about  an  expanding  impulsively 
started  cylinder.  The  impulsive  flow  methods  of  references  2 and  73  neglect  the 
expanding  aspect  of  this  analogy  and  hence  do  not  accurately  describe  nose  fineness 
effects.  Techniques  such  as  Thomson's^  and  Kao's^^  which  are  dependent  on  observed 
vortex  strength  could  conceivably  satisfy  this  requirement,  however  there  is  an 
absence  of  data  defining  the  influence  of  nose  geometry  on  vortex  strength.  Alraghji's  6 3 
prediction  of  side  force  does  not  seem  to  show  a decrease  in  side  force  with  decreasing 
nose  fineness.  The  only  predictive  method  that  can  be  shown  to  satisfy  this  trend  is 
that  of  Lamont  and  Hunt.'*'*  The  predicted  peak  side  force  values  accurately  bound 
experimental  data  when  plotted  as  a function  of  nose  fineness  as  is  shown  in  Figure  39. 
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Figure  81.  Synunetric  concentrated 
vortex  crossflow  plane  model  used 
by  Bryson 

In  addition,  close  agreement  is  obtained  between 
select  side  force  and  moment  measurements  of 
which  Figure  80  is  an  example.  The  selected 
data  sets  come  from  experiments  in  which  the 
magnitude  of  the  side  force  is  fairly  independent 
of  roll  angle.  At  present  the  Lamont  and  Hunt 
method  for  predicting  side  force  is  the  only 
one  which  is  supported  by  a wide  body  of  experimental 
data. 


Predictive  methods  applicable  to  transonic 
Mach  numbers  should  exhibit  a decreasing  side 
force  magnitude  with  increasing  Mach  number. 
According  to  the  data  presented  in  Figures  37 
and  38  side  force  starts  decaying  at  a free 
stream  Mach  number  of  . 6 or  at  a crossflow  Mach 
number  of  .4.  The  results  of  reference  2 do  not 
decrease  rapidly  enough  with  increasing  Mach 
number.  The  same  problem  probably  exists  with  Thomson's  method  since  vortex  strengths 
do  not  decrease  until  a crossflow  Mach  number  of  .7  is  achieved.  At  present  there 
appears  to  be  no  proven  method  of  estimating  side  forces  at  crossflow  Mach  numbers 
greater  than  .4  or  free  stream  Mach  numbers  of  greater  than  .6. 


Figure  80.  Predicted  side  force  and 
moment  by  Lamont  and  Hunt^^  compared 
to  the  measurements  of  Smith  and 
Nunn^l  on  an  ogive  model  (l„  = 3, 
it  = 15) . M = .13,  Ren  = 8 (10=) 


3.1.2  Semi-Empirical  Methods  for  Body-Alone  Configurations 


Semi-empirical  methods  can  only  handle  steady  flow  fields  and  thus  are 
limited  to  incidences  of  less  than  60  degrees.  These  theories  use  ad-hoc  formulations 
that  to  varying  degrees  force  the  observed  problem  structure  into  the  solution.  The 
resulting  theories  can  provide  useful  predictive  tools;  however,  their  validation 
requires  a broad  comparison  between  experiment  and  theory  since  a firm  basis  for 
expecting  close  quantitative  agreement  does  not  exist.  Available  techniques  are 
formulated  using  potential  theory  and  thus  are  restricted  to  subsonic  flow. 


Most  of  the  available  methods  are  based  on  the  impulsive  flow  analogy  with  the 
flow  in  the  crossflow  plane  being  taken  as  incompressible.  The  root  of  this  latter 
assumption  is  a loose  application  of  slender  body  theory  which  is  based  on  the  small 
disturbance  equation: 

,1  - ^ ^ = 0 (24 

” 3x2  3y2  3^2 

The  above  expression  applies  to  bodies  which  are  of  sufficient  slenderness  to  insure 
that  the  flow  velocities  caused  by  their  presence  are  small  compared  to  the  free-stream 
velocity.  This  limits  the  application  of  the  above  equation  to  missile-like  configura- 
tion at  angles  of  attack  near  zero  degrees.  Slender  body  theory  shows  that  the  first 
term  in  the  above  equation  can  be  neglected  and  hence,  that  the  crossflow  component  can 
be  treated  by  Laplace's  equation  and  is  therefore  incompressible.  Application  of  this 
assumption  at  high  angles  of  attack  is  theoretically  unfounded  in  transonic  or  super- 
sonic flow.  However,  its  use  reduces  the  problem  to  manageable  proportions. 


Semi-empirical  methods  describe  the  incompressible,  viscous  crossflow  plane  by 
superimposing  point  vortices  on  the  potential  solution  for  flow  about  a cylinder. 
Expressed  in  complex  coordinates  (see  Figure  81  for  a definition  of  notation)  the 
complex  potential  for  flow  over  a circular  cylinder  with  free-stre2un  velocity  U sin  a is: 

a? 

♦ = - U sin  a (C  - ~)  i 


(25) 
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Using  the  circle  theorem  the  solution  for  an  isolated  vortex  at  location  in  the 
presence  of  a circular  cylinder  is: 


fn  - 


fn  (r. 


+ in  ; 


(26) 


The  first  term  in  this  equation  represents  the  vortex  in  the  flow,  the  second  term  is 
its  image  which  is  located  inside  the  cylinder,  and  the  third  term  is  a vortex  at  the 
center  of  the  cylinder.  The  image  vortex  is  located  at  a point  such  that  the  combina- 
tion of  its  velocity  and  that  of  the  external  vortex  satisfy  the  normal  flow  condition 
on  the  circular  cylinder  boundary.  The  central  vortex  allows  the  total  circulation 
about  the  cylinder  to  be  set  to  zero.  Generally  it  is  assumed  that  vorticity  shed  into 
the  wake  leaves  a circulation  of  opposite  strength  on  the  cylinder  and  hence  this  term 
is  neglected. 

The  crossflow  plane  of  a body  of  revolution  containing  N vortices  of  strengths 
Fi,  12*  ••Fn  and  located  at  positions  ';2<‘'‘^n'  respectively,  can  be  constructed  by 

superimposing  Eqs.  (25)  and  (26) : 


U sin  a 


- (C  - 2_)i  - 


N 

^ . y 

2TtUsina 


in 


K - 


(27) 


Differentiating  this  expression  with  respect  to  C the  complex  velocity  in  the  crossflow 
plane  (W  = v + i w)  is  obtained: 


= v-iw  = -i  U sin  a j(l  + 


(C-a^/r^ ) 


(28) 


A source  term  is  often  added  to  Eqs.  (27)  and  (28)  to  account  for  the  expanding  body 
radius  near  the  missile  nose.  The  complete  flow  field  as  described  by  the  above  two 
expressions  is  irrotational  everywhere  except  at  the  vortex  locations  where  the  velocity 
is  singular. 


Using  Eqs.  (27)  and  (28)  it  is  possible  to  construct  a crossflow  plane  containing 
any  number  of  vortices  of  arbitrary  stren- chs  and  locations.  The  problem  addressed  by 
semi-empirical  techniques  is  that  of  calculating  the  distributions  and  strengths  of 
vortices  in  the  crossflow  plane.  This  task  is  divided  into  two  distinct  parts: 

(1)  Determination  of  the  rate  and  manner  of  vorticity  production. 

(2)  Tracing  the  transport  of  vorticity  throughout  the  crossflow  plane. 


Once  these  steps  have  been  accomplished  the  problem  is  completed  by  calculating  the 
loads  in  each  crossflow  plane  resulting  from  the  predicted  flow  field. 

Two  different  schemes  have  commonly  been  used  to  determine  the  rate  of  vorticity 
production  or  the  instantaneous  strengths  of  vortices  in  the  flow  field.  The  first 
involves  satisfying  the  Kutta  condition  at  the  separation  point: 

W (C^)  = 0 (29) 


The  second  method  assumes  that  the  rate  at  which  vorticity  is  shed  into  the  wake  is: 


dr 

at  " 


K W^(C^) 
o 


(30) 


This  expression 
boundary  layer: 


is  derived  by  considering  the  vorticity  flux  across  the  two-dimensional 
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^ <1^  - dy|^ 


(31) 


The  factor  K arises  by  taking  into  account  a detailed  picture  of  the  crossflow  plane 
separation  pattern  as  shown  in  Figure  8.  The  primary  and  secondary  separation  points 
generate  vorticity  of  opposite  sign  and  vorticity  from  the  secondary  separation  point 
annihilates  some  of  that  from  the  primary  separation  point,  hence  the  factor  K. 

Vorticity  transport  in  the  crossflow  plane  is  traced  by  following  the  paths  of  the 
vortices  introduced  into  the  flow  field.  The  motion  of  a vortex  can  be  described  in 
several  ways.  Most  simply  the  velocity  of  the  vortex  is  assumed  to  be  equal  to  that  of 
the  local  fluid  velocity  at  its  own  location  (excluding  its  own  contribution  which  is 
singular  at  (.his  point).  Hence: 

dr,  . 

3 

dt 


W. 
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(32) 


or  using  the  impulsive  flow  analogy: 
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dx 


= tana  W . 
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To  obtain  vortex  paths,  this  equation  is  broken  into  its  real  and  imaginary  parts  and  inte- 
grated numerically.  This  approach  is  always  applied  to  vortices  of  constant  strength. 
However,  the  motion  of  growing  vortices  is  often  assumed  governed  by: 


dt 


w. 

3 


or 


(33) 


d?.  (C.  - dr^ 

dx  ^ Tj  dx 


tan  a 


The  need  for  Eq.  (33)  can  be  explained  by  considering  Helmhotz's  theorem  which 
states  that  vorticity  of  fluid  elements  in  a potential  flow  field  cannot  change.  As  a 
consequence,  each  growing  vortex  develops  a pressure  discontinuity  along  an  arbitrary 
path  or  branch  line  extending  from  its  core  to  infinity.  Mathematically  the  pressure 
jump  arises  from  the  velocity  potential  which  is  a function  of  0 and  therefore  double 
valued.  This  can  be  seen  by  considering  an  isolated  vortex  located  at  the  origin. 

Here  the  complex  potential  is  - ir/2iT  fn?  and  the  velocity  potential  is  er/2Tr. 
Substituting  into  the  unsteady  Bernoulli  equation  which  is 

E = - 1 v2  + M + C(t)  (34a) 


and  noting  that  the  velocity  distribution  for  a point  vortex  is  r/2nr  yields: 


E 

P 


2 2 
8ir  r 


+ — — + C (t) 
dt  2ir 


(34b) 


The  function  6 jumps  in  value  by  2Tr  whenever  the  branch  line  is  crossed.  Hence,  unless 
dr/dt  is  zero  a pressure  discontinuity  will  exist. 

The  branch  line  of  a vortex  in  the  presence  of  a cylinder  is  taken  as  extending 
through  the  nearer  separation  point,  the  image  vortex,  and  then  to  infinity  along 
image  vortex  branch  line.  Since  a vortex  and  its  image  are  of  opposite  strength,  the 
pressure  jump  along  the  two  concurrent  branch  lines  cancels  leaving  only  a discontinuity 
along  the  line  connecting  a vortex  with  its  image  of  p (dP/dt) /unit  length.  Balancing 
the  total  force  on  the  portion  of  the  branch  line  crossing  the  flow  field, 
ip(Cj-Co)  dTj/dt,  by  the  lift  force  on  the  vortex  due  to  Kutta-Joukowski  theorem, 

- ipr  (dCj/dt  - Wj),  produces  Eq.  (33).  Here,  dCj/dt  - Wj  is  the  vortex  velocity  with 
respect  to  the  local  fluid.  The  portion  of  the  branch  line  crossing  the  flow  field  is 
known  as  the  feeding  sheet. 


Once  the  flow-field  structure  is  known,  forces  on  the  missile  body  must  be  calcu- 
lated. The  most  direct  approach  is  to  use  the  vortex  impulse  theorem.  This  provides  a 
closed-form  expression  for  determining  the  force  on  a body  induced  by  N vortices: 


(C  - iCy) 


2 COS  g 
wU  r^ 


N 

L r 
j=i  ^ 


(35) 


Here  ?j  is  the  location  of  the  j vortex  in  the  base  crossflow  plane.  To  determine 
moments,  this  expression  is  evaluated  at  a number  of  different  points  along  the  body 
length.  The  above  equation  is  derived  in  a number  of  different  ways . Consider- 
ing each  crossflow  plane  as  a two-dimensional  cylinder,  an  extension  of  Lagally's 
theorem  can  be  applied.^®  Results  from  this  approach  are  identical  with  Eq.  (35) 
provided  that  the  pressure  jump  across  a feeding  sheet  is  assumed  balanced  by  a growing 
vortex's  lift.  Generally,  the  total  force  on  the  body  is  assumed  to  be  the  viscous 
component  described  by  Eq.  (35)  plus  a potential  term.  Hence: 


2 - N 2 

C - iC  = sin  2a  (^)  + ^ £ r.  {?.  - — } (36) 

^ ^ TT  u r j = l ^ ^ r,  . 

3 

If  the  method  of  derivation  uses  a momentum  balance  about  a missile  body  the  potential 
term  is  automatically  included. Implicit  in  Eq.  (35)  and  (36)  is  the  assumption  that 
in  each  crossflow  plane  the  flow  field  can  be  represented  by  vortices  of  infinite 
extent  wit):  cores  which  are  parallel  to  the  missile  Ixidy.  Accordingly,  this  expression 
is  most  applicable  to  low  angles  of  attack.  However,  its  use  at  large  incidences  is 
consistent  with  the  impulsive  flow  analogy. 

An  alternate  method  for  obtaining  loads  on  a missile  is  to  numerically  integrate  cal- 
culated pressures  at  the  model  surface  using  Eq.  (34b). Although  this  approach  would 
seem  to  be  extraneous  in  view  of  the  vortex  impulse  theorem,  these  two  methods  are  not 
entirely  equivalent.  The  vortex  impulse  theorem  does  not  include  viscosity  or  damping,  and 
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Figure  82.  Results  of  asymmetric  concentrated  vortex  model  used  in  reference  81 

vortices  which  are  located  a great  distance  from  the  body  can  still  generate  large 
loads.  If  the  forces  are  calculated  numerically,  arlificial  damping  will  be  introduced 
due  to  numerical  error  and  the  influence  of  distance  vortices  will  be  diminished. 

Semi-empirical  models  have  applied  methods  for  calculating  vorticity  production, 
vorticity  transport  and  aerodynamic  loads  in  a variety  of  different  ways.  The  simplest 
approach  is  to  use  a concentrated  vortex  model.  Here  a single  vortex  is  used  to 
describe  each  visible  vortex  in  the  wake.  This  method  was  first  used  in  conjunction 
with  delta  wings  and  later  was  aoplied  by  Bryson^*'  to  describe  the  crossflow  plane  on  a 
body  at  incidence.  The  original  approach  suggested  by  Bryson  describes  the  motion  of  a 
growing  pair  of  symmetric  vortices  using  Eq.  (33).  The  strengths  of  the  vortices  are 
determined  by  applying  the  Kutta  condition  at  the  separation  point.  The  assumed  problem 
formulation  is  illustrated  in  Figure  81.  This  method  requires  that  the  point  at  which 
the  boundary  layer  separates  be  described  empirically.  In  addition,  the  position  at 
which  vortices  first  form  must  be  specified.  This  includes  the  point  along  the  body  and 
the  crossflow  plane  location.  Using  a perturbation  analysis,  Bryson  was  able  to  show 
that  the  nascent  vortices  initially  move  away  from  the  separation  point  along  a line 
6o  ± t/3  relative  to  the  freestream.  In  the  case  of  a cone  his  analysis  indicated  that 
vortices  do  not  form  until: 


This  criterion  can  be  applied  to  missile-like  bodies  to  determine  the  start  of  separa- 
tion if  the  local  body  slope  is  used  in  place  of  the  cone  angle.  The  initial  radial 
location  must  be  determined  through  numerical  experimentation.  Bryson's  solution  is 
obtained  numerically  using  a series  of  steps  in  the  solution.  At  the  start  of  each 
step  the  Kutta  condition  is  applied  to  determine  vortex  strength.  Vortex  motion  is 
then  traced  using  Eq.  (33).  The  drag  produced  by  Bryson's  method  on  an  impulsively 
started  cylinder  is  in  good  agreement  initially  but  at  moderate  times  (f^  = 3)  decreases 
and  becomes  negative. 

A number  of  studies  have  followed  Bryson's  which  are  essentially  an  extension  of 
his  approach.  Schindel^^  generalized  the  method  to  bodies  of  elliptic  cross  section, 
while  Kuhn,  ,et.  al.,®®  treated  the  asymmetric  wake  containing  two  vortices  in  conjunc- 
tion with  a body  undergoing  coning  motion.  Wardlaw®^  has  applied  this  approach  to  the 
asymmetric  wake  containing  an  arbitrary  number  of  vortices.  The  solution  is  started  by 
placing  two  point  vortices  near  the  body  nose  using  Bryson's  criteria  for  location. 
Asymmetry  is  immediately  introduced  by  perturbing  the  radial  location  of  each  vortex. 

The  solution  is  continued  until  the  difference  in  radial  position  of  these  two  vortices 
becomes  greater  than  10  percent.  At  this  point  the  first  vortex  is  shed  and  its 
circulation  is  assumed  to  be  constant  from  this  point  on.  A new  vortex  is  started  on 
the  side  of  the  body  from  which  the  vortex  is  shed.  The  nascent  vortex  is  placed  a 
small  distance  from  the  body  along  the  broken  feeding  sheet  of  the  shed  vortex.  Further 
vortices  are  shed  at  regular  intervals  along  the  body  using  the  Strouhal  number  as  the 
criterion. 

This  approach  includes  a large  number  of  free  parameters  which  must  be  specified 
before  a solution  can  be  achieved  and  much  of  the  observed  physics  is  forced  into  the 
problem.  However,  it  is  possible  to  choose  a set  of  free  parameters  that  correctly 
predicts  vortex  paths,  yaw  and  pitch  plane  force  on  a sharp  body  at  low  subsonic  Mach 
numbers  as  is  shown  in  Figure  82,  One  problem  with  this  method  is  that  it  is  unable  to 
account  for  increases  in  normal  force  and  decrease  in  side  force  accompanying  an 
increase  in  Mach  number  to  transonic  values.  Nikolitsch82  has  improved  upon  the  above 
method  by  takii.g  into  consideration  the  angle  between  the  shed  vortex  core  and  the 
missile  axis  when  computing  loads. 

Another  approach  for  describing  the  developing  crossflow  plane  is  the  multivortex 
method.  Here  a large  number  of  point  vortices  are  used  to  describe  each  wake  vortex 
or  primary  vortex.  The  solution  proceeds  by  introducing  small  point  vortices  periodi- 
cally into  the  flow  which  are  assumed  to  be  of  constant  strength  after  addition.  The 
crossflow  plane  location  of  nascent  vortices  is  taken  to  be  near  the  separation  point. 
These  vortices,  whose  paths  are  traced  using  Eq.  (32),  roll  up  to  form  large  groups  of 
vortices  corresponding  to  the  primary  vortices  visible  in  the  leeward  flow  field.  This 
process  is  depicted  in  Figure  83.  By  introducing  an  asymmetry  into  the  problem,  groups 
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of  point  vortices  can  be  observed  to  shed  from  tie 
body  at  a rate  which  is  compared  to  the  experi- 
mentally measured  Strouhal  f requency . ^ 


The  multivortex  or  discrete  vortex  modeling 
method  has  been  widely  applied  to  viscous,  unsteady, 
two  dimensional  flows  with  regions  of  flow  sepe-ation. 

Clements®^  provides  a recent  review  of  such  work. 

This  approach  was  first  applied  to  bodies  at  incidence 
by  Angelluci®5  who  developed  a multivortex  model  of 
the  symmetric  wake.  In  this  case  the  Kutta  condition 
was  used  to  determine  the  rate  at  which  vorticity  is 
shed  into  the  flow  field.  This  method  is  distinctive 
in  that  vorticity  is  assumed  to  lie  in  a continuous 
filament  near  the  separation  point.  At  a small 
distance  from  it,  the  strength  of  short  lengths  of 
filament  are  lumped  into  point  vortices  which  are 
simpler  to  handle  numerically.  Wardlaw83  has  used 
the  multivortex  approach  to  model  the  asymmetric 
flow  field.  In  this  case  the  expression  KU^  is  used 
to  determine  the  rate  at  which  vorticity  is  shed 
into  the  flow  field.  Compressibility  effects  are 
simulated  using  Gothert’s  rule  and  the  flow  field  is  initially  perturbed  by  increasing 
the  circulation  of  vortices  on  one  side  of  the  model  for  the  first  few  steps.  Sample 
results  for  the  developed  wake  are  shown  in  Figure  83.  The  most  sophisticated  example 
of  the  application  of  this  method  is  that  of  Deffenbaugh,  et  al.7’7>2l  which  will  be 
discussed  in  the  next  section. 
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Figure  84.  Predicted  and 
measured  local  side  force 
distribution,  M = .6,  Rep  = 
3.7  (106) , a = 40° 


The  multivortex  approach  reduces  the  number  of  free  parameters  required  to  generate 
a description  of  the  asymmetric  wake.  In  particular  it  eliminates  the  requirement  for 
specification  of  the  axial  positions  at  which  vortices  shed.  However,  it  suffers  from 
stability  problems,  particularly  at  high  angles  of  attack  which  have  plagued  most 
application  of  multivortex  methods.  The  crux  of  the  difficulty  is  the  velocity 
singularity  at  the  center  of  each  vortex.  When  a close  encounter  occurs  between  two 
vortices,  one  or  both  can  be  moved  an  extremely  large  distance  in  a single  step  playing 
havoc  with  the  calculated  loads.  One  method  for  dealing  with  this  problem  is  to  surround 
each  vortex  with  a rotational  core  so  that  the  velocity  at  the  vortex  location  is  zero. 
Another  is  to  coalesce  vortices  in  close  proximity  to  one  another  into  a single  structure. 
Both  of  these  techniques  introduce  free  parameters  into  the  solution  which  are  difficult 
to  determine  on  a physical  basis.  Fink  and  Soh86  have  considered  point  vortices  as  a 
discretization  of  a vortex  filament.  A linear  constant  strength  vortex  filament  of 
finite  length  induces  a velocity  along  its  length  except  at  its  center.  Hence  only  at 
this  point  does  the  self  induced  vortex  velocity  of  zero  computed  using  the  standard 
approach  agree  with  this  point  of  view.  These  two  methods  can  be  brought  into  coinci- 
dence by  redefining  a set  of  equally  spaced  vortices  at  the  end  of  each  each  integration 
step.  Instituting  this  method  increases  computational  time  and  complexity,  however,  it 
avoids  introducing  new  free  parameters.  At  present  this  approach  has  not  been  applied 
to  the  modeling  of  the  crossflow  plane  on  missile  bodies. 

Most  of  the  reported  attempts  to  model  the  crossflow  plane  using  the  multivortex 
approach  have  successfully  matched  normal  force  and  to  a lesser  degree  center  of 
pressure  measurements  with  experiment.  Also  the  predicted  side  force  is  of  the  correct 
order  of  magnitude.  The  calculated  side  force  distribution  of  reference  21  is  shown  in 
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Figure  84  and  places  the  maiority  of  the 
load  closer  to  the  base  than  does 
experiment.  ^ Since  other  concentrated 
and  raultivortex  models  also  produce 
similar  force  distributions,  the  problem 
may  be  intrinsic  to  the  use  of  the 
impulsive  flow  analogy.  At  high  angles 
of  attack  or  on  very  long  bodies,  the 
multivortex  approach  requires  a signifi- 
cant computational  effort  which  limits 
the  use  of  this  method  as  a design  tool. 


TRAILING  VORtex 


Currently  there  are  studies  in 
progress  to  develop  three  dimensional, 
steady  potential  models  of  the  flow 
field  about  an  inclined  body.®^  Vortex 
filaments  are  trailed  from  the  separation 
points  and  allowed  to  roll  up  to  form 
vortices.  Each  filament  is  divided  into  a series  of  straight  segments  which  are 
aligned  through  an  interative  procedure  with  the  local  fluid  velocity.  The  inviscid 
boundary  conditions  are  satisfied  on  the  body  surface  using  a distribution  of  sources 
and  sinks  as  shown  in  Figure  85.  Such  a model  is  very  similar  to  those  of  low  aspect 
ratio  wings  at  high  incidence  to  be  discussed  in  the  next  section. 


Figure  85.  Three  dimensional  vortex  model. 
Distributed  sources  are  used  to  satisfy 
boundary  conditions  and  the  flow  field  is 
modeled  using  vortex  filaments. 


3.1.3  Theoretical  Methods 


The  very  few  available  theoretical  techniques  for  the  Mach  number  range 
(.3  < M < 3.)  are  based  on  the  impulsive  flow  analogy.  As  far  as  providing  an  engineer- 
ing tool,  . ,ese  approaches  have  the  major  drawback  of  extremely  large  computational 
requirements.  However,  they  also  have  the  greatest  potential  for  future  development. 

77 

The  method  developed  by  Marshall  and  Deffenbaugh  uses  a multivortex  method 
similar  to  those  discussed  in  the  previous  section  to  model  the  outer  flowfield.  In 
addition,  the  two-dimensional  unsteady  boundary  layer  in  the  crossflow  plane  is 
simulated  using  finite  difference  methods,  eliminating  the  requirement  for  an  observed 
separation  point.  Using  the  shape  of  the  imposed  velocity  on  the  forward  boundary 
layer  and  the  calculated  separation  point,  the  separation  of  the  rear  shear  layer  is 
inferred.  Assuming  that  the  vorticity  generated  at  each  separation  point  is  U^/2  the 
need  for  the  previously  discussed  separation  factor,  K,  disappears.  The  initial  cross- 
flow  location  of  nascent  vortices  are  such  that  the  no-slip  boundary  condition  is 
imposed  on  the  outer  flow  contribution  at  the  separation  point.  Although  this  method 
does  not  require  experimental  information,  it  has  been  found  that  empirically  adjusting 
the  rate  of  vorticity  production  (i.e.  K)  improves  results.  As  reported  in  Reference 
77,  this  method  is  applicable  only  to  the  symmetric  case.  However,  Deffenbaugh  has 
extended  the  method  to  include  the  asymmetric  sif.ation  and  transition. Turbulent 
separation  points  are  predicted  using  Stratford's  separation  criteria. 

Q Q 

The  method  of  Walitt  and  Trulio  solves  the  crossflow  plane  using  the  full  Navier 
Stokes  equations.  In  this  effort,  the  hypersonic  version  of  the  impulsive  flow  analogy, 
the  equivalence  principle  is  used  to  reduce  the  three-dimensional  steady  problem  to  a 
two-dimensional  unsteady  one.  The  method  is  designed  to  be  used  in  supersonic  flow 
where  the  analysis  shows  that  the  error  due  to  the  application  of  the  equivalence  princi- 
ple is  small.  Calculations  have  been  carried  out  on  circular  as  well  as  noncircular 
cross  sections.  Flow- field  characteristics  such  as  embedded  shocks  and  the  point  of 
boundary-layer  separation  (which  is  assumed  to  be  two  dimensional)  are  computed.  This 
method  has  only  been  applied  to  angles  of  attack  of  less  than  15  degrees  assuming  a 
symmetric  flow  field.  Even  under  these  conditions  it  has  an  exceptionally  long  run 
time. 


3 . 2 Fin  Alone 


This  section  reviews  the  predictive  techniques  applicable  to  low-aspect-ratio 
wings  at  high  angles  of  attack.  The  geometry  of  fin  edges  has  a large  effect  on  the 
resulting  aerodynamics  forces  and  the  methods  discussed  are  restricted  to  sharp-edged 
configurations.  The  only  predictive  methods  available  for  the  entire  range  of 
incidence,  0 to  90  degrees  are  empirical  ones.  The  theoretical  and  semi-empirical 
techniques  are  valid  only  to  incidences  below  stall  (i.e.,  typically  20  to  35  degrees). 

3.2.1  Empirical  Methods 

Use  of  the  crossflow  analogy  for  development  of  a predictive  methodology 
is  a natural  approach  which  has  been  considered.  Unfortunately,  it  does  not  provide  as 
convenient  a method  as  in  the  body-alone  case.  Flow  on  the  upper  surface  of  a wing  is 
highly  dependent  on  the  planform  geometry.  Rectangular  wings  feature  separations  from 
three  different  edges  while  deltas  experience  separation  from  only  two.  The  flow-field 
structure  provided  by  the  crossflow  analogy  does  not  account  for  these  changing  flow 
patterns  with  varying  planform.  As  discussed  in  Section  2.2,  Reynolds  number  is  not  a 
fiist-order  influence  on  aerodynamic  loads  since  the  primary  separation  point  is  always 
fixed  at  the  edge  of  the  wing.  In  thif  respect  the  prediction  of  wing  normal  force  is 
simplified  as  compared  to  the  body  alone  case. 
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A crossflow  expression  for  predicting 
normal  force  on  a wing  can  be  written:  ' 

In  incompressible  flow  the  drag  coefficient  i \ 

of  a two  dimensional  flat  plate  is  2.  Use  of  \ 

this  value  for  C^j,;  gives  satisfactory  results  \ 

on  certain  delta  wing  geometries  but  not  in 

general.  ® On  rectangular  plates  separation  \ 

which  increases  lift  occurs  on  both  the  sides  * , 

and  leading  edge  and  a larger  value  \ 

produces  best  results.  Efforts  to  take  plan-  <=.. 
form  into  account  have  resulted  in  Figure  86  , \ 

which  provides  Chc  3S  a function  of  aspect  and 
taper  ratio.  Unfortunately,  this  graph 

does  not  include  a Mach  number  correction  and 

hence  can  only  provide  rough  estimates.  In  ^ ^ . 

addition,  crossflow  methods  which  use  a ^ 

fixed  value  of  C^jj,  throughout  the  angle  of  ^ 

attack  range  can  only  be  expected  to  be  valid  ij  ■ - — __  ..o'^ 

up  to  the  incidence  of  stall.  At  higher 
angles  of  attack,  the  functional  form  of  the 

lift  or  normal  force  curve  is  no  longer  _ 

sin^a.  ° o's  1 \'s  2 2'5  3 

ASPECT  RATIO 

Methods  to  circumvent  the  shortcomings 
of  directly  applying  the  crossflow  analogy 

have  been  developed  in  DATCOM.^^  Here  the  Figure  86.  Crossflow  drag  coefficient 

basic  formulation  of  the  crossflow  analogy  on  fins  as  a function  of  aspect  and 

is  retained  (i.e.  Eg.  ( 38)  is  unchanged) , taper  ratio^O 

however,  Cdc  is  defxned  as  a function  of 

planform  shape  and  incidence.  In  subsonic  flow  the  methodology  for  calculating  is 

divided  into  a pre  and  post-'tall  section.  At  pre-stall  incidences  a correction, 
dependent  on  fin  geometry  and  angle  of  attack,  is  applied  to  the  value  of  producing 
the  maximum  lift.  At  post-stall  angles  of  attack  Cdc  i-”*  interpolated  from  the  maximum 
lift  .'alue  and  the  crossflow  drag  value  at  a = 90. 

References  49,  58  and  68  have  correlated  extensive  wind  tunnel  tests  on  fins  with 
aspect  ratios  of  .5,  1.,  and  2.  and  taper  ratios  of  0.,  .5,  and  1.  Baker's*’®  results 
are  restricted  to  a Mach  number  range  of  .6  to  1.3.  The  predictive  form  of  this  method 
is : 


C..  = + B- A + B..A 

N U 1 2 


+ 


■’'he  coefficients  Bg  to  B3  are  provided  in  tabular  form  as  a function  of  incidence  and 
Mach  number. 

The  predictive  method  devised  in  references  49  and  58  is  divided  into  a pre-stall 
(a  i 30°)  and  post-stall  (30°  < a < 90°)  regime.  It  covers  the  Mach  number  range  of  .8 
to  3.  and  is  applicable  to  fins  with  aspect  ratios  between  .5  and  2.  and  taper  ratios 
equal  to  or  less  than  1.  Within  each  of  these  regimes  the  normal  force  is  assumed 
described  by  the  power  series: 


n=0 

Experimental  data  and  other  considerations  are  used  to  evaluate  the  coefficients  of  this 
series.  For  a < 30,  six  terms  are  retained  and  it  is  assumed  that: 

(1)  Cj^'O)  = 0 

(2)  C (90)  = 0 


(3)  C|^(180)  = 0 

(4)  Cj^  (180)  = - 

a 


g 


(5)  Cjj  (0)  is  k:.own 

a 

(6)  C|^(90)  = A,  which  is  empirically  determined 
Applying  the  above  to  the  power  series  results  in  the  expression: 

C = (0)  A(a)  + C^(90)B(n) 


(40) 


2.1 


( 


MACH  NUMBER 

t 

Figure  87.  C^(90)  as  a function  of  Mach 

number  and  taper  ratio 


k 

Figure  88.  Charts  for  determining  a' 
and  A C^, 


where 


A(a) 


B(a) 


16a" 


3 2a" 


16a’ 


The  constant  C (0)  can  be  evaluated  from  linear  theory  or 
”a  1 

experiment  while  the  parameter  Cj,(90)  is  empirically 
determined  using  Figure  87.  In  the  vicinity  of  a = 30° 
where  stall  occurs,  a correction  is  applied  to  the  method 
using  Figures  88  and  89.  Figure  88a  indicates  the  incidence, 
a',  where  the  correction  is  first  applied.  Using  Figure  88b 
and  89,  A C„  and  AC^/ACm  are  determined  respectively  for 
M ^ 

the  appropriate  geometry.  Now  is  calculated  using  the 
following  expression  where  C[j(a')  is  determined  from  Eq.  (40): 


AC.. 


'AC.. 


Figure  89.  Chart  for 
determining  \ 

— X=.5, X=0. 


These  adjustments  are  made  only  for  subsonic  flow. 

In  the  angle-of-attack  range  30  to  90  degrees  the  power  series  is  truncated  after 
four  terms.  Here  the  constraints  are  taken  to  be: 


(1) 

C^(30) 

is  known 

(2) 

Cjj  (30) 
a 

i s known 

(3) 

S (90) 
Cj,(90) 

= 0 

(4) 

is  known 

This  produces: 


C = C(a)C„(30)  + D(a)Cj,^  + E(a)Cj^  (30)  (41) 

where 

C(a)  = + 4.2973a  - 5.472a^  + ? 7416a^ 

D(a)  = 1 - 4.297a  + 5.472a^  - 1.742a^ 

E(a)  = - 1.178  + 3.750a  - 3.342a^  + .9119a^ 


The  constants  Ctj(30),  Cm  (30),  and  C(j(90)  are  determined  from  Figures  90,  91  and  92. 
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Figure  90.  Chart  for  determining  Cj^(30) 

Calculated  results  are  compared  to  each 
other  and  to  experiment  in  Figure  93.  Also 
shown  are  the  test  data  corrected  for  the 
estimated  reflection  plate  interference 
effect  as  provided  in  reference  23.  In 
subsonic  flow  the  data  correlation  methods 
of  references  58  and  68  are  in  good 
agreement  with  the  uncorrected  test  results. 
The  DATCOM  prediction  is  significantly  higher 
and  agrees  more  closely  with  the  corrected 
data.  The  crossflow  method  provides 
acceptable  predictions  up  to  an  incidence  of 
25  degrees.  Similar  trends  are  evident  in 
supersonic  flow.  Here  the  spread  between 
the  corrected  and  uncorrected  data  is  much 
smaller . 


MACH  NUMBER 


Figure  91.  Chart  for  determining  (30) 

a 


The  prediction  of  the  center  of  Figure  92.  Chart  for  determining  C (90) 

pressure  as  a function  of  incidence  is 

facilitated  by  the  smooth  behavior  of  this  variable.  At  low  incidence  the  position  is 
well  predicted  by  linear  theory.  With  increasing  incidence  the  center  of  pressure  moves 
aft  and  is  positioned  at  the  planform  centroid  at  o = 90“.  Techniques  for  predicting 
this  quantity  can  be  found  in  references  58,  68  and  69.  The  DATCOM  approach  ma)ces  use 
of  X™  calculated  at  a = 90°  by  linear  theory,  and  at  the  incidence  of  maximum  lift. 
Ba)cer®8  uses  a correlation  of  the  form  of  Eq.  (39).  The  DATCOM  method  is  limited  to 
subsonic  Mach  numbers  while  Baker's  correlation  applies  to  Mach  numbers  between  .6  and 
1.3.  The  method  developed  in  reference  58  is  applicable  over  the  Mach  number  range  of 
.6  to  3.  The  center  of  pressure  at  Mach  .98  is  provided  by  Figure  94.  To  correct  for 
Mach  number  effects,  the  following  relation  is  used: 


^ 

r a,M  ^r  a 
M 


90° 

.98 


. 98 


r a 
M 


fF(M)  + 1.) 


90 

.9&J 


(42) 


Here  F (M)  is  defined  in  Figure  95.  Calculated  center  of  pressure  positions  are  compared 
to  experiment  in  Figure  96.  Clearly,  the  results  of  the  predictive  methods  are  in  good 
agreement  with  themselves  and  experimental  data. 


3.2.2  Semi-Kmpirical  Mettiods 


The  only  method  to  be  discussed  in  this  section  is  the  leading  edge 
suction  analogy.  As  originally  proposed  by  Polhamus^Z  this  approach  is  completely 
analytic;  however,  further  work^-J  has  shown  that  use  of  an  empirical  factor  can  improve 
predictions.  Although  this  approach  was  devised  for  delta  wings,  the  concept  can  be 
applied  to  arbitrary  wing  planform  and  is  valid  at  incidences  below  stall.  The  great 
utility  of  the  leading  edge  suction  analogy  is  that  it  allows  lifting  surface  programs 
to  be  extended  into  the  nonlinear  angle  of  attack  range. 

The  basic  idea  is  to  develop  a method  of  prediction  which  circumvents  the  need  to 
determine  the  separation  vortex  position  and  strength.  The  predictive  equation  is  of  the 
form: 


= 


Kp  sin  Cl  cos  Cl  + sin 


(43) 


which  is  similar  to  the  crossflow  flow  equation.  The  first  term  represents  the 
contribution  and  Kp  is  Cfj  (0)  which  can  be  determined  from  experiment  or  linear 
The  second  term  is  the  viscous  contribution,  but  the  constant  is  found  using 
leading  edge  suction  analogy,  not  the  crossflow  relation. 
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Figure  93.  Calculated  and  measured  fin  normal  force 


Figure  94.  Chordwise  fin  center  of  pressure  at  M = .98 

The  leading  edge  suction  analogy  can  be  I a" 

understood  by  considering  potential  (attached!  „ i j 

flow  about  a sharp  wing  edge  as  shown  in  o.s^-.-g 

Figure  97.  The  fluid  streamlines  flow  around 
the  wing  leading  edge  and  then  along  the 
upper  surface  of  the  wing.  In  moving  about 
the  wing  edge  the  fluid  is  acceler.'.ted  and  fimachi 

as  a consequence  its  pressure  is  reduced  -o.4 

which  results  in  a leading  edge  suction. 

The  same  type  of  flow  pattern  occurs  about  o6  - 

thick  leading  edges  as  is  shown  in  Figure  97. 

The  calculated  leading  edge  suction  force  is 
independent  of  wing-tip  radius  and  hence  is  ■'’® 

the  same  for  both  cases.  Figure  97c  shows  qc 

^ ^ • Figure  95.  Mach  number  correction  tor 

the  actual  separated  flow  about  a sharp  wing  

, 1 1 j ..1.  j • fin  center  of  pressure 

edge.  The  path  followed  by  the  fluid  in 

going  about  the  vortex  is  similar  to  that  about  a thick  wing  edge  rotated  90  degrees  in 
a counterclockwise  direction.  The  leading  edge  suction  analogy  assumes  that  the  suction 
force  calculated  by  potential  lifting  surface  theory  is  equal  to  the  lift  force  on  a 
wing  due  to  vortex  separation.  Both  constants  in  Eq.  (44)  can  be  evaluated  using  a 
lifting  surface  program.  To  predict  the  center  of  pressure  on  wings  with  sharp  edges, 
the  suction  load  can  be  applied  to  the  edge  where  it  is  generated. 

Direct  implementation  of  the  leading  edge  suction  analogy  requires  the  use  of  a 
lifting  surface  program  in  subsonic  flow.  Fortunately,  results  can  be  summarized  i , 
graphical  form  as  shown  in  Figures  98  and  99  for  delta  and  arrow  wings. Correction 
for  compressibility  effects  is  obtained  using  the  Prandtl-Glauert  transformation. 
Supersonically,  and  Kp  for  delta  wings  can  be  expressed: 

K =11®  /2F. 

P 


K = It  [(16  - (®  8)2)  (®^  + 16)1  'V16E^ 
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Figure  96.  Measured  and  calculated  center  of  pressure 


Figure  97.  Leading  edge  flow  conditions 

Here  E is  an  elliptic  integral  of  the  second  kind 
with  a modulus  of  [1  - (6  cot  The  leading 

edge  suction  disappears  when  the  Mach  number  of  the 
flow  perpendicular  to  the  leading  edge  reaches  unity. 

The  leading  edge  suction  has  been  applied  to  a 
wide  variety  of  planforms  in  both  subsonic  and 
supersonic  flow.  Values  for  Kp  and  applicable  to 
many  different  planforms  can  be  found  in  References 
93  and  94. 

An  examination  of  experimental  data  indicates 
that  the  leading  edge  suction  analogy  tends  to 
overpredict  the  normal  force  on  delta  wings  for 
aspect  ratios  much  greater  or  less  than  unity. 

For  very  small  aspect  ratio  wings  this  is  probably 
due  to  the  formation  of  asymmetric  vortices. 
Mendenhall  and  Nielsen^S  have  examined  a large  number 
of  experimental  cases  to  determine  the  portion  of 
the  leading  edge  suction  force  that  is  converted  into 
lift.  A correction  factor,  Kc,  which  represents  the 


Figure  99.  Variation  of  vortex 
lift  on  arrow  wings 
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■I  sunniOMic  flow 


A)  INCOMPOESSiaLE  FLOW 


Figure  100.  Portion  of  the  leading  edge  suction  converted  into  lift  on  a delta 
wing  in  subsonic  and  supersonic  flow. 


ratio  of  the  actual  to  the  theoretical 
suction  force  is  shown  in  Figure  100 
for  incompressible  and  supersonic  flow. 
To  use  this  parameter,  Eq.  (44)  is 
written : 


. 2 

C„  = K sinacosa  + K k sin  a (44) 
N p c V 

3.2.3  Theoretical  Models 

Available  theoretical 
models  for  small  aspect  ratio  wings  at 
high  incidence  can  be  conveniently 
grouped  into  three  classes: 

(1)  Crossflow  plane  models 
(usually  applicable  to  delta  wings). 

(2)  Lifting  surface  theories  which 
vary  the  angle  at  which  vortex  filaments 
leave  the  wing  as  the  function  of 
incidence . 
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(3)  Lifting  surface  theories  that 
model  the  trailing  vortex  wa)ce  structure. 

This  section  will  mention  some  of  the 
existing  theories  in  each  of  these 
classes.  Extensive  detail  will  not  be 
provided  since  a large  amount  of 
material  is  available  and  because  few 
of  these  approaches  have  actually  been 
applied  to  missile  configurations.  The 
crossflow  plane  models  are  of  interest 

because  they  are  closely  related  to  body  alone  techniques.  Theories  that  model  the 
vortex  wake  appear  to  show  the  greatest  promise  for  improvement  and  application  to 
missile  geometries. 


Figure  101.  Crossflow  plane  theories 


The  crossflow  plane  models  are  generally  based  on  slender  body  theory  and  often 
assume  conical  flow.  As  discussed  in  Section  3.1.2,  slender  body  theory  defines  an 
incompressible  crossflow  plane  which  can  be  modeled  by  superimposing  vortices  on 
potential  flow  solutions.  The  use  of  a conical  flow  field  on  delta  wings  is  strictly 
valid  only  in  the  supersonic  case  upstream  from  the  trailing  edge  where  the  Kutta 
condition  must  be  satisfied.  In  subsonic  flow  the  limitations  of  this  assumption  are 
clearly  illustrated  in  Figure  49. 

gc  QC 

One  of  the  earlier  models  is  that  of  Brown  and  Michael,  ' which  was  later 
adapted  to  bodies  of  revolution  by  Bryson^^  as  discussed  in  Section  3.1.2.  Here  the 
vortex  behind  the  leading  edge  is  modeled  using  a single  concentrated  vortex  as  shown 
in  Figure  101a.  The  motion  of  the  vortex  is  governed  by  the  conical  form  of  Eq.  (33) 
which  can  be  obtained  by  replacing  dT/dx  and  d?i/dx  by  eT/a  and  e^i/a,  respectively. 
Applying  the  Kutta  condition  at  the  wing  tip  results  in  a set  of  algebraic  equations 
which  must  be  solved  numerically  in  an  iterative  fashion  to  determine  the  vortex 
position  and  strength  as  a function  of  angle  of  attac)L  and  semi-vertex  wing  angle,  c. 
Fortunately,  an  approximate  solution  can  be  obtained  which  agrees  closely  with  the 
numerical  one.  These  results  are: 
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Figure  102.  Bollay's  nonlinear 
lifting  surface  theory  model 
6 is  generally  near  a/2. 


Figure  103.  The  extended  lattice  model  of 
reference  106. 
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Using  the  above,  lift  can  be  calculated: 


"L  _ 2iro  . 
->r  = — r—  + 


16  TT  (tt) 


An  Improved  model  of  leading  edge  separation  on  a delta  wing  has  been  suggested 
by  Mangier  and  Smith^^  (Fig.  101b)  and  later  by  Smith®®'®®  (Fig.  101c).  This  latter 
worlc  is  essentially  a refined  version  of  the  first  made  possible  through  advances  in 
computational  equipment  and  attention  is  focused  on  it.  This  approach  see)cs  to 
describe  the  vortex  sheet  as  well  as  the  vortex  core.  The  assumed  model  features  a 
vortex  sheet  extending  from  the  wing  tip  into  the  leeward  flow  field.  The  end  of  the 
filament  is  visualized  as  being  connected  to  the  vortex  core  which  is  represented  by  a 
concentrated  vortex  via  a branch  line.  The  motion  of  the  concentrated  vortex  is  again 
governed  by  the  conical  equivalent  of  Eq.  (33)  and  the  Kutta  condition  is  also  satisfied 
at  the  wing  tips.  In  implementing  the  model  the  feeding  sheet  is  divided  up  into  n 
segments  as  is  shown  in  Figure  101c.  At  the  center  of  each  segment  the  following 
conditions  are  satisfied; 

(1)  Vortex  sheets  are  assumed  to  lie  along  the  local  stream  surfaces. 

(2)  Pressure  is  assumed  to  be  continuous  across  the  vortex  sheets. 

The  resulting  algebraic  equations  contain  the  following  unknowns  which  are  solved  for 
as  a function  of  a/tan  c : 

(1)  Concentrated  vortex  position 

(2)  Concentrated  vortex  strength 

(3)  Vortex  strength  at  n positions  along  the  feeding  sheet 

(4)  Position  of  the  vortex  sheet  at  n different  locations. 

To  obtain  the  solution  an  iterative  procedure  is  devised.  The  final  results  provide  a 
good  estimate  of  the  vortex  location,  however,  the  computed  position  tends  to  be  too 
far  outboard.  The  calculated  surface  pressure  distribution  agrees  well  with  experiment 
provided  that  the  cross  section  in  question  is  well  upstream  of  the  trailing  edge.  The 
largest  discrepancies  occur  near  the  leading  edge  on  the  upper  surface  of  the  wing. 
Smith's  model  has  been  extended  in  References  100  and  101  to  include  a body  strake 
combination  in  conical  and  nonconical  flow. 

The  second  class  of  methods  are  lifting  surface  theories  that  require  the  vortex 
fil^unent  to  leave  the  wing  at  some  angle  relative  to  the  wing  surface.  This  angle  is 
often  specified  as  one-half  the  angle  of  incidence  and  in  other  cases  is  calculated  by 
assuming  the  vortex  filaments  to  be  straight  lines  which  are  parallel  to  the  flow  at 
the  point  which  they  leave  the  wing.  The  displacement  of  the  trailing  vortex  filaments 
reduces  the  downwash  on  the  wing  increasing  the  required  circulation  and  the  calculated 
lift.  By  adopting  a problem  formulation  which  varies  this  orientation  with  angle  of 
attack,  the  resulting  solution  is  made  nonlinear.  Specification  of  the  trailing  vortex 
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filaments  as  straight  lines  is,  of  course,  a simplication  of  the  true  situation.  At 
every  point  the  vortex  filaments  should  be  parallel  to  the  local  fluid  velocity.  The 
mutual  interaction  between  the  filaments  will  cause  them  to  roll  up  to  form  large 
vortex  structures  downstream  of  the  wing. 

A number  of  different  approaches  have  been  put  forth  on  this  subject,  one  of  the 
earliest  being  that  of  Bollay.102  This  model  is  shown  in  Figure  102  and  features  a 
vorticity  distribution  over  the  surface  of  the  wing.  The  orientation  of  the  trailing 
vortex  filaments  is  calculated  as  described  in  the  preceeding  paragraph.  The  vortex 
distribution  is  assumed  to  be  constant  in  the  span-wise  direction  and  the  functional 
form  is  prescribed  along  the  chord.  By  satisfying  the  tangency  flow  condition  in  the 
mean  on  the  surface  of  the  wing  the  absolute  magnitude  of  the  vorticity  distribution  is 
determined.  In  the  limit  Prandtl's  lifting  line  theory  is  recovered  indicating 

that  the  orientation  of  the  wing-tip  vortices  does  not  have  a large  effect  in  this  case. 
The  small  aspect  ratio  limit,  » -►0  results  in  the  Newtonian  solution  2 sin^a  which  is 
also  the  viscous  crossflow  normal-force  term.  More  recent  development  of  this  type  of 
method  can  be  found  in  the  works  of  Gersten , 103-4  Kuchemani*-03  Garner,  10®  and  Ermolenko . 107 

There  are  several  examples  of  modified  lifting  surface  theories  that  model  the 
vortex  wake.  Mook  and  MaddoxlOS  have  developed  a method  which  is  an  extension  of 
vortex  lattice  techniques  and  is  applicable  to  thin  delta  wings  with  leading  edge 
separation.  The  approach  augments  the  traditional  vortex  lattice  techniques  with  a 
leading  edge  vortex  system  shown  in  Figure  103.  The  vortex  filaments  comprising  the 
leading  edge  vortex  system  can  be  broken  down  into  three  sections.  The  first  section, 

A-B  consists  of  a straight-line  vortex  coincident  with  the  lines  of  the  trailing  horse- 
shoe vortex  of  the  regular  lattice.  The  second  part,  B-C,  is  comprised  of  a series  of 
straight-line  filaments  while  section  C-D  is  again  a single  straight-line  segment,  this 
time  coincident  with  the  freestream.  Control  points  are  also  placed  near  the  leading 
edge  allowing  Kutta  condition  to  be  approximately  satisfied  along  it.  The  final  boundary 
conditions  applied  by  this  method  are: 

(1)  Flow  tangency  at  the  control  points  on  the  wing. 

(2)  The  Kutta  condition  at  the  leading  and  trailing  edge. 

(3)  The  line  filaments  in  part  B-C  of  the  leading  edge  vortex  system  are  aligned 
so  that  the  flow  is  parallel  to  their  upstream  end. 

To  satisfy  these  conditions  an  iterative  procedure  is  necessary  since  neither  the 
strengths  nor  locations  of  the  leading  edge  vortex  filaments  are  known.  This  method 
has  been  further  developed  to  apply  to  sharp  wings  and  to  account  for  compressi- 
bility.309, 110 

The  final  lifting  surface  method  to  be  considered  is  described  in  Reference  (111) 
and  applies  to  wing  and  wing-body  combinations  in  subsonic  flow.  This  approach  uses  a 
distribution  of  doublet  sheets  to  simulate  the  wing,  wake,  and  leading  edge  vortex  as 
shown  in  Figure  104.  Panels  describing  the  wing  are  subjected  to  the  flow  tangency 
condition.  Both  this  condition  and  the  constraint  of  pressure  continuity  across  the 
doublet  sheet  are  applied  to  the  remaining  panels  accounting  for  the  wake  and  leading 
edge  separation.  The  vortex  cores  are  treated  with  doublet  sheets  to  which  no  boundary 
conditions  are  applied.  The  formulated  problem  is  nonlinear  since  the  shape  and  the 
strengths  of  the  free  doublet  sheets  are  not  known  and  an  iterative  scheme  must  be 
used  to  obtain  a solution.  Results  compare  favorably  with  experiment,  particularly  for 
the  pressure  distribution  along  the  upper  surface  of  the  wing  as  illustrated  in  Figure 
105.  In  addition  to  calculating  the  total  lift,  the  wing  load  distribution  is  accurately 
determined. i32 


AR  = 1.456,M=0,  <=  19.1° 

Calculated 

O^^OD  Experiment 


Figure  104.  Dipole  distribution  Figure  105.  Comparison  of  the 

used  in  reference  111.  results  of  reference  111  to  experiment 
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3.3  COMPLETE  CONFIGURATION 


The  problems  encountered  in  predicting  the  aerodynamic  characteristics  of  body  and 
wing  alone  are  greatly  compounded  in  the  case  of  a complete  missile  configuration.  The 
degree  of  difficulty  is  least  for  a cruciform  body-tail  configuration  at  zero  roll  and 
greatest  for  a canard-body-tail  missile  at  arbitrary  roll  orientation.  Empirical 
methods  have  been  formulated  for  calculating  the  aerodynamic  characteristics  up  to  an 
angle  of  attack  of  90  degrees.  Semi-empirical  methods  are  limited  to  incidences  where 
steady,  well  defined  vortices  are  formed.  At  present  there  are  no  completely  theoretical 
methods  applicable  to  missile  configurations  at  high  angles  of  attack. 

3.3.1  Empirical  Predictive  Methods 


A large  number  of  different  approaches  have  been  formulated  for  calculating  the 
aerodynamics  of  missiles  to  high  angles  of  attack.  A listing  and  brief  description  of 
some  of  these  methods  is  provided  in  Table  2.  At  present  there  is  no  single  method 
applicable  to  a wide  variety  of  canard-body-tail  configurations  which  can  be  relied 
upon  to  incidences  of  90  degrees.  The  more  accurate  methods  tend  to  be  restricted  to 
body-tail  missiles  and  are  applicable  to  narrow  Mach  number  and  incidence  ranges.  The 
actual  procedures  available  for  calculating  missile  loading  are  too  lengthy  to  be 
described  in  detail  and  this  section  will  attempt  to  outline  the  various  types  of 
approaches  that  have  been  used.  For  simplicity  fin  and  canard  deflection  will  not  be 
considered  and  center  of  pressure  determination  will  not  be  discussed. 


A premise  behind  most  of  the  methods  for  calculating  loads  on  complete  missile 
configuration  is  that  the  total  force  is  equal  to  the  sum  of  that  on  the  isolated 
components  plus  a correction  for  the  interference  between  various  components.  The 
interference  effects  accounted  for  include  body-wing,  body-tail  and  wing  vortex-tail 
interaction.  At  high  angles  of  attack  this  interaction  between  the  various  components 
may  enhance  or  delay  stall  on  lifting  surfaces  and  this  framework  may  not  always  be 
appropriate.  A standard  method  valid  for  unbanked  configurations  at  low  incidence  and 
using  the  sum  of  the  component  forces  approach  is  that  of  Pitts,  Nielsen,  and  Kattari^^ 
(P,N,K  method).  The  normal  force  on  the  complete  configuration  is: 

^''b(W,T)  ^”w(B)  ^^T(B) 

The  total  body  normal  force  is  given  by: 


The  first  term  is  the  potential  contribution  of  the  nose,  while  the  second  and  third 
are  the  lift  carryover  onto  the  body  from  the  wing  and  tail.  The  last  term  reflects 
the  effect  of  trailing  vortices  from  the  wing  on  the  body.  The  normal  force  on  the 
wing  is: 


"W(B) 


aiyj  \ ref  / 


(48) 


while  that  on  the  tail  includes  an  additional  term  to  account  for  the  wing  vortex-tail 
interaction: 


%(B)  ^ (Vf)^ 


Cj^(0)Cj,(0)i  (s^Tt) 

a„  a,j, 

_ 2 ^ - r„)  J ^((8)“ 

The  factor  i can  be  evaluated  from  charts  in  References  (74)  and  (117).  Usually  the 
wing  vortex  is  assumed  to  move  along  a straight  path  parallel  to  U and  intersecting 
the  center  of  the  wing  alone  vorticity. 

The  empirical  predictive  methods  available  in  the  literature  generally  fall  into 
three  classes: 

1.  Crossflow  Methods:  A noncircular  body  crossflow  drag  term  is  added  to  the 
linear  theory. 

2.  Correlation  of  force  measurements  using  data  on  isolated  components  and 
complete  configurations. 


LJi 
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3.  Extension  of  the  P-N-K  method  to  high  incidences. 


Jorgensen®^ has  extended  the  crossflow  approach  to  missiles  with  wings  and  tails. 
The  normal  force  on  the  complete  configuration  is  written: 


S = 


,r  ) Sinia 

'^n'p-N-K  2o 
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Newt 


(50) 


The  first  term  is  the  linear  contribution  which  is  determined  using  the  P-N-K  method. 
Here  Cdc  is  the  crossflow  drag  coefficient  of  a circular  cylinder  and  (Cn/Cno)newt  is 
the  ratio  of  the  crossflow  drag  of  the  winged  configuration  crossection  to  that  of  a 
circular  crossection  determined  using  Modified  Newtonian  theory.  Jorgensen  has  compared 
the  results  of  the  above  method  to  experiment  and  has  gotten  fairly  good  agreement  on 
center  of  pressure  but  poor  agreement  with  normal  force  measurements.  The  problem  is 
with  the  linear  term  which  overpredicts  the  normal  force  at  incidences  greater  than  10 
to  15  degrees.  In  the  vicinity  of  90  degrees  angle  of  attack,  the  linear  term  will  be 
near  zero  and  the  above  method  should  produce  improved  results.  The  principal  advantage 
of  this  technique  is  its  simplicity.  However,  this  approach  has  not  been  extensively 
used  by  other  workers. • 


Methods  based  on  a correlation  of  force  measurements  on  complete  configurations 
and  isolated  components  are  generally  easily  applied  and  relatively  accurate.  However, 
they  are  usually  applicable  to  a restricted  range  in  flow  conditions  and  missile 
geometries.  The  correlative  expressions  are  not  based  on  a detailed  understanding  of 
the  flow  field  which  circumvents  the  need  to  model  flow  field  vortices.  However,  it  is 
these  structures  that  produce  much  of  the  observed  nonlinearity  at  high  incidence  and 
an  extensive  data  base  is  thus  needed  in  order  to  obtain  accurate  results.  In  addition, 
the  applicability  of  the  predictive  method  is  limited  to  the  bounds  of  the  data  base 
used  to  develop  it.  The  available  predictive  methods  of  this  type  are  limited  to 
body-tail  configurations.  Extension  to  a wing-body-tail  configuration  would  greatly 
increase  the  number  of  parameters  effecting  the  aerodynamic  coefficients  and  a very 
large  data  base  would  be  required. 

Recent  examples  of  methods  based  on  a correlation  of  force  measurements  are 
provided  by  Baker®^  and  Aiello.^®  In  both  of  these  studies  force  measurements  were 
taken  on  isolated  fins  and  on  fins  attached  to  the  missile  configuration  allowing  the 
influence  of  the  body  on  the  fin  loads  to  be  directly  measured.  Both  approaches  are 
restricted  to  body  tail  configurations  and  Baker's  method  is  applicable  over  the  angle 
attack  range  of  0 to  180  degrees  for  Mach  numbers  between  .6  and  1.3  but  is  restricted 
to  unbanked  configurations.  Here  the  normal  force  on  the  complete  configuration  is 
written : 


C 


N ~ 


+ C., 


(51) 


The  calculation  of  body  alone  normal  force,  C„  , is  accomplished  using  a crossflow 

method  while  the  fin  normal  force  is  expressed  by  Eq.  (39) . The  interaction  terms, 

6C^  and  AC  , which  represent  the  increment  in  tail  lift  due  to  the  presence  of  the 
BOF  ”fob 

body  and  change  in  body  normal  force  due  to  the  presence  of  the  fin  respectively,  are 
expressed  by  the  functions: 

Bg  + 6j^l+  62!^  + 83  * +64  (5^)  (52) 

The  coefficients  Sg  to  64  are  provided  in  tabular  form  as  a function  of  Mach  number, 
Reynolds  number  and  angle  of  attack  and  were  obtained  using  a regression  analysis  of  the 
data  base.  Comparison  between  calculated  results  and  experimental  data  not  used  to 
formulate  the  predictive  method  indicates  an  overall  prediction  accuracy  of  10%  to  15%. 
Worse  results  are  obtained  at  incidences  near  90°  where  support  interference  may  occur. 


The  predictive  method  of  Aiello^S,  which  is  an  extension  of  the  work  in  references 
49  and  118,  is  applicable  at  arbitrary  roll  angles  to  incidences  of  45  degrees  and  over 
the  Mach  number  range  .6  to  3.  The  total  normal  force  on  the  complete  configuration  is: 


= C., 


TOTAL 
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(53) 


The  first  term  is  the  body-alone  contribution  which  is  made  up  of  an  inviscid  and  a 
viscous  term  and  is  calculated  using  a power  series  variation  of  the  crossflow  analogy. 
The  second  term  represents  the  normal  force  on  the  tail  in  the  presence  of  the  body 
while  the  third  is  the  residual  which  can  be  interpreted  as  the  force  carry  over  from 
the  wing  on  to  the  body.  The  fin  normal  force  is  calculated  using  Aiello's  method 
presented  in  Section  3.2.1.  To  determine  B-po)  and  Ib(T)»  the  data  was  examined  to 
establish  visible  trends.  The  general  strategy  was  to  use  power  series  in  ((>  and  n and 
to  apply  separate  fitting  functions  on  the  windward  and  leeward  sides.  Comparison 
between  this  method  and  data  from  other  studies  indicates  an  overall  prediction 
accuracy  of  t7.5%.  However  the  method  tends  to  underpredict  normal  force  at  high 
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incidence. 

To  adapt  the  P-N-K  method  to  high  angles  of  attack  several  modifications  are 
required : 

(1)  The  viscous  or  nonlinear  body  force  must  be  included  in  If  the 

crossflow  analogy  is  used,  the  first  term  in  Eq.  (47)  is  replaced  by  Eq.  (19).  An 
alternate  approach  is  to  use  the  experimentally  determined  vortex  paths  and  strengths 
to  calculate  the  viscous  force  via  the  impulsive  flow  theorem  (Eq.  (35)).  This  tech- 
nique is  only  valid  for  the  angle  of  attack  - Mach  number  range  for  which  well-defined, 
steady  vortices  exist  (see  Fig.  2) . 

(2)  The  effect  of  iDody  vortices  on  the  missile  wings  and  tail  should  be  accounted 
for,  particularly  if  banked  configurations  are  to  be  considered. 

(3)  The  lift  or  normal  force  coefficient  of  wing  or  tail  surfaces  should  be 
estimated  using  nonlinear  theories  or  data  as  discussed  in  Section  3.2. 

(4)  The  interference  factors  (10^ ,K_  ,,,.)  should  be  estimated  using  nonlinear 
theories  or  data. 


An  early  extension  of  the  P-N-K  method  to  unbanked  missiles  at  high  angles  of 
attack  is  provided  by  Howard,  Brooks  and  Saffell^l  using  considerations  (1)  and  (3) . 

The  wing  and  tail  lift  coefficients  are  expressed  using  Eq.  (38)  and  Figure  86.  Only 
the  potential  term  is  assumed  to  participate  in  the  interference  effects.  Hence  for  th7 
wing  or  tail: 

A,  A, 

~ sin^(a)  cos(a)  (^ ) (54) 

Hj(B)  *ref  *ref 


The  carryover  lift  on  the  body  due  to  either  the  wing  or  tail  is 


''b(W)  S a cos  Cl 

“W 


(55) 


and  the  slender  body  theory  values  of  interference  parameters  are  used.  Predictions, 
which  have  been  compared  to  experimental  data  on  body-tail  configurations  in  reference 
68,  are  most  accurate  in  supersonic  flow.  In  the  subsonic  and  transonic  regime,  normal 
force  is  overpredicted  and  center  of  pressure  is  only  accurate  to  within  1/2  caliber. 


A more  recent  example  of  the  extension  of  the  P-N-K  type  of  approach  to  wing-body- 
tail  configurations  is  provided  in  reference  23.  This  method  is  applicable  to  angles 
of  attack  of  45  degrees  at  arbitrary  roll  orientations.  Central  to  this  approach  is 
the  experimentally  determined  normal  force  coefficients  for  wings  alone.  The  basic 
idea  is  to  determine  the  effective  or  equivalent  angle  of  attack  of  a missile  fin  or 
wing  which  takes  into  account  body  interference,  vortex  influence  and  roll  orientation. 
The  resulting  expression  for  equivalent  angle  of  attack  is: 

tan(a  = \ (B)  ^ W Kt^in^a^sin^cos  j.  t cosa^tan(aa^^  ^) 

eq'  COSO  ' 

c 


where  the  first  term  accounts  for  body  interference,  the  second  fin  yaw  induced  by  roll 
orientation  and  the  third  for  vortex  influence.  It  is  assumed  that  Kw(B)ar>d  K,},  are 
exclusively  a function  of  missile  angle  of  attack  which  allows  these  constants  to  be 
determined  from  experimental  data  once  the  vortex  influence  is  assessed.  The  positions 
and  strengths  of  body  vortices  are  calculated  using  a multi-vortex  model  (see  Section 
3.1.2).  The  slender  body  ratio  of  Kw;b)/Kb(w)  “®ed  to  determine  the  lift  carry  over  onto 
the  body.  The  nonlinear  forces  on  the  missile  body  are  determined  using  a combination 
of  the  body  vortex  models,  similar  to  those  discussed  in  section  3.1.2,  and  crossflow 
methods . 


The  important  aspect  of  the  alrave  method  is  that  it  postulates  a physical  model  of 
the  flow  and  then  uses  experimental  data  to  determine  unknown  parameters.  The  net 
result  is  an  approach  which  attempts  to  model  the  nonlinearities  (i.e.  vortex  effects) 
of  the  problem.  The  great  advantage  of  this  technique  is  that  it  can  be  developed 
with  less  experimental  data  and  can  be  extrapolated  with  more  confidence.  A disadvantage 
is  that  it  is  more  difficult  to  apply.  Comparison  of  predictions  for  total  configura- 
tion and  fin  loads  with  experiment  for  M < 1.3  indicate  relatively  good  agreement  for 
cases  without  control  deflection.  Also,  situations  where  canard  vortices  pass  very 
close  to  the  afterbody  combination  can  not  be  handled  accurately.  For  Mach  numbers 
greater  than  1.3  suitable  tost  cases  are  not  available. 


) 


i 


3.3.3  Semi-Empirical  Methods  for  Complete  Configurations 

These  types  of  methods  combine  the  semi-empirical  and  theoretical  techniques 
discussed  in  Section  3.1  and  3.2  for  isolated  components. 

A method  of  this  type  has  been  developed  by  Mendenhall  and  Nielsen^^  which  applies 
to  incidences  where  body  vortices  are  symmetric.  The  position  and  strength  of  body 
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vortices  upstream  of  the  wing  leading  edge  are  assumed  described  by  empirical  data 
correlations . At  this  point  the  strengths  of  the  vortices  are  fixed  and  their  paths  over 
the  wing  are  traced  using  Eg.  (32)  with  vortex  velocities  being  obtained  through  the 
use  of  conformal  transformation  techniques.  This  allows  the  velocity  induced  on  the 
wing  by  the  body  and  body  vortices  to  be  determined.  A lifting  surface  program  is 
applied  to  the  isolated  wing  using  these  induced  velocities  at  each  control  point. 

Thus,  the  calculated  lift  takes  into  account  body  and  vortt x interference.  The  particu- 
lar lifting  surface  program  used  applies  the  leading  edge  suction  analogy  as  described 
in  Section  3.2.2  to  determine  the  nonlinear  contribution  to  the  lift.  In  the  supersonic 
case  the  lift  carryover  from  the  wing  to  the  body  is  estimated  using  linear  methods., 
Subsonically  it  is  calculated  using  the  vortex  lift  theorem  (Nielsen  pp.  138  to  146). 
Once  the  potential  and  nonlinear  lift  on  the  wing  has  been  determined,  the  shed 
vorticity  is  divided  into  two  vortices.  One  vortex  includes  the  effect  of  the  potential 
lift  while  the  second  accounts  for  the  leading  and  side  edge  separations.  The  normal 
force  on  the  afterbody  is  calculated  by  tracing  the  wing  and  body  vortices  back  to  the 
missile  tail  and  using  the  impulsive  flow  theorem  (Eq.  (35)).  The  tail  is  treated  in 
the  same  fashion  as  the  wing.  In  this  case  there  are  at  least  three  pairs  of  vortices 
in  the  crossflow  plane. 

82 

Nikolitsch  reports  the  development  of  a method  along  similar  lines.  In  this  case 
the  body  vortex  positions  and  strengths  are  calculated  by  the  concentrated  vortex  model 
of  reference  81.  The  wing  is  modeled  using  a low  aspect  ratio  lifting  surface  technique 
developed  by  Gersten  which  features  vorticity  trailing  from  the  wing  at  an  orientation 
a/2  with  respect  to  the  wing  planform.  The  velocities  calculated  from  the  vortex  model 
are  imposed  on  the  wing  in  order  to  obtain  the  solution.  The  lift  carry  over  from  the 
wing  to  the  body  is  estimated  using  the  methods  of  reference  117.  Results  compare 
favorably  with  experiment  up  to  incidences  of  20  to  35  degrees,  depending  on  wing 
location. 

4 . CONCLUSION 

The  separated  flow  field  about  a missile  at  high  angles  of  attack  is  extremely 
complex  and  the  accompanying  vortex  structures  create  nonlinear  loads.  Linear  theories 
which  are  valid  at  low  incidences  no  longer  apply  and  a tractable  theoretical  basis  for 
calculating  missile  aerodynamic  characteristics  is  not  available.  This  has  led  to  the 
creation  of  predictive  methods  which  are  dependent  on  experimental  data  and  progress  in 
developing  such  techniques  is  closely  related  to  developing  a quantitative  description 
of  flow  about  and  forces  on  missiles  at  high  incidence.  Unfortunately,  obtaining 
accurate,  repeatable  data  has  been  a difficulty  in  itself.  Force  measurements  which 
are  the  easiest,  quantitative  data  to  obtain  are  subject  to  support  interference 
problems.  Strut  mounts  on  bodies  and  reflection  plate  supports  for  fins  have  recently 
been  found  to  introduce  substantial  error  at  very  high  incidences.  Flow  field  velocity 
measurements,  useful  for  determining  vortex  strength  and  position,  are  extremely  tedious 
and  it  is  difficult  to  generate  sufficient  information  to  draw  general  conclusions. 
Particularly  in  subsonic  flow  where  viscous  effects  are  dominant,  repeatability  of  some 
results  is  difficult  to  achieve.  Principal  examples  of  this  are  the  magnitude  of  yaw 
forces  induced  by  asymmetric  body  vortices  and  the  incidence  of  vortex  bursting  on 
wings.  In  the  case  of  the  induced  yaw  forces  there  is  some  evidence  to  indicate  that 
free  stream  turbulence  levels  and  error  in  the  model  construction  on  the  order  of 
machining  tolerance  may  influence  results.  For  the  most  part,  a qualitative  under- 
standing is  available  of  the  flow  field  about  and  forces  on  missiles  at  high  incidence. 

A necessary  step  in  improving  predictive  methods  is  to  increase  the  amount  of  quantita- 
tive data  available. 

Predictive  methods  for  bodies  alone  are  fairly  well  in  hand.  Analogies  with 
cylinders  have  provided  a basic  framework  for  constructing  simple,  reliable,  empirical 
methods.  These  methods  are  of  least  utility  in  subsonic  flow  wliere  the  influence  of 
Reynolds  number  is  important.  More  elaborate  methods  have  been  developed  which  predict 
body  vortex  strength  and  position  and  then  calculate  forces  from  this  information. 
Although  such  approaches  have  been  reasonably  successful,  they  require  substantial 
computational  effort  and  the  principal  justification  for  their  development  is  in 
conjunction  with  complete  configuration  analysis.  Here  the  calculated  vortex  position 
and  strength  is  used  to  determine  boundary  conditions  for  wing  or  fin  analysis. 

Empirical  methods  for  calculating  the  forces  and  moments  on  isolated  fins  have  been 
developed  that  span  the  incidence  range  from  0 to  180  degrees.  The  crossflow  approach 
is  not  found  to  be  useful  and  polynomial  fits  are  used  to  correlate  the  experimental 
data.  Above  stall  incidences,  the  accuracy  of  these  methods  is  questionable.  The  data 
base  used  to  develop  the  predictive  equations  was  measured  using  reflection  plate 
mounted  fins  and  there  is  evidence  to  suggest  that  this  type  of  support  produces  a 
premature  wing  stall.  Lifting  surface  theories  have  also  been  developed  which  estimate 
the  nonlinear  increase  in  wing  lift  at  high  incidences  due  to  leading  and  side  edge 
separation.  Such  methods  are  in  principal  feasible  up  to  the  incidence  at  which  stall 
occurs . 

Predictive  methods  applicable  to  complete  configurations  are  generally  restricted 
in  scope.  Techniques  valid  over  the  incidence  range  0 to  90  degrees  are  either  very 
approximate  or  limited  to  unbanked  body-tail  configurations.  Several  predictive  methods 
applicable  to  incidences  of  45  degrees  are  available  for  arbitrary  roll  angle.  Most  of 
these  techniques  are  strongly  dependent  on  force  measurements.  A few  semi-empirical 
models  have  been  developed  which  combine  body  alone  vortex  models  with  nonlinear  lift- 
ing surface  theories.  Such  methods  are  limited  to  incidences  oelow  stall. 
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Les  phenonbnoi;  qui  :;e  pr.)duicent  dans  la  region  du  culot  sent  susceptibles  d'avoir  urie  repercussion 
importante  sur  les  performances  et  en  consequence  la  definition  d’un  missile.  Les  domaines  qu*ils  concer- 
nent  sont  nombreux  et  complexes  : trainee  de  I'arriere-corps,  flux  de  chaleur,  interaction  ecoulement 
oxterne  - ecoulement  interne.  Le  present  expose  est  essentiellement  centre  sur  les  implications  pratiques 
des  phenomenes  de  culot  dans  le  cas  realiste  de  couches  limites  turbulentes  et  dans  un  domaine  de  nombres 
de  Mach  excluant  I'hypersonique.  Egalement,  les  problemes  plus  specifiques  lies  aux  lanceurs  ne  seront 
que  peu  ou  pas  evoques. 

L' expose  est  divise  en  deux  parties  principales  : 

- la  premiere  est  consacree  a une  analyse  phenomenologique  des  ecculements  de  culot  avec  ou  sans  jet 
propulsif,  en  cubccnique  et  en  cupersonique.  On  examine  l*effet  des  principaux  facteurs  d'influence  : 
forme  du  missile,  incidence,  ailetage,  georoetrie  de  la  tuyere  d*ejection,  rapport  de  detente  du  jet, 
facteurs  thermiques  ...  Des  methodes  e.mpiriques  de  correlations  sont  presentees. 

- la  seconds  partie  port©  sur  les  theories  actuellement  disponibles  pour  traiter  pratiquement  les 
problemes  de  culot.  Les  principes  de  base  de  ces  theories  sont  d'abord  exposes  dans  le  cas  fondamental 
et  plus  simple  du  recollement  sur  paroi  (methodes  globales  ou  analytiques,  methodes  d' interaction 
forte).  Los  extensions  aux  problemes  de  culot  en  ecoulement  de  revolution  sont  ensuite  presentees  : 

en  premier  lieu  ce;..les  applicables  au  culot  sans  jet  propulsif  en  supersonique  et  en  subsonique,  en 
second  lieu  celles  qui  permettent  de  traiter  les  configurations  d 'arriere-corps  avec  tuyere  propulsive 
La  validite  de  ces  methodes  est  discuses  par  confrontation  avec  les  r^sultats  experimentaux  disponibles. 

Sont  egalement  evoques  les  moyons  mis  en  oeuvre  pour  r^duire  la  trainee  de  culot  par  injection  de  masse 
ou  combustion. 


BASE  FLOWS  BEHIND  MISSILES 


Summary 

The  phenomena  taking  place  aroxmd  the  base  of  a vehicle  can  have  important  repercussions  on  its 
performance,  and  consequently  on  the  design  of  a missile.  The  fields  they  concern  are  many  and  complex  : 
afterbody  drag,  heat  flux,  interaction  between  internal  and  external  flows.  The  present  paper  is  essentially 
centered  on  the  practical  implications  of  the  base  flow  phenomena  in  the  realistic  case  of  turbulent  boundary 
layers  and  in  a Mach  number  range  up  to,  but  excluding  hypersonics.  The  problems  pertaining  more  specifi- 
cally to  space  launchers  will  also  be  hardly  approached. 

The  paper  is  divided  into  two  main  parts  ; 

- the  first  is  devoted  to  a phenomenological  analysis  of  the  base  flows,  with  or  without  propulsive  jet,  at 
subsonic  and  supersonic  velocities.  The  effects  of  the  main  factors  of  influence  are  surveyed  : missile 
shape,  angle  of  attack,  fins,  exhaust  nozzle  geometry,  jet  expansion  ratio,  thermal  factors,  etc... 
Empirical  correlation  methods  are  presented, 

- the  second  part  concerns  the  presently  available  theories  for  the  practical  treatment  of  base  flow 
problems.  The  basic  principles  of  these  theories  are  first  presented  in  the  fundamental  and  simples*’  case 
of  reattachraent  on  a wall  (global  or  analytic  methods,  strong  interaction  methods).  The  extensions  to 
base  problems  for  axisymmetrical  flows  are  then  presented  : first  those  applicable  to  a base  without 
propulsive  jet  at  subsonic  and  supersonic  speed,  second  those  allowing  the  treatment  of  afterbody 
configurations  with  propulsive  nozzle.  The  validity  of  these  methods  is  discussed  by  comparison  with 
available  experimental  results. 


i 


I 


The  paper  also  mentions  the  means  implemented  to  reduce  the  base  drag  by  mass  injection  or  combustion. 
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INTROIMCTIOH 


Aussi  bien  aux  vitesses  aubaoniques  que  supersoniques , la  pression  qui  s'etablit  au  culot  d'un 

projectile  comme  d'un  missile,  en  vol  propulse  ou  non,  eat  presque  toujours  notablement  inferieiire  a la 
I pression  du  milieu  non  perturbe.  11  en  r6sulte  une  force  de  trainee,  proportionnelle  a la  surface  du 

culot  et  qui  represente  une  fraction  importante  de  la  resistance  totale  lorsque  oette  surface  est  voisine 
de  I'aire  du  maltre  couple.  Dans  des  cas  particuliferement  d6favorables , cette  contribution,  qui  ddpend  du 
nombre  de  Mach,  peut  avoisiner  70  ^ de  la  trainee  totale,  en  transsonique  par  example. 

En  raison  de  I'importanoe  du  probleme,  sur  le  plan  pratique,  de  nombreux  efforts  de  recherches  ont 
; ete  consacres,  depuis  longtemps,  A la  determination  de  la  pression  de  culot  au  moyen  de  methodes,  qui,  a 

- 1' origins,  reposaient  largement  sur  des  correlations  experimentales  deduites  de  mesures  de  en  vol 

ou  en  souffleries. 

Des  progrAs  decisifs  dans  lea  methodes  de  prevision  ont  6i6  acoomplis  il  y a 25  ans  lorsqu'une 
analyse  experimentale  ddtaillee  de  I'dcoulement  de  culot  a permis  d'elatorer  des  modeles  theoriques  plus 
realistes  que  les  sohematisations  rudimentaires  utilisees  jusqu'alors. 

Depuis  cette  epoque  les  phenomenes  de  culot  ont  fait  I'objet  de  tres  nombreuses  dtudes,  aussi  bien 
theoriques  qu' expdrimentales  qui  ont  conduit,  d'une  part  au  perfectionnement  des  methodes  de  caloul  dont 
le  champ  d'application  a ete  dtendu  (arriere-corps  avec  jet  propulsif,  traitement  des  configurations 
aubsoniques,  optimisation  d'arrifere-corps,  engins  multi-tuyeres ) , d'autre  part,  grSce  a la  mise  en  oeuvre 
de  techniques  de  mesure  plus  raffinees,  a une  meilleure  connaissanoe  de  1' organisation  des  zones  ddcollees 
(champs  moyen  et  turbulent,  effets  instationnaires) . 

Neanmoins,  la  structure  des  dcoulements  de  culot  est  encore  loin  d'Stre  entiferement  Alucidde, 
spdcialement  dans  les  olrconstances  complexes  rencontrees  sur  les  missiles  : dcoulements  tridimension- 
nels,  interaction  de  nappes  tourbillonnaires,  effets  d'ondes  de  choc,  confluence  de  flux  de  compositions 
et  d'dtats  thermodynamiques  tres  diffdrents,  instabilitds,  etc.... 

Le  present  exposd  est  essentiellement  centre  sur  les  implications  pratiques  des  phdnomAnes  de  culot 
dans  le  cas  realists  de  couches  limites  turbulentes,  en  amont  du  ddcollement  et  dans  un  domains  de  nombres 
de  Mach  exoluant  I'hypersonique. 

Egalement,  les  problemes  plus  spdcifiques  lies  aux  laiioeurs  (configurations  multi-tuyeres,  problemes 
thermiques  lies  A I'eolatement  des  jets,  separation  d'diages,  etc...)  ne  seront  que  peu  ou  pas  Avoques. 

L'exposd  a AtA  divise  en  deux  parties  : 

- la  premiere  est  oonsaorde  A une  analyse  phenomdnologique  des  dcoulements  de  culot  avec  ou  sans  jet 

propulsif  en  subsonique  et  en  supersonique.  Les  effets  des  prinoipaux  faoteurs  d' influence  sont  discutAs 
sur  des  exemples  et  des  mdthodes  empiriques  de  correlations  presentees  ; 

. - la  seconds  ports  sur  les  thdories  aotuellement  disponibles  pour  traiter  pratiquement  les  problemes  de 

culot  avec  ou  sans  jet  propulsif.  La  validitd  de  ces  mdthodes  est  discutde  par  confrontation  avec  les 
: resultats  experimentaux  disponibles. 


PREMIERE  PARTIE 


1 . AMALYSE  PHENOHEMOLOGIQUE  DES  ECOULEMENTS  DE  CULOT 

1.1  Aspects  phAnomenologiques  de  I'Acoulement  au  culot  d ' un  missile  non  propulsd  ; cas  de  reference 

1.1.1  Oeneralites  : 

Malgre  de  trAs  nombreuses  recherches  [l  A 9]  la  comprehension  des  mecanismes  rAgissant  le  decollement  qui 
se  produit  au  culot  d'un  engin  ou  d'un  projectile  est  encore  incomplete. 

II  n'est  done  pas  inutile  pour  aborder  ce  difficile  problAme  de  faire  I'inventaire  de  nos  connais- 
sances  par  I'analyse  d'un  cas  trAs  schematique  dont  I'Atude  expArimentale  peut  8tre  mende  a bien  A I'aide 
du  montage  d'essai  ddfini  figure  '• 

Ce  montage  permet  de  simuler  I'Acoulement  autour  d'un  arriAre-oorps  oylindrique  dont  I'axe  XX* 
est  parallAle  A la  Vitesse  de  I'Acoulement  gendral,  uniforme  en  amont  du  domains  d' interaction  de  I'dcou- 
lement  de  culot. 

Le  nombre  de  Reynolds  ^ formA  avec  I'Apaisseur  de  la  couche  limite  en  D doit  ®tre  suffisam- 

ment  grand  pour  qu'un  rAgime  turbulent  soit  Atabli,  mAme  lorsqu'une  aspiration  A travers  une  paroi  poreuse 

a Ate  effectuAe  pour  diminuer  I'Apaisseur  ^ et  faire  varier  le  rapport  4//-  . 

C'est  sur  cette  configuration,  dite  de  rAfArence,  que  nous  examinerons  en  dAtail,  le  dAcollement  qui 

s'Atablit  en  aval  du  culot,  et  plus  particuliArement,  les  effets  sur  ce  dAcollement  du  nombre  de  Mach  fig 
de  I'Aoouloment  amont. 
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1.1.2  Ecoulement  subsonique  subcritique 


La  structure  du  d^collement  est  dans  ce  cas  peu  d^pendante  des  effets  de  compressibilite  de  telle 
sorte  que  nous  utiliserona  conune  premiers  ^l^ments  d* analyse  les  resultats  fournis  par  la  visualisation 
au  tunnel  hydrodynamique  [ 10  ]. 

Les  cliches  reproduits  figures  2a  et  2b  ont  ete  obtenus  avec  des  temps  de  pose  trfes  diff brents. 

Figure  2a  ou  la  duree  d‘ exposition  est  de  1 seconde  environ,  les  traceurs  constituds  ici  de  fines  bulles 
d’air  en  suspension  dans  l*eau,  observes  dans  une  mince  tranche  passant  par  I’axe,  permettent  de  ddfinir 
assez  bien  la  structure  de  I'^coulement  moyen.  Celui-ci,  parfaitement  reproductible,  s’organise  autour 
d'un  tourbillon  principal  torique  situe  dans  un  domains  ferme  par  la  ligne  de  courant  DR  . Le  decolle- 
ment  se  produit  pratiquement  k I'ar^te  0 , un  processus  de  melange  se  ddveloppe  le  long  de  OR  et 
I’^coulement  entrain^  au  cours  de  ce  processus  reflue  dans  la  zone  fermde  sous  I'effet  de  la  compression 
qui  s'etablit  au  voisinage  du  point  d’arr^t  R . 

Sur  le  clichd  2b  , ou  le  temps  d*expo3ition  est  beaucoup  plus  faible  (0,01  s environ)  le  caractere 
instationnaire  des  couches  dissipatives  turbulentes  est  clairement  mis  en  evidence,  ainsi  que  le  meca- 
nisme  de  formation  de  grosses  structures,  entralnees  au  sein  de  la  couche  de  melange  et  evacudes  encuite 
vers  I'aval  d'une  maniere  quasi  p^riodique. 

Les  repercussions  de  tels  phenomenes  sent  essentiellement  de  deux  ordres  : 

- tout  d'abord,  induction  de  fluctuations  sensibles  de  la  pression  dans  le  d^collement  ; 

- ensuite  modification  profonde  de  la  structure  de  la  turbulence,  determinante  pour  1* evolution  du  sillage 
lointain. 

En  ce  qui  concerne  le  champ  moven.  des  explorations  d^taillees  k I’aide  de  sondes  de  pression  et  du 
fil  chaud,  de  la  zone  decollee  et  de  son  voisinage,  permettent  de  completer  les  observations  fournies  par 
la  visualisation. 

Sur  I’exemple  donne  figure  3 [ 1 dans  le  cas  d'un  ecoulement  k basse  vitesse  ( s:  40  m/s), 

on  remarquera  plus  particulierement  : 

- le  developpement  rapide  et  1' extension  transversals  des  couches  de  melange  ; 

- la  relative  compacit^  de  la  zone  decollee  dont  la  longueur  est  un  peu  superieure  k un  diametre  ; 

- l*importance  des  vitesses  negatives  de  retour  qui  peuvent  atteindre  et  m§me  depasser  30  ^ de  la 
Vitesse  ext^rieure  ; 

- enfin,  I'evolution  tres  continue  des  profils  de  vitesse  turbulent  et  leur  passage  progressif  d'une  situa- 
tion de  type  couche  d®  melange  avec  courant  de  retour  a une  situation  du  type  sillage  et  vitesse  croissant 
sur  I'axe* 

Cette  evolution  peut  $tre  caracterinee  la  definition  d*ui*e  famille  de  profils  a 1 ou  2 paramktres 
[11,12]  dont  on  verra  I'utilisation  dans  la  2kme  partie  de  cet  expose,  consacree  aux  m^thodes  de  calcui. 

Au  cours  de  ce  processus,  une  forte  production  de  turbulence  apparalt  au  voisinage  de  DR  (figure  4 )» 

Cette  turbulence  diffuse  tres  vite  vers  l*exe  du  sillage  comme  vers  I'exterieur  et  se  maintient  k un 
niveau  assez  ^lev^  dans  la  zone  decollee,  par  le  jeu  de  la  recirculation. 

En  ce  qui  concerne  le  champ  des  pressions.  la  courbe  $*{z)  obtenue  par  integration  du  champ  des 
vitesses  moyennes,  definit  la  frontiers  de  I'obstacle  "equivalent”  au  decollement. 

L’^volution  du  coefficient  Kp,  deduit  des  mesures  de  pression  pari^tales  (figure  5 ) montre  que  cet 

effet  d'obstacle  se  fait  sentir  en  amont  du  culot  Jusqu'a  une  distance  egale  a environ  1 diametre  *. 
L'accel^ration  que  subit  I'ecoulement,  tres  marquee  prks  du  culot,  assure  le  raccordement  continu  des 
pressions  en  D de  part  et  d'autre  du  decollement, 

L'evolution  axiale  des  pressions  statiques  en  aval  du  culot  presente  l*a  lure  caracteristique  repro- 
duite  figure  5 . Cette  evolution,  lorsque  X augments,  est  marquee  tout  d'abord  par  une  legere  decrois- 

sance  de  fi  jusqu'k  une  valeur  minimale  situee  a une  distance  egale  a environ  Cette  decroissance  de 

fl  peut  Stre  associ^e  k 1* augmentation  de  la  vitesse  de  retour  (figure  5 ) . La  recompression  qui  fait 

suite  est  importante.  Elle  results  de  la  confluence  de  I'ecoulement  sur  I’axe,  pression  maximale, 
nettement  superieure  a , etant  atteinte  un  peu  en  aval  du  point  d'arr^t  R 

Dans  I'exemple  qui  vient  d’etre  analyst  extrait  de  la  reference  [11]  I'epaisseur  relative  de  la 
couche  limits  en  0 est  assez  faible  L’effet  de  ce  parametre  sur  Ic  niveau  de  la  pression 

de  culot  sera  discute  dans  la  seconde  partie  de  cet  expose.mais  on  peut  des  a present  examiner  quelques 
resultats  typiques  obtenus  au  cours  de  la  m$me  etude  * 


♦ Cet  effet  d' influence  amont  peut  entrainer  des  erreurs  assez  importantes  dans  la  determination  experi- 
mentale  du  coefficient  de  pression  de  culot  Kite  t lorsque  la  prise  de  pression  de  reference  est  situee 
trop  pres  de  D [l3l. 
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On  constate  (figxire  6 ) que  la  pression  de  culot  diminue  lorsque  decrolt^  d ' une  maniere 

d'autant  plus  marquee  que  ^ est  plus  petit.  Par  centre  pour  des  valeurs  de  superieures  a 

environ  0,02  l'4volution  de  la  pression  de  culot  est  tres  faible.  Cette  tendance  est  confirmee  par  d’autres 
observations  [l  » 1 7]  et  explique  I'effet  peu  important  d'une  variation  appreciable  du  nombre  de  Reynolds 
enregistr^  par  les  experimentateurs  lorsque  la  couche  limite  en  amont  du  culot  est  turbulente  et  que  les 
valeurs  de  balay^es  lorsque  varie  sont  superieures  a 0,02. 

L'effet  de  couche  limite  initiale  se  fait  ^galement  peu  sentir  sur  I'etendue  longitudinals  du 

decollement  (figure  7 ),  Toutefois  la  determination  assez  imprecise  de  Ls  , au  vu  de  ces  resultats,  ne 
permet  de  porter  qu'un  jugement  qualitatif. 

Ainsi  que  nous  I’avons  annonce  au  debut  de  ce  paragraphe,  l^effet  du  nombre  de  Mach  est  peu  important. 

Le  coefficient  de  pression  de  culot  n*evolue  que  tres  faiblement  lorsque  Mg  est  infdrieur  a 0,85 

(figure  8 ).  II  en  est  de  mSme  des  lois  de  distribution  axiale  de  la  pression  (figure  9 ) et  de  la 
Vitesse  de  retour  (figure  10)»  a condition  toutefois  que  la  distance  X au  culot  soit  rapportee  a 
I'etenaue  Ls  du  decollement.  Par  contre  L$  varie  de  maniere  significative  et  croit  avec  comme  le 
montre  la  figure  1 ^ . 

1.1.3  Ecoulement  supersonique  : 

Dans  ce  cas,  la  visualisation  strioscopique  constitui,:  un  moyen  d ' observation  privilegie  qui  met  en 
evidence  les  traits  essentiels  du  decollement  de  culot  en  supersonique  (figure  12a  , b , c ). 

Ces  visualisations  montrent  clairement  : 

- la  detente  quasi  centree  a I'ar^te  du  culot  qui  devie  birutalement  1' ecoulement  vers  I'axe  *, 

- la  couche  turbulente  fortement  dissipative,  separant  1‘^coulement  non  visqueux  du  bulbe  de  decollement  ; 

- la  recompression  continue  dont  les  ondes  se  focalisent  pour  former  un  choc  ; 

- le  sillage  relativement  epais  qui  suit  cette  recompression. 

On  notera,  tout  d'abord,la  disparition  de  l*effet  d*interaction  amont,  le  decollement  en  supersonique 
etant  precede  d'une  detente  pratiquement  centree  a I'arSte  qui  est  souvent  limit^e  par  la  presence  d'un 
choc  faible  ("lip  shock"  [ 14  ]).  Ensuite,  sur  le  cliche  b » ou  le  temps  d'exposition  est  plus  reduit  , la 
nature  tourbillonnaire  et  instationnaire  du  sillage  en  aval  de  la  recompression, marquee  par  la  presence  de 
structures  turbulentes  a plus  grande  echelle,  dont  on  n* observe  pas  la  presence  k la  frontiers  de  la  zone 
d^collee,  contrairement  au  cas  subsonique. 

Pour  entrer  plus  en  detail  dans  la  description  de  1* organisation  de  tels  d^collements,  nous  suivrons 
le  mdme  ordre  qu'au  paragraphe  1.1.2. 

Champs  mo^en  et  txirbulent  ; 

Les  ^l^ments  typiques  repr^sent^s  figure  13a  et  13b  sont  extraits  de  la  r^flrence  [ 15  ] qui 

donne  une  analyse  tres  d^taill^e  des  champs  moyen  et  turbulent  obtenus  lors  d'une  4tude  du  cas  de  r^f4rence 
a /V,  = 2,3. 

La  figure  13a  fournit  le  trace  des  lignes  de  courant  dans  un  plan  diametral.  Le  schema  de  la  zone 
decollee  ne  differe  du  cas  subsonique  que  par  les  conditions  de  separation  en  ^ , le  decollement  super- 

sonique etant  caracterise  par  une  variation  brutale  de  la  direction  de  la  vitesse  liee  k la  detente  initiale. 
Les  profils  de  vitesse  (ponderee  par  la  masse)  qui  decrivent  1' ecoulement  dans  la  zone  decollee  et  a son 
voisinage  appartiennent  a la  mSme  famille  qu'en  subsonique  {§  1.1.2).  Ainsi,  mis  a part  les  effets  d'echelle, 

les  differences  entre  les  cas  subsonique  et  supersonique  interessent  essentiellement  1' ecoulement  exterieur 
non  ^.’issipatif  et  interviennent  au  niveau  du  "couplage”  avec  la  decollement  (detente  initiale,  formation 
d' ondes  de  choc  ...). 

Sur  la  figure  13b  sont  presentes  les  profils  du  frottement  apparent  turbulent  Z , rapportes  au 
frottement  parietal  de  la  couche  limite  en  O , a differentes  distances  en  aval  du  culot.  Des  effets 
analogues  A ceux  enregistres  en  subsonique  sont  mis  en  evidence.  On  notert*  les  niveaux  eieves  de  ? releves 
en  fin  de  zone  de  melange.  L’ influence  de  la  compressibilite  se  traduit  notamment  par  des  variations  sensibles 
avec  le  nombre  de  Mach,  du  param^tre  de  melange  (T  qui  definit  1' echelle  transversale  des  couches  dissipa- 
tives  en  amont  de  /?  (voir  seconde  partie  de  I'expose  § 2.2.2). 

Champs  de  pressions  : 

La  distribution  des  pressions  statiques  sur  I'axe  en  aval  du  culot  [ 16  ] reflate  1' evolution  de 
1' ecoulement  exterieur  (figure  14).  On  enregistre  comme  en  ecoulement  subsonique  tout  d'abord  une  legere 
d^croissance  de  ^ suivie  d'une  compression  continue,  d'abord  brutale,  passant  ensuite  par  un  maximum  et 
d^croissant  plus  lentement  jusqu'k  un  niveau  sensiblement  egal  a . Cette  forme  de  la  recompression, 
assez  diff^rente  de  celle  observ^e  dans  le  cas  bidimens ionnel  plan  supersonique,  est  specifique  du  d^colle- 
ment  de  culot  d'un  arri^re-corps  de  revolution.  En  effet,  la  presence  d'une  zone  decollee  quasi  isobare  a la 
frontiers  de  l'ecoulemen+  supersonique  exterieur  entralne,  lorsque  cet  ecoulement  se  rapproche  de  I'axe 
une  croisaance  sensible  de  sa  direction  locale  p [ 2 ].  Cette  situation  contribue,  lorsque  I'ecoulement 
reprend  une  direction  sensiblement  parall^le  k I'axe,  k la  creation  d'une  compression  dont  le  niveau  est 
superieur  k d'une  manifere  d'autant  plus  marquee  que  le  nombre  de  Mach  est  plus  grand  (figure  14  ), 

Effet  de  la  couche  limite  turbulente  initiale  : 

Nous  retiendrons  simplement  les  aspects  essentiels  suivants,  une  discussion  plus  detailiee  etant  faite 
dans  la  deuxierae  partie. 
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On  observe  de  la  mSme  maniepe  qu'en  ecoulement  subsonique  une  croiasance  de  la  pression  do  culot 
lorsque  ^/fc  au^ente^  le  taux  de  croissance  dovenant  tres  faible  a partir  d'une  certaine  plage  de 

valeurs  de  ^/rc  . Ainsi  dans  la  plupart  des  applications  1* evolution  de  avec  le  nombre  de 

Reynolds  peut  Stre  negligee,  a condition  toutei'ois  que  (Sei  soit  suffisamment  grand  pour  qu'aucune 

relaminarisation  ne  ee  produibe  apres  la  detente  initiale  precedunt  le  decollement . 

Effet  du  nombre  de  Mach  ^ : 


Dans  ces  conditions,  on  peut  definir,  en  vue  d' estimations  utiles  pour  un  Bureau  d'Etude,  un  coeffi- 
cient de  pression  de  oulot  Kf^  pratiquement  peu  dependant  du  nombre  de  Reynolds,  dont  I'evolution  eri 
fc.ction  du  nombre  de  Mach  est  donnee  figure  8 . Les  resultats  portes  sur  cette  figure  qui  mettent  en 
evidence  une  deoroissance  continue  de  lorsque  ^ augmente,  proviennent  de  compilations  effectuees 

notamment  reference  [2,3,17].  La  dispersion  des  resultats  n'est  pas  tres  grande  et  cette  courbe  moyetme 
constitue  une  reference  empirique  permettant  d'obtenir  des  estimations  assez  precises  pour  des  cas 
proches  de  la  configuration  de  base. 

1.1.4  Ecoulement  transsonique  : 

Dans  ce  domaine  tres  etroit  (0,95  < 1,10),  peu  etudie  dans  son  detail,  les  resultats  experi- 

mentaux  presentent  une  marge  d' incertitude  nettement  plus  marquee  que  dans  les  cas  precedents.  Di verses 
causes  contribuent  & cette  situation. 

Tout  d'abord,  1' interaction  entre  le  decollement  et  I'ecoulement  exterieur  est  souvent  fort  complexe 
par  suite  de  la  presence  d'ondes  de  choc  quasi  normales  dont  la  position  est  instable  ou  rapidement  evolu- 
tive pour  de  faibles  variations  de  f1^  . 

Ensuite  les  effets  de  limitation  de  I'ecoulement  sent  particulierement  severes  et  il  est  souvent 
difficile,  sinon  impossible,  d'en  tenir  compte  par  une  correction  des  resultats  expdrimentaux . 

Enfin  il  existe  relativement  peu  d'essais  publics  contenant  une  analyse  detaillee  de  la  configuration 
de  rdferenoe  ddfinie  figure  ' , de  telle  sorte  que  dans  la  plupart  des  cas  connus  ou  la  maquette  est 

maintenue  par  un  support  lateral  ou  un  dard  arrifere,  I'effet  de  oe  support  tend  & fausser  les  resultats 
d'une  maniere  significative. 

Nous  nous  bomerons  done  a representer  figure  8 par  une  zone  haohurde  le  domaine  dans  lequel  on 
peut  inclure  les  resultats  experimentaux  disponibles. 

1.2  Perturbations  du  cas  de  reference 

1.2.1  L'analyse  qui  vient  d'etre  faite  avait  pour  but  de  preoiser  la  structure  des  ecoulements  de  oulot, 
en  ohoisissant  une  situation  volontairement  simplifi^e  correspondant  au  cas  oti  I'ecoulement  est  uniforme 
en  amont  du  domaine  d'interaction  lie  au  ddcollement.  Ces  conditions  ne  sont  done  realistes  que  pour  des 
corps  oylindriques  de  grand  allongement,  poss^dant  une  ogive  trfes  fiancee  et  places  a 1' incidence  nulle 
dans  I'dooulement  general. 

Dans  le  cas  d'un  projectile  ou  d'un  missile  non  propuls4  on  est  conduit  a envisager  d'une  part  des 
formes  plus  complexes,  impos^es  par  les  contraintes  assocides  & une  mission  donnee  (oompaoit4  du  corps, 
problbmes  d' ^ohauffement,  guidage,  recherche  d'une  optimisation  des  formes  en  vue  d'une  reduction  de  la 
trainee,  etc...],  d'autre  part  des  situations  differentes  de  oelle  correspondant  a I'incidence  nulle. 

Nous  examinerons  les  consequences  de  ces  effets,  dans  un  certain  nombre  de  cas  typiques  que  nous 
avons  classes  de  la  maniere  suivante  : 

- influence  des  formes  geometriques  du  corps  axisymetrique  ; 

- effet  de  I'incidence  ; 

- effets  associ^s  a la  presence  d'ailetages  ; 

- effet  de  mise  en  rotation  du  corps  ; 

- effet  de  ventilation  au  oulot 

1.2.2  Effet  des  formes  geometriques  de  I'obstacle  sur  la  pression  de  oulot 

Dans  le  cas  ou  I'ecoulement  est  supersonioue  la  non-uniformite  associe  a la  presence 
de  formes  rapidement  evolutives  est  marquee  en  premier  lieu  par  I'existence  d'ondes  de  choc  creees  soit 
par  I'avant  corps  pseudo  ogival,  eventuellement  emousse,  soit  par  un  dvasement  de  I'arriere-corps,  tel 
qu'une  jupe,  qui  peuvent  produire  un  ecoulement  inhomogene  et  rotationnel.  Ainsi  I'etat  de  I'ecoulement 
immediatement  en  amont  du  culot  (nombre  de  Mach,  pression,  direction  de  la  vitesse)  est  fort  different 
de  I'etat  uniforme  , f-<e  ■ D'autre  part,  la  frontifere  du  decollement  est  soumise,  comme  le  montre 

la  figure  15a  ,aux  perturbations  creees  par  la  non-uniformite  du  champ,  qui  contribuent  a modifier  la 
oourbure  et  la  direction  locale  de  cette  frontiere.  Enfin,  le  developpement  de  la  couche  limite  est 
fortement  oonditionne  par  les  oirconstances  locales  de  I'ecoulement  et  notamment  par  la  presence  eventuelle 
d' interactions  du  type  choc  - couche  limite. 

La  prise  en  compte  de  ces  divers  effets  ne  peut  en  toute  rigueur  6tre  effectuee  que  par  I'interme- 
diaire  d'une  methode  de  calcul,  comme  nous  le  verrons  plus  loin.  Toutefois,  dos  regies  simples  ont  ete 
proposees  [2,  3]  pour  assurer  une  correlation  avec  le  cas  de  base  decrit  paragraphe  1.1.3  et  obtenir  ainsi 
une  estimation  de  la  pression  de  culot  dans  des  cas  plus  gdneraux. 
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La  plus  commun^ment  admise  consiste  a definir,  a parti r de  I'^tat  local  de  1 ' ecoulement  imoediatement 
en  amont  du  culot  { r t ) un  etat  de  reference  ( ^ ^ ) pour  lequel  la  direction  de  la 

Vitesse  serait  parallels  a I'axe  du  corps  et  qui  se  deduit  de  I’etat  reel  ( ) soit  par  une 

compression  ou  une  detente  isentropique  locale  d*angle  [ ^8  ],  soit  en  utilisant  la  procedure  indiqu3e 
figure  15b  [2  ],  L'experience  montre  qu*une  bonne  approximation  de  la  pression  de  culot  peut  §tre 

obtenue  en  utilisant  la  courbe  relative  au  cas  de  base  reproduite  figure  8 , a condition  de  remplacer 

% * fit  * fr  • C*e3t  ce  que  nous  aliens  voir  dans  les  exemples  que  nous  allons  presenter 

maintenant  et  qui  serviront  en  outre  a illustrer  un  certain  nombre  d'effets  typiques  concernant  les 
variations  de  forme. 

Effet  d* emoussement  sur  un  corps  conigue 

Les  resultats  reproduits  figures  16  et  17  , deduits  de  la  reference  [ 18  ] concernent  1' evolution, 
en  fonction  du  nombre  de  Mach,  de  la  pression  de  culot  d*un  obstacle  conique  de  demi-angle  ^ = 9®  compor- 
tant  ou  non  un  effet  d' emoussement.  La  presence  d'un  nez  arrondi  provoque  une  variation  sensible  du  nombre 
de  Mach  , immediatement  en  amont  du  culot  et  entrafne,  lorsque  le  nombre  de  Mach  varie,  une  evolu- 
tion du  rapport  tres  differente  pour  les  deux  maquettes,  la  pression  de  culot  etant  plus  elevee 

dans  le  cas  de  la  maquette  emoussee,  comme  le  montre  la  figure  16  . Le  concept  de  nombre  de  Mach  de 
reference  permet  d‘harmoniser  les  resultats  et  conduit  a une  prevision  tres  bonne  de  la  pression  de  culot. 

II  faut  noter  que  ces  essais  ont  ete  effectues  a tres  grand  nombre  de  Reynolds  et  que,  par  consequent,  les 

couches  limites  sont  tres  minces  (devant  le  diametre  du  culot).  Une  correction  de  I’effet  du  nombre  de 

Reynolds  a ete  appliquee  a la  courbe  de  base  definie  figure  8 [ 18  ]. 

Effets  de  retreint  et  de  jupe 

Parmi  les  moyens  de  reduire  la  trainee  de  culot  d*un  arri^re  corps,  1 'utilisation  d'un  retreint  est 
I'un  des  plus  usite. 

Son  action  met  en  jeu  divers  effets  compl^entaires  qui  ont  pour  but  : 

- d'une  part  de  reduire  la  surface  exposes  a une  pression  de  culot  faible,  done  '^eneratrice  de  trainee  ; 

- d'autre  part  de  beneficier  de  la  recompression  naturelle  qui  attenue  en  Ecoulement  axisymetrique, 

lorsque  la  paroi  se  rapproche  de  I'axe,  1' effet  des  detentes  isentropiques  liees  a une  augmentation  de 

la  pente  locale,  ce  qui  a po\ir  consEquence  de  diminuer  le  nombre  de  Mach  de  rEference  hf.  ; 

- enfin  d'accroltre  les  facteurs  de  courbure  de  la  ligne  de  jet  a la  frontiEre  de  la  zone  dEcollEe.  Ces 
deux  derniers  effets  vont  dans  le  sens  d'une  augmentation  de  la  pression  de  culot. 

L'expErience  confirme  pleinement  ces  hypothEses,  comme  le  montrent  les  figures  18  et  19  .La 
premiEre  [l9f20]  met  en  Evidence  le  gain  obtenu  dans  le  cas  d’arriEre-corps  coniques  ou  paraboliques  pour 
un  nombre  de  Mach  de  1' Ecoulement  amont  uniforme  Egal  k 2. 

La  seconde  (figure  19  )»  extraite  de  la  refErence  [ 3 ] est  relative  a des  essais  effectuEs  k 

= 2,9.  On  notera  que  I'angle  maximal  du  rEtreint  constitue  un  parametre  caractEristique  de  son  effet, 
permettant  de  regrouper  des  rEsultats  obtonus  sur  des  corps  de  forme  variEe.  On  retiendra,  en  outre,  que 

I'utilisation  du  concept  du  nombre  de  Mach  de  rEfErence  assure  une  prEvision  tout  a fait  correcte  de  la 

pression  de  culot. 

Bien  qu'une  augmentation  sensible  de  la  pression  de  culot  soit  obtenue  par  I'effet  de 
rEtreint,  il  ne  faut  cependant  pas  perdre  de  vue  que, dans  le  bilan  de  trainee,  la  part  revenant  a I'arriere- 
corps  augmente  de  fagon  tres  notable  lorsque  fi  croit,  de  telle  sorte  que  la  trainee  optimale  de  I'ensem- 

ble  arriere-corps  - culot  est  obtenue  par  un  compromis  ne  correspondant  pas  necessairement  a la  valeur  de 
la  plus  elevee  (figure  20  ). 

Comme  on  pouvait  le  prEvoir,  I'effet  de  jupe  (valeurs  positives  de  /5  ),a  I'inverse  de  I'effet  de 
rEtreint,  conduit  a des  pressions  de  culot  plus  basse  comme  le  montre  I'exemple  de  la  figure  19  • 

LorsQue  1' ecoulement  est  subsonique  il  n'est  pas  possible  en  toute  rigueur  de  dissocier  les  effets 
d' interaction  entre  le  dEcollement  de  culot  et  I'ecoulement  autour  du  corps,  de  telle  sorte  que  ces  effets 
sont  en  gEneral  pris  en  compte  dans  le  cadre  d'une  methode  de  calcul  incluant  le  traitement  du  decolleme’' t . 
Toutefois,  lorsque  1' obstacle  possEde  un  grand  allongement  et  une  forme  quasi-cylindrique  sur  la  plus 
grande  partie  de  son  Etenduc,  il  est  alors  possible  de  considerer  isolEment  les  effets  de  retreint  dans 
un  bilan  de  trainee.  A titre  d'exemple  la  figure  21  fournit  des  courbes  de  variations  du  coefficient  de 
pression  de  culot  obtenues  a /l^  = 0,9  pour  diffErentes  valeurs  de  I’angle  maximal  du  retreint  dans  le 
cas  d' arriere-corps  circulaires  ou  paraboliques.  Ces  resultats  qui  proviennent  de  la  compilation  d’un 
certain  nombre  d ' expEriences  sont  extraits  de  la  reference  [ 21 ].  Ils  mettent  en  evidence  I'effet  tres 
favorable  du  rEtreint  sur  la  pression  de  culot  en  ecv ulement  subsonique  et  peuvent  Etre  utilises  pour  des 
nombres  de  Mach  inferieurs  a 0,9- 

1.2.3  Effet  de  l^incidence 

La  raise  en  incidence  { OC  f 0 ) introduit  une  dissymetrio  do  I'ccoulement  qui  se  repercute  tres  direc- 
tement  3\ir  le  decollement  de  culot  et  qui  est  d'autant  plus  marquee  que  <X  est  plus  grand. 

Cette  dissymEtrie  intEresse  non  seulement  I'ecoulement  non  dissipatif,  mats  egalement  les  couches 
dissipatives  turbulentes  3nt  I’Epaisseur  se  trouve  alors  rEpartie  d’une  maniere  fort  irogale  a la  periphErie 
du  culot. 

La  visualisation  au  tunnel  hydrodynamique  presentEe  figures  22a  et  22b  en  donne  un  exemple  [22  !• 
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On  observe  notamment  fi^^re  22b  sur  la  vue  de  dessus  la  tendance  du  sillage  k s'enrouler  suivant  deux 
structures  tourbillonnaires  distinctes. 

Cette  tendance  a ete  observee  dans  le  cas  d'essais  effectues  en  »:'Coulement  supersonique  sur  une 
maquette  libre  de  tout  support  materiel  et  tenue  par  suspension  magnetique  [ 23  ]•  L'exploration  du 

sillage  de  cette  maquette  a conduit  les  auteurs  a 1 ' interpretation  presentee  figure  23  » conforme  pour 

I'essentiel  a ce  que  laisre  supposer  l*observation  a basse  vitesse. 

Coaime  indique  figure  23  , a grande  incidence,  existent  des  structures  decoliees  tridimonsionnelles , 
dont  I'analyse  a ete  effectuee  dans  les  lemons  consacrees  a I'aerodynamique  des  missiles.  L* interaction  de 
ces  structures  avec  le  sillage  en  aval  du  culot  constitue  un  probleme  extrSmement  complexe  sur  le  plan 
theorique  comme  sur  le  plan  experimental  sur  lequel  il  n'existe  que  tres  peu  d' informations. 

Ceci  est  en  particulier  dd  a la  quasi  impossibilite  d'eviter  les  interactions  de  supp;rts,  qui 
conduisent  a des  resultats  entaches  d'erreur.  C'est  pourquoi  nous  nous  bornerons  a donner  sur  quelques 
exemples  ou  les  effets  de  support  sont  reduits  ou  inexistants,  les  tendances  generales  qui  se  d^gagent 
de  I'evolution  ' 

Le  premier  concerne  le  cas  d*ecoulements  subsoniques  et  transsoniques  (0,6  ^ 4-  autour  d'un 

c6ne  de  section  elliptique  place  a des  incidences  comprises  entre  0 et  20°  [ 24  ]•  Les  resultats  obtenus 
(figure  24  ) mettent  en  evidence  : 

- I'effet  peu  important  enregistre  aux  faibles  incidences  ( 4 4°)  ; 

- ’one  diminution  d'abord  sensible  puis  plus  lente  de  la  pression  de  culot  lorsque  1' incidence  croit 

(4"  < « < 16°)  ; 

- une  tendance  a I'inversion  de  cet  effet  a plus  grande  incidence. 

En  dehors  d'un  domaine  proche  de  I'unite,  les  variations  • f (•< ) sont  peu  dependantes  du  nombre 

de  Mach  en  ecoulement  subsonique.  Le  second  exemple  est  celui  d'un  c5ne  circulaire  d’ angle  d'ouverture 

20°,  ^tudie  a grand  nombre  de  Mach  ( = 5,3)  jusqu'a  des  incidences  elev^es  ( 55°),  par  une 

technique  de  largage  de  maquettes  dans  une  veine  supersonique,  done  sans  interaction  de  support  [ 25  ]• 

L'evolution  avec  I'incidence  de  la  pression  de  culot  (figure  25  ) indique,  comme  dans  le  cas  precedent 
un  faible  effet  de  cc  au  voisinage  de  of  = 0,  suivi  d'une  decroissance  de  lorsque  <X  augments 

jusqu'a  environ  12°.  Au-dela  de  cette  incidence  on  enregistre  une  croissance  de  la  pression  de  culot 
d'autant  plus  marquee  que  « est  plus  grand. 

Les  tendances  observees  dans  les  2 exemples  precedents  concemant  des  corps  coniques  sont  egaleme’‘.t 
confirmees  dans  la  plage  d'incidence  experimentee,  dans  le  cas  d’un  corps  fuseie  (maquette  NACA  RM  10) 
essaye  h.  = 1,49  (figure  26  ). 

K2.4  Effet  d'ailetages 

La  presence  d' empennages  et  de  gouvemes  au  voisinage  d’un  culot  modifie  egalement  de  maniere  impor- 
tante  les  ecoulements  visqueux  et  non  visqueux,  et  introduit  de  fortes  heterogeneites  du  champ  des 
pressions,  des  epaisseurs  des  couches  dissipatives  aussi  bien  sur  le  corps  qu'en  aval  de  celui-ci.  En 
particulier  la  presence  des  sillages  tourbillonnaires  de  I'ailetage  constitue  un  facteur  de  perturbation 
important  du  decollement. 

Les  parametres  qui  regissent  ces  perturbations  sont  tres  nombreux  (nombre  des  ailettes,  forme  en  plan 
et  fleche,  dpaisseur  relative  des  profils,  position  relative  par  rapport  au  culot,  etc...).  Aussi,  nous 
nous  contenterons  de  d^gager  certains  effets  caract^ristiques,  en  nous  inspirant  de  I'analyse  effectu4e 
reference  [ 3 ] dans  le  cas  oil  I'ecoulement  est  supersonique. 

L'exemple  present^  figure  27  conce  -ne  I'influence  de  la  position  par  rapport  au  plan  du  culot  d'un 
arrifere-corps  cylindrique,  d'un  empennage  cruciforme,  de  profil  lenticulaire  dont  l'4paisseur  relative 
(l0  est  constants  en  envergure.  Les  experiences  ont  ^te  faites  pour  2 valeurs  du  nombre  de  Mach  : 

>7®  = 1 ,5  et  2. 

Une  diminution  important©  de  la  pression  de  culot  est  cre^e  par  le  champ  de  perturbation  des  ailettes, 
sp^cialement  a Mto  = 1,5,  lorsque  les  bords  de  fuite  de  I'ailetage  sont  situes  dans  le  plan  du  culot. 

Un  deplacement  de  I'empennage  vers  I'amont,  r4duit  d'une  maniere  sensible  cette  perte  ; toutefois,  la 
pression  de  culot  correspondent  au  cas  de  reference  sans  ailetage  n'est  pas  toujours  atteinte  pour  un 
deplacement  vers  I'amont  atteignant  une  corde. 

Le  second  exemple  (figure  28  ) concerne  I'effet  de  l'4paisseur  relative  du  profil  de  I'empennage. 

Comme  prevu,  la  variation  do  la  pression  de  culot  est  d'autant  plus  marquee  que  le  champ  de  perturbation 
est  plus  accuse,  e'est-a-dire  que  I'^paisseur  relative  du  profil  est  plus  grande  ou  encore  que  le  nombre 
de  Mach  est  plus  faible. 

Dans  le  cas  ou  1 ' interaction  est  la  plus  s4vbro  ( ^/c  • ^ * le  champ  de  perturbation  des  ailettes 

cree  une  distribution  du  nombre  de  Mach  local  a la  surface  de  I'arriere-corps  p4riodique  et  fortement  h4t4- 
rog^ne  avec  toutefois  uno  nette  predominance  des  d4tentes  dont  I'action  en  aval  du  culot,  sur  la  frontibre 
de  la  zone  decollbe,  explique  la  decroissance  de  la  pression  de  culot. 

Une  estimation  assez  grossiere  de  ces  effets  peut  4tre  obtenue  en  prenant  comme  etat  de  reference 
ft-  , pour  le  calcul  de  la  pression  de  culot,  des  valeurs  moyennees  sur  la  peripherie  du  culot. 
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Un  meilleur  r^sultat  est*  enregistr^  en  d^finissant  l*^tat  moyen  de  r^f France,  non  pas  au  niveaif  de 
l'ar$te,  mais  en  aval  sur  le  corps  prolong^  fictivement  d*une  longueur  dgale  a 0,6  D pour  tenir  compte  des 
perturbations  induites  sur  la  frontiers  du  ddcollement. 

Des  effets  analogues  sont  observes  lorsque  I'ecoulement  externe  est  subsonique.  Ils  sont  en  out^e 
compliquds  par  les  modifications  qu'apporte  le  ddcollement  de  culot  k I'ecoulement  sur  I'ailetage. 

1.2.5  Effet  de  mise  en  rotation  du  corps 

Ce  proc^dd  concerne  un  grand  nombre  d* applications  (picojectiles , missiles).  Cependant  I'^tude  de 
son  action  sur  la  pression  de  culot  n*a  fait  l*obJet  que  d’un  nombre  tres  limite  de  travaux,  seulement  en 
ucoulement  subsonique.  Nous  avons  extrait  de  la  reference  [ 26  ],  un  example  montrant  le  type  d' influence 

que  I’on  peut  obtenir 

Sur  la  figure  29  sont  reprdsent4es,  dans  le  cas  d*un  arrifere-corps  cylindrique,  les  variations  du 
coefficient  de  pression  de  culot,  en  fonction  du  rapport  de  vitesse  ^tant  la  vitesse  k la 

Peripherie  de  I'obstacle.  On  observe  que  pour  des  valeurs  de  ce  parametre  inferieures  a 0,25,  une  augmen- 
tation de  pression  de  culot  est  obtenue  pouvant  entralner  une  reduction  de  trainee  de  culot  de  I'ordre  de 
16  ^ lorsque  egal  a 0,15. 

Pour  des  valeurs  de.  superieures  a 0,2  on  enregistre  a 1' oppose  une  augmentation  de  la  trainee  de 

culot  qui  croit  de  fagon  significative  lorsque  ^^4/^  augmente  dans  le  domains  des  valeurs  experimentees 

{%,<  0,5). 

1.2.6  Ventilation  du  culot  par  un  ecoulement  a faible  vitesse 

L'idee  d'utiliser  une  injection  a tres  faible  vitesse  dans  le  decollement,  pour  diminuer  la  resistance 
de  culot  en  dcoulement  supersonique  est  tres  ancienne  [ 106  ].  La  demonstration  experimentale  de  I'effica- 
oite  du  precede  et  des  conditions  d'utilisation  optimales  est  presentee  figure  30  dans  le  cas  d'un 
arriere-corps  cylindrique  place  dans  un  ecoulement  uniforme  de  nombre  de  Mach  ^ = 2. 

L'injection  d2ins  le  ddoollement  de  culot  d'un  flux  d'air  dont  la  temperature  gendratrice  est  dgale  a 
oelle  de  I'dooulement  extdrieur  ( ^ ),  est  pratiques  k travers  un  oridice  oirculaire. 

Differentes  configurations  caracterisdes  par  un  rapport  O'/n  oompris  entre  0,2  et  0,8  ont  dtd  expd- 
rimentdes  de  maJiiere  h dtudier  systdmatiquement  pour  un  ddbit  a-  , 1' effet  du  nombre  de  Mach  d' injection 
a la  sortie  de  1' orifice. 

Les  courbes  de  la  figure  30  donnent  I’dvolution  du  rapport  en  fonction  du  ddbit  reduit 

3 > , pour  diffdrentes  valeurs  du  rapport  '% 

^ iKsTnr 

On  obsarve  immddiatement  que  I'efficacitd  du  proeddd  est  d'autant  plus  grande  que  /V,'  est  plus  faible, 
e'est-i-dire  que  la  section  de  passage  du  flux  de  ventilation  est  plus  importante.  Dans  le  cas  le  plus 

favorable  une  augmentation  de  la  pression  du  culot  atteignani  40  ^ est  obtenue  pour  des  ddbits  g;  petits 

correspondant  i un  nombre  de  Mach  de  I'ordre  de  0,25.  ' 

Une  justification  thdorique  parfaitement  claire  de  cet  effet  sera  donnde  dans  la  2eme  partie. 

1.3  Ecoulement  du  culot  d'un  missile  en  prdsence  du  jet  propulsif 

1.3.1  Nous  abordons  maintenant  I'etude  des  aspects  spdcifiques  de  la  phase  propulsde  du  vol  d'un  missile  ou 

sont  mis  en  jeu  des  phdnomfenes  tres  complexes  spdcialement  lors  de  I'amorgage  de  la  tuyere  d'ejection.  Ces 
phenomfenes  sont  erdds  par  la  confluence  de  deux  dcoulements  dont  les  dtats  gdndrateurs  et  locaux  (nombre 

de  Mach,  inclinaison  de  la  vitesse,  etc...)  ainsi  que  les  compositions  chimiques  sont  tres  diffdrents. 

Nous  examinerons  en  premier  lieu  le  cas  de  I'dcoulement  externe  supersonique  qui  conduit  aux  effets 
d' interaction  les  plus  marquds.[27,  28]. 

1.3.2  Ecoulement  externe  supersonique 

Nous  analyserons  d'abord  un  exemple  typique  extrait  de  la  rdfdrenoe  [ 27  ]•  La  configuration  gdomd- 

trique  dtudide  (arridre-corps  cylindrique  muni  d'une  tuyere  coaxiale)  est  ddfinie  figure  31  . Les  dcoule- 
ments interne  et  externe  sont  alimentds  par  de  I'air  ayant  la  mdme  tempdrature  ( ).  Le  nombre 

de  Mach  4e  I'dcoulement  externe  est  uniforme  en  amont  du  culot  et  dgal  a 2,  de  mSme  que  le  nombre  de 

Mach  nominal  de  la  tuydre  d'djection  du  flux  interne.  L'dquipement  en  prises  de  pression  statique 

indiqud  figure  32  permet  la  mesure  simultande  de  la  pression  de  culot  et  des  pressions  d la  paroi  de  la 
tuydre.  Le  rdsultat  des  mesures  obtenues  lorsque  le  rapport  H/h  varie  est  reprdsentd  figures  31  et  32. 

La  courbe  donnant  I'dvolution  de  en  fonction  de  (figure  31  ) peut  dtre  divisde  en 

3 domaines. 

Le  premier  (l)  qui  correspond  d des  ddbits  trds  petits  est  marqud,  comme  on  I'a  vu  au  paragraphe  1.2.6, 
par  une  croissance  continue  de  jusqu'd  une  valeur  maximale. 

Dans  le  second  domaine  (ll)  on  observe  une  ddcroissance  brutale  et  rapide  de  la  pression  culot  jusqu'a 
une  valeur  minimale  trds  basse  ( ~ 0,18).  Durant  cette  phase  on  enregistre  successivement  : 

- I'amorqage  de  la  tuydre  d'djection  jusqu'd  son  extrdmitd  (de  a d b,  figures  31  et  32  ); 


- 1 * etablissement  d'vin  regime  de  confluf^nce  des  ecoulements  interne  et  externe  entierement  supersonique 

(de  b en  c,  figure  31  ). 

Dans  le  domaine  III  la  pression  ae  culot  augmente  uniformement  lorsque  la  ieHonto  au  jet  interne  se 
poursuit.  L’ ecoulecient  est  alors  tres  :'table. 

Get  example  I'ait  apparaltre  une  evolution  rapide  mais  continue  des  phcnomenes  qui  n'ust  pas  touj'/urs 
realisee,  comme  le  montre  la  figure  33  [^8] 

Aux  variations  de  » representees  id  en  fonction  du  taux  de  detente  ^y/J^co  » associees  des 

cliches  de  visualisation  strioscopique  de  I'ecoulement  qui  illustren*  les  differonter;  circons tances  decrites 
precedemment. 

On  observe  sur  ce  deuxieme  exemple  que  la  phase  d^amorqage  de  I’ejecteur  (domaine  II ) teraine  par 
une  discontinuity  brutale,  I’ecoulement  exterieur  se  comportant  vis  a vis  du  jet  central  comce  ^r.  diffuseur 
de  soufflerie  supersonique  a second  col  reglable. 

D'autre  part  un  phenomene  d'hysteresis  apparalt.  Lorsque,  1' eject eur  une  fois  :■  .n  fait  dc'crcltre 
le  taux  de  detente  % le  desamorqage  se  produit  pour  une  valeur  de  differente  ae  ceLl^-  qui 

pond  aux  conditions  d'amor^age. 

Ces  deux  exemples  montrent  qu'au  cours  de  la  phase  II  la  structure  du  decollement  subit  un  boulever- 
sement  considerable  qui  se  traduit  par  le  passage  d'une  situation  analogue  a celle  du  paragraphe  1.1.3  com- 
portant une  zone  decollee  etendue  avec  un  point  d*arr$t  sur  I’axe  et  des  effets  axisymetriques  inportar.ts,  a 
une  situation  de  confluence  autour  d'une  zone  decollee  reduite  dont  la  structure  presente  un  caractere 
bidimensionnel  dominant. 

Dans  ce  dernier  cas  1 ' organisation  interne  de  la  zone  decollee  est  presque  toujours  marquee  par  la 
presence  d'une  circulation  de  fluide,  favorisant  les  echanges  entre  ecoulements  interne  et  externe,  comme 
indique  figure  34  . L'ecoulement  le  plus  lent  ch^e  un  certain  debit  entralne  par  I'ecoulement  le  plus 
rapide  [9  ]. 

Apres  avoir  decrit  les  phenomenes  observes  au  culot  en  presence  du  jet  d'un  propulseur,  nous  aliens 
examiner  maintenant,  h.  I'aide  de  resultats  extraits  de  la  reference  [ 37  ] les  effets  des  principaux  para- 
metres  qui  les  regissent.  Pour  simplifier,  nous  nous  placerons  dans  le  cas  d'un  arriere-corps  cylindrique. 

^fet  des  dimensions  transversales  de  tuyere  propulsive 

Get  effet  est  analyse  fi^re  35  , les  resultats  presentes  couvrant  un  large  domaine  de  variation  du 

rapport  7/rc  (0,2^  ^ 0,8). 

Lorsque  diminue  on  observe  : 

- une  decroissance  marquee  de  la  pression  de  culot  maximale  (voir  § 1.2.6)  ; 

- un  accroissement  tres  sensible  de  1' Etendue  du  domaine  II  ; les  valeurs  de  conduisant  a la  pression 

de  culot  minimale  (fronti^re  du  domaine  III)  sent  d'autant  plus  elevees  que  est  plus  faible  ; 

- corryiativement  tine  diminution  sensible  de  dans  le  domaine  III. 

On  notera  que  la  valeur  de  1®  plus  faible,  enregistree  a la  frontiere  des  domaines  II  et  III  est 

par  centre  pratiquement  indepen 'ante  de  7/'c  • 

Effet  du  nombre  de  Mach  nominal  de  la  tuyere  propulsive 

Les  resultats  presentes  figure  36  concernent  2 configurations  d ' arriere-corps  qui  ne  different  que 
par  le  nombre  de  Mach  nominal  de  la  tuyere  d* ejection,  respectivement  egal  a 1 et  2. 

La  diminution  de  entralne  : 

- une  augmentation  du  niveau  de  la  pression  de  culot  dans  le  domaiiie  III.  Dans  le  cas  d'une  valeur  sonique 
de  cette  variation  est  tres  sensible  et  compense  dans  '^ne  certaine  mesure  la  perte  de  poussee  d’une 
telle  tuybre  ; 

- des  differences  assez  notables  dans  le  domaine  II  lieer  a I'apparition  de  regimes  instables  diff^rant 
d'une  tuyere  a 1' autre. 

Effet  des  formes  geometriques  et  de  la  position  de  la  tuyere  propulsive 

La  figure  37  montre  I'^volution  de  on  fonction  de  pour  3 tuyeres  de  nombre  de  Mach 

nominal  egal  a 2,  ayant  m$me  section  de  sortie  et  differant  seulement  par  1 ' inclinaison  f!’  de  la  paroi 
au  bord  de  fuite  (o  4 ^ 10°). 

L'effet  que  provoque  cette  modification  de  forme  est  faible  et  n'apparalt  que  pour  la  valeur  de  /3. 
la  plus  elevde.  II  .se  traduit  pai  un  leger  accroissement  dc  la  pression  de  culot  dans  le  domaine  III,  it 
borne  inferieure  de  ce  domaine  dtart  pratiquement  la  mftrae  pour  les  3 tuycre.s. 

La  distance  )(j  qui  definit  la  position  du  plan  de  sortie  de  la  tuyere  propulsive  par  rapport  au  plan 
du  culot  est  dgalement  un  parametre  gdorndtriquo  important  intervenant  de  manidre  sigt. if icative  dans  les 
calculs  d' optimisation  de  la  poussee. 
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Les  config^irations  pour  lesquelles  Xj  est  negatif  (tuyeres  enterrees)  sont  gen^ralement  utilisees 
dans  le  domaine  de  1 'Aeronautique.  Elies  ont  permis  d'obtenir  de  tr^s  bons  r^sultats  pour  I'adaptation  de 
tuybres  convergentes  dans  les  dotnaines  de  vol  subsonique  et  transsonique  [ 29  ]• 

Nous  nous  interesserons  ici  aux  situations  pour  lesquelles  Xy  est  positif  (figure  36  ). 

Le  cas  limite  repreaente  figure  38b  correspond  au  recollement  de  I’ecoulement  externe  sur  la  paroi 
exterieure  de  la  tuyere  prolong^e  en  aval  du  culot  a la  oaniere  d'un  dard.  La  zone  deccllee  est  alors 
soustraite  aux  effets  d’induction  du  jet  et  la  pression  de  culot,  pour  les  taux  de  detente  faibles  ou 
moderes  est  sup^rieure  a celle  qui  est  obtenue  pour  Xj  = 0 (figure  36a  ),  specialement  lorsque 

est  petit. 

Pour  des  valeurs  de  Ir  inferieures  a la  precedente,  la  confluence  des  ^coulements  internes  ot 
externes  peut  se  produire.  L*6tendue  longitudinale  de  la  couche  de  melange  du  jet  est  plus  faiblt:  qu'en 
V et  egalement  plus  elevde 

Ces  quelques  exemples  illustrent  les  effets  sur  la  pression  de  culot  des  facteurs  d' influence  les 
plus  significatifs  de  la  presence  du  jet  propulsif. 

D'autres  cas  seront  trait^s  dans  la  seconde  partie  de  cet  expose, a titre  de  contrfile  des  methodes 
de  calcul  appliquees  en  particulier  h.  1* optimisation  des  formes  d'un  arriere-corps . L'utilisation  de  ces 
methodes  requiert  notamment  la  connaisseince  aussi  precise  que  possible  de  la  frontiers  des  domaines  II  et 
III  (point  C,  figure  31  ). 

La  correlation  empirique  proposes  reference  [30  ] a pour  objet  de  definir  la  valeur  de 

Cette  correlation  de  diverses  experiences  (figure  39  ) est  basee  sur  1' existence  d'une 

tement  reliant  ( ) en  C et  de  la  forme  : 

/jj  j r.  /y  A Ki 

dans  laquelle  /fj  et  Ht  sont  des  fonctions  de  fournies  par  1' experience. 

L'utilisation  oonjointe  de  cette  loi  et  des  methodes  de  calculs  usuelles  de  la  pression  de  culot  en 
dcoulement  supersonique  permet  de  pr^voir  la  valeur  de  au  point  C. 

1.3.3  Eooulement  externe  subsonique 

Un  eiemple  typique  de  variation  de  la  pression  de  culot  en  presence  d'un  jet,  dont  le  taux  de  detente 
augmente,  dans  le  cas  d'un  Eooulement  externe  subsonique  ( fit,  = 0,9)  est  donne  figure  40  . Cette  evolu- 

tion est  oomparee  a oelle  qui  est  obtenue  lorsque  le  nombre  de  Mach  Mi,  est  faiblement  supersonique 
( Ml,  = 1,2)  et  qui  reproduit  les  traits  essentiels  definis  paragraphe  1.3.2.  Cet  exemple  est  extrait 
de  la  rEfErence  [ 31  ]. 

On  remarquera  tout  d'abord  I'analogie  qui  existe  dans  1' Evolution  de  ces  2 courbes  pour  les  taux  de 
dEtente  faible  ( 1 ,5). 

L' inflexion  trEs  oaractEristique  qui  se  produit  ensuite  lorsque  I'Ecoulement  externe  est  subsonique 
est  toujours  observEe.  Elle  coincide  avec  la  formation  et  la  phase  initiale  de  dEvoloppement  d'un  je-. 
supersonique  en  aval  du  col  de  1'  tuyEre. 

Les  effets  du  paramEtre  sur  le  coefficient  de  pression  de  culot  [ 31  ] sont  presentEs  figure 

41  pour  diffErents  taux  de  dEtente  et  pour  deux  valeurs  du  nombre  de  Mach  externe  encadrant  le 

domaine  transsonique  ( = 0,9  et  4^,^  = 1,l). 

Ces  rEsultats  rEvElent  comme  en  supersonique  (l.3.2)  une  action  importante  et  complexe  de  ce  paramEtre 
sur  le  niveau  de  , qui  se  traduit,  en  gEnEral,  par  une  decroissance  do  la  pression  de  culot  lorsque 

C'/rc  diminue,  pour  les  valeurs  ElevEes  du  taux  de  dEtente.  Pour  des  valeurs  faibles  de  I'-'/ipt,  la  tendance 
inverse  est  observEe,  oe  qui  entralne  dans  le  domaine  intermediaire  une  Evolution  de  ^ oarac- 

tErisEe  par  la  prEsence  d'un  minimum. 

1.3.4  Effets  liEs  E la  tempErature  et  E la  composition  chimique  du  jet 

Les  rEsultats  prEsentEs  jusqu'E  prEsent  concernent  le  cas  d' Ecoulements  d'air  ayant  la  mEme  tempera- 
ture gEnEratrice.  II  n'existe  que  peu  d'Etudes  ou  I'influence  du  rapport  ait  EtE  systematiquement 

analysEe.  Les  variations  de  /Ti,  expErimentEes  sont  en  genEral  faibles,  infErieures  a 3 et  s'accompa- 
gnent,  compte  tenu  du  mode  de  chauffage  le  plus  souvent  utilisE  (combu.  tion  de  kerosene)  de  variations  du 
rapport  f des  chaleurs  spEcifiques  du  gaz  chaud  (variables  avec  la  tempErature  et  la  composition 

des  produits  de  combustion),  oe  qui  ontache  les  rEsultats  d'un  effet  parasite  dont  I'importance  ne  peut 
Stre  apprEciee  que  par  le  calcul. 

II  ressort  toutefois  de  ces  Etudes  que  I'effet  de  tant  qu'il  demeure  moderc  ( ''‘K'Ti,  < 3)  ne 

modifie  pas  fondamentalement  I'Evolutio-  des  phEnomenes,  comme  le  montrent  les  exemples  presentEs  figures 

42  et  43  [ 32  ]. 

Les  expEriences  correspondantes  ont  EtE  effectuEes  pour  2 valeurs  du  nombre  de  Mach  exterieur, 

’ll,  = 0,9  et  2,  sur  un  arri^re-corps  cylindrique  6quip^  soit  d'une  tuyere  sonique,  soit  d'une  tuyere 
en  forme  dont  le  nombre  de  Mach  theorique  est  voisin  de  2, 


h/Pt  en  C. 
loi  de  coEpor- 


1 


Lea  reaultata  aunt  donnes  soua  forme  de  courbea  oxprinuiiit  l'tV*art  rolatii’  aur  la  at-  '.Lil'.-’. 

obteriu  en  fonction  du  rapport  \ /T,g  pour  differentoo  valeurr  du  taux  de  detente  *f' , ie  c;a.;  = 

etaiit  prio  conmo  ref erenco.  ( f i^pare  42  ) 

Cor  eeart;;  oont  tre£?  faibler  a Me^  ^ 2 et  ne  depasncnt  ^ere  5 /»,par  c-ntro  le  jorj.','  Oe  leur 
evolution  peraot  d'envirui^er  doo  differenceo  plun  importantec  lorrque  e.;t  ; luo  /prand.  En  r^'-var. '.-ne, 

ces  ecarti.1  deviennont  plus  important:'  a = 0,9  (fi^jure  43  ),  loroque  Ic-  taux  do  dfc'tento  ort  faiole 

( V 2)  et  vont  dans  le  sens  d'une  diminuti(;n  de  la  trainee  de  culot. 

Les  correlations  oxperinientale:i  dcnneco  fi^re  44  [ 21  ],  p^’rmc-ttenl  do  defir.ir  la  correction 

correopondantc , dans  le  car  plus  I'arriero— corps  CL-mporte  uii  retrcint.  Ceo  correlations 

etablies  pour  = 0,9  dans  le  cao  do  corps  fuoelco  de  grand  allongenent  peuvent  ?tre  utillcee::  a Jeo 

nombres  de  Mach  plus  faibles. 

En  ce  qui  Gor.-’erne  lea  effete  dec  pr oprietos  physiques  des  gaz  en  presence,  -urio  discussion  tho-orique- 
du  probleme  sera  effectuee  dans  la  seconde  partie  do  I'expose. 

1_.  3 . 5 Conf igurations  "nul t i tuyeres" 

Les  deccllements  qui  s ’ etablissent  au  culot  d'un  missile  Icrsque  I'effet  propulsif  est  reparti  ontre 
plusieurs  tuyeres  groupees  soitt  beaucoup  plus  complexes  que  ceux  qui  ont  ete  analyses  jusqu'a  presen*.  La 
structure  de  l*ecoulement  en  aval  de  la  ligne  de  separation  est  alors  fortement  tridimen.sior.n'.,lle,  y 
compris  dans  le  domaine  de  recirculation,  de  telle  sorte  que  la  pression  n'est  en  general  plus  'oniforme  sur 
la  surface  du  culot,  conime  dans  le  cas  d'une  configuration  monotuyere  ou  les  ecarts  enregistres  d'uri  point 
a lui  autro  rent  toujours  faibles. 

Des  resul+ats  typiques  d'une  telle  situation  sont  prfsentes  figure  45  pour  un  ecoulement  externe 
supersonique  [ 33  j.  Les  non  uniformites  les  plus  marquees  apparaissent  lorsque  le  ta'ox  de  detente  est 
important  et  lorsque  la  disposition  des  tuyeres  entrains,  par  suite  de  la  confluence  des  jets  en  presence, 
une  sorte  de  cloisormement  de  la  partie  ccntrale  du  culot. 

Nous  exaninerens  cette  situation  dans  le  caw  particulier  des  quadrituyeres  qui  a fait  I'objc-t  de 
nombreuses  etudes  [ 33  , 34  ],  Les  schemas  deduits  do  I'experience  et  representes  figure  46  ddfinissent 
1 ' organisation  de  la  zone  decollee  pour  differents  taux  de  dtHente  d'un  tel  systeme  prcpulsif. 

A basse  altitude,  lorsque  f^i <?^t  faible  (schema  a),  I'effet  d ' entrainemeno  des  jets  ass’ure 
1' evacuation  d'un  flux  provenar.t  de  I'eoculenent  externe  dans  la  sene  centrale  situee  au  vcisinage  dc- 
I'axe.  La  non-uniformite  des  preosions  dans  le  plan  du  culot  eso  alors  peu  m.'-.rque^  (figure  45  ). 

Lorsque  le  taiix  de  detente  d'^vient  plus  eleve  (schema  h)  1' expansion  des  jets  en  sortie  de  tuyere 
provoque  leur  confluence  ; les  gradients  de  pression  positifs  importants  qui  en  resultent  assuront  le  devo- 
loppemcnt  d'un  flux  de  recirculation  intense  de  I'ecouleraent  interne  dirige  d'abord  vers  le  plan  du  culct 
ot  evacuo  oncuite  a la  peripherie  des  jets.  I-a  presence  en  C d'un  point  d'arr6t  pour  cet  ecoulement  ie 
rctour  a grande  vitesce  entraine  des  valours  eleveec  de  la  pression  en  ce  point  et  a son  voisinage. 

A hauto  altitude,  lorsque  H' deviont  trbs  grand,  cet  effet  s’accuse  (r:  liema  c),le  dsbi'.  de  recir- 
culation s'accrolt  de  manierc  tres  notable  jusqu'au  blocagc  sonique  des  sections  de  passage  dispsnibles 
entre  les  tuyeres. 

Dans  une  telle  situation  le  coeur  dn  culot  est  le  siege  de  pressions  eleveeo  (figure  45  ) et  ie 
flux  de  chaleur  importants,  (figure  47  ). 

1.3*6  Phenomenes  lies  a I'eclatement  du  jet  interne 

Dans  I'exemple  precedent,  il  ost  interossant  de  suivre  I’evolution  do  la  rrcsci',!;  h la  perirherie 

du  cuJ.ot  lor.squo  augnente. 

A basso  altitude  (a),  on  enregistre  une  forte  dcHente  uc  I'ceoulomcr.*^  extern'.  , la  presv^i^r.  e*ar.t 

tres  infcricuro  a . 

A raoyrnno  altitude  (b)  l'au,r^cntation  do  provoque  im  accroLSormvn*  ao  >'  ■ ;ar  ruite 

r''duction  de  la  detente'  on  D.  ' 

A haute  altitude  (c)  devient  ; uperiour  ^ et.  une  ondc  dr  oh  *-'  cc-  f.-rmo  au  voioinage  do 

I'ar^te  D.  L' ir  ten.site  do  eotte  ^nde  au/pmento  avec  entraiiu  un  doe  llom'-uit  do  1 ' t'ec  ulemer.t 

on  am<>nt  du  culot. 

L-'  pho'r.' r.-Tif'  quo  noun  v-'n-n:-.  doerxr'-  ot  qui  • .'^t  asr.-.u'jo  ,m  la  forte  d6t‘:'nt^  de  I'dcculomont  untorno 
O'",  {.iroduiran*  l-urquo  I'altitudo  ao  vol  ost  tres  suporiourt-  a I'altitudo  d ' adar  t at  ioii , n'est  dvidemmont 
pas.  spee  i f iqar  d'-':;  conf  i giui’.a t j ons  multi  tuyeros. 

L ' '.'xomp  !'■  frdsonte  fi^pirc  ceiicornc  I'dludo  a - 2,01  d'un  arri-To-c  ’ 

trcnconiqiK-  ei  dquiyie  d'une  tuyere  contrale  unique  [36  ].  La  progrossi  r.  v>  rs  I'am: 
dr^cy)llomont  sur  lo  retrcint  se  prodult,  d'une  manioro  ••vnilder'.  I'^rsq  taux 

augiBonte. 

Le.'  . !':s  a.'o  ■Ir-:.  't  p r- igr-u-. ■ i v J'an  u 

Lil-an  ].  u. L ils  r*Liu i .-er * i*..-  j-.-rt 


“P'S  muu  d'';’-:  rf'iroint 

; d\.  int  de 

de  dd^.-nt. 
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Par  contre  dans  le  cas  d’un  arriere-corps  muni  d’ailettes  ou  de  gouvernes,  i ' interaction  provoquet 
par  le  decollement , aggravee  eveiituellement  des  dissymetries  dues  a I'incidenco  do  vol  du  missile  pc-ut 
conduire  a des  effets  nefastes  sur  sa  stabilite  statique  ( ‘’7  ). 

1.4  Effets  instatioraaires  dans  les  ecoulements  de  culot 

CoTmue  nou;'  I'avons  vu  paragraphe  1.1,  le  decollemerit  de  culot  eot  le  siege  de  phenomenes  instati^-n- 
nairos  en  partie  provoques  par  la  formation  plus  ou  moins  aleatoire  de  grosses  structures  turbulenter  a 
sa  frontiere,  en  particulier  dans  le  cas  du  vol  non  propulse  et  specialement  en  dcoulomcnt  ;>ut.j:niquc'  c-t 
transsonique. 

Les  fluctuations  do  pression  ainsi  creees  peuvent  avoir  des  facheuses  repercussi  .lu: , ausni  bier, 
sur  le  plan  de  la  tonue  mdcanique  des  structures  que  sur  le  plan  du  pilotage.  C'est  peurquoi  I'analyso 
de  cos  fluctuations  (intensites,  spectre)  est  tres  importante. 

L'exemple  reproduit  figure  49  est  oxtrait  de  [ 38  ].  II  concerne  un  corps  a nes  semi-spberi.^-.tr 

equipe  d'unc  jupe,  tUudie  dans  lui  large  domaine  de  nombre  de  Mach. 

Dans  ce  cas,  I’analyse  des  fluctuations  de  la  pression  de  culot  a ete  effectuee  sur  ’une  maquof  v 
tenue  par  un  dard  dont  la  presence  peut  creer  un  effet  stabilisateur  sur  le  uecollement. 

Les  courbes  de  la  figvzre  49  montrent  I'evolution  avec  la  frequence  reduite  j?  * de  la  foncticn 

spectrale  F(^}  dont  nous  rappellerons  les  definitions  : f(n)  Sn.  represente  la  contribution,  dans 
la  bande  de  ireaue^ce  /a  , a I'intensite  moyenne  des  fluctuations  de  pression  de  culot,  mise  sous  ferme 
adimensionnelle  H/Qjo\  • On  observeia  : 

- dans  le  domaine  0,3  ^ ^ 0,85,  une  independence  du  spectre  des  fluctuations  vis  a vis  du  nonbre  ie 

-lach,  le  niveau  moyen  etant  elev^  (0,02d)  ; 

- un  a^croissement  du  niveau  general,  sans  modification  de  la  forme  du  spectre,  en  transsonique 

( = 0.029  a M„  = 0,9)  : 

- en  revanche,  une  decroissanoe  sensible  de  ce  niveau  en  supersonique,  d'autant  plus  marquee  que  eat 
plus  grand. 

Dans  le  cas  du  vol  propulse,  le  niveau  des  fluctuations  de  est  tres  'aible  lorsqu'une  configura- 
tion de  confluence  en  eooulemont  supersonique  est  realisee.  Par  contre  des  ei.ets  instationnaires  marque.s 
apparaissent  dans  la  phase  d' etablissement  du  regime  amorce,  qui  dependent  fortement  de  la  configuration 
etudiee  (geometrie,  nombre  de  Mach,  etc...). 

Lorsque  I'eooulement  exterieur  est  subsonique,  des  fluctuations  extrJmement  importantes  de  la  pressir.. 
de  culot  peuvent  se  produire,  lorsqu'un  effet  de  oouplage  est  realise  entre  I'intermittenoe  des  frontieres 
turbulentes  du  jet  et  les  perturbations  creees  & I'origines  des  couches  d,  melange  par  les  ondes  de  pression 
instationnaires  que  ces  frontieres  emettent  [ 39  ].  Ce  phenombne  peut  ®tre  extrlmement  violent  dans  le  oas 
d'une  configuration  multitrybre  pour  laquelle  la  zone  oonfinee  centrale  contribue  a exacerber  ces  effets. 


DEUXIEME  PARTIE 


2.  METHODES  DE  CALCUL  DES  ECOULEMEMTS  DE  CULOT 


2^1 5emar3ues_£r|lminaires 

Ainsi  que  nous  venons  de  le  voir,  I'ecouleaent  dans  la  region  du  culot  d'un  engln  est  extremement 
complexe  et  dependant  de  norobreux  parametres  : nombres  de  Reynolds  et  de  Mach,  couche  limite  initiale, 
giom^trie  de  I'arri^re  corps,  conditions  de  fonctionneoent  de  la  (ou  des)  tuySre,  etc...  Par  ailleurs, 
dans  le  cas  des  missiles,  le  regime  est  dans  la  tr^s  grande  majorite  des  cas  turbulent,  ce  qui  rend 
encore  problematique  le  developpement  de  m^thodes  exactes  basees  sur  la  resolution  numerique  des 
equations  de  Nanier -stokes , en  raison  principalement  de  la  difficulte  de  modeliser  convenablement 
la  turbulence  dans  des  regions  decollees  oH  existent  des  effets  fortement  perturbateurs. 

En  consequence,  les  theories  qui  sont  proposSes  pour  traiter  les  problemes  de  culot  ont  un 
caractlre  approche  et  utilisent  ime  schematisation  parfois  sommaire  des  phenomenes  reels.  Elies  ne 
sont  done  pas  en  mesure  de  predire  la  structure  detaillee  de  I'Scoulement  (champ  des  vitesses,  par 
example  ),  mais  elles  permettent  neanmoins  de  determiner,  avec  une  precision  corrects,  certaines 
caracteristiques  globales  (pression  et/ou  flux  de  chaleur  au  culot,  dimensions  de  la  zone  dScollSe) 
dont  la  connaissance  est  souvent  suffisante  dans  la  pratique. 

La  seconds  partie  de  la  conference  eat  consacree  S la  presentation  de  certaines  de  ces  methodes, 
parmi  les  plus  usitees.  Nous  ne  prltendons  pas  etre  exhaustif,  car  un  trSs  grand  nombre  de  thSories 
ont  vu  le  jour  dans  ce  domaine.  Beaucoup  d'entre  elles  ne  different  d'ailleurs  que  par  des  variantes 
secondaires.  Nous  avons  retenu  celles  qui  nous  paraissaient  les  plus  typiques,  ainsi  que  celles  dont 
nous  avons  une  bonne  experience.  On  trouvera  dans  la  rlference  [40] . une  revue  plus  complete  des 
methodes  de  calcul. 


Avant  d'exposer  les  methodes  d^veloppees  pour  traiter  le  problems  de  I'Scoulement  au  culot  d'un 
arriere  corps  de  revolution,  il  nous  a semble  instructif  de  faire  un  rappel  sur  les  theories  relatives 
au  recollement  turbulent,  en  considerant  le  cas  plan  pour  simplifier.  En  effet,  les  methodes  appliqules 
aux  ecoulements  de  culot  font  appel  aux  memes  concepts  et  aux  m&ses  rSgles  fondamentales,  mais  dans 
des  circonstances  plus  complexes  dont  la  prise  en  consideration  peut  masquer  les  principes  de  base 
sous  jacents. 


2.2  Rappels  sur  les  theories  du  recollement  tyu^bulent  bidimensionpel  sur  paroi  en  Scoulement 

SifESESSSiiM® 


Nous  ne  donnerons  ici  qu'un  expos!  succinct  des  theories  consacr!es  au  problSme  du  recollement 
d'un  Icoulement  turbulent  S sa  frontiSre  et  stationnaire  en  moyenne.  Des  revues  plus  completes  de  ces 
methodes  sont  prisentees,  en  particulier  r!f!rences  [ 16.'4l  ] Jious  considSrerons  uniquement  le  cas  super- 
sonique  car  e'est  celui  qui  a donne  lieu  aux  recherches  les  plus  nombreuses  en  raison  de  son  impor- 
tance pratique  pour  les  missiles  ou  les  lanceurs  et,  probablement  aussi,  de  la  simplification  relative 
apportee  par  le  caractSre  hyperbolique  des  Equations  regissant  l'!coulement  non  visqueux.  Les  quelques 
methodes  d!velopp!es  en  subsonique,  qui  seront  citees  plus  loin,  s'inspirent  d'ailleurs  de  concepts 
analogues . 

Les  Itudes  thioriques  sur  le  recollement  supersonique  turbulent  ont  et!  largement  inspirees  par 
1 'analyse  exp!rimentale  d!taill!e  de  I'Icoulement  bidimensionnel  plan  en  aval  d’une  marche  descendante. 
Aussi,  avemt  d'entrer  dans  I'expos!  des  m!thodes,  il  n'est  pas  inutile  d'examiner  1 'organisation  d'un 
tel  ecoulement  telles  qu'elle  ressort  de  I'observation  exp!rimentale . 


Les  visualisations  strioscopiques  ou  interf!rametrique8  de  la  Figure  ^0  mettent  clairement  en 
!videnoe  les  caracteres  essentiels  de  l'!coulement. 

L'ecoulement  supersonique  non  \isqueux  subit  d'abord  une  detente  pratiquement  centr!e  5 
1 'arete  de  la  marche  et  se  trouve  ainsi  fortement  devi!  vers  la  paroi.  A 1' impact,  se  forme  une 
recompression  par  ondes  convergentes  se  focaliseuit  en  un  choc.  Vers  I'aval,  l'!coulement  redevient 
uni forme  et  parallSle  a la  paroi. 


Une  couche  turbulente  et  fortement  dissipative  s!pare  le  fluide  non  visqueux  d'un  domaine  ferm! 
accole  d la  marche,  appel!  communement  "eau  morte". 

La  distribution  parietale  des  pressions  reflete  I'evolution  de  l'!coulement  ext!rieur 
(Figiu"e  51  ).  Elle  pr!sente  5 I’origine  une  d!tente  initiale  de  ^ ^ » suivie  d'une  tris 

l!gere  d!croissance  dans  la  zone  d'eau  morte.  La  recompression  continue  qui  s'!tablit  ensuite  est 
d'abord  rapide  puis  elle  s'inflechit  progressivement  jusqu'S  une  pression  constants  et  tres 

voisine  de 
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Ce  type  de  d6collement  est  stable  et  1 'observation  avec  un  temps  d 'exposition  trSs  bref,  de  j 

I'ordre  de  la  us  (Figure  50  ),  donne  une  description  de  1 ' 6coulement , a l'ext6rieur  de  la  zone 
d6coll6e,  d peine  diffSrente  de  cells  qui  est  obtenue  avec  une  pose  longue  (0,02  s).  Dans  la  photo- 
graphie  iclair  apparatt  cependant  en  detail  le  caractere  instationnaire  et  fortement  tourbillonnaire 

des  couches  dissipatives  turbulentes.  < 

Pour  completer  cet  aperqu  g6n6ral,  considSrons  le  schSma  de  la  Figure  52  , gtabli  d partir  | 

d'une  analyse  exp6rimentale  tres  detaill6e  effectuee  d un  nombre  de  Mach  M^  voisin  de  2 par  Taguirov.  ] 

Cette  6tude  permet  de  d6finir  de  faqon  precise  1 'organisation  de  I'Scoulement  dans  la  zone  d6coll6e  et  ! 

d son  voisinage. 

Dans  son  ensemble,  la  zone  de  d6collement  apparatt  ccoime  un  domaine  ferm6  au  sein  duquel  I'ecou- 
lement  moyen  s'organise  autour  d'un  tourbillon  principal.  Un  tourbillon  secondaire  contrarotatif  est 

situe  au  pied  de  la  marche,  mais  ne  joue  pas  un  r6le  important  dans  I'ivolution  du  courant  de  retour.  ! 

L'ecoulement  dissipatif  peut  etre  divise  en  cinq  regions.  La  premiere,  situ6e  au  voisinage  immSdiat 
de  D est  limitee  d la  detente  initiale  et  au  d6collement  de  la  couche  limite  (I).  En  aval,  se 
developpe  une  zone  de  melange  quasi-isobare  (II)  qui  est  suivie  par  une  premiere  recompression  s'eten- 

dant  jusqu'au  point  de  recollement  R.  En  aval  de  R,  la  recompression  se  poursuit  jusqu'a  un  nouvel  • 

etat  d'equilibre  (IV).  Au  sein  de  la  zone  d6coll6e,  d6limit6e  par  (l),  (II)  et  (III),  nous  distin- 
guerons  le  domaine  de  recirculation  (V)  a I'int^rieur  duquel  reflue  le  courant  alimentant  la  couche 
de  melange. 

La  consideration  de  chacune  de  ces  regions  permet  de  dlfinir  la  structure  des  couches  dissipa-  ] 

tives  et  de  prSciser  le  mecanisme  du  recollement.  Cette  decomposition  a generalement  preside  d 

1 'elaboration  des  moddles  de  calcul.  II  faut  toutefois  souligner  le  caractdre  assez  arbitraire  de  ce  j 

partage  ; en  particulier,  il  n'est  pas  usuel  de  separer  le  domaine  (V)  des  regions  (II)  et  (III) 
adjacentes,  specialement  dans  I'optique  d'un  traitement  du  decollement  a partir  des  equations  de  la 

couche  limite  (voir  § 2.2.3).  | 

II  est  interessant  de  noter  ici  que  I'analyse  experimentale  des  conditions  de  recollement  d'un  \ 

ecoulement  turbulent  incompressible  en  aval  d'une  meurche  descendants,  conduit  d un  partage  de  la 
zone  decouee  pratiquement  identique  d celui  qui  est  envisage  ici.  Toutefois,  dans  le  cas  subsonique, 

le  decollement  de  la  couche  limite  au  voisinage  de  1 'arete  se  produit  sans  variation  aussi  brutale  ! 

de  la  pression. 

Aprds  cet  aperqu  phenomenologique,  nous  allons  presenter  des  theories  dont  I'objectif  essentiel 
est  de  calculer  la  pression  J^c  4ui  s'etablit  dans  la  zone  decoliee  isobare,  et  qui  s'exerce  sur 
la  marche  (pression  de  culotj.  Dans  une  analyse  du  probldme  de  la  pression  de  culot.  Chapman  a montre 
que,  dans  I'hypothese  du  fluids  parfait,  il  existait  une  infinite  de  solutions  possibles.  La 
pression  ^ demeure  indetenainee.  En  consequence,  one  theorie  en  fluids  strictement  non  visqueux  est  i 

inapplicable  dans  la  pratique.  j 

L' indetermination  ne  peut  etre  levee  qu'en  faisant  intervenir  la  viscosite.  Les  metbodes  de  ] 

calcul  devront  done  etre  en  mesure  de  schematiser  correctement  le  comportement  des  zones  dissipatives.  1 

Le4  theories  existantes  peuvent  etre  classees  grossiSrement  en  deux  categories  : j 

- les  premieres  decomposent  l'ecoulement  en  des  parties  discretes  qu'elles  tmalysent  separement  ; 
elles  s'inspirent  pour  cela  de  I'examen  experimental,  tel  que  celui  qui  vient  d'etre  presente.  Ce 
mode  de  resolution  eat  appeie  par  Nash  [42]  l'"approche  analytique”.  Pratiquement,  toutes  les 
theories  developpees  dans  ce  cadre  decoulent  du  module  de  Chapman-Korst  [43  £ 45]. 

- dans  la  seconds  categoric,  entrent  les  theories  denommees  par  Nash  "methodcs  integrales".  Elles 
consistent  $ appliquer  3 1 'ensemble  de  la  couche  dissipative  les  equations  de  la  couche  limite 
qui  sont  gSneralement  resolues  apr^s  mise  sous  forme  intdqrale-  serait  d'ailleurs  plus  exact 
d'appeler  ces  theories  "methodes  d ' interaction  forte”  pour  les  raisons  que  nous  verrons  plus  loin. 

La  premiere  tentative  dans  cette  voie  est  due  S Crocco-Lees  [46] . 

2.2.2  _Theories  deri^es_du  TOdeie_de  Chapman-lforst 

Le  module  fondamental  dont  il  est  ici  question  a ete  propose  independamment  par  Chapman  et  Korst 
au  debut  des  cuinees  1950.  Les  deux  theories  reposent  sur  les  memes  concepts  de  base,  mais  I'une,  celle 
de  Chapman  traite  le  cas  laminaire,  tandis  que  I'autre,  due  d Korst,  s 'applique  au  turbulent.  Nous 
porterons  done  essentiellement  notre  attention  sur  la  methods  de  Korst. 

Dans  ce  module,  la  couche  dissipative  est  divisee  en  deux  regions  : 

- une  zone  de  melange  isobare  dont  la  pression  fc  est  egale  i celle  de  l'ecoulement  contigu 
non  visqueux,  de  nombre  de  Mach  ffg  (region  (I)  ), 

- une  zone  de  recompression  (region(Il))  oil  l'ecoulement  decolie  reprend  contact  avec  la  paroi. 

Examinons  d'abord  le  coisportement  des  particules  fluides  qui  parcourent  la  couche  de  melange  et 
abordent  la  zone  de  recollement.  Le  maintien  du  regime  permanent  exigeant  la  conservation  de  la  masse 
fluids  contenue  dans  I'eau  morte,  e'est  la  ligne  de  courant  (j)  issue  exactmsent  du  point  de  decollement 
D qui  doit  aboutir  au  point  de  recollement  R.  (voir  Figure  53). 


^ lM 


6-IS 


I 


i 


] 


Toute  ligne  de  courant  situiSe  au-desaus  de  (j),  doit  se  prolonger  en  aval  de  R,  et  toute 
llgne  de  courant  situ^e  au-dessous  de  (j)  doit  retoumer  vers  I'eau  aorte.  Le  courant  de  reflux  qui  | 

s’itablit  ainsi,  innSdiatement  en  aaont  de  R,  iiq>lique  I'exiatence  d'un  gradient  de  pression  anta-  i 

goniste,  c'est-d-dire  que  dans  I'Scoulement  non  viaqueux,  se  produit  une  onde  continue  de  coopression  i 

qui  remplace  I'onde  de  choc  du  nodile  relatif  au  fluide  parfait. 

Le  sch&na  pr^cSdent  peut  etre  generalist  pour  tenir  ccopte  d'une  injection  tventuelle  de  masse 
dans  I'eau  morte  de  dtbit  (voir  Figure  3U  ).  Alors,  la  ligne  de  courant  ('f ) qui  aboutit  au  point  | 

de  recoUement  R et  qu'on  appellera  la  ligne  de  courant  limite,  est  distincte  de  la  ligne  de  jet  (j). 

Le  principe  de  conservation  de  la  masse  implique  que  est  tgal  au  dtbit  compris  entre  (j)  et  (/)  | 

i 

R ttant  un  point  d'arret  sur  {!),  il  est  ntcessaire  que  la  quantitt  de  mouvenent  disponible  i 

sur  (^)  au  point  C,  immtdiatement  en  amont  de  la  recompression,  soit  d'un  niveau  strictement  dttermint 

par  la  condition  de  s'annuler  en  B sous  I'effet  du  gradient  de  pression  adverse  et  des  forces  de  ’ 

viscositt  rencontrtes  entre  C et  R<  Si  cette  condition  est  rtaliste,  il  est  Evident  que  les  particules  I 

fluides  cheminant  au-dessous  de  (-t),  animtes  d'une  vitesse  plus  faible,  rebrousseront  chemin  avant  | 

d'avoir  atteint  R,  alors  que  les  particules  s'tcoulant  au-dessus  de  (/),  plus  rapides,  pourront 

surmonter  1 'action  de  freinage  entre  C et  R et  s'tchapper  du  cStS  aval.  i 

Les  trois  problemes  fondamentaux  qui  se  dtgagent  de  cette  analyse,  sont  done  les  suivants  : i 

I 

1.  Determiner  I'^tat  du  fluide  dans  la  zone  de  mSlange.  Nous  caracteriserons  cet  ecoulement  en  | 

chaque  point  par  lea  variables  ; j 

. <e  ±.  ^ 6 (^)  i 

Le  problSme  correspendant  eat  dit  "probieme  du  melange  isobare". 

2.  Connaissant  lea  profila  et  6(^)  dans  la  couche  de  mSlange,  au  niveau  du  point  C 

od  comnence  le  phenomSne  de  recoUement,  difinir  quelle  est  la  ligne  de  courant  (/)  qui 
aboutira  au  point  d'arret. 

3.  Enoncer  une  condition  qui  permettra  d'assurer  I'unicitS  de  la  solution.  C'est  le  probl^me 
du  "critSre  de  recoUement". 


1.  U6lange  turbulent  isobare 

La  distribution  de  vitesse  dans  la  zone  de  melange  peut  Stre  decrite  par  une  solution  approchSe 
due  d Korst. 

Pour  I'obtenir,  on  dSfinit  un  premier  systeme  de  coordonnSes  (X,Y)  orthogonal  et,  en  gSnSral, 
curviligne  dont  I'axe  X suit  la  frontidre  isobare  de  1 ' Scoulement  ddcolld  non  visqueux,  puis  un 
deuxidme  systdme  intrinsdque  ( -X  , ^ ) tel  que  : 

Aprds  diverses  simplifications,  et  1' introduction  d'un  moddle  de  viscositd  tourbiUonnsdre, 

1 'Equation  du  mouvement  se  met  sous  la  forme  ; 

(1)  A.  » J— 

dt 

L'expdrience  des  jets  incompress ibles  conduit  d prendre  pour  £ 1 'expression  : 


<f- 


1 

♦ <r* 
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oil  (T  est  le  psramdtre  de  mdlange  turbulent. 


Korst  a donnd  une  solution  gdndrale  de  1 'Equation  (1)  qui  tient  compte  du  profil  de  vitesse 
de  la  couche  limite  initiale  d I'origine  de  la  zone  de  mdlange.  L'expression  prdsente  1' inconvenient 
de  conduire  d des  calculs  assez  longs,  c'est  pourquoi,danB  la  pratique,  on  utilise  le  plus  souvent  la 
solution  correspondant  au  cas  d'une  couche  limite  initiale  nulle  et  qui  s'dcrit  ; 


La  relation  (2)  peut  Stre  employde  si  la  couche  limite  n'est  plus  trds  petite  devant  I'dtendue 
du  decollement  d condition  d'utiliser  le  concept  d'origine  fictive  du  melange  introduit  par  Kirk [47] 
et  repris  par  de  nombreux  auteurs  [41]  . En  presence  d'une  couche  limite  non  negligeable,  le 

processus  de  melange  turbulent  est  suppose  se  developper  d'une  manidre  analogue  d celle  qui  serait 
obtenue  en  1 'absence  de  couche  limite  d partir  d'une  origine  fictive  0 situee  en  asnnt  du  point  de 
separation  D,  la  distance  OD  dependant,  en  premidre  analyse,  de  I'epaisseur  de  quantite  de  mouvement  Sf 
de  cette  couche  limite  et  du  nombre  de  Mach  de  I'ecoulement  exterieur  non  visqueux. 
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Le  dScala^e  correspondant  2^  ■ OP  peut  etre  obtenu  de  diverses  maniiree.  En  particulier, 
Solignac  et  al.  [48]  ont  propos8  une  relation  8tablie  i partir  de  I'hypotbise  que  la  quantity  de 

oouvenent  contenue  en  D daoe  la  coucbe  de  melange  fictive,  au-dessus  de  la  ligne  de  jet  (j)/e8t 
identique  i celle  de  la  couche  linite  r8elle  en  ce  m&ie  point  ; ce  qui  conduit  8 la  relation  : 

. <r  A 
/ 

dans  cette  expression,  I est  la  fOnction  du  nombre  de  Mach  dSfinie  par  ; 


I ‘ -L.  <(>(l-<e)dp 


calculable  d'aprSs  les  lois  connues  du  melange  isobare  dans  l'8tat  asymptotique . 

La  relation  (2),  appliquSe  coopte  tenu  d'un  decalage  fictif  Sventuel  de  I'origine  du  melange, 
pernet  done  de  determiner  le  profil  de  vitesse  i toute  abscisse  X . Le  calcul  de  suppose  que 

soit  egalement  resolue  I'^quation  de  I'energie-  Le  plus  souvent,  il  est  suppose  que  le  nombre  de 
Prandtl  turbulent  est  egal  a 1.  Dans  ces  conditions,  la  distribution  de  temperature  generatrice  dans 
le  melange  isobare  est  de  la  forme  : 

X « 

soit»  compte  tenu  des  conditions  aux  limites  : 

(e  ^0  Ti  , Ti„  (temperature  de  I'eau  morte) 

P — 1 Ti 

A M ^ (1,  ^)<e  • t ( 1.  Am)  ¥ 

fie  Ue  ^ie 

D'od,  en  introduisant  le  no»bre  de  Crocco  : tel  que  : 


(.3) 

2.  Determination  de  la  ligne  de  courant  Unite  (t) 

Considerons  la  zone  de  melange  isobare  a la  pression  ft  qui  se  developpe  depuis  le  point  de 
decollement  D (voir  Figure  55  ).  En  D existe  une  coucbe  limite  initiale  dont  les  epaisseurs  caracteris- 
tiques  apres  detente  de  S A sout  ■,  • Supposons  en  outre  que  soit  operee  dans 

I'eau  morte  une  injection  de  debit  masse  et  de  quantite  de  mouvement  -in  . L' application  des 

theoremes  de  conservation  d la  surface  de  controle  isobare  (-» , £ £',tm)  oil  EE’  est  une  ligne  de 
courant  assez  eioignee  pour  etre  en  dehors  de  la  zone  visqueuse  et  dans  le  cas  oil  la  paroi  est  rejetee 
d I'infini  (vitesse  de  retour  nigligeable)  conduit  aux  relations  suivantes  : 

- conservation  de  la  quantite  de  mouvement 

f^£' 

(i)  / J 

fetK  ee~K 


Le  second  membre  8tant  connu  par  hypothdse  et  d8termin8s,  cette  relation  dSfinit  la 

cote  7^'  d donner  d la  ligne  de  courant  EE',  e’est-d-dire  determine  le  calage  en  ^ du  profil  des 
vitesses  et  des  temperatures  tel  que  la  conservation  de  la  quantity  de  mouvement  soit  respectee  d 
1 'abscisse  X . Le  decalage  du  systdme  intrinsdque  par  rapport  au  systdrae  de  reference  se  trouve 

done  determine.  " 

- conseryation_de  la_masse 

Pour  que  la  masse  fluide  contenue  dans  I'eau  morte  se  conserve,  il  faut  et  il  suffit  que 
entre  (^)  et  EE'  on  trouve,  a chaque  abscisse,  un  dibit  Igal  au  dibit  dans  la  tranche  X%0  soit  : 


E 


En  fomsnt  (4.5  ) puis  en  remarquant  que  : 


il  vient 


(6) 


<r  ( 


— * f^c)*  [ i>(l.<p)dn 


Dans  cette  expression,  le  deuxi&ae  membre  est  connu  : la  seule  inconnue  est  done  7^  qui  se 
trouve  ainsi  dSterminS,  d'oil  r^sultent  les  conditions  sur  la  ligne  limits  f(^)  et  ^ (^) 

La  relation  (6),  Stablie  par  Caxriere  [**9]  pennet  d'introduire  le  coefficient  d'injection 
generalise  : 


( ll:  X*Ji) 


qui  montre  que  I'effet  de  couche  limits  initials  peut  etre  assimilS  d une  injection.  En  definitive, 
on  constate  que  : 

-i^ » ( \ , Cf . yim , r ) 

(6) 

dans  le  cas,  bien  sur,  d'un  gaz  calorifiquement  parfait. 

Les  calculs  qui  precedent  ayant  montre  1 ’influence  de  la  couche  limits  initials,  la  question 
se  pose  de  determiner  dans  chaque  cas  particulier  I’etat  de  cette  couche  limits  a 1 'origins  du  melange 
isobars,  o'est-3-dire  apres  la  detente  en  D de  ^ 5 ^ . 

Plusiexirs  methodes  ont  ete  proposees  poxur  calculer  I'etat  de  la  couche  limits  aprls  la  detente 
centres  [50,51,52]  • Elies  font  en  gineral  I'hypothese  que  la  detente  est  un  processus  si  rapide  que 

les  phenomenes  de  viscosite  sont  negligeables. 

Une  formule  commode,  et  souvent  utilises,  est  cells  proposes  par  Nash  : 


% 4 -^4 

II  est  egalement  possible  d'employer  les  relations  etablies  par  Resbotko  et  Tucker  [53] 
dans  I'etude  des  effets  d'une  discontinuite  de  pression  sur  les  caracteristiques  de  la  couche  limits. 


3.  Critire  de  veaollement 

Les  relations  precedentes  permettent  de  determiner  les  caracteristiques  de  la  couche  de  meicuige 
ainsi  que  les  conditions  sur  la  ligne  de  courant  limite  en  function  de  facteurs  d' influence  representes 
par  le  coefficient  C<j  et  pour  une  pression  de  decollement  (ou  un  nombre  de  Mach  ) donnee. 

Im"fermeture"  du  problSme,  exige  1* introduction  d'une  loi  ou  condition  suppiementaire , appeie 
communement  "critere  de  recollement". 

Historiquement,  le  premier  critSre  propose  est  le  "critdre  d'echappenent"  de  Chapnan-Korst . II 
consists  d'abord  5 supposer  qu'entre  la  fin  du  plateau  isobare  et  le  point  de  recollement,  les  forces 
de  viscosite  sont  negligeables  devant  les  tenses  d'inertie  et  de  pression.  En  consequence,  la 
compression  s'effectue  isentroniquement  sur  cheque  ligne  de  courant. 

II  est  ensuite  admis  que  la  pression  d 'arret  fif  sur  la  ligne  limite  (/)  au  mcnent  oO  elle 
aborde  le  recollement  est  juste  egale  3 la  pression  statique  regnant  dans  I'ecoulement  en  fin 

de  coispression  (voir  Figure 5 1). 
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La  m6thode  pratique  de  calcul  conaistci  par  exanple,  i ae  donner  la  pression  de  culot  . On 
en  d6duit  iiiiii6dlatement  • 4 • ^ ainsi  que  le  nombre  de  Mach  (en  consid£rant 

soit  une  coo^ression  iaentropique,  aoit  une  coopreaaion  par  choc).  La  relation  (d),  jointea  auz 
fonaulea  (2)  et  (3)  pemet  de  dfiterauner  • 9m  ^ ^ £tant  donn^a.  d'od  ff  . Le  noahre  de 
Mach  ft/  aur  la  ligne  liaite  ae  calcule  enauite  aiaSment  8 pai-tir  de  • Dana  le  caa  iao-finergStique 

(Ti  mek  ) on  a aimplement  : 


1,1=1  Hid.  ff) 


d'od  : 


II  convient  alors  de  s'aasurer  que  la  condition  (10)  eat  hien  aatiafaite.  Si  ce  n'eat  paa  le 
caa,  on  eaaaye  une  nouvelle  valeur  de  , 1 'operation  6tant  r6p6t6e  juaqu'8  ce  que 

Lea  premiSrea  applicationa  de  la  thSorie  effectuSea  par  Korat,  en  eonaid€rant  la  couche  limite 
initiale  comme  nSgligeahle,  donnaient  un  aaaez  hon  recoupement  avec  1' experience.  En  fait,  on  a 
conatate  plua  tard,  que  le  hon  accord  etait  fortuit  et  provenait  de  la  conpenaation  de  deux  erreura  : 
la  premiere  conaiatant  8 n^gliger  la  couche  liiaite,  la  aeconde  r^aidant  dana  1 ' inexactitude  du  crit8re 
d ' echappement  {10). 

De  nomhreuaea  modificationa  ont  alora  $t$  propoaSea  pour  aatSliorer  le  crit8re  de  Chapnan-Korat . 
Nous  ne  mentionnerona  que  lee  plua  marquantea  en  nous  Stendant  toutefois  davantage  sur  la  notion  de 
"critire  angulaire"  qui  eat  8 la  haae  dea  methodes  developpSeB  8 I'ONERA  pour  traiter  lea  probl8mea 
de  culot. 

Crit8re  de  Naah 


Le  nodSle  d'^coulement  de  culot  iitiliae  par  Naah  eat  easentiellenent  le  mSme  que  celui  de 
Korat.  La  difference  eaaentielle  porte  aur  le  fait  que  Naah,  aans  doute  le  premier,  a ais  en  evidence 
que  la  preaaion  atatique  au  recolleaent  , est  inferieure  8 la  pression  aval  p,  , ce  qui 

explique  1' inexactitude  du  critSre  de  Chapnan-Korat.  Pour  tenir  coapte  de  cette  constatation,  Nash 
introduit  le  rapport  : 

N m 

^4  - 

qui  doit  etre  demande  8 1' experience.  La  condition  ^i/  ■ d eti  conservee,  naia  aaintenant 
< Pt  . Le  coefficient  N varie  avec  le  noobre  de  Mach  ff,c  (Figure  56a  ),  1 'evolution 
etant  toutefois  raoins  sensible  en  supersonique.  Poiur  cette  raison,  Nash  a initialeaent  adopte 
une  valeur  moyenne  N • 0,35-  En  fait,  N est  egaleaent  function  de  la  couche  liaite  initiale  [54]. 


CritSre  de  Roberts  j 

i 

Le  critere  de  recolleaent  propose  par  Roberts  est  base  sur  une  analogie  entre  la  variation 
de  pression  de  pt  8 Pf  dans  un  recolleaent  et  la  croissance  de  pression  de  ^ ^ fe  ''''  cours 

d'un  processus  de  decolleaent.  Roberts  introduit  un  paraa8tre  de  recolleaent  R defini  par  : 

/?.  ^ 

et  donne  par  la  relation  eapirique  : 

R - 0,799  + 0,1560  fill  - 0,08237  >7,'  + 0,009564  Ht^ 

qu'il  a deduit  de  resultats  sur  le  decolleaent  supersonique. 

Ainsi  qu'on  le  constate  Figure  56b  , le  paraaStre  R conduit  8 une  aeilleure  correlation 

que  le  coefficient  N de  Nash. 

CritSre  de  Mac  Donald  [55] 


Bien  qu' aaaez  differente  de  la  aethode  de  Korat,  le  Bod8le  de  Me  Donald  suit  egedeaent 
I'approche  analytique  selon  la  definition  de  Nash.  TrSa  succincteaent,  la  zone  dissipative  est 
decoupee  en  trois  regions  : 


- le  aeiange  isobare  s'etendant  jusqu'8  une  abscisse  Xc  , 

- le  recolleaent  de  Xc,  8 1 'abscisse  Xf  du  point  de  recolleaent, 

- la  rehabilitation  entre  R et  I'etat  final  correspondent  8 la  pression  p^  . 
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A partir  d'une  analyse  simplifiSe  consistant  A nAgliger  1 'action  du  frottement  au  delA  de  Zc 
et  A utiliser  des  relations  de  conservation  globales  pour  la  masse  et  la  quantity  de  mouvement , 

Me  Donald  dStemine,  pour  une  pression  donn6e,  les  caract6ristiques  de  la  couche  visqueuse 

en  fin  de  rehabilitation.  La  solution  est  obtenue  quand  le  paranStre  de  forme  de  la  couche  limite 
dans  I'etat  final  est  Sgal  A la  valeur  resultant  d'une  loi  de  plaque  plane. 

CritSre  angulaire  de  recollement  (Carriere  et  Sirieix  [51]  ) 


Les  differents  crit^res  que  nous  venons  de  passer  en  revue  presentent  probablement  1 ' inconvenient 
majeur  de  faire  intervenir,  directement  ou  indirectement,  le  niveau  de  pression  fs  , e'est-a-dire 
des  conditions  situees  bien  en  aval  du  recollement.  Or,  au  cours  d ' experiences  systemat iques , Carriere 
[56]  , puis  Sirieix  et  al.  [57]  ont  clairement  mis  en  evidence  que  la  pression  en  aval  du 

point  R pouvait  etre  perturbee  (entre  certaines  limites),  sans  que  la  partie  initiale  du  processus 
de  recollement,  et  done  la  pression  de  culot  fe  , soit  modifiees.  Une  telle  observation  tend  & 
demontrer  que  tout  critdre  faisant  intervenir  I'etat  S a peu  de  chance  de  donner  des  rSsultats 
satisfaisants. 

Le  concept  de  "eritSre  angulaire  de  recollement"  tient  eompte  de  ce  fait  en  retenant  comme 
idSe  de  base  que  le  ph6nom£ne  eat  entiSrement  d6tenain6  par  l'6tat  de  la  couebe  dissipative  au  imment 
od  elle  aborde  la  zone  de  recollement,  6tat  qui  peut  etre  caract6ris6  par  : 

- la  direction  p de  I'Scoulement  extfrieur  non  visqueux  relativement  A la  paroi 
(voir  Figure  53a) 

- le  nombre  de  Mach  extirieur 

- les  lois  de  distribution  des  vitesses  et  des  masses  sp6cifiques  dans  la  couche  turbulente  . 

Si  I'on  admet  que  pour  et  un  rapport  Am  donnSs,  la  condition  de  recollement  est  dSfinie 

par  la  variable  ^ caractSrisant  l'6coulement  sur  la  ligne  de  courant  limite  (f),  il  est  clair, 
d'aprSs  les  expressions  6tablies  plus  haut  (relations 4 , 9 et  fo  ),  que  cette  condition  ne  depend 

que  du  paramAtre  Of 

En  consequence,  la  loi  angulaire  recherchee  doit  necessairement  etre  de  la  forme  : 

yi  a V ( , Am  . Cq  ) (pour  / fixA) 

Dans  la  mesure  oil  est  un  petit  parametre,  on  peut  I'Acrire  : 

(H)  f (flt^  .Am)^  q ^ (flu  . A ; 

oCq 

On  est  ainsi  aaen€  ^ determiner  les  deux  fonctions 

V(\.Am)  et  ^(ff,,,Aj 

A cet  effet,  la  fonction  Ifi  ( Afcj  ),  poxir  le  cas  iso-Snergetique,  a StS  dAduite  d'un  certain 
nexabre  d'expAriences  systemstiques,  pour  lesquelles  les  conditions  d'essais  ont  choisies  aussi 
voisines  que  possible  du  cas  id^al  Cjm  0 

La  fonction  est  calculAe  A partir  de  la  variation  de  la  pression  genAratrice  A travers  la 

couche  de  melange  [51]  en  €crivant  la  deviation  tfl  ( f’-u  ) sous  la  forme  ; 

f(ffu)^  91k 


6tant  la  deviation  subie  par  l'6coulement  extSrieur  entre  D et  R et  ^ I'inclinaison 
rAsiduelle  au  point  de  recollement  R,  par  rapport  A la  paroi. 

Si  I'on  admet  que  la  pression  en  R est  Cgale  A la  pression  d'arret  sur  la  ligne  limite, 

ce  qui  est  bien  v6rifi6  expArimentalement,  iff  se  met  sous  la  forme,  dans  le  cas  iso'6nerg6tique 
(Ti  » constants ) ■ 

- P(fUj-  p(\)  - P(\ 


oil  P(fl)  est  le  nombre  de  pression  de  Busemann. 

Par  consequent,  cosq;)te  tenu  de  1 'expression  connue  de  P (M),  et  que  pour  0 , fg*  9^ 


II  est  suppoB^  que  la  couche  dissipative  en  R est  peu  sensi'ble  aux  variations  de  Cq  (pour  1 ) 

done  /dC^t  O 

Finalement,  tenant  compte  de  (2.3  et  6 ) , on  trouve  pour  1 'expression  ; 

oz)  _£iL  « _ 

w 1.  v' 

qui  peut  sans  difficult^  se  gSn^raliser  au  cas  non  iso-$nerg€tique 

Les  calculs  pr$c€dents,  et  en  particulier  I'expression  (/2),font  intervenir  le  parsmetre  de 
melange  (T  qui  caractSrise  le  taux  d' expansion  de  la  zone  de  melange  turbulent,  les  valeurs  de  (T 
doivent  etre  demandSes  S 1 ' exi)Sr ience  et,  malheureusement , la  mesure  de  <r  est  dSlicate  si  bien  que  les 
donnSes  dont  on  dispose  prSsentent  une  forte  dispersion.  La  Figure  57  montre  des  lois  d 'Evolution  de 
CT  en  fonction  du  nombre  de  Mach  M proposSes  par  diff&rents  auteurs.  On  constate  de  larges 
differences  entre  les  di verses  correlations  (la  valeur  CTJ^  , correspondant  au  cas  incompressible, 
est  generalement  prise  Sgale  5 12). 

La  loi  de  recoUement,  exprimSe  sous  la  forme  du  critere  angulaire,  a StS  generalisee  au  cas 
des  Scoulements  de  revolution  afin  de  pouvoir  traiter  les  problemes  d 'application  interessant  le 
domaine  de  la  propulsion  oil  les  configurations  presentent  en  general  une  symetrie  axiale. 

L' extension  S de  telles  configurations  des  lois  angulaires  obtenues  en  ecoulement  plan  se 
presente,  a priori,  d'une  maniSre  quelque  peu  decevante  comme  le  montre  la  Figure  58  qJj  sont  portes, 
en  fonction  de  , les  angles  theoriques  y determines  pour  des  cas  oil  I'effet  de  revolution  se 
fait  sentir.  On  observe  une  dispersion  imi>ortante  des  resultats  et  des  ecarts  notables  par  rapport 
a 1 'ecoulement  plan  ; ces  ecarts  peuvent  etre  attribues  non  seulement  a des  facteurs  de  perturbation 
lies  S la  non  uniformite  du  chanq)  exterieur  a la  zone  decoliee,  msis  aussi  a I'influence  de  I'effet 
de  revolution  sur  le  developpement  de  la  zone  de  melange  lorsque  des  variations  significatives  de 
la  distance  a I'axe  le  long  de  la  frontiSre  isobare  sont  enregistrees. 

II  est  toutefois  mssible  d'etablir  une  correlation  permettant  d'exprimer  I'ecart  sur  les 
lois  de  recoUement  [58] 


revolution  - ¥ (^*e)  pi®® 


en  fonction  du  rapport  : 


(T  plan 


qui  caracterise  1 'evolution  du  parametre  de  melange 
(voir  Figure  59  ) • 


suivant  la  geometrie  de  la  frontiSre  isobare 


Une  etude  simplifiee  du  melange,  basee  sur  le  modile  de  viscosite  turbulente  de  Frandtl,  montre 
que  F est  donne  par  la  relation  ; 


* 

4 It  L 


dans  laquelle  les  notations  de  la  figure  59  sont  utilisees.  La  valeur  F resulte  immediatement  de  la 
forme  de  la  ligne  de  jet  theorique  (frontiSre  isobare)  calcuiee,  par  example,  per  la  metbode  des 
caracteristiques . 

L'angle  de  recoUement  W peut  ^galement  dependre  des  effets  tbermiques  (leur  influence  est 
faible  tant  que  la  temperature  generatrioe  ne  dlpasse  pas  1000®K  [59]  ),  ainsi  que  de  l^nature  du  gaz 

(effet  de  y ).  Des  experiences  effectuees  S I'ONERA  ont  siontre  qu'effectivement,  V variait 
sensiblement  en  fonction  de  y (voir  Figure  60  ) 159]  . Adoptant  une  demarche  purement  intuitive, 

I'ecart  observe  peut  etre  assez  bien  represente  au  moyen  du  raisonnement  suivant. 

Dans  le  cas  de  I'air  ( / ■ 1,^),  connaissant  et  ^ (^tt)  , il  est  possible  de  calculer  le 

nombre  de  Mach  fincH  aprSs  recoUement.  En  admettant  que  la  compression  de  S Htf  est 


un  processus  quasi-isentropique  et  par  ondes  simples. 


est  donne  par  : 


If  (fftc) 


la  fonction  bien  connue  : 
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Si  on  postule  que  , S voleur  de  Htf  identique,  /it/  est  le  mane  pour  tout  f 
1 ' angle  de  recollement  pour  / # 1 , U sera  donnS  par  : 

H)-  i ) 


> 


Les  courbes  tracees  Figure  60  , montrent  que  cette  interpretation  rend  compte  de  la  realitS  de 

maqiere  tree  correcte  si  / • 1 »667.  Mais,  fividemment,  des  experiences  seraient  souhaitables  pour 
confirmer  1' evolution  predite  quand  jf  < I.U. 

A partir  de  ces  donnees  theoriques  et  des  correlations  empiriques  permettant  de  prendre  en  caspte 
les  differents  facteurs  (geometrie,  nature  du  gaz),  le  calcul  du  recoUem  .it  s'effectue,  en  regie 
generale,  de  la  maniSre  suivante. 

Pour  une  pression  , fixee  a priori,  la  methode  des  caracteristiques  detemine,  dans  le  cas 

du  fluide  parfait  (non  visqueux)  de  nombre  de  Mach  : la  ligne  de  jet  isobaxe  theorique  DKt  et 

definit,  a 1' impact  4r  avec  la  paroi,  la  deviation  assimiiee  A 1' angle  de  recollement.  Les 
facteurs  de  courbure  qui  apparaissent  lorsque  I'ecoulement  exterieur  n'est  pas  uniforme  ou  est  de 
revolution,  sont  ainsi  pris  en  comp*-”  fvoir  Figure  6l  ). 

Vf  et  etant  alors  connus,  le  parametre  Cq  est  calcuie  par  ( ).  II  lui  correspond, 

si  I'on  connatt  I'epaisseur  de  quantite  de  mouvement  Be  a I’origine  du  decollement  (donnee,  par 
exemple,  par  ( S ) ) un  debit  (relation  (7  ))  assurant  I'equilibre  massique  de  I'eau  morte,  qui 

e'st  conpare  A la  valeur  effectivement  injectee  (le  plus  souvent  “0).  Une  iteration  sur  fe 

pemet 'd' assurer  I'egalite  de  ces  deux  grandeurs. 

L'exemple  choisi  pour  mettre  en  evidence  la  precision  de  cette  methode,  par  comparaison  avec 
1 'experience  et  d'autres  theories  concerns  1 'influence  de  la  couche  linite  initiale  sur  la  pression 
de  culot  dans  un  cas  oil  I'ecoulement  supersonique  aisont  est  uniforme  (voir  Figure  62  ).  Les  theories 
retenues  sont  celles  que  nous  avons  evoquees  plus  haut,  (plus  la  methods  de  Cooke  [60]  ). 

Un  accroissement  progressif  de  I'epaisseur  6^  , immediatement  en  aisont  de  D (pour  une  hauteur  i. 
de  culot  donnee),  se  traduit  par  une  croissance  d'abord  rapide  de  la  pression  de  culot  , s'atte- 
nuant  tres  vite  lorsque  Sg  augments,  la  valeur  de  restant  ensuite  quasi-constante  pour  une  large 
plage  de  variation  de  4 -0“  constats  sur  la  Figure  62  , que  la  theorie  de  Korst,  appliques 

en  negligeant  6g  recoupe  asset  bien  ..'experience  des  que  4/4  > 0,03,  valeur  au  delA  de  loquelle 

demeure  sensiblement  constante 

Des  confrontatior?  plus  nombreuses  de  cette  theorie  avec  1' experience  seront  presentees  plus 
loin  oil  son  application  S des  problemes  de  culot  plus  realistes  sera  envisagee. 


2.2.3  _f^bhode8  d'interaction  forte  {methodes  integrales} 

Le  recollement  turbulent  est  un  exemple  de  couplage  fort  entre  une  zone  visqueuse  et  un  ecoule- 
ment  exterieur  quasi-isentropique.  Un  tel  phenornSne  s 'observe  ebaque  fois  qu'il  y a formation,  au  sein 
d'un  ecoulement,  d'une  zone  decoliee  pouvant  resulter,  par  exemple,  d'un  decrochement  de  paroi 
(problSme  de  culot). 

Le  principe  de  base  de  la  plupart  des  methodes  d'interaction  forte  repose  sur  ua  description  de 
la  zone  dissipative  au  moyen  des  equations  de  la  couche  limite  qui,  le  plus  souvent,  sont  resolues 
au  moyen  d'une  technique  integrale.  La  difference  essentielle  avec  la  theorie  de  Prandtl  est  qu'ici 
la  loi  de  pression  isposee  A la  frontiSre  de  la  couche  limite  n'est  plus  une  donnee  independante, 
mais  results  du  couplage  entre  le  champ  exteme  (non  visqueux)  et  la  zone  visqueuse.  Elle  doit  en 
consequence  etre  determinee  soit  au  fur  et  S mesure  de  la  progression  du  calcul  (cas  supersonique),  soit 
par  iteration  avec  relaxation  (cas  subsonique  et  tronssonique) . 

La  premidre  application  d''une  methode  d'interaction  d un  probldme  de  recollement  supersonique, 
est  due  S Crocco-Lees  [**6]  . Leur  publication  a inspire  un  vaste  effort  de  recherches  qui  se  poursuit 
encore  activement.  Nous  n'analyserons  pas  ici  les  nembreuses  variantes  de  cette  methods  qui  ont  ete 
publiees  fi  ce  jour  [61-62-63-61*]  Mentionnons,  5 part,  la  critique  experi-^ntale  trds  detainee  <i« 

'de  Krasinski  ” [63]  qui,  en  outre,  etendit  la  formulation  au  cas  de  revolution. 

La  formulation  de  la  methods  fut  ensuite  ameiioree  par  Lees  et  Reeves  [66]  , en  laminaire,  puis, 

dans  cet  esprit,  etendue  au  cas  turbulent  par  Alber  [67]  et  Hunter  et  Reeves  [68] 

Nous  nous  limiterons  ici  i la  presentation  de  la  formulation  d'Alber  qui,  dans  le  cadre  plus 
simple  du  cas  supersonique  plan,  permet  de  degager  les  aspects  fondamentaux  de  la  methode  dont  nous 
verrons,  plus  loin,  I'application  au  probldme  du  culot  axisymetrique. 

Les  equations  de  depart  pour  decrire  la  zone  dissipative  sont  celles  de  la  couche  limite  turbulente 
appliquees  au  mouvement  moyen,  soit  : 

. continuite  (f3)  g.  . 0 

i>i 
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. quMtites  de  mouyeoent  ^ ^ 3fi  ^ ^ 

At  ^ 3^  dz  * 3^ 

0 - It. 

Ici^dgaigne  le  frottement  total,  somme  du  tenne  laminaire  2/  (le  plus  souvent  nSgligS)  et  de 
la  tenalou  de  Reynolds  ^ . Nous  nous  placerons  dans  le  cas  adiabatique,  et  supposerons  la 

tanp6rature  genSratrice  constante,  ce  qui  nous  dispense  de  faire  intervenir  1 'Equation  de 

1 'Snergie. 


L'equation  (M ) est  mise  sous  la  forae  intSgrale  de  Von  Kannan  : 

(tS)  f S(  ? 2 0,,  I i dMi  Cf 

dZ  6 t-1  ' dx  ‘ Z 

oil  : Mg  est  le  nombre  de  Mach  a la  frontiere  S de  la  couche  dissipative/ 

o I'epaxsseiir  de  deplacement » 

8 I'epaisseur  de  quantity  de  mouvement  )ng  > 

2 


Le  coefficient  de  frottement  Cf  est  generalement  neglige.  L ‘approximation  est  justifi^c  par 
le  fait  que,  Cf  , nul  au  recollement,  est  partout  faible  dans  la  zone  6tudiee  dont  l*6tendue 
longitudinale  est  de  siorcroit  r^duite  (quelques  S ). 

A l'equation  integrals  des  quantit^s  de  mouvement,  est  adjoint  une  relation  suppl^mentaire.  A 
I'origine,  Crocco  et  Lees  ont  propose  une  Equation  de  "melange"  ou  "d'entrainement"  de  la  forme  : 

■f-  ■ 

oJ  **  *^  est  le  flux  de  masse  ^ travers  la  couche  dissipative,  et  k un  coefficient 

de  melange  suppose  connu.  Par  la  suite,  on  a pr^f^rS  utiliser  l’equation  int^grale  du  premier  i&oment 
de  quantity  de  mouvement  encore  appel^e  equation  de  I'^nergie  cin^tique.  Elle  est  obtenue  en 
multipliant  ( ) par  m.  : 


dx  3^ 


d'oil,  apres  integration  en  ^ de  <7  S-S  : 


6* [3  g llidl  ]_i L ^ 

dx  /.f  Hf  dx  ^ 


t 


I 


i 


avec 


e\  f JA.  (1. 


!1 


La  fonction  ^ est  souvent  designee  sous  le  nom  d'integrale  de  dissipation. 

Une  variante,  utilisee  en  particulier  par  Kuhn  et  Nielsen  [69]  , consiste  ii  multiplier  (♦♦), 

non  pas  par  Ji  , mais  par  ^ , On  peut  ainsi  former  une  autre  equation  integrale. 

L'equation  fondanentale  qui  assure  le  couplage  entre  la  couche  dissipative  et  I'ecoulement 
contigu  non  visqueux  est  obtenue  en  integrant  de  la  paroi  S 1 'equation  de  continuite  (»S),  ce 
qui  donne  : 


(If)  A£.  _ (S-f*)  -L  m UB 

dx  ' ifm,  n,  dx  Mt  ^ 

oJ  9 represente  I'inclinaison  du  vecteur  vitesse  Vg  H la  frontilre  S 

II  est  d noter  que  certains  auteurs  utilisent  des  equations  de  couplage  differentes  (voir  li  ce  sujet 
Le  Balleur  [70]  ) consistent  i assurer  le  co;q>lage  : 

- soit  sur  la  surface  de  deplacement  f*(x)  , alors  (^J)  devient  : (tB) 
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- soit  en  transposant  la  condition  de  con^atitilitS  a la  paroi,  alors  la  relation  s'Serit  : 

(19)  , S'  _L  ^ . A 

dz  1 4 m,  dz 


Les  Equations  -H  - If)  constituent  le  systene  dScrivant  1 ' interaction  entre  la  couche 
dissipative  et  l'6coulement  extSrieur.  En  super sonique , 1 ' integration  peut  se  faire  en  progressant  de 
I'amont  vers  I'aval,  I'Scoulement  externe  €tant  calctilS  eonjointement  en  utilisant,  par  example  la 
m6thode  des  caract6ristiques  qui  fournit  une  relation  liant  8 et  Mt  . Si  cet  6coulement  s'effectue 
par  ondes  simples,  & et  sont  reliSs  directement  par  la  relation  de  Prandtl-Meyer  : 

8.  - iXfiJ-  »(n») 

En  fait,  pour  que  le  systSme  differential  soit  ferme,  il  faut  en  plus  faire  une  hyixjtfteae  sur 
les  profils  de  vitesse  dans  la  couche  limite,  afin  de  pouvoir  exprimer  les  Spaisseurs  9 , 9* 

en  fonction  d’un  nomhre  rSduit  de  param^res.  Le  plus  souvent,  on  utilise  une  famille  a un  param^tre 
de  forme  A,  si  hien  que  : 

J (A.H,) 

5 0 


s 


sont  des  fonctions  connues  de  A et  Mf 


L'integrale  de  dissipation  est  exprimee,  en  fonction  de  A,  Mt  (plus  eventuellement  du 
ncaahre  de  Beynolds),  soit  a partir  d'une  formule  empirique,  soit  S partir  des  profils  de  vitesse 
et  d'une  hypothSse  sur  le  frottement  tvirbulent 

Le  systeme  diff6rentiel  s'ecrit  en  definitive  : 


X 

ZL4 

d/1t 

.JL 

dx 

dd 

£x 

' Me 

dx 

2 

J 

dS* 

ilt 

9t  il 

d/1, 

. <P 

dx 

df! 

dx 

* Me 

dx 

dr 

4.  0,  Jl.  ZIL 

dx 

Me 

dx 

, Qj  et  fonctions  de  A et  Mt  que  nous  n'expliciterons  pas  ioi  (voir  la  refe- 

rence 19]  ). 

II  est  souvent  commode  d'adopter  comme  paramltre  A,  caracterisant  la  forme  des  profils  de 
vitesse,  le  rapport 

des  epaisseurs  de  quantitl  de  mouvement  et  de  deplacement  incompressibles.  Bous  adopterons  dorSnavant 
ce  parametrage . 

La  methode  originale  d'Alber  est,  dans  son  esprit,  analogue  ^ la  formulation  que  nous  venons 
d'etablir.  Toutefois,  afin  d'eliminer  la  dependance  des  fonctions  X , / , Z a I'egard  du  nombre 
de  Mach,  Alber  effectue,  prealablement  a la  mise  sous  forme  integrals,  une  transformation  compressible" 
incoaqjressible  sur  les  equations  de  depart  ( '■*  - M ),  A cette  fin,  il  introduit  les  variables  trans- 
formees  : X,  Y,  telles  que  : 


dK  . dz 


dV;^ 


y-  ¥ (fonction  de  courant) 

Pour  we  la  transformation  soit  effective,  Alber  fait  une  hypothese  sur  la  viscosity 
£ (Zm  ) q.ui  est  prise  telle  que  : 

o3  est  une  masse  specifique  de  reference,  6 etant  de  la  forme  : 

6,  • K,  6 


turbulente 


- fv'  ^ - e‘  K, 
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oil  Oi  est  l'6paisseur  de  quantity  de  mouvenent  traasform6e  : 

di.[  ( 1 . ] dv 

•4  -^e 

^ /I 

Posant  £s  1 equations  "incompressibl ';s”  s'ecrivent  : 

U 

dtri  _ Q 

ax  ay 

Oi-  JUi  ^ f z 

3x  ay  dx 

IT  . ,/  diLt:  e ...  d^JLi 

•“i,  — — — t ■U-t  Ol  « ^ c,  U.^  d 

ax  ay  dx  ay' 

Mises  sous  forme  integrals,  elles  deviennent  : 

• quantity  de  mouvement  : X,  ^ * (iXi.*i)  JL  ilk.  . 0 

dX  dx  ff.  dX 


energie  cinetique  : 


couplage 


7-  klL^Sl  Hl  Ml  i.  5 li,  IL  i!k  . .‘.f  {.k.)*  x,  Rj. 

dX  dtidX  fit  dX  ^ ft' 

& t ii  t t ^ ^ 

dX  ■ ax  f fit  dX  d>, 

Ri  • (±Lf  dY 


que  nous  n'expllciterons  pas.  * 

Le  systSme  d intfgrer  - transforme  ou  non  - peut  s'Scrire  sous  la  forme  : 


^ ® S sont  des  fonctions  de  W*  et  Xi 


(3e) 


df  Hi 
dx  ‘ O 


dXi  i Nt 
dx  ' r D 


dMt 

dx 


fit  Nm 

X D 


(forme  analogue  avec  les  quantit6s  incompressililes). 

Le  systeme  (i-')  n'est  gen6ralement  appliquS  qu'a  la  recompression.  ia  zone  de  melange  quasi- 
isobare  qui  precede  le  recollement  ne  peut  en  effet  etre  convenablement  dScrite  par  .i«  famille  5 
un  seul  paramitre.  Cette  region  peut  etre  calcul6e  S I'aide  des  mSthodes  particulieres , d6jS  cities, 
qui  reinvent  de  la  thSorie  du  melange  turbulent  ou  en  utilisant  une  famine  de  profils  d deux 
paramdtres  (voir  § 2.3. 1.2). 

Le  principe  g6n6ral  de  resolution  d'un  problems  de  recollement  consists  done  a calculer  separl- 
ment  le  melange  quasi-isobare,  puis  la  recompression.  Les  deux  solutions  sont  ensuite  raccordees 
en  assurant  la  contiuuite  de  certaines  grandeurs  ; par  exemple,  le  nombre  de  Mach  Mt  , la  vitesse 

M-j  sur  la  ligne  de  jet  et  de  dSbit  passant  au-dessus  de  cette  dernidre  (voir  la  reference  [67] 

pour  plus  de  detail ) . 

Partant  d'un  etat  initial,  en  fin  de  zone  isobars,  le  systdme  (2o)  peut  etre  integre  en  chemi- 
nant  vers  I'aval,  de  fagon  a rejoindre  un  etat  de  couche  limits  recoliee.  En  fait,  il  apparait,  qu'au 
cours  de  cette  integration,  le  denominateur  D s'annule  generalement  (dans  le  cas  od  les  equations  de 
couplage  (*7  ) (>^  ) sont  utilisees),  rendant  ainsi  la  solution  singuliere  sauf  si  les  numerateurs 

s'annulent  simultanement  (on  verifie  que  si  D et  I'un  des  Ni  sont  nuls  en  meme  temps,  les  autres  le 
sont  aussi).  II  est  commode  de  discuter  de  ce  comportement  dans  le  plan  de  phase  ( Xi  , fit  ) od,  pour 
Httt  donne  (compression  par  ondes  simples),  il  est  possible  de  tracer  les  courbes  di  , jf^  . tf  S 

sur  lesquelles  N,  ■ Nj  “ N-  “ D ■ 0 respectivement . En  vertu  de  la  remarque  qui  precede,  ces  courbes  ont 

un  point  commun  K (voir  figure  63  ).  Il  est  aise  de  s'assurer  qu'une  courbe  integrale  continue  partant 
de  A (debut  de  la  recompression)  ne  peut  joindre  B (sillage  rehabilite  en  aval)  qu'd  la  condition  de 
passer  per  K.  Toute  autre  trajectoire  dans  le  plan  de  phase  correspond  A une  solution  physiquement 
inacceptable  pour  un  recollement  (apparition  d'lin  extremum  pour  fie  ou  Xi  ). 
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La  conaSquence  fondamentale  de  I’existence  du  point  singulier  K est  de  rendre  la  solution  de  A 

en  K ind6pendante  des  conditions  ikposees  en  aval  de  K qui  Joue  ainsi  un  role  de  "Llocage"  a la 

maniSre  du  col  d'une  tuyere  convergente  divergente  amorcSe.  L'existence  du  "point  critique  K"  a et6 
demontrSe  pour  la  premiere  fois  par  Crocco  et  Lees. 

C'est  le  passeige  regulier  de  la  solution  par  le  point  critique  K qui  assure  I'unicitS  de  la 
solution  pour  le  proLleme  du  recollement,  c'est-a-dire  la  condition  qui  dSfinit  la  pression  de  culot  4t. 
Les  valeurs  initiales  en  A,  et  en  particulier  ^«c  , done  )lc  i doivent  etre  telles  que  la  trajectoire 

dans  le  plan  de  phase  passe  par  K (voir  figure  63  ).  Cette  condition  constitue  un  "critere"  de 

recollement, (le  comportement  des  solutions  au  voisinage  de  K ainsi  que  les  methodes  d'integration 
qui  permettent  d'assurer  la  rSgularitS  en  K sont  discut6es  plus  en  detail,  references  [91  et  [71]  )• 

Ce  schema  theorique  est  evidemment  tres  seduisant  car  il  semhle  interpreter  parfaitement  la 
notion  de  point  critique  mise  en  evidence  experimentedement  par  CarriSre  et  Sirieix  (voir  precedem- 
ment).  Toutefois  , la  position  de  K et  meme  son  existence  sont  etroitement  fonctions  de  I'equation  de 
couplage  utilises.  Ainsi,  la  singularite  qui  se  manifeste  par  I'annulation  de  D disparait  lorsqu'on 

(assure  le  couplage  £ la  paroi  (equation  (<9)).  La  signification  physique  du  point  critique  K est  done 

loin  d'apparaitre  clairement. 

Nous  allons  maintenant  examiner  un  certain  nomhre  de  methodes  proposees  pour  resoudre  lee 

fproblemes  de  culot  qui  nous  preoccupent  plus  particulierement.  La  plupart  d'entre  elles  s'inspirent 

des  theories  que  nous  venons  d'evoquer  en  les  generalisant  a des  configurations  pratiques  : 

^ .... 

J - culot  axisyinetrique  sans  jet, 

I - culot  axisymetrique  avec  un  ou  plusieurs  jets  propulsifs. 

[ Nous  commencerons  par  envisager  le  problems  du  calcul  de  la  pression  au  culot  d'un  missile 

I en  1' absence  de  jet. 

S 


t 2.3  Ecoulement  au  culot  d'un  arriere  corps  de  revolution  sans  jet 

1 2.3.1  _Ecoulement  sugersonique 


2. 3. 1.1  _(^thodes  globales_(analytiques) 


[ 


La  determination  de  la  pression  en  aval  d'un  culot  de  revolution,  en  1 'absence  de 
probleme  particulier  en  raison  des  difficultes  analytiques  rencontrees  dans  le  calcul  de 
quand  1 'ecoulement  converge  vers  I'axe.  L'artifice  employe  pour  toumer  cette  difficulte 
imaginer  que  1 'ecoulement  recolle  sur  un  dard  materialisant  le  coeur  du  sillage  visquevix 
est  alors  de  trouver  le  diametre  de  ce  dard. 


jet,  pose  un 
fluids  parfait 
consists  d 
; le  probllme 


. Theorie  de  Mueller  [8] 

La  methods  proposes  peur  Mueller  suit  de  tres  pres  le  schema  de  Chapman-Korst , mais  en  I'adaptant 
au  cas  de  revolution. 


Le  models  d' ecoulement  adopte  est  represente  Figure  6h  . 

L'ecoulement  est,  selon  I'approche  classique,  decompose  en  trois  regions  : 

a/  un  champ  externe  non  visqueux, 
b/  une  zone  de  melange  dissipative 
c/  une  region  de  recollement 

Les  differentes  hypotheses  sont  effectuees  : 

1.  la  couche  limits  initials  est  negligee  mais  sa  nature  est  turbulente. 

2.  l'ecoulement  non  visqueux,  contigu  a la  zone  de  melange,  est  suppose  se  developper,  entre  D et 
Rt’,  le  long  d'une  surface  tronconique  d'angle  de  convergence  P . Cette  modeiisation  due  a 
Zumwalt  [72]  , repose  sur  des  observations  experimentales  montrant  que  la  zone  a pression 
constants,  le  long  de  I'axe,  est  relativement  courts,  la  variation  de  pression  etant  proche  de 
cells  sur  un  arriere  corps  tronconique.  L'ecoulement  de  fluids  parfait  est  calculi  par  la 
methods  des  caracteristiques . II  results  de  cette  hypoth^se  que  le  melange  n'est  plus  isobars 
et  les  nombres  de  Mach  en  D et  Ry  sont  diffSrents. 

3-  nSanmoins,  les  profils  de  vitesse  dans  la  zone  de  melange  sont  toujours  supposes  etre  repre- 
sent6s  par  la  relation  ( 2 ) . 


j 


I 


I 

1 

i 


■j 

\ 
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U.  La  recompression  en  Rj  s'effectue  autravers  d'une  onde  de  choc  oblique  qui  fait  passer  la 

pression  ei  la  valeur  jif  . Le  point  Rr  est  situ6  sur  un  dard  dont  le  rayon  est  donn6  par 
une  correlation  propos6e  par  Chapman  [2]  sous  la  forme  fonction  du  nombre  de  Mach 

^ est  le  rayon  du  culot)  (voir  Figure  65  ).  Dims  une  version  ultSrieure  de  la 
m6thode,  Roache  [731  determine  la  valeur  de  selon  un  critSre  consistent  & adopter  le  rayon 

ft  qui  rend  la  pression  de  culot  fic  maximale.  On  s'affranchit  ainsi  d'une  donnSe  exp6rimentale 
dont  le  caractere  de  g6n6ralite  peut  etre  mis  en  doute. 

5.  I’unicite  de  la  solution  est  aasuree  en  satisfaisant  au  critere  d'echapement  de  Korst. 

Dans  Cette  mSthode,  I'effet  de  revolution  intervient  essentiellement  dans  1 'etablissement  des 
relations  de  bilan  (4)  et  (i ) qui  permettent  de  posit ionner  la  ligne  de  courant  limits.  Le  volume  de 
contrSle  utilise  est  limite  par  deux  sections  situees  en  D et  Rp  r aspect ivement,  et  par  deux  lignes 
de  courant  E et  - E (voir  Figure  61*  ) definies  de  faqon  telle  que  la  section  droite  offerte  a I'ecou- 
lement  demeure  quasi-constante  et  que  le  terme  de  pression  puisse  etre  neglige  dans  1 'equa- 

tion pour  la  quantite  de  mouvement.  Les  relations  de  bilan  ainsi  obtenues  tiennent  compte  du  fait  que 
les  nombres  de  Mach  en  Rp  et  D sont  differents,  ce  qui  conduit  S une  equation  implicite  assez 
compliquee  po>ir  ( ou  ^'  ) en  Rp.  Les  effets  de  compressibilite  et  de  nature  du  gaz  sur  le  parametre 
de  melange  ^ sont  representes  par  la  formula  de  Channapragada  [7l*]. 

La  methods  permet  egalement  de  tenir  compte  d'un  effet  d'injection  de  masse  au  culot. 

Les  figures  ( 66a)  et  (66b)  montrent  des  examples  d' application  pour  un  culot  cylindrique 
(oil  les  points  de  comparaison  experimentaux  sont  nombreux),  et  un  culot  presentant  un  retreint. 

L'accord  avec  1 'experience  est  generalement  tres  bon. 

La  Figure  67  met  en  evidence  I'effet  de  nature  du  gaz  pour  un  arriere  corps  avec  retreint. 
L'augmentation  de  If  entraine  une  croissance  de  la  pression  de  culot,  ce  qui  est  en  accord  avec 
1 'evolution  du  critere  angulaire  de  recollement  notee  experimentalement  (voir  Figure  60  ). 


. Theorie  de  Delery  et  Sirieix 

La  methode  developpee  & I'ONERA  par  Delery  et  Slrlelx  utilise  le  concept  de  critSre  angulaire 
de  recollement.  Ses  caracteristiques  essentielles  sont  les  suivantes  : 


1.  le  melange  turbulent  qui  se  developpe  depuis  le  point  de  decollement  est  suppos€  isobare  a la 

pression  de  culot  . La  frontiSre  de  I'icoulement  d6coll6  non  visqueux  est  calculSe 

par  la  mSthode  des  ceu-act^ristiques. 

2.  la  ligne  de  courant  limite  {/)  du  melange  est  dIterminSe  en  Serivant  les  relations  de  conserva- 
tion globale  pour  la  masse  et  la  quantity  de  mouvement,  compte  tenu  de  I'effet  de  revolution,  et 
de  1 'existence  Iventuelle  d'une  couche  limite  initials . 


3. 


k. 


5. 


le  recollement  est  suppose  se  produire  sur  un  dard  de  rayon  i~t  , ce  qui  permet  de  dSfinir 

I'angle  de  recollement  [F  (voir  Figure  68  ) et  d'appliquer  les  lois  angulaires  de 

recollement . 


le  rayon 
R,  f) 


tjf  est  assimile  i I'epaisseur  de  d^placement  du  silleige 


^snt  defini  par 


rh 

\nj 


rf. 


211 , 


•y* 


au  niveau  du  recollement 


oil  , U,»f  sont  les  conditions  fi  la  frontiers  St  du  sillage  au  niveau  de  R.  Ces  conditions 
sont  calcul6es,  d partir  de  )tc  , en  supposant  une  compression  isentropique  de 

I'ecoulement  sur  la  ligne  limite  (/). 


I'epaisseur  de  dSplacement  Sg  est  determinSe  en  admettant  que  le  profil  de  vitesse 
au  recollement  est  universel  et  donne  par  des  resultats  obtenus  en  incompressible  (I'effet  de 
compressibility  sur  ce  profil  est  negligS).  Dans  ces  conditions,  S!  peut  etre  csdculee 
en  supposant  que  le  debit  passant  en  R,  dans  le  sillage,  est  igal  au  dSbit  de  la  couche  de 
melange  situ^  au  dessus  de  la  ligne  de  courant  limite. 


La  procydure  de  calcul  adoptye  est  la  suivante  : on  se  donne,  a priori  ,un  ensemble  de  veileurs 
ft  ; pour  chacune  d'elles,  la  pression  de  culot  ®st  calcuiye,  compte  tenu  de  I’Stat  de  la 
couche  limite  initiale.  Le  calcul  fournit  ygalement  I'ypaisseur  St  . La  ^solution,  obtenue  par 
interpolation,  correspondant  S la  vsileur  de  qui  assure  I'ygality  de  Sg  et  de  ■ 


L'yvolution  expyrimentale  de  la  pression  au  culot  d'un  arriere  corps  cylindrique  est  comparye. 
Figure  69  , aux  rysultats  donnys  par  cette  mythode  et  celle  de  Mueller  (appliquee  par  Roache).  Les 

points  de  mesure  concernent  des  maquettes  d'allongement  gyomytrique  variable  pour  lesquelles  les 
caractyristiques  de  la  couche  limite  sont  rarement  coramuniquyes  par  les  auteurs.  L'allure  gynlrale  de 
l'yvolution  est  bien  prydite  par  le  calcul.  La  dispersion  expyrimentale  peut  s'expliquer  par  des 
variations  importantes  du  parametre  4/^ 
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2.3. 1-2  Mithodes  d' interaction  forte  (integrales) 


Nous  allons  maintenant  presenter  des  methodes  basees  sur  In  notion  de  couplage  fort  entre  un 
ecoulement  externe  considers  comme  non  viaqueux,  et  une  couche  dissipative.  Nous  avons  deja  expos^  le 
principe  de  ces  theories  dans  le  cadre,  plus  simple,  du  recoUement  plan  sur  paroi.  Elies  ont  6te 
etendues  au  cas  du  sillage  de  revolution,  d'abord  par  de  Krasinsky  [65]  qui  suivait  la  formulation 
originale  de  Crocco  Lees,  puis  plus  recemment  par  Weng  [75]  et  par  Mehta  [12]  . Nous  retiendrons  ici 
la  methode  de  Mehta  qui  traite  vraiment  le  probl&ae  du  culot  franc,  celle  de  Weng  supposant  la  presence 
d'un  dard  central. 

. Theorie  de  Mehta 

Le  schema  d 'ecoulement  adopt?  par  Mehta  est  represent?  figure  70  . Le  fLuide  est  divis?  en 

une  region  externe,  non  visqueuse,  pouvant  done  etre  calcul?e  par  la  methode  des  caract?ristiques,  et 
une  zone  visqueuse  interne  a laquelle  sont  appliquees  des  ?quations  du  type  couche  limite.  L'influence 
du  "lip-shock"  qui  prend  g?n?ralement  naissance  a proximit?  imm?diate  du  point  de  s?paration  D est 
n?glig?e  [14]  ; approximation  tr?s  probablement  oustifi?e  tant  que  le  nombre  de  Mach  de  l'?coulement 

amont  est  moder?  ( fft,  < ) 

Par  ailleurs,  s'appuyant  sur  des  observations  exp?rimentales  [76]  montrant  clairement  que 
du  fait  de  la  d?tente  rapide  au  culot,  les  forces  visqueuses  sont  pr?dominantes  uniquement  dans  la 
partie  la  plus  inf?rieure  de  la  couche  limite,  Mehta  inclut  dans  la  r?gion  non  visqueuse  la  portion 
externe  de  la  couche  limite  initiale  qui  est  ainsi  consid?r?e  comme  un  ?coulement  de  fluide  parfait 
rotationnel.  Le  partage  entre  les  deux  zones  est  d?fini  selon  la  proc?dure  expliqu?e  dans  ce  qui  suit. 
Nous  allons  maintenant  examiner  les  mod?lisations  qui  sont  appliqu?es  aux  diff?rentes  parties  de 
1 '?coulement. 

. D?tente  initiale  au  point  de  s?paration 


Le  proc?d?  adopt?  pour  d?teniiiner  la  frontiSre  de  la  zone  oil  les  effets  visqueux  sont  pr?daminants 
est  le  suivant  (voir  le  ach?ma  de  la  Figure  71  ).  L'?paisseur  de  la  zone  visqueuse  d?tendue  de 

a fic  (que  I'on  se  donne  a priori)  est  d?finie  par  la  condition  : 


r 


qui  exprime  que  le  gradient  de  vitesse  S est  le  meme  que  celui  a la  frontiSre  de  la  couche  limite 

initiale,  avant  d?tente.  ]4  est  evalu?  en  supposant  un  profil  de  vitesse  en  puissance 

1/7.  Par  (couche  limite  d?tendue)  passe  une  ligne  de  courant  issue  de  dans  la  couche  limite 

initiale.  L'?coulement  situ?  au-dessus  de  cette  ligne  de  courant  est  suppos?  isentropique.  La  locali- 
sation de  est  effeotu?e  par  tatonnements.  Au  d?part,  on  considire  2^,,  tel  que  ■ 1- 

Connaissant  la  loi  de  vitesse  > on  en  deduit  , puis  etc... 

Une  d?tente  isentropique  est  ensuite  effectu?e  de  ^ I ^ ; d’o&  W,,-  , sur 

dfi  . Un  incr?ment  est  donn?  5 de  faqon  S obtenir  in  , ' etc... 

puis  Mp  if,  , u,  i,i  etc...  L'incr?ment  correspondent  6,  pour  l'?p'aisseur ' o,^i  se  d?duit 

en  ?orivant  1 'equation  de  continuite.  La  pente  du  profil  S la  station  2 est  alors  egale  a (li,i,, 

Elle  est  compar?e  a < la  proc?dure  ?tant  rep?t?e  par  d?placement  de  jusqu'a  ce  qu'il 

y ait  egalite. 


Apres  quoi,  le  nombre  de  Mach,  I'entropie,  ••••  sur  la  caracteristique  initiale  (avant  detente 
de  fip  ^ jic  ) sont  fournis  par  la  distribution  de  vitesse  a (y)  et  en  supposant  la  pression 
statique  constante.  II  est  A noter  que  la  caracteristique  initiale  part  du  culot  (I'effet  d'interaction 
amont  est  n?glig?e)  a une  distance  de  la  paroi,  non  pas  egale  a ip  , mais  a Sp  , ?paisseur  de 
la  couche  visqueuse  apres  d?collement,  dont  la  r?partition  de  vitesse  est  celle  du  profil  de  d?colle- 
ment  de  la  famine  choisie.  ip  et  i,  sont  reliees  par  l'?quation  de  conservation  de  la  masse. 


. Ecoulement  externe  non  visqueux 


En  raison  de  I'effet  de  revolution  et  du  fait  ?galement  que  I'entropie  n'est  pas  constante 
(couche  rotationnelle) , 1 'ecoulement  non  visqueux  ne  peut  etre  calcul?  par  la  relation  de  Prandtl-Meyer 
qui  constituerait  ici  une  approximation  beaucoup  trop  grossiere.  Pour  connaitre  a cheque  pas  d'int?gra- 
tion  en  X,  les  conditions  d la  frontiers  de  la  couche  isqueuse,  il  faut  utiliser  la  m?thode  des 
caract?ristiques,  formul?e  en  ?coulement  de  r?vDlutior.  non  isentropique.  Nous  ne  donnerons  pas  ici 
de  d?tail  sur  cette  formulation  qui  est  classique.  Ai  ; de  gagner  du  temps  de  calcul,  Mehta  met  en 
oeuvre  une  proc?dure  simplifi?e  dont  le  principe  apparait  Figure  72  . 

Le  r?seau  de  base,  correspondent  aux  points  repartis  sur  la  derniere  caract?ristique  du 
faisceau  de  detente,  a un  espacement  assez  large  ; le  resserrement  des  points  ?tant  insuffisant  pour  le 
ceilcul  coupl?.  En  cons?quence,  les  points  intermediaires,  espac?s  de  Jx  , sont  calcul?s  S partir 
des  conditions  interpol?es  entre  deux  points  initiaux,  tels  que  1 et  2 (voir  Figure  72  ) , en  n?gli- 
geant  les  caracteristiques  montantes  dans  une  maille  telle  que  1.2.2'.  Les  deux  relations  caracteris- 
tiques  ne  sont  utilis?es  que  lorsque  le  point  2 est  d?pass?.  On  calcule  alors  3'  exactement  a partir 
de  3 et  2',  puis  on  refait  un  calcul  approch?  coiune  prec?demment,  (entre  2'  et  3').  Ce  proc?d?  est 
une  am?lioration  de  la  technique  propos?e  par  Webb  177]  . II  est  ?gEdement  appliqu?  dans  la  r?gion 
externe. 
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. Ecoulement  Interne  dissipatif 

L'ecoulement  dissipatif  est  dScrit  par  des  Equations  du  type  couche  linite  (la  pression  est  done 
suppos6e  transversalement  constante)  qui  s'Serivent  (pour  le  Douvenent  stationnaire  moyen)  : 


contjnjjitS 


guanjije^dg  jjoj}V|mgnJ 


energie 


eu.  ^ ^e''  — 


ti  • i,  t B constante 


Suivant  la  demarche  expos^e  plus  haut,  les  Equations  appliquSes  a la  couche  dissipative  sont 
resolues  par  une  methode  int^grale  utilisanl  les  trois  equations  suivantes  : 


contin\^te 


(*i) 


. quaniit^^dg  mouvqmgnt  (tt) 


. ingrgie  ciq^tiquq  : (23) 


oil,  A^,  Ag,  Aj,  A sont  des  quantit^s  ayant  la  dimension  d'une  surface  et  dSfinies  par  : 


f dr 


Ja^rdr 


■J, 


A,.  J^rdr 

4 ^ 


4-/  ^>-dr 


est  "1' integrals  de  dissipation"  : 


1 

^ J, 


dr 


'Zf  eat  le  frottement  i la  frontiere  / qui  est  non  nul  ici  en  raison  de  Inexistence  de  la  couche 
ro t at ionn e 11 e . 

Le  frottement  turbulent  T (la  contribution  laminaire  est  negligee)  est  exprime  a partir  du 
concept  de  viscosity  apparente  sous  la  forme  : 

La  viscosity  cin6matique  £ est  repr6sent6e  par  un  modele  algetrique  : 

£,  AAc  Mc 

od  et  sont  une  longueur  et  une  vitesse  caractiristiques.  Celles-ci  sont  dSfinies  en  Scoulement 
incompressilDle  par  les  relations  suivantes  : 

• |n,amogt_du  goint  de^rgcgllegegt 


= ,//  ( * - -fSLlifii.  ) ; </? 

]/ 1.  ««i-V 
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Lea  difftrentes  int£grales  qui  prScSdeat  peuvent  etre  £valvi£es  en  rejir€sentant  les  distributions 
de  Vitesse  dens  la  couche  visqueuse  au  moyen  d'une  fani lie  de  profils. 

A proxisiit£  du  culot,  Mehta  utilise  les  profils  de  Green  [78]  qui  sont  constituSs  ae  deux 
parties  (voir  Figure  73  ) : 

- une  region  de  hauteur  ^ i vitesae  constante  dans  la  region  centrale  du  proche  sillage  : 

. 1 . l/t  ( 0 i p i ti  ) 

- une  loi  en  cosinus  dans  le  melange 

oil  4'  < 4 - Bst  l'£paisseur  de  la  couche  visqueuse. 

Ces  profils  dependent  done  de  deux  parametres,  a savoir  : A et  P ^ 

Au  culot,  A est  8gal  & 0,5  en  1 'absence  d’injection  et  inf6rieur  a 0,5  si  une  injection  est  pratiquee. 

Loin  du  culot,  les  distributions  sont  repr8sent8es  par  les  profils  de  Kubota  et  al.  [791 
qui  ne  sont  fonction  que  d'un  seul  paran^tre  (ces  profils  sont  des  solutions  de  similitude  pour  le 
sillage  axisymStrique) . 

Compte  tenu  de  ces  representations,  les  Equations  de  base  ( 21  , ZZ  , 25  ) pour  la  region  proche 

du  culot  se  oettent  sous  la  forme  : 


Les  coefficients rfiy'  sont  des  fonctions  connues,  les  seconds  membres  contiennent  les  grandeurs  a 
la  frontiSre  ^ de  la  couche  dissipative  : , St  (entropie),  jr,  . 

La  methode  des  caractSristiques  fournit  deux  relations  qui  permettent  d'exprimer,  par  example. 
Hi  et  St  connaissant  (ou  bien  la  pression  jit  )•  Dans  cette  region,  une  autre  Equation  est  done 
nScessaire.  L'auteur  utilise  I'lquation  des  quantitSs  de  mouveaent  sur  I'axe  : 

Le  processus  d'integration  est  le  suivant  : A,  P et  f sont  calculus  au  pas  x * dx  ea.  resolvent 
le  syst&ae  (« ) ; la  pression  est  ensuite  evaluee  par  (ff ) ; puis  la  m€thode  des  caractSristiques 
appliqu8e  pour  trouver  Vf  et  ■S,  . 

Loin  du  culot,  1$  od  la  representation  8 un  paramdtre  est  suffisante,  il  n'est  plus  necessaire 
de  faire  intervenir  1 'equation  (i#).  Le  systdme  S integrer  peut  s'ecrire  : 


od  X est  le  "paramdtre  de  forme"  de  la  famille  choisie.  Les  membres  de  droite  contiennent  et  Je 
qui  se  calculent  en  fonction  de  lit  par  la  methode  des  caracteristiques. 

Le  raccord  entre  les  deux  regions  est  effectue  en  imposant  la  continuite  du  debit  d travers  la 
couche  visqueuseyde  I'epaisseur  de  la  couche  visqueuse ,du  norabre  de  Mach^  j frontidre.  Pour 

assurer  I'unicite  de  la  position  du  point  de  raccord,  on  doit  aussi  imposer  I'egalite  des  rapports 
d'epaisseurs  : 

Hi  , > 

0,f. 

Toutefois,  des  difficultes  sont  generalement  rencontrees  pour  assurer  le  raccord  entre  les  deux 
families  de  profils.  Ainsi,  I'utilisation  de  I'equation  (Af)  entratne  une  decroissance  irrealiste  de 
la  pression  en  amont  du  point  oO  le  raccord  devient  possible.  On  doit  la  remplacer  par  la  relation  : 


w 
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en  aval  du  point  (*“■*»)  oil  la  derivee  second*  de  la  vitesse  sur  la  ligne  lijsite  s'annule. 

Par  ailleurs,  dans  le  cas  oil  la  couche  limlte  initiale  est  tres  epaisse,  le  nombre  de  Mach  6lev6 
ou  I'injection  au  culot  inportante , le  raccord  entre  les  deux  families  devient  u^ssible.  La  diffi- 
cult6  est  tournee  en  conservant  partout  les  profils  de  Green,  nais  en  fixant  le  paranHre  P d la 
valeur  0,2  £ partir  du  inoment  oil  P tend  a devenir  inf6rieur  a 0,2. 

Dans  la  region  du  recollement , le  ayatme  d€crivant  la  couche  visqueuse  est  done  toujours  de 
la  forme  (2fi).  II  pr6sente  une  singularity  ansilogue  a celle  du  ceis  plan  (point  critique  de  Crocco- 
Lees),  qui  permet  d'assurer,  conne  nous  I'avons  expliqu^  § 2.2.3,  I'unicitS  de  la  solution,  e'est-a- 
dire  qui  fixe  la  valeur  de  lapression  de  culot  ^ , jusqu'd  prysent  indyterminye. 

Nous  aliens  maintenant  prysenter  quelques  comparaisons  thyorie-expyrience  extraites  de  la 
th^se  de  Mehta. 

La  Figxire  7^  montre  des  rypartitions  de  pression  sur  I'axe  du  sillage  pour  des  nombres  de  Mach 
amont  voisins  de  2.  L'accord  thyorie-expyrience  est  gynyralement  satisfaisant,  en  particulier, 
la  pression  de  culot  est  prydite  avec  prycision.  L'ycart  important  observe  poxir  “ 1.8^  est  du 

vraisemblablement  i des  effets  perturbateurs  provoqiiys  par  les  parois  de  la  soufflerie.  Les  lettres 
R,K,  C et  E dysignent  respectivement  le  point  de  recollement  (R),  le  point  critique  (K),  le  col  du 
sillage  (C)  et  le  point  sonique  sur  I'axe  (E). 

La  Figure  75  suivante  donne  I'yvolution  du  coefficient  de  pression  de  culot  en  fonction  du 
nombre  de  Mach  et  met  en  evidence  I'effet  de  couche  limit*  initiale.  La  prediction  peut  etre 

considyrye  comme  correct*,  compte  tenu  d'une  assez  large  dispersion  expyrimentale  qui  ne  permet  pas 
de  dygager  clairement  1 'influence  de  la  couche  limite  initiale.  Dans  le  cas  du  culot  de  ryvolution, 
ce  parametre  semble  d'ailleurs  jouer  rapidement  un  r6le  secondaire,  I'effet  principal,  pour  une 
gyomytrie  donny*,  provenant  du  nombre  de  Mach  amont.  Une  telle  tendance  a dyja  yty  constatye  dems  le 
cas  du  recollement  plan  (voir  § 2.2.2  et  Figure  62  ) od  I'on  observe  que  la  couche  limite  n'affecte 
fortement  le  phynomyne  qu'au  voisinage  du  cas  limite 

Enfin,  la  Figure  76  montre  1' influence  d'une  injection  au  culot.  La  prydiction  thyorique 
se  situe  assez  nettement  au-dessous  de  1 'evolution  expyrimentale,  la  pente  des  deux  courbes  diffyrant 
surtout  au  voisinage  de  1 'origin*. 

D'autres  thyories,  semblables  dans  leur  esprit  d celles  que  nous  venons  de  prysenter,  ont  yty 
proposyes  pour  traiter  le  problSme  du  culot  en  ycoulement  supersonique  de  ryvolution  [80]. 

Elies  different  essentiellement  par  la  faqon  de  traiter  I'effet  de  la  dytente  de  a sur  la  couche 
limite  initiale  ainsi  que  par  le  choix  d'autres  reprysentations  des  profils  de  vitesse  dans  la  zone 
visqueuse . 


2.3.2  _Eco^aaent  sub80nique_incoii5res8ible 

Nous  limiterons  lei  notre  revue  aux  mythodes  proposyes  pour  traiter  le  cas  d'un  sillage 
subsonique  supposy  stationnaire. 

Les  rygimes  instationnaires  ne  peuvent  etre  convenablement  calcuiys  que  par  rysolution 
(numyrique)  des  yqustions  de  Navier-Stokes . En  suivant  cette  approche,  des  rysultats  tr^s  intyressants 
ont  yty  obtenus,  pour  le  laminaire,  en  particulier  par  Fromm  [81]  . En  turbulent,  se  pose  le  problem* 

de  la  modyiisation  de  la  turbulence  qui  souiyve  de  grandes  difficultys  s'ajoutant  d'ailleurs  aux 
questions  d'ordre  numerique.  Dans  ce  domaine,  les  mythodes  n'en  sent  done  encore  qu'au  stade  du 
dyveloppement  sur  le  plan  fondamental. 

Diffyrentes  thyories  ont  yty  dyveloppyes  pour  calculer  la  pression  de  culot  en  ycoulement 
subsonique  plan  et  stationnaire. La  plupart  d'entre  elles  adoptent  des  schymas  analogues  a ceux 
dyfinis  pour  traiter  le  cas  supersonique  : e'est-S-dire  qu'elles  font  appel  soit  a des  concepts 
du  genre  modyie  de  Chapman-Korst  consistant  8 superposer  les  effets  de  viscosity  sur  une  structure 
d'ycoulement  de  fluid*  parfait  [**'/  82]  , soit  I une  technique  d’interaction  forte  [78,  83]  avec, 

souvent,  1 'utilisation  de  corryiations  empiriques. 

Plus  rycemment  ont  yty  dyveloppyes  des  mythodes  basyes  sur  la  rysolution  numyrique  des  yquations 
de  Navier-Stokes  avec  introduction  de  modules  de  turbulence  du  type  algebrique  c«  j yquations  de 
transport  [ 84, 85 ] . 


6-32 


. Thlorie  de  Butsko 

Nous  ne  donnerons  que  quelques  indications  sur  la  m6thode  de  Butsko.  Elle  prend  coeme  point  de 
depart  l'6valuation  du  coefficient  de  pression  de  culot  Kjtf  en  Scoulement  Bidinensionnel  plan.  Le 
calcul  de  Ajtc  est  effectu6  dans  le  cadre  de  le.  thSorie  de  Nash  avec  ditemination  de  1 '6couleuent  non 
visqueux  par  une  technique  de  transfomation  conforoe.  On  ohtient  ainsi  un  ( Kfc  )tD  ^lui  est  6crit 

sous  la  forme  : 


iKf-c)zD  - 


fi  est  1 'angle  de  rStreint  et  ^fl,  1,0  correspond  au  cas  "limite"  ^ ■ 0 (couche  limits  initiale 
nulle). 

Butsko  introduit  ensuite  des  coefficients  empiriques  pour  tenir  compte  de  I'effet  de  tridimen- 
sionnalite,  si  bien  que  est  donnS  par  : 


f (Xftc  1101)3 

i JjftO 


fjXKJnh.  1 

^ (Xfc  Iiin)at0  j3P 


Le  cas  d'une  configuration  reellement  tridimensionnelle  peut  etre  trait6  en  dScomposant  le 
en  un  ensemble  de  g6om6tries  plus  simples  puis  en  dSfinissant  pour  chacune  d'elles,  une  Spaisseur 
et  un  angle  moyens  sur  le  pirimetre  P du  culot.  L'effet  tridimensionnel  est  caractSrise 

le  coefficient 

P/Z^, 

od  est  la  surface  du  culot  (ce  coefficient  vaut  1 pour  un  6coulement  de  revolution). 

La  Figure  77  montre  la  precision  de  la  methode,  appliquee  en  particulier  a des  configurations 
geometriques  complexes.  L'accord  theorie-experience  est  ici  plutot  satisfaisant.  La  theorie  de  Butsko 
offre  I'avantage  d'une  grande  simplicite  de  mise  en  oeuvre,  et  peut  Stre  trds  utile  si  I'on  se 
contents  d'une  evaluation  de  la  pression  de  culot  sans  avoir  besoin  de  renseignements  sur  I'organisa- 
tion  du  sillage.  La  theorie  de  Vanwagenen  que  nous  allons  maintenant  presenter  en  detail,  permet 
d*  aller  plus  loin,  au  prix  bien  sur,  d'une  plus  grande  complexite. 

. Theorie  de  Vanwagenen 


Dans  la  theorie  de  Vanwagenen  I'ecoulement  de  culot  est  schematise  conne  indique  Figure  78 
L'arriere  corps  est  un  cylindre  prolonge  indefiniment  vers  I'amont.  Une  couche  limits  turbulente, 
dont  les  ceiracteristiques  sont  connues,  est  presents  au  niveau  du  point  de  decollement  D.  D est  I'origine 
de  la  surface  de  courant  separatrice  ^ qui  deiimite  une  cavite  emprisonnant  un  ecoulement  dit 
"interne".  Vf  aboutit  en  L sur  I'axe  de  revolution.  Iff*  designs  la  surface  de  deplacement  de  la 
rlgion  dissipative.  Elle  constitue  la  surface  solidc  fictive  le  long  de  laquelle  s'ecoule  le  fluids 
exteme  considere  comme  non  visqueux.  ^ est  la  surface  de  courant  de  cet  ecoulement  qui  passe  en  L' 
par  la  frontiSre  exteme  de  la  couche  dissipative  au  niveau  du  point  L. 

On  designs  par  la  pression  s'exerqant  sur  le  culot  et  par  la  pression  sur  I'axe  en  L. 

Le  principe  general  de  la  solution  consists  S assurer  la  compatibilite  entre  I'ecoulement 
exteme  non  visqueux  et  la  couche  dissipative  le  long  de  la  surface  de  deplacement  . 

L'ecoulement  potentiel  est  calcuie  par  une  methode  de  singularites  (sources  et  puits)  reparties 
sur  I'axe  d'un  ecoulement  de  revolution  uniforms.  Les  etapes  du  calcul  sont  les  suiventes  : 

1.  I'algorithme  iteratif  est  demarre  en  se  donnant  la  forme  de  la  surface  separatrice  . On 
choisit  comme  section  meridienne  une  ellipse  tangente  au  cylindre  en  D et  normale  d I'axe  en  L. 

La  longueur  L^  du  demi-grand  axe  est  donnee  a priori.  Elle  constitue  une  des  inconnues  du 
probieme. 

2.  I'ecoulement  potentiel  est  calcuie  le  long  d'une  frontiSre  constituee  par  : le  cylindre,  la 
surface  et,  en  aval  de  L,  I'axe  de  revolution  . 


L 


culot 

par 
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3.  I'effet  de  diplaceoent  de  la  couche  limite  initiale  se  d^teraine  aisSnent  a partir  du  profil  de 
Vitesse.  L'Spaisseur  de  dSplaceisent  au  niveau  de  L est  £valu£e  en  procSdant  ainsi  : 

- on  estise  d'abord  le  d£l>it  de  masse  qui  p^n^tre  dans  la  couche  de  melange  jusqu'au  point  L 

( est  la  soBBtt  de  d£bit  de  la  couche  limite  initiale  et  du  d£bit  entrain^  par  effet 
visqueux  entre  D et  L).  Au  depart,  est  estiia6  i peurtir  des  rSsultats  connus  sur  le 

melange  turbulent  bi-dimensionnel. 

- la  frontiire  exteme  4 de  la  couche  dissipative  en  L est  d€termn6e  connaissant  % et 
en  faisant  I'hypothSse  que  le  profil  de  vitesse,  en  L,  est  repr£sent€  par  une  loi  en  fonction 
d'erreur  (Foiwule  2,  § 2.2.2) 

- l'£paisseur  de  dSplacement  en  L,  est  ensuite  calcujSe  en  Scrivant  que  le  d€bit  est 

£gal  au  dibit  de  fluide  parfait  passant  entre  tX 

U.  cette  itape  consiste  A difinir  la  fonse  de  la  surface  de  diplacement  ifff*  dans  la  partie 
initiale  du  siilangei  c'est-i-dire  jusqu'a  une  distance  Xg  at  ls/2 

Pour  cela,  il  faut  d'abord  mettre  en  place  la  zone  de  milange  relativement  A la  surface  limite 
Iff  . A cette  fin,  on  icrit  les  iquations  de  bilan  pour  la  quantiti  de  mouvement  et  la  masse  en 
adoptant  le  volisse  de  contrSle  OEE'L"B  reprisenti  Figure  TS  (le  procidi  est  analogue,  dans 
son  irincipe,  i ce  qui  a iti  expose  § 2.2.2). 

. ^jjt^mgnt  ge^og  f 


271  j pu'rdr  * 2 7!  j p.rdr  m. 


A 


ftt'  ,/y/  ,/>- 

277 J pu'rdr-  t 277 j ^rdr  * 277  J 


Dans  cette  expression  tL  mZ*u'  est  la  vitesse  instantanie.  est  nigligie  dans  la  couche 

limite  initiale  et  pris  igal  i 0,02  it*  dans  la  zone  de  milange.  Nous  obtenons  done  1 'equation  : 

277  [ ^u.'rdr  t 277  f jirdr  =.  277  f fi'rdr  t 277(0,02)  I fZ’rdr  t 277  j ^rdr 

rV 


f 277  j It  rdr 

i, 

. Sogtgr^^ign^dg  ^a^i^sge 

r r r . 

ZV  / fardr  ~ 2J!  / furdr  s 271  / (a  rdr 

Dans  la  partie  ext^rieure  de  la  couche  de  iB^lange»  les  profils  de  vitesses  sont  supposes  donnas 


par  : 


oil 


y » (T  ^ ordonnie  locale) 
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{T  est  pris  6gal  S 12  et  x‘ * X *■  (T  6^  pour  tenir  compte  de  I'effet  de  couche  lijnite 
initials  (concept  d'origine  fictive,  voir  § 2.2.2  )• 

Dans  la  cavit6,  les  profils  sont  representis  par  la  fomule  : 


od  a , b , sont  definis  par  les  conditions  de  raccord  avec  la  fanille  (2)  sur  la  ligne 

separatrice  et  par  : 

dr  I 0 ( distance  a I'axe  sur  ft  ) 

Une  fois  que  la  couche  visqueuse  est  mise  en  place  par  rapport  k , on  peut  calculer  son 

effet  de  diplacement  en  un  ou  plusieurs  points. 

5.  La  frontiers  de  dSplacement  du  sillage  , en  aval  de  L,  est  representSe  par  la  formule  (anpirique)  : 

UJ)  ^ «/.  f-  Cs  (X.  Ls)  /si  ] 

La  constants  est  ajustee  de  maniere  S assurer  la  continuity  des  pentes  au  raccordement 

avec  la  surface  de  courant  de  1 'ycoulement  potentiel  passant  par  S/ ■ 

La  rnSridienne  de  la  surface  de  deplacement  entre  D et  le  sillage  est  assimiiye  S un  arc 
d'ellipse  tangent  a I'epaisseur  de  deplacement  de  la  couche  limits  en  D et  a la  forme  exponentielle 
(2?)  adoptee  pour  le  sillage  et  passant  au  plus  prds  des  points  dSfinis  dans  I’etape  precedents 
(ajustement  par  une  methods  des  moindres  carres). 

6.  L'ecoulement  potentiel  est  recalcuie  le  long  de  la  surface  de  deplacement  definie  par  : 

. la  couche  limits  sur  le  cylindre, 

. I'arc  d'ellipse  entre  D et  L, 

. la  relation  (.if)  en  aval  . 

Une  nouvelle  estimation  de  ^ peut  ainsi  etre  obtenue  et  coBipar6e  a la  valeur  precedents. 

Si  I'ecart  est  juge  trop  important,  le  processus  est  repete  jusqu'a  ce  que  I'acoord  soit  satisfaisant. 


7.  La  procedure  suivie  jusqu'S  maintenant  foumit  une  solution  de  fluids  parfait  compatible 

(approximativement)  avec  I'effet  de  deplacement  de  la  couche  visqueuse  et  correspondant  a des 
valeurs  ,4  . et  <fe  fixies.  En  fait,  4 est  une  donnee,  mais  ij  et  ^ sont  encore 

arbitraires. 


Le 

au  volume 


debit  est  determine  en  satisfaisant  au  theorems  de  la  quantity  de  mouvement  applique 
de  controls  DEL'LB  (voir  Figure  70  ),  c'est-S-dire  : 


(2e) 


277 


f£>dh  t 277 


If 

f.rdr  m 


277(1,02) 


•le 

fu'hdr 


+ 


rdr 


rdr 


Connaissant  le  champ  de  pression  statique,  foumi  par  le  calcul  de  fluids  parfait  (la  pression 
est  supposes  constante  entre  I'axe  et  ),  ainsi  que  le  profil  des  vitesses  en  L (voir  etape  3, 

ci-dessus),  la  relation  (26)  conduit  i une  expression  pour  le  coefficient  de  pression  de  culot  . 

La  condition  S satisfaire  est  que  Kfi,  deduit  de  (26),  soit  egal  au  coefficient 
correspondant  k la  pression  dans  le  fluids  parfait  sur  la  frontiers  de  deplacement  en  D. 

Ainsi,  I'egalite  z Kfij*  determine  la  valeur  de  , pour  Lf  fixes. 
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ti.  La  longueur  de  cavite  est  ensuite  d^finie  par  le  critere  suivant.  A une  certaine  abscisse 

X3  la  pression  sur  la  surface  de  separation  Ifff  redevient  egale  a la  pression  de  culot 

Cette  station  est  appelee  “debut  de  la  recompression  de  la  couche  dissipative".  II  est  alors 
suppose  que  la  pression  d' arret  sur  ^ est  constante  entre  Xs  et  L (hypothese  de  recompression 
isentropique  de  Chapman-Korst ) . Ainsi  : 

h * T-  ■'  h 

Rappelons  que  Ui  peut  etre  evalue  par  application  des  relations  de  conservations  (voir  etape  U). 
Les  pressions  et  resultent  du  calcul  de  fluide  parfait,  (la  pression  statique  est  supposee 

transversalement  constante  entre  L et  ) . L*unicite  de  ..a  solution  est  done  assuree  par  la 

condition  : 

' -r 

qui  fixe  la  longueur  Ls 

Afin  d'illustrer  1 'application  de  la  methode  sur  un  cas  concrH,  la  Figure  T9  montre  la  faQon 
pratique  de  determiner  le  debit  Qf  dans  le  cas  oil  trois  longueurs  de  cavite  Lj  sont  envisagees 
( « 2,33  “ 2,67  et  3).  theoreme  des  quantites  de  mouvement  (^e)  d'une  part,  et  le  calcul 

potentiel  d'autre  part  fournissent  chacun  une  valeur  du  coefficient  . L' intersection  des  deux 

evolutions,  ainsi  definies,  determine,  pour  chaque  , le  debit  et  Kjiq  . 

On  porte  ensuite,  en  fonction  de  Li  , les  ecarts  donnes  respectivement  par  I'^coulement 

potentiel  et  par  la  recompression  isentropique  sur  la  surface  limite.  L* intersection  des  deux  courbes 
fixe  la  longueur  , puis  les  coefficients  Xh  % correspondant  a la  solution  cherch^e 
(voir  Figure  80  ). 

Les  examples  d'application  qui  suivent  permettent  de  juger  la  precision  de  la  methode.  La 
Figure  8l  montre  1 'evolution  de  en  fonction  de  l*epaisseur  de  quantite  de  mouvement  de  la 

couche  limite  au  point  de  decollement  D.  L'accord  entre  la  theorie  et  1 'experience  est  ici  tres  satis- 
faisant  pour  inf^rieur  a 0,0lU.  Au  dela,  I'effet  de  $§  tend  a etre  surestime.  Les  experiences 

montrent,  qu'en  fait,  I'influence  de  devient  de  moins  en  moins  sensible,  s'etablissant 

a une  valeur  pratiquement  independante  de  4 pour  4//^  > 0,015.  En  extrapolant  I'evolution,  prati- 

Iquement  lineaire,  de  ^f-c.  il  est  possible  de  definir  la  valeur  limite  correspondant  a une  couche 
limite  evanescente  : 

(-Vc)/*  =-0.132 

i 

! d'oi  une  foraule  approchSe,  pouvant  etre  utile  pour  une  estimation  rapide  de  la  trainie  d'un  culot 

f oylindrique  dans  le  cas  d'une  couche  limite  initiale  de  faible  Spaisseur  ( 4 Ac  < 0,011) 

I 

Kf-i  = 1.375  ) - 0,132 

La  pression  au  point  de  fermeture  de  la  cavity  (recollement  thSorique)  est  un  peu  moins  bien 
pr^dite  (Figure  82a  ),  la  theorie  etant  d'environ  5 % superieure  a 1 'experience.  Le  disaccord  provient 

vraisembla' lement  de  I'hypoth^se  d'effets  dissipatifs  negligeables  lors  du  processus  de  recollement. 

■,  Egalement , la  theorie  surestime  legerement  la  longueur  de  la  cavite  (Figure  ),  I'ecart 

f demeurant  toutefois  modere  (3  a U Jt).  Pour  les  besoins  pratiques,  L5  peut  etre  evaluee  avec  une  bonne 

precision  par  la  relation  : 

- iM  i fz,y  f A.  ) 

t-c  ^ * /i  ^ 

La  theorie  de  Vanwagenena  gt^  adaptee  par  Champigny,  de  I'ONERA,  pour  traiter  des  g6om&tries 
plus  complexes  que  le  simple  cylindre.  La  Figure  83  montre  un  exemple  d'application  au  cas  d'une 
maquette  dont  I'arri^re  corps  comporte  unejupe  d'angle  /S  . La  prevision  recoupe  bien  I'exp^rience 
pour  * 0,  mais  elle  tend  A s'en  ecarter  lorsque  3 augmente.  Le  disaccord  est  d' environ  15  pour 
(3  » 15  II  faut  cependant  preciser  que  le  calcul  de  I'ecoulement  potentiel  suppose,  qu'en  amont 
de  la  jupe,  la  maquette  est  un  cylindre  sesii-infini.  Un  calcul  de  fluide  parfait  sur  la  geom^trie 
exacte  permettrait,  peut  etre,  de  resorber  une  partie  de  I'ecart  constate. 


2,3. 3. _ Ecoulement^transsonique 

A notre  connaissance,  il  n'existe  pas  encore  de  methode  vraiment  operationnelle  pour  calculer 
un  ^coulement  de  culot  quand  le  nombre  de  Mach  de  I'ecoulement  ext^rieur  est  voisin  de  1' unite. 

Dans  ce  domaine  de  vitesse,  les  travaux  th^oriques  n'envisagent  pour  le  moment  que  le  cas  du  recolle- 
ment bidimensionnel  sur  paroi  [87]  . L'extension  a une  configuration  de  revolution  est  envisageable 
mais  ne  semble  pas  avoir  ete  faite. 


i 

( 


f 
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2^3 Ecoulement  au  culot  d*un  arri^re  corps  de  revolution  avec  jet  propulsif 


I 


2.3.1  _Eco]^ements_externe_et  interne  supersoniques 


2.3. 1.1  Schematisation  des  ecoulements 


La  structure  de  1 'ecoulement  au  culot  d*un  arriere  corps  equipe  d'une  tuyere  propulsive  a ete 
analysee  dans  la  premiere  partie  de  cet  expose  (voir  § 1.3.2  et  Figure3^  ) . Elle  est  extremement 
comolexe  et  les  se^'les  met.hodes  nratiques  dont  on  dispose  actuellement  pour  traiter  ce  genre  de 
probleme  sont  du  type  global  et  reposent  sur  une  schematisation  assez  grossiere  des  phenomenes  reels. 
Neanmoins,  comme  nous  le  verrons  dans  ce  qui  suit,  elles  donnent  le  plus  souvent  une  tres  bonne 
prediction  de  la  pression  de  culot.  A ;.otre  connaissance,  peu  de  nethodes  integrales  ont  ete  developpees 
pour  traiter  ce  genre  de  probleme.  Signalons  toutefois  les  tentatives  theoriques  de  Klineberg  et  al. 

[88]  et  de  Boger  et  al  [89]  pour  resoudre  le  probleme  du  decollement  de  1 'ecoulement  externe 
cause  par  I'eclatement  d'un  jet  propulsif  tres  sous  detendu.  Bien  qu'interessantes,  ces  methodes  sont 
encore  trop  peu  developpees  pour  que  nous  en  parlions  ici. 

Les  deux  theories  qui  vont  etre  presentees  constituent  une  extension  des  methodes  developpees 
pour  le  recollement  bidimensionnel  sur  paroi  : la  premiere  utilise  le  concept  de  critere  angulaire 
de  recollement,  la  seconde  due  a Addy  [90]  s'inspire  plus  etroitement  du  modele  initial  de  Korst. 

En  fait,  les  deux  methodes  sont  basees  sur  des  schematisations  tres  voisines  dont  les  traits 
essentiels  sont  les  suivants  : 

- la  zone  deccllee,  delimitee  grossierement  par  le  triangle  R I est  le  diametre  en  sortie 

ti^yere)  est  a la  meme  pression  f^c  deux  ecoulements  non  visqueux  decoll^s  (ecoulements 

interne  et  externe.  ) 

- les  processus  visqueux  sont  superposes  a une  structure  d'ecoulement  de  fluide  parfait  entierement 

determinee  si  la  pression  du  culot  est  fixee.  Pour  les  deux  theories,  la  premiere  ^tape  consiste 

done  a effectuer  un  calcul  de  fluide  parfait  en  procedant  de  la  maniere  suivante  (voir  Figure  8^4  ). 

Les  ecoulements  non  visqueux  amont  sont  supposes  connus  jusqu'en  et  (e'est  une  donnee  du 

probleme  en  meme  temps  que  les  epaisseurs  de  quantity  de  mouvement  des  couches  limites  initiales). 

On  dispose  done,  par  example^  d'une  distribution  de  points  sur  les  caract^ristiques  de  d§part  (le  ) 

) o^  Vitesse,  pression,  entropie  sont  connues. 

Ayant  fix^  fie  » il  est  possible  de  calculer,  par  la  m^thode  des  caract^ristiques , les  frontieres 
isobares  ( ^ ) et  { ^‘  ) des  deux  ecoulements  de  fluide  parfait.  Dans  le  cas  oil  fic  est  inf^rieure  d 
la  fois  a et  (pressions  en  et  respectivement) , A et  ^ sont  a I'origine  d'un  faisceau 

de  d^tentes  Gentries  (circonstance  schematises.  Figure  8U  ).  Il  n'en  est  pas  obligatoirement  ainsi. 

Si  le  jet  est  sous  detendu,  fic  peut  etre  superieure  d et  alors  une  onde  de  choc  part  de  .A 

1' inverse,  si  le  jet  est  surdetendu,  un  choc  peut  se  propager  depuis  0/  . Les  deux  lignes  ( *^  ) et 
( ) se  rencontrent  generalement  en  un  point  d'impact  , distinct  du  point  de  recollement  R . 

R^  constitue  le  point  de  confluence  en  fluide  non  visqueux.  En  aval  de  R^,  le  cslIcuI  peut  etre  en 
principe  poursuivi  en  imposant  que  sur  la  frontiers  commune  (G),  les  deux  Ecoulements  aient  meme 
direction  et  meme  pression  (condition  de  compatibility  le  long  d'une  ligne  de  glissement).  Il  n'est, 

en  fait,  pas  necessaire  de  calculer  (G),  seule  sa  direction  initials  Q en  R^  est  necessaire  a la 

suite  du  calcul.  En  leur  point  de  rencontre,  les  deux  ecoulements  subissent  des  deviations  brutales 
qui  entrainent  la  formation  des  ondes  de  choc  ( ^ ) et  ( ).  Les  intensites  de  ces  chocs  doivent 

etre  telles,  qu'immediatement  en  aval  de  R^,  les  pressions  statiques  sont  identiques  dans  les  deux 

ecoulements,  ce  qui  determine  et  la  pression  commune  flj  . La  methode  basee  sur  le  critere 

angulaire  utilise  un  mode  de  resolution  du  probleme  de  confluence  oO  les  chocs  sont  remplaces  par 
des  compressions  isentropiques . L'experience  montre,  en  effet,  que  les  ondes  de  choc  se  Torment  par 
focalisation  d'ondes  de  compression  a une  certaine  distance  de  R^,  L'hyjwthese  d'une  Evolution 
isentropique  doit  done  conduire  a une  evaluation  plus  precise  de  . 

- I'etape  suivante,  qui  va  faire  intervenir  les  relations  de  fermeture  assurant  I'unicitI  de  la 
solution,  consiste  a appliquer  la  thEorie  du  recollement  aux  deux  ecoulements.  Pour  cela,  on  admet 
que  tout  se  passe  comme  si  chacun  d'eux  recollait  sur  une  paroi  matErialisant  la  direction  commune 
de  confluence  ft  . Une  telle  hypothEse  est  justifiee  par  1' observation  experimentale  qui  montre 
que  la  matErialisation  par  une  plaque  mince  du  plan  de  symetrie  d’un  ecoulement  de  culot  n'introduit 
que  des  effets  mineurs  dans  le  domaine  proche  du  point  de  partage  R o\X  le  frottement  pariEtal  est 
faible.  Les  exemples  presentes  Figure  85  permettent  de  constater  que  la  pression  de  culot  n'est 
pas  affectEe  de  faqon  sensible,  meme  dans  le  cas  oil  une  injection  de  masse  a faible  vitesse  est 
pratiquEe  dans  I'eau  morte. 

Nous  allons  maintenant  distinguer  les  deux  approches  qui  conduisent,  a partir  de  la,  d des 
formulations  diffErentes. 
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2,3.J.2  _'i'heorie_utilisant_le  critere  angulaire  de_recollement_(Carriere2  Sirieix ,_Deler^ ) 

Le  calcul  de  fluide  parfait,  effectue  ccHnme  il  vient  d’etre  indique  brievement^  fournit  les 
elements  suivants  : 


- longueurs  d'echange  assimilees  aux  longueurs  Le  et  des  frontieres  isobares  comprises  entre  les 

points  de  decol iement  et  R,p  • 

U » pT 

- angles  de  recollement  % et  ^ (definis  Figure  8U  ) , 

- nombres  de  Mach  et  sur  les  frontieres  (Ji)  et  (■fj)  • 


La  relation  {11  ) du  § 2.2.2  est  alors  appliquee  pour  determiner  les  coefficients  d'injection 
generalises,  C^t  » relatifs  a chacun  des  ecoulements.  Dans  I’evaluation  des  angles  ^ 

( ^ fMjf.  , /j  ) respect! vement ) , il  est  tenu  compte  de  I'effet  de  revolution 

au  moyen  de  la  fonction  F calculee  a partir  de  la  geometric  des  frontieres  isobares  (.?  ) et  { ^‘  ). 


Les  debits  massiques  d'echange,  et  , sont  ensuite  evalues  par  : 

. ZVf-r  Pj,  4 ( c<f^  - ^ 


Pst  » ^*6  / ^'c  ' 

( ) respectivement , 


sont  relatifs  aux  conditions  sur  les  frontieres  isobares  ( ) et 


“ ^ > sont  les  epaisseurs  de  quantites  de  mouvement  en  et  D^'  , apres  detente  (ou 

compression)  de  h.  S ^ et  4 a ;l,  . 


voir  § 2.2.2). 


• 4/  * 


( Xc  etant  le  d^calage  de  I'origine  fiotive  du  melange. 


La  prise  en  compte  des  termes  de  quantity  de  mouvement  4 et  If  nSoessite,  en  general,  une 
iteration  puisqu'ils  sont  fonction  de  la  vitesse  d'injection  du  fluide  au  culot  qui  depend  de  ^ 
et  Cj-  . 

Dans  sa  version  actuelle,  la  m&thode  suppose  les  phenomSnes  isoSnergStiques  (pas  de  bilan 
thermique),  si  bien  que  I'unicit^  de  la  solution  (pression  de  culot  ^ ) est  assurle  par  la  seule 

condition  : 

^ --  ‘In 

oil  est  le  debit  inject^  au  culot  (dans  la  plupart  des  cas  Cj^  =0). 

Les  examples  d’application  qui  suivent  permettront  de  juger  de  la  validite  de  la  methode  : 


- le  premier  cas.  Figure  86  , est  relatif  a un  arriere  corps  cylindrique  place  dans  un  ecoulement 
uniforme  de  nombre  de  Mach  = 1»97«  L’arriere  corps  est  equipe  d'une  tuyere  conique.  Deux  valeurs 
du  nombre  de  Mach  en  sortie  sont  considerees  : = 2 et  =3*  Les  resultats  presentes 

montrent  1 'evolution  de  la  pression  de  culot  en  fonction  du  rapport  de  detente  de  la  tuyere. 

Le  calcul  prend  en  compte  I'effet  des  couches  limites  initiales. 


“ dans  le  deuxieme  exemple,  Figure  87  , le  nombre  de  Mach  de  la  tuyere  est  fixe  (MiV  =2,5)  et  deux 

valeurs  du  nombre  de  Mach  externe  sont  considerees  : * 2,01  et  M;^  » 3,27  (les  mesures  sont 

extraites  de  la  reference  [91]  ) 

- le  troisieme  exemple,  presente  Figure  , correspond  a une  configuration  oil  la  tuyere  emerge 
largement  de  I'arrie^’e  c'^rp®,  c®  qu-l  co*'du-*t  a '^es  lon'^ue’jrs  de  ligne  de  jet  tres  differentes. 


- enfin,  la  Figure  89  montre  une  application  a un  cas  oil  une  injection  de  masse  est  pratiqu^e 
au  culot,  pour  plusieurs  valeurs  du  rapport  de  detente. 

Il  ressort  de  1* ensemble  de  ces  confrontations  theorie-experience,  que  la  methode  conduit 
a une  prediction  en  general  satisfai sante  de  I’influence  des  differents  parametres  envisages. 


I 

j 


i 


I 
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2.3.J.3  _'I^eorie_d_^Add^ 

Le  modele  d’Addy  utilise,  pour  chacun  des  ecoulements,  I'analyse  du  melange  turbulent  isobare 
developpee  § 2.2.2,  les  couches  limites  initiales  etant  negligees.  Les  frontieres  isobares  ( i ) 
et  i .5  ) constituent  les  axes  de  reference  par  rapport  auxquels  les  zones  de  melange  sont  pcsi- 
tionnees.  Les  equations  de  conservation  sont  ecrites  en  negligeant  I'effet  de  revolution,  mais  on 
considere  le  cas  bii  les  ecoulements  ne  sont  pas  isoenergetiques , ce  qui  se  produit,  en  particulier, 
quand  les  deux  flux  sont  a des  temper' ■*“  ires  generatrices  differentes  ( et  TiJ  , respect i vement ) . 

Dans  ces  conditions,  la  temperature  Tm  du  fluide  emprisonne  dans  I’eau  morte  est  une  inconnue 
supplementaire  dont  la  determination  oblige  de  recourir  a une  relation  de  bilan  pour  I'energie. 

Nous  aliens  reprendre  rapidement  la  formulation  utilises  par  Addy  qui  est  tres  voisine  de  ce 
qui  a ete  expose  § 2.2,2. 

La  zone  de  melange  est  schematisee  Figure  90  . Les  profil''>  de  vitesse  et  de  t«nperature 
sont  de  la  forme  : 


'z  cr 


JL 


'•’C 


Le  syst^me  de  coordonnees  intrinseques  ) est  mis  en  place  par  rapport  au  systeme  de 

ce  (X,Y)  en  satisfaisant  globalement  l*equat5.on  des  quantites  de  mouvement  pour  le  volume 


reference 
de  controle  dessine  Figure 


D*ou  la  relation  : 


7^  - %- 


^ <C' dn 
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La  conservation  de  la  masse  dans  I'eau  morte  s'exprime  par  la  relation,  deja  utilisee  : 

‘im  * ‘I,  ^ ° 

<1^  et  sont  des  donnies  du  problSme.  Dans  la  plupart  des  applications  traitees  par  Addy, 
i condition  = 0 correspond  S ini  culot  en  e<iuilibre  thermique  avec  I'eau  morte.  S'il  n'en  n'est 


La 

pas  ainsi,  en  doit  etre  ?gal  au  flux  de  chaleur  au  culot  (voir  S ce  sujet  (97) , (98)  ) 

Pour  les  ^coulements  de  revolution,  nous  ecrirons  en  adoptant  les  indices  e et  j pour 
distinguer  I'ecoulement  extSrieur  et  le  jet  de  la  tuyere  ; 

e,  t ^ 2V  fr  ( If  t ) 

sont  lvalues  a peirtir  de  la  theorie  du  melange  bidtmensionnel.  La  longueur  de 
melange  ' X , qui  intervient  dans  les  formules  precedentes,  est  prise  souvent  6gale,  pour  chacun  des 
ecoulements,  a la  longueur  de  frontiere  isobare  comprise  entre  le  decollement  et  R_,.  Cette  convention 
ne  correspond  pas  tres  fidelement  a la  r6alite,  le  melange  isobare  ne  representanf^qu'une  fraction 
de  Lt  ou  1/  . Pour  cette  laison,  Addy  a propose  une  modification  consistant  a introduire  des  longueurs 
(l.)f  et  effectives  determinees,  approximativement , en  situant  le  point  d-:^  rencontre 

des  deux  zones  de  melange 

Rappelons  que  la  position  de  la  ligne  limite  ( puis  ^ ) est  obtenue  en  satisfaisant  au 

crit^re  d'^rchappement  qui,  dans  sa  forme  originale,  consists  a ecrim  que  la  pression  d*arret  sur  (/  ) 
soit  , est  egale  a la  pression  statique  apres  recollement.  Afin  de  tenir  compte  de  I'effet 

de  revolution,  Addy  192]  a modifie  ce  critere  en  I’exprimant  sous  la  forme  ; 

H . t f 


. k /Jl  ) 

oil  k est  une  fonction  du  rapport  des  rayons  en  et 


r..  IL 

f'c 


qui  peut  etre  representee  par  ; 


k = 0,1*83  + 1,088  f - 0,87lt  r'  + 0,303  r’ 

Ln  figure  91  montre  la  correlation  des  valeurs  experimentales  qui  a permis  de  definir  cette 

courbe . 

Le  mode  d'obtention  de  la  locution,  pour  ~ 0,  est  le  suivant  (voir  Figure  92  ) 

a.  une  valeur  de  fix^e  a priori. 
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b.  diff&rentes  valeurs  de  A,^  = sent  oonsiderees. 

Poxu-  chacune  d'elles,  les  debits  ie  ^ 6e  et  s sont  calcules,  puis  on  recherche, 

par  interpolation,  les  rapports  tel  que  d et  (-Am)jf.o  tel  que  Ae  , O • 

c.  les  valeurs  et  (Amhtti  sont  comparees.  Si  I (Am)a<!t0  - (Ain)iei  o / £ , la 

solution  est  trouvee.  Sinon,  les  etapea  a et  b sont  repetees  pour  d'autres  pressions  de  culot ■ 


La  theorie  donne  en  general  de  bons  resultats,  bien  que  les  couches  limites  soient  negligees. 

Nous  ne  presenterons  ici  qu'un  nombre  limite  de  confrontations  th6orie-experience  choisies  panni  les 
nombreux  cas  calcules  par  Addy 

- la  Figure  93a  montre  I'effet  du  nombre  de  Mach  . L'arriere  corps  est  place  dans  un  ecoulement 
uniforme  de  nombre  de  Mach  Meg  =2 

- la  Figure  93b  met  en  Evidence  I'effet  de  geometrie  (rapport  /■  = ) pour  des  condi- 
tions et  fixees. 

- la  Figure  9^  donne  1' influence  des  effets  thermiques  (rapport  ! Tig  variant  de  1 a 3,5).  On 
constate  que  I'effet  de  temperature  se  repercute  asset  faiblement  sur  la  pression  de  culot,  du  moins 
pour  des  valeurs  de  Tij  pas  trop  elevees. 

II  pourrait  en  etre  autrement,  conme  nous  le  verrons  dans  la  suite,  dans  le  cas  de  missiles 
6quipes  d'un  propulseur  S poudre  : alors  Ti^  -v,  10  Tie  . II  est  a noter  que  pour  de  telles  configu- 
rations intervient  egalement  la  nature  du  gaz  (effet  de  ^ ). 

II  ressort  des  comparaisons  avec  I'experience  que  les  theories  que  nous  venons  de  pr&senter 
ont  une  bonne  fiabilite.  Leur  interet,  outre  la  possibility  de  prSdiction  sur  une  configuration 
particuliere  dont  les  caracteristiques  sont  figees,  et  de  permettre  une  etude  systematique  et  aneilytique 
de  I'influence  des  nombreux  parametres  qui  affectent  la  pression  de  culot,  chose  qu'il  serait  tres 
difficile  et  tres  couteux  de  faire  par  I'expyrience.  Elies  constituent  en  outre  un  outil  precieux  pour 
1 'optimisation  d'un  arri§re  corps  en  vue  d'une  trainye  minimal e. 


Les  variations  parametriques  prysentees  Figures  95  a sont  extraites  d'une  publication 
d'Addy  [90]  . L'arriere  corps  considyry  est  cylindrique. 


- la  Figure  95a  montre  I'effet  d'une  variation  du  nombre  de  Mach  externe  M^,  (M,»  = 2,5).  Pour  un 

rapport  de  detente  V» /A<,  fixy,  une  diminution  de  Meg  fait  augmenter  la  pression  du  culot. 

- la  Figure  95b  montre  I'effet  d'une  variation  de  M^',  (Me,,  ■=  2).  A h't /fe,  fixy,  S /ft,, 

croit  quand  Htg  dimi nue . 

- la  Figure  96  montre  I'influence  des  facteurs  gyomytriques  T • 9//-(  et  ( demi-angle  d'ouverture 
de  la  tuyere  conique).  La  pression  de  culot  augment e quand  r om  jS  augnentent . 


- la  Figure  9T  met  en  yvidence  I'effet  du  Jtj  du  jet  interne,  pour  une  gyomytrie  de  tuyere  fixye. 


II  y a done  ygalement  variation  du  nombre  de  Mach 
les  deux  effets. 


Ho: 


si  bien  qu'il  peut  y avoir  compensation  entre 


la  Figure  98  montre  I'influence  du  rapport  des  tempyratures  gynyratrices  ^ . 'Jne  augment a- 

entraine  une  croissance  de  la  pression  de  culot  qui  peut  etre  tres  sensible  quand 
est  yievye  (de  I'ordre  de  20  % pour  ! Tig  = 10). 


tion  de  / Tit 


- la  Figure  99  donne  1’ evolution  de  la  trainee  globale  (culot  plus  retreint)  d’un  arriere  corps  dont 
on  fait  varier  I’cuigle  de  retreint  , On  voit  qu’il  existe  un  optimum  dont  la  valeur  est  une  fonction 
du  taux  de  detente  de  la  tuyere. 


2.3* Autres  theories 


Avant  4e  clore  ce  chapitre  sur  les  methodes  de  calcul  de  la  pression  de  culot  pour  des  ecoule- 
ments  confluents  supersoniques,  nous  mentionnerons  brievement  la  thSorie  de  Dixon  et  al  [93]  9ui 
suit  I'approche  d’Addy  aux  modifications  suivantes  pres  : 


- la  frontiers  externe  ( Je  ) n’est  plus  isobare  mais  est  supposee  rectiligne,  sa  direction  resultant 
de  ia  d§tente  { ou  compression ) de  d ^ . 


“ il  est  tenu  compte  de  I’effet  de  revolution  sur  les  profils  de  melange,  par  la  transformation  de 
Mangier,  et  dans  I'ecriture  des  equations  de  bilan  qui  definissent  ^ et  , 


ti 
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- la  variante  du  critere  de  Korat,  due  a Goethert  194] eat  utilis^e  ; si  le  nombre  de  Mach  sur  la 
ligne  limite  (/ ) est  subsonique,  le  fluide  se  recomprime  isentropiquement  jusqu'a  fts  ; Si 
Ml  > 1,1'  ^coulement  sur  {i)  subit  d'abord  un  choc  droit,  puis  se  coraprime  ensuite  isentropi- 

quement jusqu'a 

Egalement,  Hong  [95]  a propose  une  theorie  tree  voisine  qui  presente  les  caract^ristiques 
suivantes  : 

- frontieres  (^  ) et  {Jj)  isobares, 

- effet  de  revolution  sur  les  equations  de  bilon, 

- critere  modifi^  de  Goethert 

Nous  retiendrons  un  exemple  d'application  qui  est  int^ressant  car  il  est  compare  a des  mesures 
en  vol  (Lanceur  THOR  "de  base"  S/N  4l9).  Comme  on  le  voit  Figure  100,  la  prediction  est  plutot  bonne, 
(au  dela  d'une  altitude  de  90  000  pieds,  les  mesures  sont  incertaines ) . 

Signalons  enfin  des  extensionsou  anenagements  de  ces  schemas  theoriques  pour  traiter  les 
probl ernes  aerothermiques  relatifs  au  culot  d'engins  multi-tuyeres  qui  interessent  davantage  les 
lanceurs  multi-stages  que  les  missiles  utilises  en  tant  qu'armes  [96  a 100]. 


2.3.2  _EcoiUement  externe  subsqnique_et  jet  interne  supersonique 

Hormis  des  tentatives  donnant  des  r^sultats  surtout  qualitatifs  [101]^il  n'existe  pas,  a notre 
connaissance,de  methodes  disponibles  pour  calcxiler  un  ecoulement  de  culot  dans  le  cas  d'un  vol 
subsonique  ou  transsonique.  En  revanche,  des  theories  ont  ete  d^veloppees  pour  calculer  1 * interaction 
entre  le  jet  propulsif  et  un  ecoulement  externe  sub.  ou  transsonique  sur  des  configurations 
d'arriere  corps  sans  culot  [102  a 105]  . L'expose  de  ces  theories  sortirait  du  cadre  de  la 
presente  conference,  aussi  nous  n*en  parlerons  pas  ici. 

Toutefois,  ii  n'est  pas  exclu  qu'elles  puissent  servir  de  guide  a I'^laboration  d'un  modele 
qui  tiendrait  compte  de  I'existence  d*xm  culot. 


3.  METHODES  DE  REDUCTION  DE  U TRAINEE  DE  CULOT 


Depuis  les  experiences  de  Cortright  et  Schroeder  [106]  , on  sait  que  l*injection  d’un  faible 
debit  de  masse  dans  la  zone  decoliee  est  susceptible  d'entrainer  une  augmentation  sensible  de  la 
pression  de  I'eau  morte,  et  done  de  redui'*e  la  trainee  de  culot.  Les  traits  essentiels  du  pheno- 

mene  ont  dejsi  et4  analyses  au  § 1.2.6  de  la  premiere  partie. 


Ce  r^sultat  est  d'ailleurs  parfaitement  pr^dit  par  les  theories  que  nous  avons  presentles,  en 
particulier  celles  qui  sont  inspirees  du  schema  de  Korst.  L’effet  peut  etre  caracteris6  simplement 
par  1 'introduction  du  coefficient  d’injection  generalise  , defini  § 2.2.2,  et  dont  nous  rappelons 
ici  1 'expression  (le  terme  de  quantite  de  mouvement  de  la  couche  limite  initiale  est  omis  pour  raison 
de  simplicite)  ; 


iio)  Co 


ftc  “S:  ' 


represents  la  quantity  de  mouvenent  Ipar  unite  d'envergure)  associSe  obligatoirement  a 1' intro- 
duction du  dibit  massique  unitaire  . Si  nous  supposons  que  le  fluide  est  injecte  avec  une 
Vitesse  constants,  -in  s'ecrit  : 


II  ressort  de  la  formule  { 3c  ) que  I'effet  de  quantite  de  mouvement  se  retranche  de  I'effet  de  • 

masse.  II  y a done  interet,  pour  donni,  5 ce  que  la  vitesse  d' injection  soit  la  plus  faible  ] 

possible.  De  toute  faqon,  pour  un  dispositif  d'injection  donne,  bii  augmente  obligatoirement  avec  9,,  j 

et  on  doit  s'attendre  a ce  que  son  influence  negative  finisse  par  I'emporter.  II  existe  done  un  dibit  ] 

optimal,  au  dela  duquel  ^ se  met  a dicroitre. 

< 

Ce  comportement  est  parfaitement  confirme  par  I’experience,  comme  le  montre  les  mesures  ^ 

presentees  Figure  30  (voir  § 1-2.6  de  la  premiere  partie)  . Le  rapport  ^/flg  passe  par  un  maximum 
qui  est  d'autant  plus  eleve  que  le  rayon  /J’  de  I’orifice  d’injection  est  plus  grand,  e'est-a-dire 
que  la  vitesse  Ifw,  est  plus  petite,  a donn6.  Le  dispositif  optimal,  de  ce  point  de  vue,  consiste 

a injecter  le  fluide  a travers  une  paroi  poreuse  qui  couvre  toute  la  surface  du  culot.  On  peut  alors  ? 

obtenir  des  augmentations  de  la  pression  de  culot  4^/^^  de  plus  de  100  %» 

L’ injection  au  culot  peut  egalement  etre  ben^fique  sur  le  plan  de  la  trainee  de  I’arri^re  » 

corps,  dans  le  cas  oD  celui-ci  est  equipe  d’une  tiiyere  propulsive.  Nous  avons  dej^  presents 
(Figure  ) un  exemple  d' application  de  la  theorie  sur  une  configuration  de  ce  genre.  Toutefois, 

1' interet  d'un  soufflage  au  culot  pour  un  engin  de  croisiere  a propulsion  aSrothermique  est  discute. 
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Un  bilan  global  montre,  en  effet,  que  la  trainee  de  captation  du  debit  peut  I'emporter  sur  le 

«ain  de  trainee  de  cuiot  resultant  de  1 'augmentation  de  [108).  En  revanche,  le  proc&d§  peut 
s'averer  trda  utile  pour  accroitre  la  portee  d'obus  d'artillerie  oil  de  missiles  en  vol  non 
propulse  . Le  problSme  fait  done  I'objet  de  recherches  actives  dont  nous  allons  donner  un  aperqu. 

Pour  des  vols  de  courte  dur6e  (cas  des  armes),  on  peut  envisager  d'agir  autrement  que  par  simple 
injection  d'air  au  cuiot  et  obtenir  ainsi  des  efficacites  bien  plus  grandes. 

L'analyse  theorique  [109]montre  que  1 'effet  est  encore  plus  bStiefique  si  le  gan  injecte  a 
une  masse  moleculaire  faible  et  si  sa  temperature  est  levee  (effet  d'apport  d'enthalpie) 

L'infLuence  de  ces  facteurs  a 6te  mise  en  evidence,  exp6rimentalement , en  particulier  par 
Baker  et  al.  [110]  puis  par  Townend  [111].  Des  experiences  de  ce  dernier,  il  ressort  notamment,  qu'a 
meme  debit  injecte,  I'hydrogenc  (masse  moleculaire  M » 2)  peut  donner  un  accroissement  fois 

superieur  a celui  de  I'azote  (M  = 28).  Ce  resultat  n'est  evidemment  pas  general,  il  depend  des  circons- 
tances  de  I'ecoulement  . Parfois,  un  gain  plus  important  peut  etre  obtenu.  Tounend  a 6galement  montrS 
qu'une  pression  ^ pouvait  etre  r^alisSe  par  combustion  de  I'hydrogene  dans  la  zone  du  sillage. 

L'int6ret  d'injecter  des  gaz  chauds  au  cuiot  a ete  egalement  demontre  par  Clayden  et  al.  [112] dans  des 
experiences  de  soufflerie  et  par  Andersson  et  al  [113] sur  des  projectiles  d'artillerie  (reduction  de 
la  trainee  de  cuiot  d'environ  70  >). 


L' augmentation  de  f-c  , jusqu'si  I'obtention  d'un  effet  propulsif  ( ^ ) , peut  aussi  etre 

realisee  par  combustion  exteme.  Dans  ce  procedS,  un  melange  combustible  riche  est  inject?  transver- 
salement  dans  l'?coulement  externe  sppersonique  en  amont  du  cuiot.  Par  melange  avec  I'air,  il  se 
produit  alors  une  combustion  dans  le  fluide  non  visqueux  contigu  au  sillage.  L'apport  de  chaleiu"  et 
de  mass e engendre  une  compression  qui  interactionne  I’ecoulement  de  cuiot  et  provoque  une  remontee 
de  la  pression^  . Des  valeurs  de  ftc  superieures  a peuvent,  en  principe,etre  obtenues  par  cette 
methode  [114  a 116]  . L' aspect  purement  aerodynamique  du  phinomene  a et?  ?tudi?  par  Neale  et  al 
en  simulant  I'effet  de  la  combustion  par  I'action  d'une  onde  de  compression  agissant  sur  le  proche 
sillage  d'un  arri?re  corps  cylindrique. 

One  analyse  de  I'action  des  diff?rents  parametres  que  nous  venons  de  passer  rapidement  en  revue 
a ?t?  effectu?e  r?cemment  ppr  Schadov  et  Chieze  [117] but  un  montage  bidimensionnel  constitu?  d'une 
marche  plac?e  dans  un  ?coulement  uniforme  a Mach  2.  Les  auteurs  ont  examin?  I'efficacit?  des  diff?rents 
proe?d?3  suivants,  utilises!  s?par?ment  ou  simultan?ment  ; 


- injection  au  cuiot  de  gaz  inertes  (h?lium  et  azote)  d?sign?e  par  BI 

- combustion  externe  avec  injection  lat?rale  supersonique  (EB) 

- combustion  externe  avec  injection  lat?rale  suhsonique.  Dans  ce  cas,  il  se  produit  egalement  une 
combustion  au  cuiot,  une  partie  du  m?lange  combustible  etant  entrain?  dans  I'eau  morte  par  I'inter- 
m?diaire  de  la  couche  limite  (EB/BH). 


Examinons  les  r?sultats  obtenus  dans  les  diff?rents  cas  : 

- Figure  101  ; influence  de  BI  seul  et  de  EB  et  EB/BR  seules.  Il  est  bien  v?rifi?  que  le  gaz  l?ger 

( , M “ 4)  est  nettement  plus  efficace  que  I'azote  (M  = 28).  Le  proc?d?  EB/BB  donne 

une  augmentation  de  pression  nettement  s\ip?rieure  a EB, 

- Figure  102  : effets  cumul?s  de  BI  et  EB, 

- Figure  102  : effets  cumulbs  de  BI  et  EB/BR  (injection  d'h?lium).  Cette  demiere  combinaison  conduit 

a des  pressions  ^ l?gerement  sup?rieures  5 , d'oJ  un  effet  propulsif. 

En  fait,  d'apr?s  les  conclusions  des  auteurs  (et  la  suggestion  de  Tovnend),  il  semble  que  le 
proc?d?  le  plus  efficace  consisterait  a associer  une  combustion  au  cuiot,  par  injection  directe  d'un 
combustible,  avec  une  combustion  externe  du  type  EB. 


Dans  cet  expose,  nous  nous  somoes  efforc^s  de  presenter  d’une  manlere  aussi  complete  que  possible 
un  dtat  das connalssances  actuelles  sur  les  probl^oes  d'dcoulement  de  culot  en  se  plaqant  d'un  point  de  vue 
essentielleoent  pratique.  Un  examen  phdnomdnologique  de  ces  dcoulements  a permis  d'en  prdciser  la  structure 
et  de  d^gager  les  principaux  facteurs  d'influence.  Sur  le  plan  thdorique,  un  certain  nombre  de  m^thodes, 
parmi  les  plus  usitdes,  ont  ^te  prdsentdes.  Celles-ci  conduisent  le  plus  souvent  & une  bonne  provision 
des  oaractdristiques  esser.tielles  de  1 ' ecoulement  de  culot  pour  des  configurations  & symdtrie  de  revolution, 
en  subsonique  comme  en  supersonique.  Dans  ce  dernier  cas  elles  permettent  de  tenir  compte  de  la  prdsence 
d'un  jet  propulsif. 

II  n'en  demeure  pas  moins,  que  de  nombreui  aspects  des  phenomfenes  de  culot  restent  encore  insuffisam- 
ment  explords. 

Ainsi,  sur  le  plan  experimental,  on  retiendra  : 

- I'absence  d'etudes  fondamentales  vraiment  fiables  concemant  les  vitesses  transsoniques  ; 

- le  manque  d' analyses  detainees  de  la  structure  du  decollement  de  culot  en  tridimensionnel  et  plus 
spedalement  lorsque  cet  effet  est  prodult  par  la  mise  en  Incidence.  Dans  ce  domalne,  1' experimentation 
est  partiouliferement  difficile  en  raison  des  interactions  de  support  et  on  pent  regretter  que  le  developpe- 
ment  des  systemes  de  suspension  magnetique  n'ait  pas  ete  activement  poursuivi  ; 

- la  necessite  d ' entreprendre  des  recherohes  sur  la  structure  de  la  turbulence  dans  les  ecoulements  lie  culot 
ainsi  que  sur  les  phenomenes  instationnaires  qui  lui  sont  associds.  L'utilisation  de  la  veiocimetrie  laser 
doit  rendre  ici  de  precieux  services. 

Sur  le  plan  thdorique,  il  conviendrait  : 

- d'dtendre  les  mdthodes  exlstantes  au  transsonique  et  au  cas  subsonique  avec  jet,  ce  qui  ne  devrait  pas 
soulever  de  difficultds  majeures  et  de  perfectionner  les  techniques  d* interaction  forte  ; 

- de  d^velopper  des  modfeles  pour  traiter  les  configurations  tridimensionnelles  (effet  d' incidence,  interac- 
tion sillage  tourbillonnaire  - culot)  spdciaiement  en  subsonique.  Dans  cette  perspective,  les  mdthodes 

de  singularitds  tourbillonnaires  ponctuelles,  en  cours  de  ddveloppement  a I'ONERA  [l18,  119]  sont  parti- 

culiferement  prometteusesj 

- d'dtendre  aux  dcoulements  turbulents  axisymdtriques  la  resolution  numdrique  des  equations  de  Navier-Stokes, 
la  definition  et  I'adaptation  des  modeled  de  turbulence  appropries  devant  se  faire  en  etroite  liaison  avec 
1 ' experimentation. 
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THE  CONTROL  OF  GUIDED  WEAPONS 

by 

George  G Erebner 
Aerodynamics  Department 
Royal  Aircraft  Establishment 
Farnborough,  Hants,  Englfiuid,  GUI^  6TD 


SUMMARY 

The  controls  are  at  the  heart  of  a guided  weapon  because  the  instructions  issued  by  the  guidance 
system  cannot  be  carried  out  unless  the  control  system  enables  the  manoeuvres  to  be  achieved.  The  most 

common  form  of  control  is  the  deflected  aerodynamic  surface,  which  may  be  placed  at  the  rear  of  the  missile 
(tail  control),  at  the  nose  (canard  control)  or  near  the  centre  of  gravity  (moving  wing).  The  character- 
istics of  these  types  are  described,  with  examples  of  tcii  and  canard  controls  and  particular  reference  to 
interference  effects. 

The  origins  and  effects  of  cross-coupling  are  briefly  described.  The  possibility  of  constructing 
monoplane  and  cruciform  tail  control  characteristics  from  single  panel  measurements,  thereby  saving  wind 
tunnel  test  time,  is  illustrated  by  an  example. 

Other  types  of  control  considered  are  mechanical  spoilers,  jet  reaction  controls  and  thrust  vector 
controls.  Examples  are  given  of  typical  cheuracteristics  of  these  three  systems. 
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NOTATION 

wing  span 

wing  chord 

mean  wing  chord 

lift  coefficient 

rolling  moment  coefficient 

pitching  moment  coefficient 

side  force  coefficient 

normal  force  coefficient 

normal  force  coefficient  on  a single  panel 
coefficient  of  force  or  moment  with  controls  undeflected 
value  of  with  controls  deflected 

diameter 

diameter  of  base 

difference  functions  of  coefficients 
spoiler  height 


wing-body  interference  factors  to  normal  force 


roll  factor  to  normal  force 

factor  to  account  for  the  effect  of  a low  velocity  wake 

Mach  number 

roll  rate  or  pressure 


components  of  increments  in  for.  e and  moment  coefficients 
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velocity 

angle  of  incidence  at  zero  roll  angle 
angle  of  trailing  vortices  below  wing  plane 
deflections  of  control  panels 
mean  downwash  angle 
aileron  deflection 

elevator  deflection,  or  general  control  deflection 
rudder  deflection 
thrust  deflection  angle 
density 

total  angle  of  incidence 
angle  of  roll 


1.  INTRODUCTION 

This  lectui  . is  concerned  with  methods  of  controlling  guided  weapons.  As  I said  in  the  first  lecture 
of  the  Series,  the  controls  are  the  essence  of  a guided  weapon,  because  however  clever  the  guidance  equipment 
and  autopilot  may  be  in  compensating  for  erratic  characteristics  in  the  static  aerodynamics,  they  camot 
function  if  the  demanded  manoeuvres  cannot  be  realised  by  generating  the  appropriate  control  forces. 

It  is  worth  noting  that  during  flight  the  controls  of  a guided  weapon  will  probably  never  be  at  rest. 

Even  when  no  change  in  control  force  is  being  demanded  by  the  autopilot,  the  characteristics  of  the  control 
loop,  particularly  non-linearities,  give  rise  to  a comparatively  high  frequency  oscillatory  signal  which 
causes  the  control  to  vibrate  or  "jitter".  This  feature  is  not  unwelcome  to  the  designer  as  it  avoids  the 
limiting  or  "break-out"  friction  force  in  the  mechanical  system  and  thereby  increases  the  speed  of  response 
when  a demand  is  made.  In  addition,  when  hot  gas  actuators  are  used  the  "jitter"  helps  to  prevent  the 
accumulation  of  products  of  combustion  in  the  pipes.  In  some  control  systems  the  control  deflection  is 
proportional  to  the  manoeuvre  demanded  by  the  autopilot,  with  the  "jitter"  superimposed  on  top  of  it.  In 
other  control  systems,  kno'-m  as  "bang-bang"  systems,  the  controls  can  take  up  only  one  or  the  other  of  two 
equal  and  opposite  limiting  positio-ns.  The  control  responds  to  a demand  by  deflecting  to  the  limiting 

position  in  the  appropriate  direction.  In  a more  refined  application  of  the  "bang-b-ng"  principle  the 

control  is  made  to  alternate  continuously  between  the  limiting  positions  and  a resultant  control  force  is 
obtained  by  varying  the  lengths  of  time  spent  on  one  side  or  the  other. 

The  lecture  .s  divided  into  two  parts,  the  first  being  concerned  with  control  by  deflecting  aerodynamic 
surfaces,  the  second  with  other  forms  of  control.  The  first  part  includes  all-moving  surfaces  at  the  tail 
and  nose,  moving  wings,  trailing  edge  and  wing-tip  controls.  In  general  cruciform  configurations  will  be 
studied,  and  the  testing  and  representation  of  arbitrary  combinations  of  control  deflection  are  discussed. 

The  second  part  deals  with  spoilers,  jet  reaction  control  and  thrust  vecto’"  control. 

2.  DEFLECTED  AERODYNAMIC  SURFACES 

In  the  case  of  aircraft,  most  deflected  surface  controls  are  in  the  form  of  hinged  panels  at  the  trailing 
edge  of  a wing,  stabiliser  or  vertical  fin.  On  some  high  speed  aircraft  a complete  stabiliser  is  hinged, 

and  can  provide  both  elevator  and  aileron  control.  This  is  the  exception,  however.  In  the  case  of  guided 
weapons  the  use  of  all-moving  surfaces  is  the  rule,  not  the  exception,  since  the  requirements  for  trimmed 
incidence  and  lateral  acceleration  are  more  demanding  than  for  aircraft,  and  because  it  is  easier  to  minimise 
the  hinge  moments. 

2.1  Tail  Controls 

The  most  common  layout  for  aircraft  and  guided  weapons  is  a combination  of  a body  with  a fi-;ed  wing 
placed  close  to  the  centre  of  gravity  and  another  set  of  surfaces  at  the  rear.  On  a guided  weapon  these 
rear  surfaces  not  only  act  as  stabilisers  but  may  also  act  as  all-moving  controls  for  motion  in  pitch,  yaw 
and  roll.  I put  it  in  this  way  to  emphasise  that  even  though  another  method  of  control  is  chosen  - say 
thrust  vector  control  - the  rear  surfaces  are  still  required  to  achieve  the  appropriate  stability,  unless  a 
completely  autostabilised  system  is  chosen. 

The  control  force  developed  on  a horizontal  pair  of  tail  control  panels  in  isolation  can  be  estimated 
by  putting  the  two  panels  together  and  treating  them  as  an  isolated  wing,  the  "nett  wing".  At  the  rear  of 
the  body  however  this  control  force  is  modified  by  the  following  interference  effects; 

a.  Control-body  interference  due  to  the  body  incidence,  in  the  same  way  as  for  fixed  wing-body 

interference.  This  is  represented  by  factors  and  K to  the  normal  force  on  the  nett  tail,  where 

Ky  takes  account  of  the  mean  "body  upwash"  over  the  tail  span,  and  K„  represents  the  carry-over  lift  on 

the  body. 

^ J 
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b#  Control-body  interference  due  to  control  deflection*  This  is  represented  by  factors  and  kg 
to  the  norm^il  force  on  the  nett  tail  arising  from  control  deflection* 

c*  The  downwash/upwash  field  from  parts  of  the  body  upstream  of  the  control, 

d*  'The  dovmwash/upwash  field  from  the  wing  upstream  of  the  control* 

e*  The  reduced  dynamic  pressure  in  the  wake  from  the  wing* 

f.  Panel-panel  interference  at  M<1  (for  cruciform  arrangements), 

g*  Base  effects. 

h.  Gap  effects* 

The  normal  force  on  the  nett  tail  is  calculated  in  exactly  the  same  way  as  for  wings,  so  that  the 
particular  problems  of  tail  controls  ai‘e  concerned  with  the  values  of  the  factors  k^ , and  kg,  the 

value  of  the  induced  velocity  due  to  streamwise  vortices,  the  reduced  dynamic  pressure,  dnd  the  base  and  gap 
effects. 

The  body-tail  interference  factors  comntonly  used  may  be  obtained  from  slender-body  theory,  as  described 
in  references  1 and  2*  By  definition,  therefore,  they  are  independent  of  Mach  number  and  strictly 
applicable  to  planforms  such  as  delta  wings  of  low  aspect  ratio  rather  than  to  »'ectangular  planforms* 
Corresponding  factors  for  non-slender  shapes  have  been  computed  using  linearised  supersonic  theory.  These 
factors  must  be  used  intelligently  and  if  there  is  any  likelihood  of  the  tail  surfaces  stalling,  suitable 
plausible  assumptions  must  be  made  about  the  manner  of  applying  the  factors,  though  strictly  speaking  the 
factors  are  not  valid  under  these  conditions.  For  example  represents  the  increase  in  incidence  of  the 
tail  surface  due  to  the  upwash  aroxind  the  inclined  body.  It  has  the  theoretical  value  2 at  the  root  section 

and  decreases  towards  the  tip*  Thus  the  local  incidence  at  the  tail  root  may  be  twice  the  body  incidence, 

even  if  the  tail  is  undeflected,  and  this  may  bring  the  tail  beyond  its  stalling  incidence.  Thus  should 
be  applied  to  the  incidence  of  the  nett  tail,  not  to  the  normal  force,  and  a knowledge  of  the  characteristics 
of  the  nett  tail  in  a real  viscous  flow  will  indicate  whether  a loss  of  effectiveness  is  likely  to  occur. 

If  tail  controls  are  very  close  to  the  base,  there  is  likely  to  be  a loss  of  body  carry-over  lift  (factors 
Kg  and  kg)  at  supersonic  speeds,  since  the  part  of  the  body  on  which  some  of  that  lift  would  act  is  missing* 
This  would  be  analogous  to  the  situation  with  fixed  surfaces* 

At  a roll  angle  other  than  zero  the  interference  factor  also  has  to  be  included  in  the  calculation 
of  the  panel  loads. 

The  calculation  of  the  downwash  at  tail  surfaces  is  difficult,  and  the  various  attempts  to  do  this  have 
met  with  mixed  success*  Another  lecturer  has  dealt  in  detail  with  this  problem,  along  with  the  wing-body 

and  body-tail  interference  mentioned  above,  so  I will  not  deal  with  it  in  detail  here.  However  some  general 

remarks  will  be  in  order  since  it  is  impossible  to  treat  control  problems  without  considering  the  effect  of 
downwash  * 


Behind  a monoplane  wing  alone  at  incidence  and  at  zero  roll  angle  the  trailing  vortices  lie  at  an  angle 
below  the  stream  direction,  the  downward  velocity  being  the  result  of  their  mutual  interference*  As  the 
vortex  sheet  moves  downstream  this  mutual  interaction  causes  the  sheet  from  each  half  wing  to  roll  up  into  a 
helix.  Slender  body  theory  predicts  that  the  angle  of  the  vortices  below  the  stream  direction,  6 i is 
given  by: 


In  the  case  of  a wing-body  combination  at  incidence,  the  upwash  around  the  body  causes  the  vortices  to 
lie  above  the  direction  given  by  the  equation  for  the  wing  alone,  more  nearly  in  the  free  stream  direction. 
In  addition,  in  order  to  satisfy  the  boundary  conditions  at  the  surface  of  the  body,  image  vortices  of  the 
trailing  vortices  must  be  included  inside  the  body  cross-section  and  their  contribution  to  the  downwash  must 
be  added  to  that  of  the  wing  trailing  vortices*  This  system  of  vortices  induces  velocities  in  the  whole 
region  downstream  of  their  point  of  origin,  including  the  position  of  the  tail  surfaces,  and  the  vertical 
component  of  these  velocities  - upwash  or  downwash  - changes  the  effective  incidence  of  the  tail  surfaces. 


The  downwash  effect  on  the  lift  of  downstream  surfaces  will  probably  be  greatest  when  the  surfaces  are 
closest  to  the  trailing  vortices,  and  will  therefore  vary  with  incidence,  particularly  in  the  case  of  surfaces 
downstream  of  a wing-body  combination,  since  the  direction  of  the  vortices  will  move  away  from  the  surfaces 
as  the  incidence  angle  increases.  Also,  this  separation  increases  more  rapidly  as  the  longitudinal  distance 

between  wing  and  tail  increases*  In  addition  to  the  effect  of  the  wing  vortices,  the  tail  surfaces  are  also 

influenced  by  any  vortices  shed  from  the  body.  The  nett  effect  of  the  downwash  on  the  tail  depends  on  the 
relative  span  of  the  wing  and  the  tail. 


Methods  for  calculating  downwash  based  on  slender-body  theory  have  been  presented  by  Pitts,  Nielson  and 
Kaattari^  and  Owen  and  Maskell^.  The  main  dif*'erence  between  *..iem  is  that  the  former  evaluates  the  inter- 
ference load  over  the  exposed  tail  span  excluding  the  body,  whereas  the  latter  averages  the  downwash  angle 


over  the  whole  span  including  the  body.  At  supersonic  speeds  it  is  also  possible  to  apply  linearised 
supersonic  theory  to  estimate  the  downwash,  using  the  relations  for  supersonic  horseshoe  vortices  derived  by 
Mirels  and  Haefeli^.  Plascott^  has  presented  a method  for  calculating  downwash  at  supersonic  speeds,  based 
on  a flow  model  consisting  of  a number  of  discrete  trailing  vortices  lying  in  the  free  stream  direction  and 


applying  the  supersonic  line  vortex  theory  of  Mirels  and  Haefeli.  The  method  was  applied  to  crucifora 
configurations  at  4^°  roll  angle  as  well  as  zero  roll  angle,  and  to  configurations  w:  *'h  the  tail  controls 
indexed  at  45°  to  the  wings. 
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Figure  1 shows  a comparison  between  experimentally  derived  values  of  mean  downwash  and  calculations 
by  Plaacott’s  metnod  for  two  different  cruciform  configurations  at  speeds  near  Mach  2 and  at  zero  roll  angle. 
Methods  of  obtaining  experimental  values  will  be  described  later*  In  the  upper  diagram,  the  comparison  is 
for  a missile  shape  typical  of  the  19506  from  tests  by  Bateman^  at  M « 1*9*  The  leading  edge  sweep  of  the 
wing  is  comparatively  moderate  (about  60®)  so  that  the  free  stream  Mach  number  component  perpendicular  to  the 
leading  edge  is  about  unity  and  therefore  any  leading  edge  vortex  development  is  likely  to  be  weak.  The 
assumptions  of  Plascott's  theory  are  therefore  fairly  plausible,  and  as  can  be  seen  from  the  diagram  agreement 
with  experiment  is  quite  good,  allowing  for  the  usual  scatter  in  deriving  the  experimental  downwash. 

In  the  lower  diagram,  the  comparison  is  shown  for  a more  recent  configuration  with  a wing  having  a 
highly  swept  leading  edge  (about  75®)*  The  free  stream  Mach  number  component  perpendicular  to  the  leading 
edge  is  therefore  about  0. 5-0*6,  and  an  appreciable  leading  edge  vortex  flow  can  be  expected*  The  geometry 
of  the  trailing  vortex  system  is  therefore  likely  to  be  different  from  that  of  the  first  configuration  and, 
in  addition,  the  more  highly  swept  wing  will  probably  have  a larger  non-linear  lift  component*  As  a result 
the  agreement  between  experiment  and  the  calculation  by  Plascott's  method  is  not  good,  and  the  discrepancy 
between  them  increases  as  the  angle  of  incidence  increases  which  indicates  that  the  non-linear  lift  is  playing 
a part.  In  both  cases  it  is  evident  that  the  downwash  decreases  as  the  incidence  increases,  which  is  what 

one  would  expect  as  the  trailing  vortices  move  progressively  away  from  the  plane  of  the  tail.  In  the  case 

shown  in  Figure  1 the  vortices  were  shed  only  from  the  horizontal  wing  panels  and  interacted  (in  terms  of 
downwash)  only  with  the  horizontal  tail  panels*  If  the  configurations  are  set  at  any  other  roll  angle,  the 
situation  is  much  more  complicated  because  vortices  are  shed  from  all  four  wing  panels  and  interact  with  all 

four  tail  panels*  In  addition,  as  the  incidence  angle  increases  the  vortices  may  pass  across  the  tail 

surfaces  from  one  side  to  the  other.  In  general,  a nett  sidewash  is  induced  as  well  as  a nett  downwash, 
except  in  the  other  symmetrical  position  at  45®  roll  angle.  In  Figure  2 we  see  the  same  configuration 
as  in  Figure  1 but  at  45°  roll.  In  the  upper  diagram  the  experimental  mean  downwash  is  smaller  at  low 
incidence  angles,  and  decreases  more  slowly  with  increasing  incidence,  than  at  zero  roll  angle*  The 
estimated  curve  shows  the  same  trends,  but  the  agreement  with  experiment  is  less  good  than  at  zero  roll. 

In  the  lower  diagram,  the  experimental  downwash  is  very  much  the  same  as  in  Figure  1,  and  since  the  estimated 
values  are  greater  than  at  zero  roll,  agreement  between  experiment  and  calculation  is  better  - probably 
fortuitously.  Various  attempts  have  been  made  to  improve  this  method  by  increasing  the  complexity  - for 
example  by  increasing  the  niunber  of  horseshoe  vortices  and  by  forming  an  approximation  for  the  effect  of 
the  singularitit**s  where  the  Mach  cones  from  the  origin  intersect  the  tail  surfaces  - but  no  general 
improvement  over  a range  of  conf igurations  was  obtained. 

Figure  3 shows  a comparison  between  Plascott's  method  and  the  slender-body  method  of  Pitts,  Nielsen  and 
Kaattari^  for  the  two  configurations  of  Figures  1 and  2 at  zero  roll  angle-  The  slender-body  method  is 
clearly  less  accurate  for  the  wing  with  lower  leading  edge  sweep  and  is  more  accurate  for  the  wing  with  higher 
leading  edge  sweep.  In  the  latter  case  the  reason  is  not  too  clear  since  the  slender  body  theory,  being 
a linear  theory,  does  not  allow  for  the  presence  and  effect  of  leading  edge  vortices. 

The  problem  of  calculating  the  downwash  on  downstream  surfaces  is  one  of  the  most  complex  in  weapon 
aerodynamics  and  as  far  as  I know  no  generally  applicable  method,  giving  satisfactory  accuracy  over  a wide 
range  of  geometry,  incidence  angle  and  roll  angle,  has  yet  been  developed.  In  calculating  the  aerodynamics 
of  a new  weapon,  reference  to  the  downwash  characteristics  of  a previous  example  of  similar  configuration  is 
advisable  to  supplemen*:  theoretical  estimates. 

This  raises  the  question  of  how  to  derive  the  experimental  downwash  from  wind  tunnel  tests.  The  obvious 
method,  of  course,  is  to  measure  the  flow  directly  at  the  tail  plane  position  by  means  of  suitable  yawmeters. 
This  kind  of  test  programme  is  time-consuming.  Though  useful  for  purposes  of  research  and  analysis,  such 
tests  would  not  normally  be  done  in  the  course  of  project  testing,  and  so  in  practice  the  mean  downwash  on 
tail  controls  must  be  derived  from  measurements  that  would  be  done  for  general  aerodynamic  purposes,  that  is 
overall  force  and  moment  measurements,  and  possibly  measurements  of  some  of  the  forces  and  moments  on  an 
individual  control  panel.  Even  so,  to  derive  the  downwash  it  is  necessary  to  test  partial,  or  incomplete, 
models  of  the  weapon,  the  body  alone  (B) , the  body  plus  controls  (BC)  and  the  body  plus  wings  (WB)  in 
addition  to  the  complete  model  (WBC). 

There  are  several  methods  of  determining  the  mean  downwash,  c depending  on  the  nature  of  the  data 
available; 


= ‘^zWBC  ' ‘^zWB  (1) 

^zBC  ■ °zB 

where  is  a factor  indicating  the  loss  in  tail  effectiveness  due  to  the  low  velocity  wake  from 

the  wing. 

^C(W)  = ^mWBC  ~ ^mWB  (2) 

^mBC  - ^mB 

Kc(w)  -f  > O) 

BC 

where  Czp  is  the  normal  force  on  an  individual  panel  (assuming  this  to  be  at  zero  roll). 


0 - = T|i  WBC 
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where  fi  is  the  control  deflection  at  which  the  derived  control  normal  force,  (C  - C or 

1 (5) 

’^2  BC 

where  is  the  control  deflection  at  which  the  control  panel  normal  force  is  zero. 

The  first  two  equations,  (1)  and  (2),  are  essentially  the  same,  assuming  that  the  centre  of  pressure  of  the 
control  normal  force  is  the  same  with  and  without  the  wing  present.  In  practice  the  pitching  moment  due  to 
the  control  can  usually  be  measured  with  greater  resolution  than  the  normal  force  due  to  the  control  so 
Eq  (2)  may  be  preferable  on  that  account. 

Where  the  panel  normal  force  on  a control  in  the  horizontal  position  has  been  measured,  this  can  be  used 
directly  as  in  Eq  (3)  to  measure  the  mean  downwash.  This  differs  from  Eqs  (l)  and  (2)  in  that  these  are 
based  on  forces  including  the  "carry-over'*  lift  on  the  body,  whereas  Eq  (3)  excludes  this  component. 

Finally,  since  the  test  will  normally  cover  a range  of  control  deflection,  it  is  possible  by  interpolation 
to  determine  the  control  setting  at  which  the  control  contribution  to  the  total  normal  force  is  zero  (as  in 
Eq  (4))  or  at  which  the  control  panel  normal  force  is  zero  (as  in  Eq  (5))*  As  in  the  other  equations,  the 
downwash  is  determined  by  using  the  ratio  of  this  force  with  wings  present  to  the  force  with  wings  absent. 

Let  us  turn  now  to  measurements  of  the  control  power  of  various  tail-control  configurations  to  determine 
some  of  their  characteristics.  The  purpose  of  tail  controls  is  to  apply  a turning  moment  about  the  centre 
of  gravity  in  order  to  change  the  incidence  of  the  complete  m.ssile  and  hence  change  the  total  lift.  It  is 
clear,  firstly,  that  the  force  on  the  tail  control  is  in  the  opposite  direction  to  that  required  on  the 
complete  missile  and,  secondly,  that  the  effect  of  a given  control  force  increases  in  proportion  to  the  length 
of  the  moment  arm  between  control  and  centre  of  gravity. 

Figure  4 shows  the  effect  of  control  deflection  on  the  overall  pitching  moment  of  one  of  the  configur- 
ations in  Figures  1 to  3 at  M = 1,4.  The  range  of  incidence  is  0°  to  20°  and  the  control  deflections  range 
from  -20°  to  +20°.  It  is  clear  that  when  « = 20°  and  t^=+20°  the  panel  is  at  40°  to  the  free  stream,  and 
the  upwash  around  the  body  will  increase  this  on  average  by  another  5^  approximately.  Though  the  wing  down- 
wash  will  reduce  the  total,  it  is  not  surprising  that  there  are  indications  that  the  control  is  beginning 
to  stall  at  this  incidence.  This  combination  of  incidence  and  deflection  is  only  likely  to  occur  when  a 
missile  generating  a large  lateral  acceleration  in  one  direction  is  required  to  reverse  rapidly  and  "pull" 
a large  acceleration  in  the  opposite  direction.  The  same  situation  will  apply  of  course  with  a combination 


It  may  be  noted  in  passing  that  these  characteristics  illustrate  a feature  which  I mentioned  in  my 
second  lecture,  that  non-linear  aerodynamic  characteristics  can  enable  a missile  to  trim  at  a non-zero 


incidence  even  when  it  is  symmetrical* 
will  trim  at  8°  incidence. 


From  Figure  4 we  see  that  with  the  controls  undeflected  the  missile 


The  next  two  diagrams,  Figures  5 and  6,  show  similar  experimental  results  for  a configuration  with  large 
delta  wings  and  delta  tail  controls  at  zero  rolv.  In  these  diagrams,  the  panel  normal  force,  -C^p' 
plotted,  and  not  the  overall  pitching  moment.  Another  difference  from  Figure  4 is  that  the  incidence  a 
covers  the  range  -20°  to  +20°  and  the  control  deflection  t]  covers  only  positive  values  up  to  20°,  In 
practice  this  coverage  is  equivalent  to  that  of  Figure  4,  Figure  5 shows  the  results  for  M = 0,6,  For 
constant  values  of  ® , the  variation  of  the  panel  normal  force  with  control  deflection  is  regular,  but  for 

constant  values  of  t\  the  variation  of  panel  normal  force  with  incidence  contains  an  inflection  at  t)  = 0° 

and  10  which  increase's  to  a more  pronounced  irregularity  in  the  curve  when  = 20°.  It  is  clear  that  a 

decrease  in  incidence  from  0 to  -10  with  "n  :=  20  can  bring  about  an  increase  in  panel  normal  force  rather 

than  a decrease.  This  is  because  the  vortex  interference  at  • = -10  causes  an  upwash  rather  than  a downwash 
5ind  hence  increases  the  effective  incidence  of  the  control  panel  in  the  positive  sense.  This  tends  to  be 
offset  by  the  body  upwash  interference  contribution  to  the  effective  incidence  which  is  negative  because  the 
body  is  at  « - -10  . The  various  components  that  contribute  to  the  tail  panel  normal  force  are  shown  in 
Figure  7*  It  should  be  noted  that  does  not  arise  because  of  the  presence  of  a physical  gap  between 

the  control  panel  and  the  body.  This  gap,  which  enables  a flow  of  air  around  the  root  section  from  the  higher 
pressure  to  the  lower  pressure  decreases  the  nett  force  on  the  panel  i:.  whichever  direction  it  acts,  and  has 
to  be  allowed  for  by  an  empirical  factor.  According  to  inviscid  slender-body  theory,  there  should  be  a 
substantial  loss  of  lift  due  to  the  gap  between  an  all-moving  control  panel  and  the  body.  This  does  not 
appear  to  be  found  in  practice,  except  when  the  gap  is  very  large*  Presumably  with  small  gaps  viscous 
effects  or  compressibility  effects  invalidate  the  theory-  Figure  8 shows  some  of  the  results  for  a delta 
planform-body  combination  at  M = 1*4  presented  by  Dugan  in  Ref  9*  The  large  percentage  losses  in  lift  due 
to  the  gap  which  are  predicted  by  inviscid  theory  occurred  only  for  small  values  of  panel  deflection  and 
incidence  angle  and  for  large  gaps*  Further  experimental  results  for  the  effect  of  gaps  will  be  found  in 
Refs  10  and  11* 


In  Figure  when  t|  = 0 and  10  , we  see  that  the  slope  of  the  panel  normal  force  against  incidence  is 
very  small  near  a = 0 , indicating  that  the  downwash  is  large.  Then,  as  incidenc'  increases,  the  value  of 
the  downwash  decreases  and  the  panel  normal  force  increases  more  than  linearly  as  a consequence. 

Turning  to  Figure  6,  and  the  results  at  M :=  2.0,  we  see  that  the  panel  normal  force  slope  near  • = 0^ 
when  ^ = 0 is  greater  than  in  Figure  5,  indicating  that  the  downwash  was  less  thaii  at  cubponic  speeds. 
The  extreme  irregularity  in  the  curve  between  • = 5 and  at  q = 20  has  now  disappeared,  due  to  changes 
in  the  relative  magnitudes  of  the  components  in  Figure  7, 


In  Figure  9^  we  see  similar  illustrations  of  the  panel  normal  force  for  the  very  slender  wing-'  ody 
control  combination  shown^-  Note  the  factor  of  5 in  the  vertical  scale  between  Figures  S and  • on  or.t  hand 
and  Figure  9 on  the  other.  In  all  these  diagrams  the  coefficient  -C^p  is  based  on  the  body  cross-section 
area,  but  the  control  surface  in  Figure  9 is  much  smaller  relative  to  this  r ft  ence  area  than  the  control 
surface  in  Figures  5 and  6,  Hence  the  magnitudes  of  the  coefficients  in  Figure  9 are  ’'ery  much  less.  The 
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control  deflections  in  these  diagrams  go  as  far  as  30°,  and  we  see  that  at  M = 0,6  the  curve  of  normal  force 
against  control  deflection  has  a maximum  between  ^ = 20°  and  ^ s 50°  for  all  values  cf  This  indicates 

that  the  panel,  which  has  a sharp  leading  edge  and  a double  wedge  cross-section ^ is  stalling  in  this  region, 
and  that  increasing  the  deflection  can  cause  a reduction  in  control  power.  The  same  thing  clearly  does  not 
happen  at  M = 2.0,  The  curves  for  ^ = 20°  and  ^ = 30°,  though  somewhat  irregular  always  show  an  increase  in 
normal  force  with  increasing  deflection-  Although  the  results  in  Figure  5 at  M = 0.6  only  went  as  far  as 
= 20°,  it  is  quite  likely  that  the  stalling  behaviour  of  that  control  would  have  been  different  from  that 
in  Figure  9i  because  the  sharp-edged  delta  planform  would  be  less  prone  to  stall.  One  other  difference  may 
be  noted  between  the  results  in  Figures  5 and  9*  With  zero  control  deflection,  the  slope  of  panel  normal 
force  against  incidence  at  M = 0.6  is  more  linear  in  Figure  9 than  in  Figure  5*  and,  in  particular,  is 
greater  near  zero  incidence.  This  suggests  that  the  downwash  at  low  incidence  angles  is  greater  behind  the 

less  slender  wing  of  Figure  5 than  behind  the  more  slender  wing  of  Figure  9* 

In  Figures  10  and  11,  the  panel  normal  force  coefficient  for  the  slender  cruciform  model  of  Figure  9 is 
plotted  against  roll  angle  at  two  angles  of  incidence,  appioxiraately  6°  and  20°,  for  various  control 
deflection  angles  and  at  M = 0.6  and  2.0.  Perhaps  the  first  thing  to  note  is  the  shape  of  the  curve  for 
zero  control  deflection  at  W = 2.0  and  20  incidence.  Near  -90  roll  angle,  that  is  when  the  panel  is 
almost  vertical,  the  direction  of  the  panel  normal  force  is  reversed  over  a range  of  about  40  in  roll  angle. 
It  will  be  remembered  that  Figure  7 of  my  second  lecture  showed  the  panel  normal  force  on  this  wing  and  the 
same  characteristic  reversal  of  load.  In  the  present  configuration  the  control  panel  may  well  act  as  an 
extension  of  the  wing.  At  other  values  of  control  deflection  up  to  50  i the  same  dip  is  apparent.  Although 
the  effectiveness  of  the  control  is  increasing,  the  panel  normal  force  is  never  lost.  The  corresponding 
curves  for  M = 0.6  show  the  same  qualitative  features  without  any  unexpected  loads  or  reversals.  At  6 
incidence  the  variation  of  panel  normal  force  at  both  Mach  numbers  is  much  more  regular. 

The  results  of  Figures  5i  6 and  9 to  11  are  measured  on  a single  control  panel.  In  the  tests  of 
Figures  9 to  11,  the  "live"  control  panel  and  the  one  on  the  opposite  side  of  the  b dy  were  each  deflected 
in  the  same  direction,  that  is,  as  elevators.  Thus  the  lift  distribution  induced  on  the  body  is  correct, 
though  not  presented  in  these  measurements.  In  Figures  5 and  6,  only  the  "live"  panel  was  deflected,  and 
since  the  span  of  the  panel  is  quite  large  compared  with  the  body  diameter  it  may  be  that  the  panel  loads  are 
not  quite  representative  of  those  which  would  be  measured  if  opposing  controls  were  deflected  in  either  an 
elevator  or  an  aileron  sense. 

2.2  Canard  Controls 

Canard  controls  are  movable  surfaces  moxmted  well  ahead  of  the  centre  of  gravity  of  the  body,  so  that 
deflection  of  the  controls  applies  a turning  moment  to  the  missile.  The  fixed  surfaces  are  usually  placed 
near  the  rear  of  the  body.  They  are  large  enough  to  provide  the  required  lateral  acceleration  in  trimmed 
flight,  with  the  appropriate  level  of  stability.  Canard  controls  therefore  work  on  the  same  principle  as 
tail  controls,  that  is,  to  develop  a lateral  acceleration  by  turning  the  wing-body  combination  to  an  appropr- 
iate angle,  and  their  location  is  generally  chosen  on  the  basis  of  convenience  in  installing  the  guidance 
and  control  system.  The  guidance  equipment  must  almost  certainly  be  placed  in  the  nose,  and  if  the  auto- 
pilot, actuators  and  control  surfaces  can  be  located  nearby  a compact  package  is  possible,  avoiding  the  need 
for  connections  running  the  length  of  the  body* 

Aerodynarr.ically,  the  first  point  to  note  is  that  canard  controls  aie  deflected  so  as  to  provide  a force 
in  the  direction  in  which  lateral  motion  is  required,  unlike  tail  controls  which  provide  a force  in  the 
direction  opposite  to  that  of  the  required  motion.  The  response  from  canard  controls  might  therefore  be 
more  rapid.  Secondly,  canard  controls  are  free  from  any  downwash  effects,  but  they  themselves  give  rise  to 
a downwash  field  at  the  fixed  tail  surfaces.  They  introduce  a new  independent  variable  into  the  problem  of 
estimating  downwash,  namely  the  control  deflection,  which  increases  considerably  the  difficulty  of  a calcul- 
ation which  is  already  difficult  enough.  This  downwash  reduces  the  lift  on  the  tail  surfaces.  The 
requirement  for  static  stability  usually  means  that  the  tail  surfaces  are  considerably  larger  and  of  greater 
span  than  the  control  surfaces,  and  the  lift  due  to  control  deflection  is  likely  to  be  completely  cancelled 
out  by  the  loss  of  lift  on  the  tail  surfaces.  This  augn.ents  the  turning  moment  effect  which  is  the  primary 
purpose  of  the  control,  but  it  means  that  there  is  no  resultant  force  in  the  direction  of  the  required  motion. 
More  seriously,  however,  it  also  means  that  any  rolling  moment  generated  by  deflecting  the  canard  controls  as 
ailerons  is  likely  to  be  completely  cancelled  out  by  the  load  induced  on  the  tail  fins.  Canard  controls 
are  therefore  regarded  as  unsuitabe  for  missiles  where  roll  position  or  roll  rate  have  to  be  controlled. 

A way  of  overcoming  this  drawback  will  be  mentioned  later. 

When  canard  controls  are  deflected  and  the  body  incidence  changes  in  consequence,  the  angle  of  incidence 
of  the  control  panels  relative  to  the  free  stream  increases  and  the  panel  loads  are  high.  In  extreme  cases 

the  control  panels  may  stall.  This  is  in  contrast  to  tail  controls  for  which  the  angle  to  the  stream  remains 
small  as  the  body  incidence  increases,  €uid  control  loads  and  body  bending  are  kept  low.  The  actuator  power 
required  for  canard  controls  may  therefore  be  greater  than  for  tail  controls. 

In  discussing  tail  controls  it  was  said  that  the  trailing  voztices  from  fixed  wings  at  incidence  in  the 
absence  of  a body  would  trail  backwards  approximately  in  the  wing  plane,  whereas  with  a body  present  the 
upwash  around  the  body  moves  the  vortices  upwards  nearer  to  the  free  stream  direction.  In  the  case  of 
canard  controls,  the  trailing  vortices  due  to  deflection  of  the  forward  surfaces  will  not  be  affected  by  body 
incidence  to  the  same  extent.  For  example  at  zero  body  incidence  there  will  be  no  upwash  around  the  body  and 
the  trailing  vortices  will  lie  near  the  plane  of  the  deflected  control.  Conversely,  at  zero  deflection  and 
non-zero  body  incidence,  the  direction  of  the  vortices  should  be  close  to  that  arising  from  fixed  surfaces. 
Clearly,  then,  care  must  be  exercised  in  calculating  the  downwash  behond  deflected  canard  controls- 

It  is  not  customary  for  cruciform  tail  controls  to  be  indexed  with  respect  to  cruciform  wings,  though 

Plascott5  does  use  some  results  on  such  a configuration  for  comparison  with  hie  method  of  estimating  down- 
wash.  It  is  more  common,  however,  for  fixed  tail  surfaces  to  be  indexed  with  respect  to  canard  controls. 

The  reason  for  this  is  that,  with  in-line  tail  fins,  the  stability  is  low  at  small  incidence  angles  because 

the  horizontal  tail  fins  so'e  close  to  the  trailing  vortices.  With  increasing  incidence  the  stability 

increases  as  the  vortices  move  away  above  the  tail.  When  the  tail  fins  are  indexed,  the  stability  is  greater 
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at  low  incidences  and  increases  less  rapidly  as  the  incidence  increases.  These  features  are  illustratea 
in  Figure  12  where  the  normal  force  coefficient  and  pitching  moment  coefficient  for  the  configuration  shown 
are  plotted  at  subsonic  and  supersonic  speeds.  At  M = 0.5,  the  indexed  fins  cleaily  reduce  the  normal 
force,  and  although  more  stable  at  low  incidence  the  indexed  configuration  is  less  stable  above  y.  At 
M = 1.^,  the  loss  of  normal  force  due  to  indexing  is  less  pronounced,  arid  the  pitching  moment  indicates 

reduced  stability  above  about  2 incidence.  ^ 

Further  comparisons  of  the  effect  of  indexing  the  tail  fins  have  been  obtained  from  the  results  of 
Spearman  and  Driver  and  are  shown  in  Figures  13  and  14.  The  roll  angle  is  defined  as  i'ero  when  the  cftnaru 
surfaces  are  horizontal  and  vertical.  The  configuration  is  shown  in  Figure  in  which  is  plotted  the 
normal  force  coefficient  due  to  adding  canards  to  the  body  alone  and  to  the  body  ♦ rear  wing  combination, 

to  illustrate  the  effect  of  the  rear  wing  on  this  lift  increment.  Despite  a certain  amount  of  scatter'  it  is  ' 

clear  that  the  normal  force  on  the  canard  surface  is  effectively  cancelled  at  low  values  of  incidence.  At  ] 

higher  incidence  angles,  as  the  trailing  vortices  move  away  from  the  wings,  the  incremental  forces  come 

closer  together.  The  increments  due  to  deflecting  the  canards  by  8 in  the  elevator  sense  (all  four  controls  ^ 

at  A5  roll  angle)  are  plotted  for  the  same  four  configurations  in  Figure  14.  With  in-line  wings  the  control  I 

force  on  the  canards  is  more  than  offset  by  the  downwash  effect  at  low  incidence  angles,  so  that  the  incre-  ■ 

mental  force  is  negative.  Similar  results  are  obtained  with  indexed  wings  at  zero  roll  angle,  but  are  much 
less  pronounced  at  45  roll  angle.  " 

The  fact  that  the  control  force  may  be  more  than  offset  by  downwash  effects  has  also  been  observed  in  ( 

other  tests.  In  particular,  the  rolling  moment  due  to  canards  deflected  as  ailerons  ;.ay  be  reversed  at  low  j 

incidence  angles  by  the  downwash  effect  on  the  rear  fins.  As  the  incidence  increases,  the  control  rolling 
moment  is  not  only  restored  but  may  be  augmented  due  •'o  changes  in  the  effect  of  the  downwash  field. 

It  has  already,  been  mentioned  that  during  a manoeuvre  away  from  the  symmetrical  zero  incidence  attitude, 
the  canard  control  deflection  will  be  in  the  same  direction  as  the  change  of  incidence  so  that  a high  effec- 
tive angle  of  incidence  on  the  panel  may  be  reached.  If  the  control  is  required  to  be  effective  at  high 
values  of  incidence  and  deflection  it  is  likely  that  some  care  may  be  needed  to  ensure  that  the  panels  do  not 
stall.  Slender  delta  planforms  with  sharp  leading  edges  are  therefore  preferable  in  such  circumstances  to 
essentially  unawept  planforms  which  may  stall  at  comparatively  low  angles,  depending  on  thickness-chord  ratio 
and  leading-edge  shape. 

The  poor  roll  control  characteristic  of  canard  systems  occurs  because  of  the  vortex  interactions  with 
the  downstream  surfaces,  and  if  these  surfaces  can  be  decoupled  in  roll  from  the  body  then  the  rolling  moment 
induced  at  the  tail  will  not  be  transmitted  to  the  body  but  will  merely  spin  the  tail  in  what  is  probably  a 
harmless  manner.  For  example  the  tail  surfaces  could  be  mounted  on  a cylinder  which  rotates  on  bearings 
around  the  main  body.  If  the  normal  force  on  the  cruciform  tail  panels  depends  strongly  on  roll  angle,  and 
the  tail  surfaces  roll  freely  in  a random  manner,  undesirable  pitching  oscillations  may  be  set  up,  and  if 
this  is  considered  a possibility  in  any  given  case  the  tail  panels  may  be  deflected  slightly  in  an  aileron 
sense  so  as  to  spin  them  at  a comparatively  high  rate.  In  this  case,  the  average  stability  margin  will  lie 
between  the  0 roll  and  ky  roll  values. 

Another  way  of  aerodynamically  decoupling  canards  from  tail  surfaces  is  to  divide  the  body  aft  of  the 
canard  surfaces  so  that  the  two  parts  of  the  body  can  rotate  relative  to  each  other  about  their  common  axis. 

The  front  part  contains  the  whole  control  system.  When  a rolling  motion  is  demanded  only  the  front  part 
rolls.  With  no  adverse  interference  from  the  tail  fins  and  because  of  the  very  low  inertia  of  the  nose 
portion,  a rapid  response  is  obtained. 

Although  the  main  qualitative  properties  of  canard  controls  are  known,  accurate  estimation  of  the  aero- 
dynamic behaviour  can  still  not  be  guaranteed  because  of  the  difficulties  associated  with  the  downwash  calcu- 
lations. Further  analysis  of  accurate  measurements  is  therefore  still  a highly  desirable  research  objective. 

2-5  Moving  Wing  Controls 

In  this  system,  the  main  lifting  surfaces  are  placed  near  the  centre  of  gravity  and  the  stabilising 
surfaces  are  at  the  rear-  In  this  case,  however,  it  is  the  main  lifting  surfaces  which  are  deflected  for 
control  purposes.  Being  near  the  centre  of  gravity,  the  control  forces  are  not  intended  to  change  the  body 
incidence  but  to  generate  the  lateral  acceleration  directly  and  therefore  with  a fast  response.  The  moving 
wings  must  therefore  be  of  comparable  size  to  fixed  wings.  If  the  body  remains  at  approximately  the  same 
attitude  as  before  wing  deflection,  the  body  contribution  to  the  manoeuvre  lift  will  be  lost-  Ihis  can  be 
important  at  supersonic  speeds  since  the  adverse  effect  of  increasing  Mach  number  above  M = 1 is  less  for 
bodies  than  for  wings.  Apart  from  speed  of  response,  the  aim  of  limiting  the  range  of  body  incidence  is 
the  main  purpose  of  using  a moving  wing  system,  and  there  are  two  reasons  why  this  limited  range  may  be 
required: 

i Because  the  guidance  equipment  will  not  permit  too  large  an  angle  of  body  incidence  or  too  lai  ge 
a rate  of  change  of  incidence.  This  is  because  of  the  destabilising  effects  of  aberration  in  the 
guidance  system,  and  is  particularly  important  at  high  altitude  where  large  incidence  or  deflection 
angles  are  needed  to  generate  the  required  lateral  acceleration. 

ii  Because  the  power  unit  is  air-breathing  and  the  inlets  would  be  less  effective  at  high  incidence 
angles. 

Aerodynamically,  the  moving  wing  system  is  qualitatively  the  same  as  a canard  control  system,  with  the  j 

moving  surfaces  upstream  of  the  fixed  surfaces.  However,  the  proportions  of  the  areas  of  the  wing  and  tail  * 

surfaces  will  be  different,  and  generally  the  wing  will  be  of  greater  span  than  the  tail.  This  means  that 

the  effect  of  the  downwash  from  the  deflected  wing  is  not  so  extreme  as  with  canard  controls,  and  only  a 

part  of  the  wing  lift  is  offset  by  the  induced  effects  on  the  tail.  This  also  means  that  a certain  amount 

of  roll  control  is  likely  to  be  available  from  a moving  wing  system.  The  downwash  effect  on  the  tail  will 

tend  to  turn  the  missile  body  and  increase  the  incidence  to  augment  the  control  force.  If  such  an  incidence 
change  is  not  acceptable,  the  moving  wing  must  be  placed  with  its  centre  of  pressure  sligntly  behind  the 
centre  of  gravity. 

jj 
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Variations  on  this  theme  may  be  considered  in  practical  cases.  For  example  it  may  be  impracticable  to 
place  canard  controls  as  far  forward  as  the  aerodynamic ist  would  like,  because  of  the  presence  of  guidance 
equipment,  the  fuze,  the  warhead,  etc.  In  such  a case  the  moving  surfaces  may  have  to  be  large  enough  to 
constitute  a compromise  between  a canard  and  a moving  wing  system,  and  the  precise  aerodynamic  requirement 
will  depend  on  calculations  of  the  performance  including  the  effects  of  the  guidance  and  control  system. 

The  requirements  for  body  incidence  also  inspire  the  study  of  systems  where  both  wings  and  tail  surfaces 
are  deflected  as  controls.  The  tail  controls  can  be  used  in  several  ways: 

i To  damp  body  oscillations  induced  by  wing  movements.  This  can  result  in  a body  lift  in  the 
opposite  direction  to  the  wing  lift. 

ii  To  align  the  body  along  the  flight  path.  This  ensures  that  body  lift  is  zero  but  does  not  detract 
from  the  wing  lift. 

iii  To  control  body  incidence  to  follow  the  wing  deflection,  so  that  high  body  pitch  rates  are  avoided 
but  the  lift  is  not  lost  completely. 

The  criteria  by  which  such  control  systems  - indeed  any  control  systems  - are  judged  can  only  be  those 
associated  with  overall  missile  performance  and  based  on  aerodynamic  characteristics.  However  the  aero- 
dynamicist  must  ensure  that  adequate  aerodynamic  data  are  fed  in  to  the  studies,  and  this  means  consideration 
of  practical  features  which  may  not  be  represented  or  accurately  predicted  by  theoretical  methods. 

2.4  Trailing  Edge  and  Wing  Tip  Controxs 

The  last  form  of  deflected  surface  control  that  we  will  consider  is  that  incorporated  within  a main 
lifting  surface,  such  as  a trailing  edge  flap  or  a movable  wing  tip.  The  former,  of  course,  has  been 
extensively  studied  for  aircraft  applications,  but  since  aircraft  wings  are  usually  very  different  from 
missile  wings  the  results  are  not  necessarily  directly  applicable. 

There  are  two  obvious  disadvantages  of  trailing  edge  controls  compared  will  all-moving  surfaces: 

i If  the  flap  is  hinged  at  the  leading  edge,  the  hinge  moment  is  large,  and  therefore  a large  actuator 
is  required.  This  can  be  overcome  to  some  extent  by  using  a mass  balance,  or  an  aerodynamic  balance  in 
the  form  of  a small  \ jdy  projecting  ahead  of  the  tip  of  the  control  on  which  a compensating  moment  can 

be  generated.  Alternatively,  the  control,  though  placed  adjacent  to  the  main  wing  can  be  hinged  about 
a line  near  its  own  centre  of  pressure.  This  means  that  the  forward  part  of  the  control  projects  above 
or  below  the  wing  surface  with  possible  loss  of  efficiency,  particularly  at  supersonic  Mach  numbers 
where  the  trailing  edge  shock  from  the  rear  of  the  fixed  wing  may  intersect  the  deflected  control, 

ii  The  main  lifting  surface  will  generally  have  its  centre  of  pressure  near  the  centre  of  gravity  of 
the  missile,  which  means  that  the  moment  arm  of  the  control  about  the  centre  of  gravity  will  be  compara- 
tively small.  For  purposes  of  rotating  the  basic  wing-body  combination,  therefore,  it  must  be  less 
effective  than  surfaces  generating  the  same  lift  at  the  end  of  longer  moment  arms.  However,  on  con- 
figurations which  ao  not  have  a large  lateral  acceleration  requirement,  the  only  lifting  surfaces  may  be 
at  the  rear,  and  in  these  circumstances  trailing  edge  controls  may  be  perfectly  acceptable, 

n 

Figure  16  shows  a comparison  of  the  panel  normal  force  coefficients  due  to  deflecting  the  three  controls'^ 
shown  in  Figure  15*  For  comparative  purposes  the  areas  of  these  controls  were  chosen  so  that  the  area 
multiplied  by  the  distance  from  the  centroid  of  the  panel  to  the  body  axis  was  the  same  in  all  three  cases, 
in  order  to  establish  a basis  for  comparing  their  effectiveness  as  roll  controls. 

The  flagged  symbols  in  Figure  16  represent  the  increment  in  panel  normal  force  due  to  deflecting  the 
controls  20  and  the  plain  symbols  the  increment  due  to  10  deflection,  over  a range  of  incidence  from 
-20  to  +20  . At  M = 0.6,  the  increment  ^ ^2;p  with  the  tail  control  is  quite  constant  with  incidence  at  both 
10  and  20  deflections.  The  trailing  edge  control  is  more  effective  at  positive  angles  of  incidence  than 
at  zero  and  negative  values.  At  20  deflection,  the  wing  tip  c ■>ntrol  seems  to  be  most  effective  at  zero 
incidence;  at  10  deflection  the  experimental  points  are  rather  scattered  but  indicate  roughly  constant 
effectiveness  with  incidence.  Relative  to  each  other  the  tail  control  panel  normal  force  coefficient  is 
generally  greater  than  that  of  the  other  two,  and  the  trailing  edge  control  is  generally  more  effective  than 
the  tip  control.  It  must  be  emphasised  that  these  coefficients  are  based  on  the  panel  areas  in  each  case, 
in  order  to  compare  the  lift  effectiveness  in  the  three  different  positions.  At  M = 2.0,  the  effectiveness 

of  the  tail  control  is  again  fairly  contcai.t,  though  there  is  a systematic  decrease  as  the  modulus  of  the 

incidence  increases.  The  trailing  edge  control  increases  in  effectiveness  as  the  incidence  changes  from 

-20  to  +20  , whereas  with  the  tip  control  there  is  a slight  decrease  in  effectiveness  on  going  from  negative 

incidence  to  positive  incidence.  At  negative  incidence  angles  the  relative  effectiveness  of  the  three 
controls  at  M = 2.0  is  much  the  same  as  at  M = 0.6,  but  at  zero  and  positive  incidence  angles  the  trailing 
edge  control  becomes  clearly  more  effective  than  the  tail  control.  This  seems  to  be  due  to  a loss  of  effect- 
iveness of  the  tail  control  rather  than  increased  effectiveness  of  the  trailing  edge  control. 

In  Figures  1?  and  l8,  the  rolling  moment  coefficients  due  to  deflecting  each  of  the  single  control  panels 
are  plotted  against  incidence,  again  for  two  values  of  deflection,  10°  and  20°.  This  time  ii  should  be  noted 
that  the  rolling  moment  coefficient  is  based  on  the  body  cross-section  area  and  body  diameter,  so  that  the 
comparison  is  valid  for  the  condition  initially  chosen,  that  is,  the  product  of  the  panel  area  and  spanwise 
moment  is  constant.  When  M = 0.6,  the  trailing  edge  control  at  10°  deflection  is  roughly  three  times  more 
effective  as  a roll  control  than  the  tail  surface,  and  the  tip  control  is  roughly  1.5  to  2 times  more  effec- 
tive. The  two  wing-mounted  controls  show  greater  variation  with  incidence,  however.  At  20°  deflection,  a 

similar  relation  exists  as  regards  relative  effectiveness,  but  in  all  three  cases  the  variation  with  incidence 

becomes  more  erratic.  In  particular,  the  effectiveness  of  the  tip  control  falls  off  rapidly  as  the  incidence 

increases  above  0 , and  above  9 incidence  the  tip  control  is  less  effective  than  the  tail  control.  When 
M = 2.0,  the  effectiveness  of  the  tail  surface  as  a roll  control  is  about  the  same  as  at  M s 0.6  but  the  other 
two  controls  are  much  less  effective  than  at  the  subsonic  speed.  For  t)  = 20°,  the  trailing  edge  control 


becomes  more  effective  at  positive  angles  of  incidence  whereas  the  tip  control  becomes  less  effective  as  at 
M = 0.6. 

The  detailed  behaviour  of  these  various  controls  provides  material  for  further  study ^ but  this  is  prob- 
ably only  worthwhile  if  the  general  characteristics  are  clearly  acceptable  for  a given  missile  design. 

2.5  Hinge  Moments 

For  all  the  types  and  dispositions  of  control  surfaces  that  we  have  considered,  one  of  the  most  impor- 
tant characteristics  is  the  moment  of  the  panel  normal  force  about  the  hinge  line.  The  hinge  moment  is 
important  because  in  almost  all  guided  weapons  it  is  desirable  that  the  size  and  weight  should  be  kept  down 
and  therefore  that  the  control  actuation  mechanism  should  be  as  small  and  as  light  as  possible.  This  is 
determined  partly  by  the  magnitude  of  the  hinge  moment  and  partly  by  the  magnitude  of  the  moment  of  inertia 
of  the  control  peuiel  about  the  hinge  line. 

If  the  centre  of  pressure  of  the  control  panel  is  behind  the  hinge  line,  then  the  hinge  moment  acts 
against  the  actuator  when  increasing  the  deflection  away  from  the  zero  position,  and  acts  with  the  actuator 
when  the  deflection  is  decreasing  towards  the  zero  position.  The  centre  of  pressure  depends  on  missile 
incidence  and  roll  angles,  control  deflection  and  Mach  number,  and  in  practice  the  hinge  line  must  be  positi- 
oned to  be  a good  compromise  between  the  different  flight  conditions.  If  the  missile  flight  covers  a small 
Mach  number  range,  such  as  the  high  subsonic  regime,  say  M = 0.7  - 0.8,  then  it  should  be  possible  to  position 
the  hinge  line  so  that  a small  hinge  moment  is  achieved  at  all  times.  On  the  other  hand,  if  the  controls  are 
required  to  function  over  a wide  range  of  Mach  number,  say,  from  0.7  to  2.0,  the  hinge  line  must  be  chosen  as 
the  best  compromise,  based  on  studies  of  the  behaviour  of  the  control  system  as  a whole,  including  the  auto- 
pilot. 

To  obtain  the  hinge  line  position  to  the  required  accuracy,  the  centre  of  pressure  may  have  tc  be  located 
to  within  196  or  2%  of  the  length  of  the  mean  chord  of  the  control.  This  is  difficult  to  achieve  by  means  of 
theoretical  calculations  only,  since  the  estimation  methods  for  typical  missile  surfaces  in  three  dimensional 
viscous  flow  are  not  generally  good  enough.  For  canard  controls  and  moving  wings  the  task  may  be  slightly 
easier  since  these  surfaces  are  not  in  the  downwash  field  of  upstream  surfaces,  but  in  the  case  of  tail 
controls  the  downwash  field  introduces  difficulties.  This  field  is  non-uniform,  but  estimates  and  experi- 
mental derivations  are  only  average  values  which  are  not  sufficiently  refined  to  enable  the  centre  of  pressure 
to  be  calculated.  The  centre  of  pressure,  therefore,  and  the  placement  of  the  hinge  line  should  be  finally 
determined  from  wind  tunnel  tests  covering  the  full  speed  and  attitude  range  of  the  missile.  These  tests 
should  be  measurements  of  the  control  panel  normal  force  and  the  pitching  moment  about  whatever  hinge  line 
is  chosen  for  the  tunnel  tests.  It  is  usually  possible  and  worthwhile  to  measure  also  the  yawing  moment  and 
bending  (roll)  moment  of  the  panel  about  the  root  section. 

2.6  Control  Cross-Coupling 

So  far  we  have  considered  only  comparatively  simple  combinations  of  control  deflection,  such  as  the  defl- 
ection of  a single  tail  panel  in  a cruciform  combination  or  deflections  of  two  or  four  panels  as  elevators  to 
generate  a moment  in  a plane  of  symmetry.  However  on  a missile  with  cruciform  control  surfaces,  Cartesian 
control  normally  involves  response  to  independent  steering  demands  in  pitch,  yaw  and  roll,  and  so,  in  general, 
the  four  panels  may  all  have  different  deflections.  We  must  therefore  consider  how  to  obtain  the  resultant 
effect  of  deflecting  four  control  panels  in  an  airbitrary  manner.  This  leads  us  to  consider  cross-coupling 
effects. 

The  force  and  moment  components  acting  on  a missile  are  functions  of  total  incidence  angle,  roll  angle 
and  speed.  They  are  also  functions  of  the  four  control  panel  settings.  Consider  the  view  of  a weapon  from 
the  rear,  as  in  Figure  19,  with  incidence  angle  <r  and  roll  angle  zero.  If  the  two  vertical  control  panels 
are  deflected  equally  as  shown,  to  give  a resulteint  side  force  to  tne  left,  the  forces  acting  on  the  two  panels 
will  not  be  the  same.  This  is  because  the  upper  panel  is  in  a disturbed  flow  field  on  the  lee  side  of  the 
body-  There  may  be  a thick  boundary  layer  of  low  dynamic  pressure  which  would  tend  to  reduce  the  panel  force, 
and  body  vortices  adjacent  to  the  panel  would  induce  local  force  increments.  By  comparison,  the  lower  panel 
on  the  windward  side  is  in  quite  a uniform  flow  with  only  a thin  body  boundary  layer.  If  the  two  panel 
forces  differ  in  magnitude  as  shown  diagrammatically  in  Figure  19,  there  must  clearly  be  a rolling  moment 
generated  as  well  as  a side  force,  and  this  rolling  moment  is  said  to  be  a cross-coupling  effect,  that  ie,  an 
unintentional  by-product  of  a simple  control  movement  due  to  the  fact  that  the  body  is  at  incidence.  In 
order  to  get  a side  force  and  only  a side  force  the  upper  control  in  this  case  must  be  given  a greater  defl- 
ection than  the  lower  so  that  the  rolling  moment  is  zero. 

If  we  have  a missile  at  an  angle  of  incidence  ^ , and  if,  by  experiment  or  theory,  we  know  the  load  on  a 
panel  at  any  roll  position  from  0 to  5^0  , at  any  required  deflection  angle,  can  we  then  by  simple  addition 
obtain  the  control  force  generated  by  four  cruciform  panels  in  any  combination  of  deflections?  If  we  could, 
it  would  be  easy  to  define  the  control  characteristics  of  a guided  weapon  under  any  set  of  flight  conditions. 

It  would  be  unnecessary  to  spend  a lot  of  money  doing  wind  tunnel  tests  of  a large  number  of  different  combin- 
ations of  control  deflection,  and  the  mathematical  representation  of  the  aerodynamic  control  characteristic  ■ 
for  performance  calculations  would  be  relatively  easy.  There  is  thus  a strong  incentive  to  study  these 
possibilities. 

In  Ref  15^  Forster  and  Southgate  show  tho  experimental  results  of  deflecting  four  tail  control  panels  as 
ailerons  by  10  , in  one  case  with  no  other  deflection  and  in  the  other  case  with  elevator  and  rudder  deflec- 
tions of  20  • The  increment  in  rolling  moment  coefficient,  , due  to  the  aileron  deflection  at  M = 1.6  is 
plotted  against  roll  angle  X in  Figure  20.  It  is  clear  that  when  the  elevator  and  rudder  deflections  are 
zero  AC^  varies  only  slightly  with  roll  angle.  However  with  20  elevator  and  rudder  deflections  the  roll 
control  moment  vagies  greatly  with  roll  angle  and  is  usually  very  different  from  the  first  case.  Indeed  at  a 
roll  angle  of  285  the  increment  in  rolling  moment  is  zero,  so  that  the  elevator  and  rudder  deflections  have 
completely  destroyed  the  effect  of  the  aileron  deflection. 
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The  same  panel-to-panel  interference  can  occur  between  elevator  and  rudder  defelctions  ( and  K 
respectively),  as  shgwn  by  the  experimental  results  shown  in  Figure  21.  If,  at  zero  roll  angle,  the  rudders 
are  deflected  by  -10  , the  incremental  side  force  generated  when  the  elevators  are  also  deflected  by  -10”  is 
different  from  that  generated  when  the  elevators  are  undeflected.  In  Figure  21  the  difference  in  incre- 
mental side  force  coefficient  with  and  without  elevator  deflection  is  plotted  against  incidence  angle  at  Mach 
numbers  of  0,5  and  2.0.  At  M = 0.5  the  effect  of  elevator  deflection  is  on  average  about  0.5  in  Cy,  that  is, 
about  7%  of  the  incremental  side  force  (in  a direction  to  reduce  the  negative  increment  resulting  from  -10*^ 
control  deflection).  At  M = 2.0  the  average  change  due  to  elevator  deflection  is  negligible  because,  as  will 
be  noted  later,  at  supersonic  speeds  panel-to-panel  interference  tends  to  decrease.  As  can  be  seen  from  the 

sketch  of  the  body-control  geometry  in  Figure  21,  the  panels  are  quite  small  relative  to  the  body.  If  they 

had  been  relatively  larger  the  panel-to-panel  interference  would  probably  have  been  greater. 

2.7  The  Representation  of  Arbitrary  Deflections 

These  examples  show  another  form  of  cross-coupling,  due  to  mutual  interference  between  control  panels. 

The  effect  of  deflecting  any  particular  control  panel  may  not  be  independent  of  the  deflections  of  other 
panels,  and  the  simple  idea  of  constructing  the  total  control  characteristics  by  simple  addition  of  single 
panel  forces  is  not  likely  to  be  valid.  However,  the  difficulties  and  cost  of  covering  adequately  the  range 
of  possible  combined  control  deflections  make  it  worth  while  to  try  to  find  a suitable  simplified  technique,^, 
and  a number  of  these  have  been  attempted.  Okie  which  will  be  briefly  described  is  by  Forster  and  Southgate  . 
The  starting  point  of  their  method  is  that  the  customary  description  of  control  deflections  as  aileron  angle 
(4)»  elevator  angle  (t)  ) , and  rudder  angle  (S)  does  not  provide  a proper  understanding  of  aerodynamic  cross- 
coupling, and  that  the  force  and  moment  resulting  fr<XD  arbitrary  control  deflections  should  be  obtained  as 
the  sum  of  the  contributions  from  the  separate  movements  of  each  panel,  , 62,  63,  and  64.  Let  the  co- 
efficient of  any  component  of  force  or  moment  on  the  complete  missile  with  controls  undeflected  be  and 

let  the  value  of  this  component  with  the  above  control  deflections  be  C{  &2  ^3  ^4)*  Using  the  notation 

of  Figure  19»  if  control  panel  1 is  deflected  by  an  angle  6-)  the  increment  in  the  coefficient  of  force  or 
moment  is  p^  so  that 

= C(  6^  0 0 0)  - C(0  000):  (6) 

and  are  defined  similarly- 

Consider  now  control  panels  1 and  2 given  simultaneous  deflections  6^  and  Then  the  resultant 

coefficient  is  + p.  + P2  q^2*  ® mutual  interference  term.  ^34’  ^41’  ^24 

are  defined  similarly. 

If  three  control  panels  are  deflected  together,  corresponding  triple  interference  terms  r^23'  ^254, 
and  r4^2  defined,  and  finally  if  all  four  are  deflected  together  a quadruple  interference  term  5^234 

can  be  defined  so  that 

c(  6^  5^  8^  \)  = * P1  - P2  - P3  * P4  * qi2  " ^25  - qji, 

- " ‘>15  " '^24  * '‘125  * ■'254 

* ^341  * '■412  * ®1234  (7) 

The  method  is  developed  using  difference  functions  on  the  assumption  that  triple  and  quadruple  inter- 
ferences and  the  mutual  interference  between  opposite  panels  are  negligible.  That  is 

C(  6^  6^  6^  6^)  = - P,  - P2  - P3  » P4  * q,2  * 123 


" 434  * %^ 


In  particular 


c(  6,  0 0)  = - P,  - P2  - q. 


C(  0 & 0 0)  = c. 


If  we  subtract  these  coefficients  we  get  the  difference  function 
D^(  6^  Sg)  ^ C(  6^  6^  0 0)  - C(  0 6^  0 0) 


which  represents  the  change  in  the  coefficient  due  to  deflecting  panel  1 with  panel  2 already  deflected. 

Simila,  difference  functions  D^(  8^  8^),  D^(  8^  and  0^(8^  6^)  can  be  defined.  These  functions  depend 

on  incidence  angle  (o')  and  roll  angle  (X)  as  well  as  on  the  two  control  deflections,  and  there  are  five  comp- 
onents, two  of  force  along  the  y and  z axes  and  three  of  moment  about  the  x,  y and  z axes. 

Equation  (8)  may  then  be  written 


^ ®2  »3  = '^bwe  ' ®2)  ^ °2^  ®2 

' ®3  ^ 
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The  practical  application  of  this  method  therefore  involves  making  wind  tunnel  measurements  of  the  five 
components  of  overall  force  and  moment  for  conf igurations  with  one  control  panel  deflected  (to  give  the  p term) 
and  with  two  adjacent  control  panels  deflected  (to  give  the  q term).  If  the  cruciform  symmetry  is  suf- 
ficiently exact » the  symmetry  can  be  used  to  bring  about  a substantial  reduction  in  the  test  programme.  If 

we  consider  tests  over  a positive  range  of  incidence  angle,  0 < , and  the  complete  range  of  roll  angle 

0 < X « 5b0  , then  the  diagrams  of  Figure  23  show  us  that,  for  example 
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for  one  panel  deflected,  and 
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for  two  adjacent  panels  deflected. 


It  is  therefore  necessary  to  deflect  only  one  pair  of  panels  if  the  roll  coverage  is  complete.  This  is 
very  convenient,  for  in  many  tunnels  the  roll  angle  can  be  controlled  remotely  from  outside  the  tunnel  whereais 
to  change  panel  angles  it  is  usually  necessary  to  stop  the  tunnel,  thereby  wasting  time.  Indeed  the  argument 
can  be  carried  further,  in  that,  by  testing  both  positive  and  negative  incidence  angles  in  the  same  run  the 
effect  of  positive  and  negative  control  deflections  can  be  obtained.  In  Ref  13i  Forster  and  Southgate  discuss 
the  planning  of  a test  programme  and  show  how  savings  of  50^  to  85%  can  be  made  in  the  number  of  tunnel  runs. 
They  also  claim  that  the  interpolation  is  more  accurate  using  the  D function  technique,  but  tc  make  use  of  the 
symmetry  properties  the  accuracy  of  model  manufacture  and  wind  tunnel  measurements  must  be  high. 

It  is  necessary  to  consider  the  validity  of  the  basic  assumption  that  the  triple  and  quadruple  inter- 
ference terms,  r and  a,  are  negligible.  Using  simple  theoretical  concepts  of  supersonic  flow,  we  can  draw 
the  limits  of  the  Mach  cone  from  the  leading  edge  of  a particular  control  panel  root  section  and  see  where 
they  intersect  the  other  panels,  as  shown  in  Figure  22.  The  parts  of  the  missile  outside  this  Mach  cone  are 
unaffected  by  the  deflection  of  this  particular  panel.  For  these  typical  proportions  it  can  be  seen  that, 
in  plan  view,  the  panel  opposite  panel  P lies  outside  the  Mach  cone  for  1.56  and  the  adjacent  panel  lies 
outside  for  M > 2.60.  If  the  adjacent  panel  were  deflected  so  that  its  trailing  edge  moved  towards  P,  this 
limiting  Mach  number  would  be  increased.  In  side  view  (Figure  22)  the  region  of  influence  of  the  Mach  cone 
is  a function  of  the  incidence  angle. 

At  subsonic  and  transonic  speeds,  with  the  Mach  cone  absent  or  having  a very  large  Mach  angle,  the  likeli- 
hood of  panel-to-panel  interference  is  greater.  The  magnitude  of  such  interference  will  depend  on  the 
detailed  geometry,  and  suitable  experimental  results  should  be  studied  to  determine  this.  Subsonic  theory 
would  help,  of  course,  but  viscous  and  non-linear  effects  would  probably  make  the  numerical  results  rather 
unreliable. 

It  should  be  recognised  that,  though  the  symbol  p represents  the  increment  in  a particular  force  or  moraen 
coefficient  when  a single  control  painel  is  deflected,  the  changes  in  pressure  which  give  rise  to  that  force 

will  not  be  confined  to  the  panel  itself  but,  in  principle,  will  act  over  the  whole  body,  including  the  other 

three  control  panels.  Although  the  pressure  changes  on  the  deflected  control  panel  will  almost  certainly  be 
the  main  contributor  to  the  total  change  in  the  force,  in  the  present  analysis  we  are  concerned  with  the  effect 
on  the  overall  force  and  moment  coefficients.  Similarly  the  effect  of  mutual  interference  denoted  by  q is 
due  to  pressure  changes  which  may  occur  over  the  whole  configuration. 

Forster  and  Southgate  present  comparisons  oetween  coefficients  measured  directly  with  all  four  panels 
deflected  and  the  values  synthesised  from  measurements  with  only  one  or  two  panels  deflected,  using  the 
difference  functions,  D.  These  are  shown  in  Figure  24,  The  configuration  was  a tail-controlled,  winged 
missile  and  the  results  shown  gre  for  Mach  number  1.55*  incidence  angle  (*^)  = 24,4  (_+  O.15”)  and  the  panel 

deflections  ^=5  =25,  5=0.  The  comparison  was  therefore  done  at  values  of  ^ ^ and  5 which  makes  it 

quite  a severe  test.  The  figure  in  brackets  is  the  limit  of  repeatability  of  the  incidence  setting  in  the 
wind  tunnel. 

In  an  appendix  to  Ref  13,  Forster  and  Southgate  describe  the  formulation  of  a typical  mathematical  model, 
using  the  D function  technique.  The  general  problem  of  simplifying  the  representation  of  control  effects  is 
that  of  treating  functions  of  several  variables  in  a tractable  m€inner.  A method  by  Allen'’  is  commonly  used, 
whereby  an  empirically  obtained  function  of  many  variables  can  be  expressed  in  terras  of  functions  of  each 
variable  singly.  The  number  of  functions  required  is  minimised  for  a given  accuracy. 

3 OTHER  TYPES  OF  CONTROL 

The  deflected  aerodynamic  surface  is  an  efficient  type  of  control  and  it  meets  the  requirements  of  most 
guided  missiles.  However,  in  certain  circumstances  it  is  possible  or  necessary  to  use  other  methods  of 
control,  and  the  rest  of  this  lecture  considers  three  of  these,  namely  mechanical  spoilers,  jet  reaction 
controls  and  thrust  vector  controls.  Since2the  control  force  available  from  deflected  surfaces  and  spoilers 
is  proportional  to  the  dynamic  pressure,  JfV  , these  controls  are  least  effective  when  the  dynamic  pressure  is 
low,  that  is  when  the  speed  V is  low  or  at  high  altitude  where  the  air  density,  p,  is  low.  In  these  condi- 
tions jet  reaction  controls  or  thrust  vector  controls  may  be  needed  to  achieve  the  required  manoeuvres. 
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3.1  Mechanical  Spoilers 

Controls  of  this  type  are  not  very  common,  but  they  are  included  for  completeness.  As  the  name  implies, 
these  controls  act  by  "spoiling"  the  clean  flow  over  some  part  of  an  aircraft  or  missile,  thereby  producing  a 
change  in  the  aerodynamic  force.  When  they  were  introduced  on  aircraft,  spoilers  were  of  two  main  types. 

One  type  provides  aileron  control  on  wings  by  projecting  narrow  surfaces  running  spanwise  along  the  wings' 
upper  surfaces.  They  change  the  lift  on  the  wing  panels  on  which  they  are  operating  and  hence  apply  a rolling 
moment  to  the  aircraft.  They  are  preferred  to  hinged  trailing  edge  ailerons  in  some  cases  because  a trailing 
edge  control  can  cause  an  unacceptable  amount  of  aeroelastic  distortion  on  a sweptback  wing,  whereas  a spoiler 
mounted  further  forward  can  apply  the  control  force  nearer  the  centre  of  the  planform.  Additionally,  a 
trailing  edge  control  can  lose  aerodynamic  effectiveness  at  transonic  speeds,  and  therefore  consi  ierable  work 
was  done  on  spoiler  controls  in  the  early  days  of  transonic  and  supersonic  aircraft.  The  othe.  common  type 
of  spoiler  on  aircraft  is  the  dive  brake.  Typically,  this  is  mounted  on  the  fuselage  and  consists  of  two  or 
more  flaps  which  fold  outwards  from  the  body  to  increase  the  drag  considerably,  and  therefore  slow  the  air- 
craft without  upsetting  the  trim  too  much. 

The  subsonic  and  transonic  flow  about  a spoiler  is  comparatively  complex  and  will  not  be  dealt  with  here. 

A theoretical  treatment  has  been  given  by  Wood6^5^  25  shows  a sketch  by  James  of  the  two-dimensional 

supersonic  flow  over  a spoiler  on  the  upper  surface  of  a flat  plate^°.  The  total  force  due  to  the  increased 
pressure  upstream  is  usually  greater  than  that  due  to  the  decreased  pressure  downstream,  so  that  the  resultant 
force  is  towards  the  side  opposite  the  spoiler.  If  the  spoiler  is  placed  near  the  front  of  the  plate  the 
region  of  increased  pressure  is  reduced  so  that  the  resultant  force  may  be  reversed  in  direction.  Conversely, 
if  the  spoiler  is  placed  near  the  trailing  edge  the  region  of  decreased  pressure  is  reduced  and  the  resultant 
force  away  from  the  spoiler  is  increased.  Alternatively  a gap  may  be  made  through  the  surface  just  behind 
the  spoiler.  The  increased  pressure  on  the  front  face  of  the  spoiler  and  the  decreased  pressure  on  the  rear 
face  mean  that  there  is  a considerable  drag  increment  when  spoilers  are  used. 

Fig  26,  taken  from  Ref  1?  by  James,  shows  the  rolling  effectiveness  of  a spoiler  at  the  trailing  edge  of 

a rectangular  half-wing  in  the  transonic  speed  range,  compared  with  the  effectiveness  of  a quarter-chord 

trailing  edge  flap  deflected  by  4°,  and  with  a combination  of  the  flap  and  spoiler.  The  measurements  were 
made  during  free  flight  tests  and  expressed  as  the  non-dimensional  roll  rate,  pb/2V,  since  it  is  not  possible 
to  separate  the  rolling  moment  from  the  roll  damping.  It  can  be  seen  that  the  flap  was  generally  more  effec- 
tive, except  for  speeds  near  M = 0.9  where  the  spoiler  was  up  to  five  times  as  effective  as  the  flap.  The 

effectiveness  of  a combination  of  the  two  methods  is  roughly  equal  to  the  simi  of  the  flap  and  the  spoiler 
separately. 

Similarly,  Fig  27,  taken  from  Refs  18  and  19  by  lord  and  Czarnecki,  compares  the  lift  increment  due  to  a 
full  span  spoiler  and  that  due  to  a full  span  trailing  edge  flap  on  a tapered  unswept  wing  at  two  supersonic 
speeds.  The  spoiler  is  on  the  upper  surface,  so  thatiC^  is  negative.  With  both  types  the  control  effect- 
iveness increases  at  negative  incidence  angles,  and  the  advantage  of  the  flap  over  the  spoiler  is  less  at 
the  higjier  Mach  number. 

Fig  28,  taken  from  Ref  20  by  Wiley,  shows  the  increments  in  rolling  moment  produced  by  a spoiler  at 
various  positions  on  a delta  wing  at  Mach  numbers  0.6  and  0.9.  The  outside  edges  of  the  spoilers  lie  along 
a conical  ray  from  the  apex  of  the  gross  wing,  and  it  is  clear  that  at  moderate  angles  of  incidence  the  effect- 
iveness of  the  spoiler  is  increased  as  it  is  moved  back  and  extended  spanwise.  At  the  furthest  forward 
position  the  control  force  is  reversed,  as  I mentioned  when  describing  the  flow  field.  At  incidence  angles 
above  about  15“  the  differences  in  effectiveness  are  considerably  reduced.  For  the  spoiler  at  position  3, 

Fig  29  shows  the  effect  of  spoiler  height  on  the  rolling  moment  increments  at  M = 0.6. 

Some  indication  of  the  magnitude  of  the  hinge  moments  of  a flap-type  spoiler,  hinged  about  its  leading 
edge,  is  given  by  the  results  from  Ref  21  shown  in  Fig  50.  The  spoiler  was  at  about  8096  chord  on  the  upper 
surface  of  a 60  delta  wing.^  The  hinge  moment  is  plotted  against  spoiler  height  for  Mach  numbers  0.62  and 
0.96,  and  incidence  angles  0 and  12“.  It  is  interesting  to  note  that  initially  the  hinge  moment  is  negative 
which  indicates  that  it  helps  the  spoiler  to  open,  but  thereafter  it  becomes  more  positive  and  resists  opening. 

The  effect  of  various  spoiler  type  controls  on  a body  can  be  illustrated  from  the  results  of  tests  at 
M = 4.3  by  Recover  . These  tests  covered  a range  of  ten  possible  control  devices  on  a cone-cylinder-flare 
body,  and  three  of  the  more  effective  of  these  have  been  chosen  as  examples.  They  are  all  at  the  rear  of  the 
body,  and  Figs  31  to  33  show  the  change  in  pitching  moment  due  to  moving  the  controls. 

The  first  is  a set  of  four  control  flaps  on  the  flare,  hinged  at  their  leading  edges  and  deflecting  both 

outwards  and  inwards.  The  diagram  shows  the  effect  of  deflecting  a single  control  in  each  direction  in  the 

incidence  plane,  on  both  the  windward  and  leeward  sides  of  the  body.  As  incidence  euigle  increases,  the  flap 
on  the  windward  side  becomes  more  effective,  on  the  leeward  side  it  becomes  less  effective. 

The  second  control  is  an  eccentric  disc  at  the  back  of  the  body,  shown  in  Fig  }2.  This  can  be  displaced 
from  its  central  symmetrical  position  in  any  radial  direction,  and  the  diagram  shows  the  effect  of  displacement 
in  the  incidence  plane.  At  a given  angle  of  incidence  this  control  seems  to  be  equally  effective  for  dis- 
placements on  the  windward  and  leeward  sides  and  for  a given  displacement  the  effectiveness  increases  with 
incidence  angle.  The  disc  causes  a large  increase  in  axial  force  which  may  be  as  significant  in  varying  the 
pitching  moment  as  the  pressure  changes  induced  on  the  body  ahead  of  the  disc. 

The  third  control  consists  of  four  pairs  of  sweptback  spoilers,  arranged  round  the  circumference  of  the 

base  as  shown  in  Fig  33.  The  experiment  studied  the  effect  of  raising  only  one  of  the  eight  spoilers  in  the 

four  positions  on  one  side  of  the  incidence  plane.  These  positions  on  the  port  side  were  designated  top 
port,  port  upper,  port  lower  and  bottom  port  as  shown.  Three  spoiler  heights  were  tested.  It  can  be  seen 
that  the  spoilers  in  the  top  and  upper  positions  lose  effectiveness  as  incidence  is  increased.  There  is 

little  effect  of  incidence  for  the  lower  spoiler,  but  the  bottom  ore  is  the  most  effective  of  all  and  becomes 
more  effective  as  the  incidence  increases. 
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Of  the  ten  forms  of  control  tested  by  Pecover,  the  swept  spoilers  are  the  only  ones  whicJ*  afford  the 
possibility  of  roll  control.  Fig  3^  shows  the  rolling  moment  induced  by  deflecting  a single  spoiler  in  the 
bottom  port  and  top  port  positions,  with  two  different  spoiler  heights.  iapoilers  on  the  starboard  side 
would,  of  course,  induce  rolling  moments  in  the  opposite  direction  so  that,  for  example,  the  bottom  port 
could  be  combined  with  the  top  starboard. 

i'he  experimental  results  shown  for  spoilers  on  wings  and  a body  are  only  a brief  indication  of  their 
characteristics#  Their  main  disadvantage  compared  with  deflected  surfaces  is  the  comparatively  large  hinge 
moments  which  are  likely  to  occur,  so  that  their  use  will  be  limited  to  particular  circumstances  where  this 
disadvantage  and  the  appreciable  drag  increment  are  outweighed  by  the  expected  advantages. 

There  is  a great  deal  of  published  information  on  spoilers,  most  of  it  dating  from  the  191^0s.  Generally 
the  applications  envisaged  were  to  aircraft,  but  some  of  the  material  could  be  useful  for  weapon  design# 

Ref  l6  contains  an  extensive  bibliography  and  Ref  28  is  a bibliography  of  NACA  work  on  wing  controls  of 
various  kinds  up  to 

5.2  Jet  Reaction  Controls 

Let  us  now  consider  jet  reaction  controls.  The  principle  of  their  operation  at  supersonic  speeds  is 
illustrated  in  Fig  35 i taken  from  Ref  23  by  Spaid  and  Cassel.  This  shows  the  type  of  flow  pattern  obtained 
in  two  dimensions  when  a sonic  or  supersonic  jet  is  emitted  from  a slot  into  the  airflow  past  the  surface  of  a 
flat  plate.  It  is  a very  complex  flow  field,  and  during  the  last  25  years  many  studies  have  attempted  to 
define  it  and  to  determine  the  effect  of  the  most  important  variables.  In  addition  to  the  reaction  force 
on  the  nozzle,  the  jet  interacts  with  the  external  stream  to  cause  changes  of  pressure  upstream  and  downstream 
of  the  slot,  very  similar  to  those  induced  by  a mechanical  spoiler.  For  this  reason  controls  of  this  type 
are  sometimes  referred  to  as  "jet  spoilers",  but  the  primary  control  force  is  the  jet  reaction  itself. 

The  ratio 


Interaction  force  jet  reaction  thrust 

Jet  reaction  thrust  in  vacuo  of  a sonic  jet  with  the  same  stagnation 
conditions  and  mass  flow  rate 

is  called  the  Jet  Effectiveness  Ratio  or  Amplification  Factor,  and  it  can  be  greater  or  less  than  1,  depending 
on  the  direction  of  the  nett  interaction  force.  In  general  the  jet  reaction  thrust  in  the  numerator  will 

depend  on  nozzle  design  and  jet  pressure  ratio,  so  that  the  value  of  the  mass  flow  in  the  denominator  must  be 

adjusted  when  the  jet  pressure  ratio  of  the  numerator  is  varied.  In  much  of  the  experimental  work,  however, 
sonic  jets  were  used  in  the  models  and  consequently  the  mass  flow  was  constant.  It  was  therefore  unnecessary 
to  adjust  the  denominator  for  each  pressure  ratio. 

The  first  step  away  from  the  two-dimensional  case  is  to  replace  the  two-dimensional  slot  oi.  the  plate  by 
a slot  of  finite  span  or  a circular  hole.  The  external  flow  can  now  go  round  the  side  of  the  secondary  jet 
and  the  force  on  the  plate  due  to  the  interaction  between  the  jet  and  the  free  stream  is  reduced.  If  the  jet 
issues  from  a slot  or  hole  in  an  axisymmetric  body,  the  loss  of  interaction  force  is  even  greater. 

The  interaction  force  is  increased  if  the  jet  is  placed  near  the  trailing  edge  of  a surface  or  the  base 
of  a body,  because  the  low  pressure  region  downstream  is  behind  the  base.  This  emphasises  the  strong  simil- 
arity to  the  mechanical  spoiler.  Conversely,  if  the  jet  is  placed  near  the  nose  of  a body,  the  interaction 
force  is  decreased.  Fig  3^1  taken  from  Ref  24  by  Watman  and  Meyer,  shows  the  range  of  amplification  factors 

measured  in  some  of  these  cases,  plotted  against  the  ratio  of  the  jet  stagri^*’- ion  pressure  to  the  free  stream 

static  pressure.  Both  sonic  and  supersonic  nor/.les  were  included  and  for  the  nose  jets  the  bo'ondary  layer 
was  laminar.  The  range  of  free  stream  Mach  number  was  from  2.4  to  4,5.  It  can  be  seen  that  as  the  pressure 
ratio  is  increased  the  amplification  factor  for  the  flat  plate  decreases  from  about  } to  about  •.'^•#  For  a 
jet  placed  at  the  rear  of  am  ogive-cylinder  body,  the  expected  reduction  in  amplification  factor  compai'ed  with 
a flat  plate  is  evident,  the  factor  varying  from  about  1.5  at  low  values  of  pressure  ratio  to  about  1.0  at 
high  values.  With  the  jet  near  the  nose,  the  interaction  force  reduces  the  total  and  is  particularly  marKeu 
at  low  pressure  ratios  but  the  factor  approaches  unity  at  high  pressure  ratios.  Thus  at  high  pressure  rat. os 
the  interaction  force  is  small  for  all  the  arrangements. 

The  use  of  jet  reaction  controls  does  not  remove  the  need  for  aerodynamic  stabilisation,  unless  a fully 
auto-stabilised  system  is  used,  and  therefore  tail  surfaces  may  still  be  required.  If  so  they  uan  be  used  to 
increase  the  amplification  factor  as  shown  in  Fig  37  taken  from  Ref  24,  When  the  jet  was  emitted  between  a 
pair  of  cruciform  delta  surfaces  the  amplification  factor  was  increased  to  the  range  of  values  typical  of 
flat  plates.  The  wings  have  had  the  effect  of  constraining  the  flow  around  the  side  of  the  orifice,  and  the 
amplif ication  is  a function  of  the  wing  span. 

Fig  JfS  is  an  illustration  of  the  comparative  characteristics  of  a jet  re-i'^tion  control  using  a cold  air 
jet  and  a deflected  surface  control,  at  high  speeds  and  high  altitudes.  The  cnoice  of  values  for  the  various 
parameters  is  quite  arbitrary.  The  jet  is  assumed  to  issue  from  a sonic  norr.lc  on  an  axisymmet I'l c body,  the 
ampli  f icat  ion  rar.tor  varying  from  1.35  at  high  pressure,  high  altitude,  to  2.^  at  the  lowest  pressure  and 
altitude.  The  contrast  between  the  control  effectiveness  of  the  two  cases  as  altitude  changes  is  quite 
marked, 

oo  far  I have  presented  the  amplification  factor  as  a function  only  of  the  ;et  pressure  ratio  and  the 
shape  of  the  nozzle-body  combination.  The  factor  can  equally  well  be  p]otted  against  jet  mass  flow  or 
momentum,  and  particularly  for  two-dimensional  flow,  this  may  be  a more  appropriate  correlating  parameter. 

The  effectiveness  also  depends  to  some  extent  on  the  free  stream  Mach  number  ami  i-eynolds  number,  boundary 
layer  condition,  angle  of  attack,  jet  exit  diameter,  nozzle  design  and  jet  inclination.  With  so  many  vaii- 
ables,  it  is  unlikely  that  any  se^.  of  universal  design  rules  for  practical  applications  will  emerge. 

The  applications  I have  so  far  envisaged  for  jet  reaction  controls  are  at  high  .supersonic  or  hypersonic 
Mach  numbers  at  high  altitude,  and  most  research  work  has  been  aimed  at  these  conditions.  However  there  is 
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no  reason  why  such  controls  should  not  equally  well  be  considered  for  use  at  subsonic  speeds,  since  the  dyn- 
amic pressure  may  again  be  low.  In  a subsonic  free  stream  the  dynamic  pressure  will  be  generally  less  than 
the  static  pi*essure  and  the  penetration  of  a sonic  or  supersonic  secondary  jet  will  be  greater  than  through  a 
supersonic  exterral  flow.  Flow  photographs  indicate  that  the  jet  will  not  turn  over  until  it  has  become 

subsonic.  At  very  low  free  stream  speeds  much  of  the  interference  effect  of  the  jet  on  the  surface  pressurt; 
is  produced  by  entrainment,  which  tends  to  reduce  the  plate  pressure  both  upstream  and  downstream.  ns  th<- 
froe  strecim  speed  increases  the  blockage  effect  becomes  more  apparent  ctnd  the  upstream  pressure  is  inci'eLised. 
The  values  of  ampli f ic  it  ion  factor  can  be  quite  high.  Schult  in  kef  2^  has  quoted  a value  of  about  iO  for  u 
jet  issuing  from  a slit  near  the  traili'^.g  edge  of  a wing,  compared  with  at  supersonic  speeds.  In  this  case 
the  jet  was  derived  from  a ram  air  supply.  Much  of  the  work  on  jets  issuing  from  surfaces  in  a subsonic 
streiim  has  been  done  in  support  of  VTOL  aircraft  design,  though  in  these  cases  the^Jets  themselves  may  be  sub- 
sonic. A description  of  enirainment  effects  has  been  given  by  F^radbury  and  Wood'^'^, 

Unless  ram  air  is  used,  jet  reaction  controls  require  a source  of  energy  additional  to  that  available 
from  the  free  stream  ano  there  may  therefore  be  substantial  penalties  on  missile  size  and  weight.  ihe  secon- 
dary jet  may  be  provided  from  a stored  gas  supply  or  a gas  generator.  Alternatively,  part  of  the  propulsive 
motor  efflux  may  be  used,  but  we  shall  see  that  if  this  is  done  it  would  be  better  applied  to  thrust  vector 
control.  Perhaps  the  most  suitable  application  for  a jet  reaction  system  in  comparatively  small  missiles 
would  be  for  cases  where  a small  control  force  is  required  for  a short  time,  such  as  terminal  guidance  for  a 
basically  unguided  weapon. 

Jet  reaction  controls  appear  to  offer  an  ideal  application  for  a wholly  fluidic  control  system.  Among 
the  advantages  suggested  are  high  reliability,  insensitivity  to  electromagnetic  and  nuclear  raa:ation,  to 
shock  and  vibration  and  to  high  and  low  temperatures,  and  unlimited  shelf  life.  A study  at  RAE,  however, 
concluded  that  the  problems  of  size,  weight,  power  consumption  and  low  speed  of  response  outweighed  the 
potential  advantages. 

There  is  a very  extensive  literature  on  the  ‘interaction  of  a secondary  jet  with  an  external  stream,  and 
Hef  23  contains  a comprehensive  bibliography.  Ref  25  compares  the  roll  control  effectiveness  of  deflected 
surfaces,  spoilers  and  jet  reaction  controls, 

3-5  thrust  Vector  Control  (TVC) 

Finally,  we  consider  thrust  vector  control  systems.  These  operate  by  interfering  in  some  way  with  the 
efflux  from  a propulsive  motor  and  thereby  inducing  a lateral  control  force.  Naturally  this  control  force 
is  available  only  when  the  motor  is  operating.  Although  TVC  systems  function  by  causing  an  asymmetric  flow 
condition  in  the  propulsive  nozzle,  their  effectiveness  is  usually  described  by  using  an  equivalent  deflection 
angle 

A . -1  side  force 
V s sin 

thrust  force 

Even  when  the  nozzle  itself  is  pivoted  about  a lateral  axis  the  equivalent  deflectioii  is  greater  than  the 
geometric  deflection,  indicating  that  an  asynanetric  nozzle  flow  exists. 

Early  examples  of  missiles  using  a form  of  thrust  vector  control  are  SS11  and  Swingfire,  Of  course 
tilting  nozzles  have  been  used  in  the  control  of  long  range  ballistic  missiles,  but  these  are  outside  the 
;'JCOpe  of  our  course,  and  in  any  case  the  motors  are  liquid  fuelled  which  confers  a degree  of  flexibility  not 
possible  with  solid  fuel  rockets. 

Ref  30  contains  a review  of  TVC  systems,  but  in  general  the  open  literature  on  the  characteristics  of 
various  forms  of  TVC  system  is  somewhat  sparse,  and  much  of  the  information  which  follows  is  unpublished. 

Fig  59  shows  some  of  the  devices  which  have  been  studied  for  application  to  missiles  of  higher  power  and 
higher  performance  than  the  tv/o  early  applications  mentioned  above.  Typical  deflection  angles  are  shown 
alongside.  In  two  of  the  methods  a fluid  is  injected  into  the  nozzle  just  downstream  the  throat^^.  An 
interference  flow  pattern  is  set  up  similar  in  principle  to  that  obtained  with  a reaction  jet  in  a free  stream, 
and  an  asymmetric  side  force  on  the  nozzle  results.  In  one  of  the  examples,  liquid  freon  is  injected  into 
the  nozzle,  in  the  other  example  part  of  the  hot  jet  efflux  is  tapped  from  the  back  of  the  motor  chamber  and 
reintroduced  downstream  of  the  throat.  Between  these  two  in  effectiveness  comes  the  axial  sliding  plate  which 
can  be  moved  out  behind  the  nozzle  exit  plane  to  prevent  continued  jet  expansion  on  one  side  and  hence  provide 
a side  force.  Next  to  it  we  have  the  semaphore  spoiler  which  can  pivot  about  a longitudinal  axis  and  move 
progressively  in  and  out  of  the  efflux.  The  blade  can  be  shaped  to  give  a suitably  graded  variation  of 
control  force  with  deflection.  Finally  we  have  two  systems  which  depend  on  rotation  about  a lateral  axis,  or, 
in  the  practical  case,  about  two  lateral  axes  at  right  angles  using  gimballed  or  universal  bearings.  In  one 
case  a "dome  spoiler"  can  be  deflected  to  provide  control  in  any  direction,  in  the  other  the  nozzle  itself  is 
rotated  as  required.  This  can  give  rise  to  a sealing  problem.  One  way  of  overcoming  it  is  to  connect  the 
nozzle  to  the  motor  by  a bellows.  It  is  worth  noting  that  with  gimballed  bearings  it  is  not  difficult  to 
link  the  TVC  control  with  deflected  surfaces,  so  that  a hybrid  control  system  effective  over  a wide  range  of 
conditions  is  possible. 

Fig  40  shows  a tabulated  comparison  of  some  results  obtained  in  a British  TVC  research  programme.  For  a 
Cartesian  control  system  four  actuators  are  required  with  fluid  injection  systems,  sliding  plates  and  sema- 
phore spoilers.  A'ith  gimballed  systems  only  two  actuators  are  required.  With  semaphore  and  dome  spoilers  an 
appreciable  thrust  loss  was  found.  The  nozzle  geometry  was  found  to  have  only  a second  order  effect  on  the 
equivalent  thrust  deflection  obtained.  This  is  not  unexpected  since  missile  nozzles  are  generally  under- 
expanded to  avoid  excessive  length.  For  the  fluid  injection  systems  motor  duration  was  2-5  seconds,  for  the 
sliding  plate  10  seconds,  for  the  semaphore  spoiler  20  seconds  and  up  to  1 minute  for  the  swivelling  nozzles. 

The  most  expensive  part  of  a TVC  system  is  the  actuation  unit  vand  the  choice  will  therefore  be  dictated 
largely  on  grounds  of  relative  cost.  Electrical  actuation  is  cheaper  than  cold  gas  pneumatic  actuation, 
which  in  turn  is  cheaper  than  a hydraulic  system.  Hot  gas  and  liquid  injection  systems  fall  somewhere  between 
the  first  two,  depending  on  the  requirement.  Tests  with  fluidic  switching  systems  proved  disappointing  on 
grounds  of  attainable  thrust  deflection  angle,  size  and  weight. 


Thrust  vector  controls  show  an  advantage  over  deflected  aeiodynamic  surfaces  only  when  the  latter  are 
rendered  comparativ  ly  ineffective  due  to  low  dynamic  pressure.  Under  these  conditions  TJC  enables  very 
"agile"  manoeuvr-es  to  be  carried  out,  during  which  missiles  may  reach  very  high  angles  of  incidence,  and  mjch 
of  the  recent  interest  in  aerodynamic  behaviour  at  these  high  angles  is  due  \.o  the  powei'  conferred  by  rr;oaern 
rVC  systems.  In  particular  the  ability  the  make  rapid  changes  in  direction  immediately  after  laurich.  wliile 
the  forward  speed  is  still  low,  has  been  demonst »’ated. 

Apart  from  the  effect  of  misalignments,  no  control  in  roll  can  be  obtained  by  deflecting  a single  axi- 
symmetric  jet.  However  if  multiple  nozzles  are  used  they  can  be  deflected  in  combination  to  give  a rolling 
moment  as  well  as  pitching  and  yawing  mom€*nts. 

The  effect  on  the  external  aerodynamic  characteristics  of  deflecting  the  thrust  has  not  been  widely 
studied.  A recent  paper  by  Fleeman  and  describes  force  and  moment  measurements  on  an  ogive- 

cylinder  tody  at  angles  of  attack  up  to  l8o  with  a cold  air  jet  issuing  from  the  base.  The  nozzle  could 
be  deflected  by  15  , &hd  the  tests  showed  that  at  a Mach  number  of  this  deflection  affected  the  normal 

force  and  centre  of  pressure  only  at  angles  of  attack  greater  than  1^0  . However  if  tail  surfaces  had  teen 
present  on  the  body  these  would  have  generated  a substantial  part  of  the  normal  force.  They  are  particularly 
susceptible  to  the  effects  of  base  flows,  and  hence  the  effect  of  jet  deflection  on  the  normal  force  and  centre 
of  pressure  might  have  been  more  noticeable.  At  a subsonic  Mach  number  of  O.85,  the  axisymmetr ic  jet  plume 
had  a marked  effect  on  body  normal  force  at  incidence  angles  above  about  40  , so  it  is  possible  that  at  sub- 
sonic speeds  the  effects  of  thrust  deflection  on  the  external  aerodynamics  may  be  greater  than  those  observed 
at  M ^ 2.2. 

It  is  interesting  to  compare  the  relative  effectiveness  of  thrust  vector  control  obtained  by  hot  gas 
injection  and  jet  reaction  control  using  the  same  hot  gas  supply.  For  TVC  the  equivalent  thrust  deflection 
of  12  with  a motor  thrust  of  38OO  pounds  (I69OO  Newtons)  gives  a side  force  of  790  pounds  (3500  Newtons). 

If  the  same  jet  and  sonic  nozzle  exhaus*  into  a vacuum,  the  thrust  would  be  about  19O  pounds  (85O  Newtons), 
so  that  an  amplification  factor  of  abo  is  required  from  the  jet  reaction  control  to  give  the  same  side 
force  as  the  TVC. 

Thrust  vector  control  is  the  only  alternative  system  to  challenge  seriously  the  predominant  position  of 
deflected  surfaces  as  a means  of  controlling  guided  weapons,  and  then  only  in  a particular  range  of  applies- 
tiuns.  However,  nearly  all  missile  designs  are  "special  cases"  in  one  way  or  another,  and  it  is  well  to  be 
aware  of  the  characteristics  of  all  the  possible  systems  for  achieving  the  required  manoeuvres. 
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A conparison  of  experimental  downwash  and 
calculations  by  Plascott's  method,  at  zero 
roll  angle 
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fig  3 A comparison  of  two  methods  of  estimatini 
downwash 
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A comparison  of  experimental  downwash  and 
calculations  by  Plascott's  method,  at  ABO 
roll  angle 
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Fig  7 Contributions  to  lift  on  delfected  tail  control 


ig  8 Effect  of  root  gap  on  total  wing-body  normal  force  - 
taken  from  Ref  9 
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Fig  14  Derived  normal  force  due  to  deflecting  canard  controls  by 
8°,  with  and  without  rear  wing 
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Fig  15  Models  with  various  control  geometries 


Differential  force  on  upper  and 
lower  control  panels 
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Fig  20  The  effect  of  elevator  and  rudder 
deflection  on  roll  control 


Fig  21  Change  in  yaw  control  force  (aCy)  due  to  lO*’ 
elevator  deflection 


Fig  22  Geometry  of  panel-to-panel  interference 
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Fig  23  Symmetry  relationships 
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Fig  24  Comparison  of  measured  and  synthesised 
moments,  M = 1.55 
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Fig  39  Some  thrust  vector  control  systems 
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out  In  the  previous  paragraph,  different  criteria  exist  for  each  category  of  the  store 
separation  problem,  and  the  above  parameters  play  roles  of  varying  Importance  In  each 
of  these  categories. 

In  general,  stores  having  high  density,  high  Inertia,  and  high  aerodynamic 
stability  will  exhibit  the  most  desirable  separation  characteristics.  It  Is  not  always 
practical  to  design  stores  with  these  characteristics  as  mission  requirements  can  have 
a significant  Impact  on  external  shape  and  mass  properties.  For  example,  a high  density 
empty  fuel  tank  would  Impose  an  Impossible  weight  penalty  on  the  aircraft  with  the  fuel 
tank  In  the  full  configuration,  or  It  would  be  extremely  costly,  and  Impractical,  to 
design  a rocket  launcher  (both  full  and  empty)  to  the  specifications  of  high  density, 
high  Inertia,  and  high  aerodynamic  stability.  Fortunately,  when  one  or  more  parameters 
are  compromised  It  may  not  be  disastrous,  for  other  parameters  can  often  be  adjusted  to 
adequately  compensate  for  those  that  were  compromised.  It  Is  the  often  necessary 
compromise  of  these  desirable  characteristics  that  creates  the  problem  and  the  require- 
ment for  fast  and  accurate  store  separation  prediction  techniques  and  facilities. 

There  has  been  much  work  done  to  study  the  effect  of  each  parameter  on  the  tra- 
jectory of  a store.  Reference  3 Is  an  example  of  a comprehensive  parametric  study  where 
the  basic  equations  of  motion  were  examined  to  study  the  significance  of  various  para- 
meters on  both  stable  and  unstable  stores.  The  results  were  compared  with  trajectories 
generated  In  a wind  tunnel  and  with  full  scale  flight  tests.  Reference  4 Is  another 
example  of  a parametric  study  Involving  the  F-l4  and  Phoenix  missile.  Again,  It  Is 
emphasized  that  store  separation  parameters  are  highly  coupled,  and  the  variation  of  each 
plays  a different  role  In  each  case.  In  general,  however,  these  reports  and  other 
evidence  support  the  following  conclusions: 

1.  The  most  significant  parameters  are  store  stability,  the  bomb  ejector  rack 
Induced  moments,  the  aircraft  flow  field  (function  of  Mach  number  and  aircraft  attitude) 
and  the  aircraft  acceleration  at  release. 

2.  The  effects  of  bomb  rack  ejection  force,  store  weight  and  dynamic  pressure  are 
secondary  and  approximately  the  same  for  aerodynamlcally  stable  stores.  These  effects 
become  more  Important  as  store  stability  decreases. 

3.  Store  moments  of  Inertia  are  relatively  unimportant  for  aerodynamlcally  stable 
stores  but  become  more  Important  as  store  stability  decreases. 

4.  Plight  path  angle  effects  are  normally  small  except  for  longitudinal  store 
displacement;  however,  at  the  higher  dive  angles  the  store  will  remain  In  the  disturbed 
aircraft  flow  field  longer,  thus  flow  field  effects  will  be  magnified. 

5.  Multiple,  ripple  releases  are  more  critical  than  single  releases  because  of 
mutual  Interference  effects  of  the  weapon  Immediately  after  release,  reduction  of 
ejection  force  due  to  multiple  rack  flexibility,  and  the  Increased  probability  of  store 
to  store  collision. 

6.  Aerodynamic  damping  effects  are  relatively  unimportant;  however.  In  some  rather 
special  cases,  for  large  or  very  heavy  stores,  the  change  In  the  store  aerodynamic  damp- 
ing that  can  be  Induced  by  the  motion  (oscillation)  of  the  parent  aircraft  may  be  large 
enough  to  cause  significant  effects  on  the  flight  behavior  of  the  store  (see  refs.  5 

and  6 ) . 


2.2.1  Bomb  Ejector  Racks 


No  article  on  store  separation  Is  complete  without  at  least  a brief  comment  on 
bomb  ejector  racks.  For  the  purposes  of  store  separation,  there  are  basically  two  types 
of  bomb  ejector  racks  In  common  use,  those  with  single  ejection  pistons,  and  those  with 
dual  ejection  pistons.  Typical  racks  are  shown  In  Pigs.  2 and  3.  The  latter  usually 
have  orifices  which  are  ground  adjustable  to  meter  the  flow  of  ballistic  gas  from  the 
ejection  cartridges  to  the  ejection  pistons.  This  feature  permits  the  force  of  each 
ejection  piston  to  be  Independently  varied  from  completely  closed  to  full  open.  Thus, 
the  ejection  moment,  and  force.  Imparted  to  the  store  can  be  controlled  throughout  a 
considerably  wide  range.  These  ejector  racks  are  referred  to  as  "tunable"  racks  and  are 
far  superior  to  the  single  ejection  piston  rack,  especially  those  with  low  ejection 
Impulse.  Figure  4 shows  a comparison  of  the  Impulse  performance  between  typical 
ejector  racks  of  these  two  types. 


The  Triple  Ejector  Rack  (TER)  and  Multiple  Ejector  Rack  (MER)  currently  used  In 
the  United  States  are  shown  In  Pigs.  5 and  6.  The  US  versions  of  these  multiple 
carriers  are  presently  equipped  with  bomb  ejector  racks  having  single  ejector  pistons 
(Fig.  2)  and  low  Impulse  (Pig.  4).  The  United  Kingdom  version  of  the  TER  Is  similar 
but  contains  "tunable"  dual  ejector  racks  with  high  Impulse.  The  stores  carried  on  the 
bottom  stations  are  ejected  down,  and  the  stores  carried  on  the  shoulder  stations  are 
ejected  down  and  out  at  approximately  45  degrees.  The  problems  associated  with  single 
piston  racks  and  the  advantages  of  the  dual  ejector  will  become  highly  evident  In 
paragraph  5. 4. 1.2. 

One  of  the  big  deficiencies  In  predicting  accurate  store  trajectories  Is  the 
lack  of  accurate  bomb  rack  ejection  data.  Performance  curves  such  as  Fig.  4 are 
normally  acquired  at  a ground  based  static  ejection  test  stand  and  are  used  without 
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correction  for  temperature,  store  aerodynamic  loading,  and  dynamic  and  elastic  effects 
of  the  racks/pylons/wlngs . Adequate  guidelines  do  not  exist  for  correcting  static  bomb 
rack  ejection  data.  The  only  known  proposed  procedure  Is  outlined  In  ref.  7 which 
relates  flight  test  and  static  end-of-stroke  ejection  velocity  as  shown  In  Pig.  7. 

The  variation  In  bomb  ejector  rack  Impulse,  and  consequently  store  ejection  velocity, 
due  to  MER  flexibility  can  also  be  quite  significant.  Figure  8 from  ref.  8 shows  this 
variation  as  four  800-pound  (363  kg)  M-117  bombs  are  sequentially  ejected  from  an  F->J 
centerline  MER  attached  to  a MER  adapter  and  rigid  test  stand . The  expected  impulse  Is 
obtained  during  release  of  the  first  bomb,  but  diminishes  to  practically  zero  when  the 
last  bomb  is  released  with  no  mass  remaining  on  the  MER  to  assist  the  reaction.  Even 
though  a fairly  low  Impulse  cartridge  was  used,  the  forward  cantilevered  section  of  the 
MER  deflected  away  from  the  bomb  being  ejected  by  3*5  inches  (8.89  cm)  laterally  and 
1.3  inches  (3.3  cm)  vertically.  Reference  3 also  reached  the  conclusion  that  "Present 
knowledge  of  the  ejector  forces  produced  by  aircraft  release  systems  In  the  actual  flight 
environment  Is  not  sufficient  to  permit  an  accurate  and  detailed  comparison  of  flight  and 
wind-tunnel-generated  trajectories  using  ground  static  calibration  ejector  data  alone." 
References  9 thru  13  are  excellent  reports  on  bomb  ejector  racks  and  their  contributions 
to  store  separation.  The  M.  L.  Aviation  Company  (UK)  now  has  a contract  to  develop  a 
bomb  ejector  rack  test  rig  with  a variable  stiffness  mounting  to  simulate  torsional  and 
flexural  stiffness,  damping  frequency  and  so  on. 

2.2.2  Aircraft  Flow  Field 


As  concluded  In  ref.  3,  the  Interference  flow  field  about  a store  laden  aircraft 
may  be  the  moat  Important  parameter  governing  store  trajectory.  It  is  normally  quite 
curvilinear  In  form  and  varies  with  aircraft,  store,  store  position,  adjacent  stores, 
flight  conditions,  and  aircraft  attitude.  Figure  9 shows  the  velocity  components  In 
various  lateral  planes  measured  about  three  M-117  bombs  on  a TER  on  the  Inboard  wing 
station  of  an  P-^t  at  0.85  Mach  (from  ref.  1^).  Attention  is  directed  to  the  large  down- 
wash  at  the  nose  of  the  weapon  on  the  bottom  station  (approximately  200  ft/sec  or  6l  m/s) 
and  the  large  upwash  at  the  tall  (approximately  100  ft/sec  or  30  m/s).  This  typical  flow 
characteristic  produces  an  extremely  large  nose  down  aerodynamic  pitching  moment  on  large 
diameter  16  Inch  (Ml  cm)  stores  at  higher  Mach  numbers  and  results  in  unsatisfactory 
trajectories  for  many  weapons.  This  problem  and  possible  solutions  will  be  discussed  in 
detail  In  paragraphs  5*3.^  and  5.^.1.  Figure  10  shows  the  same  results  from  a wind 
tunnel  oil  flow  test  conducted  at  the  United  States  Air  Force  Academy. 

The  flow  field  about  an  P-^t  does  not  always  produce  nose  dovm  moments.  Figure  11 
shows  the  variation  In  pitching  moment  coefficient  as  a large  unstable  store  Is  trans- 
lated vertically  downward  from  Its  Installed  position  on  the  inboard  wing  station  of  the 
P-4  aircraft.  Also  depleted  In  this  figure  are  the  highly  significant  and  typical  vai’la- 
tlons  In  the  flow  field  (represented  by  variations  In  the  pitching  moment  coefficient) 
with  Mach  number  and  aircraft  angle  of  attack. 

The  use  of  the  above  type  of  experimental  data  to  predict  store  trajectories  will 
be  discussed  In  detail  In  paragraph  3.2.2. 

3 Store  Separation  Prediction  Methods  

There  are  basically  two  classes  of  methods  commonly  used  to  predict  store  separa- 
tion trajectories.  These  are  the  purely  theoretical  techniques  and  various  techniques 
based  on  the  use  of  wind  tunnel  data.  Each  method  has  Its  own  utility,  and  the  decision 
as  to  which  method,  or  methods,  to  use  for  a given  problem  must  be  made  on  the  basis  of 
the  problem  Itself. 


3.1  Theoretical  Prediction  Techniques 


The  theoretical  techniques  are  difficult  to  apply  and  limited  In  application 
because  of  the  lack  of  adequate  transonic  theory.  They  may,  however,  be  used  within 
their  realm  of  applicability  for  studies  of  noncrltical  problems,  to  explain  certain 
phenomena  and  In  conjunction  with  wind  tunnel  test  programs  to  reduce  the  scope  of 
experimental  effort.  Reference  15  Is  an  excellent  report  which  compares  theoretical 
techniques  and  experimental  wind  tunnel  techniques  to  full  scale  flight  test  data.  At 
this  time,  however,  the  wind  tunnel  Is  the  only  reliable  store  separation  prediction 
technique  that  can  be  used  with  confidence  throughout  the  flight  regime  of  our  present 
day  tactical  aircraft.  This  paper  will  address  only  the  wind  tunnel  techniques. 

3.2  Wind  Tunnel  Testing  Techniques 

There  are  essentially  four  major  experimental  techniques  used  today  to  predict 
store  separation  trajectories.  They  are  the  Captive  Trajectory  System  (CTS),  grid,  flow 
angularity,  and  freedrop.  Each  has  its  advantages  and  disadvantages  and  the  best  method 
or  combination  of  methods  depends  upon  the  Individual  problem.  The  first  three  of  these 
techniques  can  best  be  employed  by  using  the  automated  CTS  rig,  but  off-line  methods  can 
be  used  If  necessary.  The  CTS  Is  generally  considered  the  most  versatile  and  accurate  of 
the  prediction  methods  and  Is  often  used  as  a base  line  for  comparison  of  other  techniques. 
The  first  two  make  use  of  the  automation  of  the  CTS  rig  for  data  acquisition;  however, 
different  types  of  data  6u?e  acquired  and  In  both  oases  the  store  trajectories  are  run  at 
a later  time  rather  than  on-line  as  part  of  the  wind  tunnel  test.  The  following  para- 
graphs will  briefly  describe  the  four  methods  mentioned  above,  and  discuss  their  advan- 
tages and  disadvantages. 
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The  principle  of  the  CTS  is  basically  the  same  for  all  wind  tunnels  having  this 
capability.  The  following  extraction  from  ref.  l6  describes  a typical  CTS. 


The  CTS  is  used  primarily  for  the  trajectory  analysis  of  air-launched 
stores  and  is,  in  effect,  a separation  simulator  which  uses  the  wind 

tunnel  as  an  analog  function  generator  for  the  store's  aerodynamic  forces  ^ 

while  the  store  is  in  the  flow  field  of  the  parent  aircraft.  A typical  ' 

installation  is  shown  in  Pig.  12.  The  CTS  hardware  consists  of  a slx- 

degree-of-freedom  store-model  support  system  controlled  by  a closed-loop  ,1 

digital  computer  system  which  solves  the  equations  of  motion  using  the 
measured  aerodynamic  forces,  mass,  inertia,  and  other  characteristics  of 

store  launch.  The  parent  model  is  supported.  Inverted  for  convenience,  , 

from  the  tunnel's  main  support  system  at  the  desired  angle  of  attack.  i 

The  store,  supported  on  the  captive  sting.  Instrumented  with  an  internal 

six-component  balance,  and  supported  by  the  CTS,  is  removed  a safe  dls-  \ 

tance  from  the  model  until  test  conditions  are  established.  The  store  ' 

is  then  moved  to  the  launch  position.  | 

Initiation  of  the  trajectory  cycle  causes  the  computer  to  read  the  tunnel  j 

conditions  and  store  loads,  convert  the  data  to  engineering  units,  and  ( 

solve  the  equations  of  motion  using  the  full  scale  (or  other)  mass,  ' 

inertia,  center  of  gravity,  etc.,  applicable  to  the  particular  store  1 

being  tested.  The  computer  then  commands  the  CTS  to  position  the  store  ■ 

to  the  computed  location  and  orientation  corresponding  to  post  launch 
time  and,  in  addition,  predicts  the  store  aerodynamic  loads  at  that 

location.  During  the  next  data  cycle,  which  is  now  initiated  automatl-  ' 

cally,  the  computer  compares  the  actual  location  with  that  requested  and 
the  measured  loads  with  those  predicted.  If  either  the  store  position 
or  measured  loads  are  not  within  specified  tolerances,  appropriate  adjust- 
ments are  made  automatically.  The  load  prediction  technique  not  only 
serves  as  a rejection  mechanism  for  spurious  data  but  also  allows  for  an 

automatic  adjustment  of  the  trajectory  step  size.  If  the  measured  and  ] 

predicted  loads  are  not  in  agreement,  the  data  are  rejected  and  the  step 
size  is  reduced  by  a factor  of  two.  If  the  measured  and  predicted  loads 
are  in  agreement  for  a number  (typically  six)  of  consecutive  successful 
predictions,  the  Interval  is  Increased  by  a factor  of  two.  The  Interval 
length  is  bounded  by  an  arbitrary  value  which  Insures  that  sufficient 
points  are  taken  to  establish  the  trajectory.  The  total  time  for  a com- 
plete data  cycle  is  between  three  and  six  seconds.  The  time  required  for  I 

a complete  trajectory  encompassing  one  second  actual  flight  time  Is  less  ’ 

than  10  minutes.  I 


Figure  13  shows  a block-diagram  of  the  CTS  to  be  Installed  at  the  end  of  1976 
in  the  ONERA  1.76  x 1.75  m^  transonic/supersonic  wind  tunnel  S2  at  Modane,  Prance.  The 
complete  system  is  monitored  by  a digital  computer  and  is  typical  of  other  CTS  facilities. 

3. 2. 1.1  CTS  Facilities 

There  are  five  known  active  CTS  facilities  in  the  United  States.  Two  of  these 
are  located  at  the  Arnold  Engineering  Development  Center  (AEDC)  and  are  used  with  the 
four-foot  (1.2  m)  transonic  wind  tunnel  (llT)  and  the  AEDC  Von  Karman  Facility  (VKF) 
supersonic  tunnels  A,  B,  and  C.  Figure  12  shows  the  i)T  CTS  and  ref.  17  provides  more 
detail  of  the  system.  Figure  Ift  is  a schlleren  of  a supersonic  grid  test  of  a MK-81) 
bomb  released  from  the  P-5  aircraft  which  shows  the  VKF  CTS.  The  Schlleren  was  taken 
in  the  VKF  Tunnel  A which  has  a model  injection  system.  This  system  allows  the  sting/ 
model  to  be  moved  from  the  teat  section  to  a lower  chamber  for  model  configuration 
changes,  etc.,  while  the  tunnel  is  in  operation.  Note  the  complicated  flow  field  and 
shock  wave  patterns  associated  with  the  supersonic  problem.  More  details  of  the  VKF 
CTS  can  be  obtained  from  ref.  18.  The  third  active  US  government  CTS  system  is  located 
at  the  David  Taylor  Naval  Ship  Research  and  Development  Center  (DTNSRDC).  The  installa- 
tion is  in  the  7 X 10  foot  (2.1  x 3.0  ra*)  transonic  wind  tunnel  and  is  depicted  in 
Pig.  15.  Additional  details  are  to  be  found  in  ref.  I9.  The  other  two  active  systems 
located  in  the  US  are  used  in  the  Vought  Aeronautics  Company  four-foot  (1.2  m'  high 
speed  wind  tunnel  which  is  depicted  in  Pig.  16  and  the  Calspan  Corporation  eight-foot 
(2.1(  m)  transonic  wind  tunnel.  Pig.  I7.  Additional  details  of  these  systems  can  be 
found  in  refs.  20  and  21. 

The  Aircraft  Research  Association,  Ltd.  (A.R.A.),  Bedford,  England,  and  the  Office 
National  d'Etudes  et  de  Recherches  Aerospatlales  (ONERA),  Paris,  Prance,  have  both 
developed  excellent  facilities.  Figure  I8  depicts  the  A.R.A.  system,  referred  to  as  a 
two-sting  rig  (T.S.R.),  to  be  Installed  in  their  9x8  foot  (2.7  x 2.i|  m^)  transonic 
wind  tunnel.  The  T.S.R.  has  been  designed  to  be  slender  for  transonic  use  and  portable 
for  installation  in  other  tunnels  of  comparable  size.  The  rig  is  suitable  for  use  with 
complete  parent  aircraft  models  of  about  l/8th  full  scale  and  with  half  models  of  about 
1/U  scale;  the  relatively  large  size  of  store  models  considerably  eases  balance  installa- 
tion and  model  distortion  difficulties.  Further  details  are  given  in  Refs.  22  and  23. 

The  slx-degrees-of-freedom  are  achieved  by  a double  roll  system  for  the  vertical  and 
lateral  movements,  with  a third  rotation/translation  unit  to  provide  roll  re-orientation 
and  longitudinal  movement.  The  store  pitch,  roll  and  yaw  angles  are  achieved  by  means 
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of  a unit  at  the  forward  end  of  the  translation  sting.  The  position  of  the  store  rela- 
tive to  the  parent  aircraft  model  will  be  measured  by  a novel  system  using  an  upstream 
television  camera. 

Figure  19  shows  schematically  the  mechanical  system  of  the  ONERA  CTS  rig  to  be 
Installed  In  the  ONERA  I.76  x 1.75  m^  transonic/supersonic  wind  tunnel  (S2).  An  arm 
with  two  hinges,  each  with  two  degrees  of  freedom,  allows  for  vertical  and  horlzonal 
motions  along  with  missile  angles  of  attack  and  yaw;  then  a dual  roll  rotation  system 
ahead  of  the  missile  support,  and  a longitudinal  motion  at  the  rear  part,  achieve  the 
required  slx-degrees-of-freedom.  The  rig  Is  typical  In  that  It  can  be  used  either  for 
the  captive  trajectory  method  or  for  the  grid  method. 

3. 2. 1.2  CTS  Advantages 

1.  The  CTS  Is  generally  considered  quite  accurate.  Experience  has  shown  excellent 
agreement  with  full  scale  flight  teat  data.  The  AEDC  CTS  was  used  for  the  USAP  A-7D  store 
certification  program  mentioned  In  the  Introduction.  It  Is  the  primary  technique  used  by 
the  USAP  for  store  separation  programs  and  throughout  the  years  has  resulted  In  enormous 
savings  of  USAP  resources  through  enhancing  flight  safety  and  reducing  costly  flight  test 
time . 

2.  Store  trajectories  are  conducted  on-line  as  the  wind  tunnel  operates.  Data 
Is  obtained  Instantly,  permitting  Immediate  corrections  or  changes.  If  necessary. 

3.  CTS  Is  relatively  fast.  The  same  number  of  equivalent  trajectories  require 
much  less  wind  tunnel  time  than  freedrop.  This  Is  especially  true  for  continuous  flow 
wind  tunnels  not  equipped  with  model  Injection  systems  where  much  time  Is  lost  when  the 
wind  tunnel  Is  stopped  only  for  single  store  model  replacement. 

^t.  Only  one  CTS  captive  sting  store  model  Is  required  for  testing  of  a given 
store.  The  store  models  are  simple  and  do  not  have  to  be  dynamically  scaled  as  Is  the 
case  for  freedrop  models. 

5.  Depending  on  computer  software,  the  CTS  can  be  used  to  simulate  store 
trajectories  where  the  aircraft  released  the  store  while  In  a dlve/cllmb  or  accelerated 
flight. 

3. 2. 1.3  CTS  Disadvantages 

Facilities  operating  captive  trajectory  systems  are  continuously  conducting 
research  and  study  programs  directed  toward  Improving  the  accuracy  and  expanding  the 
capabilities  of  their  system.  Improved  software  and  Integration  schemes  are  constantly 
being  developed  for  new  on-line  computers  which  are  faster  and  have  Increased  storage 
capacity.  References  23  thru  27  outline  In  detail  some  of  the  deficiencies  In  the 
system  which  have  been  noted  throughout  the  years.  Some  of  the  general  disadvantages 
are; 

1.  Weapon  trajectories  are  often  relatively  short  In  duration  because  of  the 
physical  movement  limitations  of  the  CTS  support  structure  and/or  the  balance  limits  of 
the  captive  model.  Unstable  stores  that  rotate  rapidly  and  tumble  are  especially  a 
problem.  However,  this  has  been  significantly  Improved  by  the  use  of  bent  stings  such 
as  the  one  depicted  In  Pig.  12. 

, , 2.  Once  a trajectory  Is  run  for  a given  set  of  parameters,  the  trajectory  data 

( ! may  become  Invalid  If  the  mass.  Inertia,  center  of  gravity,  bomb  rack  ejection  forces/ 

[ moments,  or  any  other  physical  properties  are  significantly  changed.  However,  the  Inter- 

j ference  coefficients  may  be  extracted  from  the  CTS  data  and  used  In  a similar  manner  as 

' grid  data. 

[ 3-  The  captive  sting  or  dual  support  method  may  require  alteration  to  the  store 

i afterbody  to  accommodate  the  sting  and  also  raises  the  question  of  sting  effects  on  the 

store  loads  (Pig.  20).  The  results  of  extensive  Investigations  to  answer  these  questions 
I are  contained  In  refs.  23  thru  27.  The  Investigations  concluded  that  the  effects  of  the 

[ support  sting  and  store  afterbody  distortion  are  small.  The  Investigations  also  con- 

k eluded  these  effects  were  often  Insignificant,  opposite  In  trend  and  tended  to  cancel 

each  other.  The  case  of  neutrally  stable  stores  was  not  Investigated  and  these  conclu- 
I slons  may  not  apply. 

I4.  Only  single  releases  can  be  Investigated.  Multiple,  ripple,  and  salvo 
I releases  are  not  yet  practical  using  CTS. 

I 5.  The  feasibility  of  obtaining  CTS  trajectories  of  MER/TER  Jettison  with 

attached  stores  has  not  been  proven.  Asymmetry  In  these  configurations  and "the  small 
I size  of  the  MER/TER  beam  make  balance  location  and  proper  loading  extremely  difficult. 

6.  At  this  time  on-line  computing  capability  and/or  the  difficulty  of  modeling 
small  scale  control  surfaces  make  some  of  the  CTS  facilities  Impractical  for  simulating 
trajectories  for  guided  weapons  having  active  autopilots  and  controls  during  release. 
However,  In  some  cases  the  autopilot  equations  and  the  aerodynamic  control  effectiveness 

i can  be  Incorporated  Into  the  CTS  computer  program  to  provide  a complete  simulation. 


I 


8-6 


7-  Effective  flow  angles  due  to  the  release  velocity  of  the  store  ar?  not 
accounted  for. 

8.  The  present  touchwlre  system  used  In  the  AEDC  4t  facility  (Pig.  21)  has  not 
always  resulted  In  good  alignment  of  the  store  In  Its  proper  carriage  position.  Touch- 
wires  are  small  electrical  contacts  that  provide  signal  Indication  that  the  store  Is  In 
the  proper  position.  Vibration  of  the  aircraft  and/or  store  models  contribute  to  this 
problem,  and  often  the  store  must  be  displaced  several  Inches  full  scale  from  the  proper 
carriage  position  to  start  the  trajectory.  Figure  11  shows  the  dependence  of  the  load 
gradients  on  the  store  vertical  displacement.  These  gradients  for  the  pitching  moment 
are  very  severe  near  the  carriage  position.  Touchwlre  gap  and  store  alignment  may  be  a 
major  source  of  error  as  Indicated  In  ref.  2^1. 

One  promising  solution  which  is  In  development  but  has  seen  limited  testing  In  the 
AEDC  4T  tunnel  Is  optical  alignment.  This  method  utilizes  an  Infrared  source  and  receiver 
In  the  aircraft  model  pylon  as  a doppler  for  precise  measurement  of  store  to  pylon  dis- 
tances. This  Is  an  attractive  area  for  additional  research. 

3.2.2  Grid 

In  this  technique  the  grid  data  Is  normally  obtained  In  the  wind  tunnel  using  a 
CTS  rig.  Ideally,  the  CTS  Is  programmed  to  automatically  traverse  the  store  model 
through  a given  volume  In  the  vicinity  of  the  carriage  station  of  Interest  and  the  aero- 
dynamic loads  on  the  store  are  measured  at  discrete  points.  The  store  may  also  be 
pitched,  yawed,  and  rolled  at  these  discrete  points.  The  data  Is  then  Incorporated  In  a 
slx-degree-of- freedom  trajectory  program,  and  the  aerodynamic  forces  and  moments  for  the 
Euler  equations  of  motion  are  retrieved  according  to  the  store's  position  and  attitude 
relative  to  the  aircraft.  Figure  22  Is  a block  diagram  of  a typical,  modular  slx-degree- 
of-  freedom  computer  program  for  trajectory  analysis. 

For  a given  configuration,  the  aerodynamic  loads  acting  on  the  store  In  the  vi- 
cinity of  the  aircraft  are  functions  of  Mach  number  and  aircraft  attitude  as  well  as  the 
store  vertical,  lateral,  and  longitudinal  positions  and  pitch,  yaw,  and  roll  attitude. 

To  acquire  a comprehensive  set  of  grid  data  accounting  for  all  of  these  variables  would 
result  In  an  extremely  lengthy  wind  cunnel  test  program  as  well  as  a computer  program 
that  requires  a large  amount  of  storage  and  run  time.  Reference  28  concluded  that  the 
Interference  coefficients  varied  considerably  more  with  vertical  displacement  than  with 
lateral  or  longitudinal  displacement  and  that  rotations  In  pitch,  yaw,  and  roll  at 
various  points  In  the  grid  have  a minimal  effect  on  Interference.  Figure  23  shows  plots 
of  normal  force  and  pitching  moment  coefficients  versus  store  angle  of  attack  at  various 
yaw  angles  for  an  M-117  bomb  In  an  aircraft  interference  flow  field.  Cfj  and  Cp(  are 
rather  Insensitive  to  yaw  angle,  and  the  static  stability  derivatives  (C^  and  Cm  ) are 
constant  throughout  the  Interference  flow  field.  Thus  the  Interference  effects  8o  not 
appear  to  be  strong  functions  of  store  attitude.  This  suggests  the  use  of  a "limited 
grid"  where  data  Is  taken  only  as  a function  of  vertical  displacement  (and,  of  course, 

Mach  number  and  aircraft  attitude).  The  elimination  of  lateral  and  longitudinal  data 
points  at  various  store  attitudes  considerably  reduces  the  required  wind  tunnel  time  and 
data  handling  requirements.  Experience  has  proven  this  approach  quite  accurate  for 
most  store  separation  problems. 

Figure  11  shows  a strong  dependence  on  Mach  number  and  aircraft  attitude.  Ref- 
erence 29  reports  good  correlation  with  freedrop  using  a "limited  grid”  of  vertical  dis- 
placement and  store  pitch  at  discrete  points.  It  also  supports  the  above  argument;  how- 
ever, the  variation  In  store  Incidence  angle  was  limited  to  a range  of  +4°  and  -4°.  Ref- 
erence 30  reports  on  separation  studies  for  three  guided  weapons  where  the  Interference 
! coefficients  were  obtained  only  as  functions  of  Mach  number,  aircraft  attitude,  and  ver- 

( tlcal  translation.  In  all  cases  excellent  correlation  with  CTS  and  full  scale  flight 

' tests  were  obtained  (see  paragraph  5.7.1)  Indicating  the  Importance  of  the  Initial 

(installed)  aerodynamic  loads  and  that  good  results  can  be  obtained  with  "limited  grid" 
data.  Also,  ref.  15  reports  excellent  results  when  "llmiteil  grid"  Is  compared  to  full 
scale  flight  test,  and  ref.  19  reports  on  the  use  of  the  limited  grid  technique  to 
investigate  separation  problems  with  a US  Navy  gun  pod. 

3.2. 2.1  Grid  Advantages 

1.  Assuming  data  Is  obtained  only  for  variations  In  Mach  number,  aircraft 
attitude  and  store  vertical  displacement,  the  "limited  grid"  technique  requires  less 
than  half  as  much  wind  tunnel  time  as  CTS  to  cover  the  same  release  conditions. 

2.  Grid  Is  more  general  than  CTS  and  freedrop  but  not  as  general  as  flow  field. 
Once  the  data  Is  obtained  unlimited  trajectories  may  be  run  for  that  store  and  aircraft 
configuration  to  study  the  effect  of  various  store  mass  properties  and  bomb  rack 
ejection  characteristics.  It  Is  well  suited  for  store  design  work  provided  the  store 
external  shape  and  aerodynamic  characteristics  do  not  change  significantly.  Although  not 
as  general  as  flow  angularity.  It  Is  quite  valuable  for  trouble  shooting  during  a flight 
test  program  where  time  Is  usually  critical. 

3.  There  are  no  trajectory  limitations  due  to  sting  travel,  balance  loads  or 
tunnel  boundaries. 
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4.  Grid  coiivenlently  can  be  used  to  simulate  trajectories  for  guided  weapons 
having  active  autopilots  and  controls  during  release. 

5.  Grid  can  be  used  to  simulate  store  trajectories  where  the  aircraft  released 
the  store  while  In  a dlve/cllmb  or  accelerated  flight. 

3. 2. 2. 2 Grid  Disadvantages 

1.  Trajectories  are  not  conducted  on-line  and  problems  cannot  be  detected  early 
In  the  program. 

2.  Grid  has  the  same  store  positioning  problems  as  CTS  (paragraph  3. 2. 1.3). 

3.  Grid  Is  subject  to  the  same  sting  Interference  and  modified  store  afterbody 
effects  as  CTS  (paragraph  3-2. 1.3). 

4.  Multiple,  ripple,  or  salvo  releases  cannot  be  Investigated. 

5.  Errors  can  result  because  of  the  vast  amount  of  data  acquired  when  other  than 
a "limited  grid"  la  obtained. 

3.2.3  Flow  Angularity 

In  this  technique  flow  angularity  data  Is  collected  In  the  wind  tunnel  using  a 
velocity  probe  often  attached  to  a CTS  rig  (Pig.  24)  rather  than  a store  model  for  direct 
measurement  of  the  aerodynamic  forces  and  moments.  The  CTS  Is  programmed  to  auto- 
matically traverse  the  probe  through  a given  volume,  or  plane  In  the  vicinity  of  the 
carriage  station  of  Interest  and  measure  the  change  In  local  angle  of  attack  and  side- 
slip (ao,  as)  at  selected  points  (Fig.  9).  Once  the  flow  angularity  data  Is  obtained  It 
can  be  used  to  calculate  the  Interference  aerodyneunlcs  using  free  stream  body  bulld-up 
data  for  the  weapon.  Using  the  pitching  moment  as  an  example: 

The  free  stream  pitching  moment  coefficient  slope  for  the  total  store  can  be 
represented  by ; 

“•"a' 

Where  and  C^(,n  are  the  free  stream  pitching  moment  coefficient  slopes 

of  the  body  and  fin  respectively. 

The  Interference  pitching  moment  coefficient  Is  calculated  by: 

INT  " °m  ‘^“p 

Where  Aon  and  Aop  are  Aa  values  at  the  center-of-pressure  of  the  body  and 
fins  of  the  store.  The  other  coefficients  are  calculated  In  the  same  manner. 

The  flow  angularity  data  Is  used  In  a slx-degree-of-freedom  digital  computer  pro- 
greun  for  trajectory  calculations.  New  Interference  coefficients  are  calculated  due  to 
changes  In  Aa  and  A6  as  the  store  translates  and  rotates  within  the  volume  containing 
the  Interference  data.  They  are  combined  with  the  free  stream  coefficients  to  obtain  the 
total  aerodynamic  forces  and  moments  acting  on  the  store  at  each  point  In  the  trajectory. 

W total  ifjT  ^M  j>j.gg  gtreeun 

The  aerodynamic  forces  are  then  combined  with  the  physical  forces  such  as  store 
mass,  ejection  force,  etc.,  and  the  Euler  equations  of  motion  are  Integrated  with  respect 
to  time  to  obtain  a point  by  point  trajectory.  The  block  diagram  of  Pig.  22  Is  also 
applicable  to  this  technique. 

There  are  basically  two  approaches  to  the  flow  angularity  technique.  The  first, 
by  Korn,  Is  described  In  detail  In  refs.  31  and  32.  In  this  approach  the  flow  angular- 
ities are  obtained  with  the  store,  whose  trajectory  Is  to  be  calculated.  Installed  In  the 
carriage  position.  The  flow  field  of  Fig.  9 Is  the  one  which  would  be  used  for  the 
bottom  store  of  the  TER.  It  essentially  assumes  that  the  store  Is  ejected  down  Into  the 
flow  field  that  Is  measured  below  and  around  the  store,  and  that  this  flow  field  does  not 
change  due  to  the  presence  of  the  store  as  the  store  moves  through  Its  trajectory. 

In  the  second  approach  by  Blose  and  Barnes  (ref.  33),  the  flow  angularities  are 
obtained  without  the  store  whose  trajectory  Is  to  be  calculated.  The  Initial  store  loads 
are  calculated  using  the  flow  angularities  measured  along  a line  where  the  centerline  of 
the  store  would  be  located  If  It  were  Installed.  It  assumes  that  the  flow  field  Is 
generated  only  by  adjacent  stores  and  structure,  and  the  store  whose  trajectory  Is 
desired  Is  Immersed  In  this  flow  field.  It  also  does  not  account  for  flow  field  changes 
due  to  the  presence  of  the  store  as  the  store  moves  through  Its  trajectory. 

The  first  approach  does  not  permit  measurement  of  the  true  flow  field  around  the 
store  because  of  obvious  probe/store  physical  Interferences.  The  second  does  not 
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account  for  the  change  In  flow  field  due  to  the  Installed  store,  that  is,  mutual  Inter- 
ference effects  are  not  considered. 

The  main  point  Is  that  neither  of  the  approaches  described  above  Is  correct  and 
there  Is  no  known  practical  method  of  accurately  measuring  the  flow  field  about  a store 
laden  aircraft.  To  date,  however,  the  two  approaches  have  not  been  evaluated  against 
each  other  and  other  techniques  In  a systematic  manner.  Additional  research  in  this  area 
Is  highly  recommended. 

In  spite  of  the  lack  of  technical  rigor,  correlation  with  other  techniques  such 
as  CTS  and  full  scale  flight  testing  has  generally  been  good  In  both  oases.  Figure  25 
shows  the  comparison  between  the  first  (Korn)  approach,  and  CTS.  The  trajectories  are 
for  a SUU-51/B  bomb  dispenser  which  is  a high  density,  aerodynamlcally  stable  store  (after 
fin  deployment)  approximately  the  size  of  an  M-117  bomb.  The  simulated  release  was  from 
the  bottom  station  of  the  inboard  wing  station  of  the  P-4  TER.  The  flow  field  of  Fig.  9 
was  used  for  the  trajectory  calculations.  Figure  26  shows  the  comparison  between  the 
second  (Blose,  Barnes)  approach,  CTS,  and  full  scale  flight  tests.  These  trajectories 
are  for  the  guided  weapon  of  paragraph  5.7.1.  The  flow  field  immediately  below  the  clean 
aircraft  pylon  was  used  for  the  trajectory  calculations. 

3. 2. 3.1  Flow  Angularity  Advantages 

1.  The  trajectories  generated  by  CTS,  freedrop  and  other  methods  normally 
apply  to  a particular  store  only.  Plow  angularity  data  for  a particular  aircraft  is 
taken  at  various  Mach  numbers  and  aircraft  Incidence  angles  and  In  principle  can  be 
applied  to  many  representative  store  configurations.  For  example,  the  flow  field  data 
of  Pig.  9 was  taken  for  three  M-117  bombs  on  a TER.  This  same  data  will  also  be  used 
for  any  other  three  large  diameter  stores  on  a TER  provided  they  are  reasonably  similar 
to  the  M-117.  Data  Is  taken  for  various  sizes  of  single  carriage  stores  and  large  and 
small  stores  on  the  MER/TER  Installed  at  various  stations.  Adjacent  stores  are  also 
considered.  Once  the  data  bank  Is  established,  many  stores  and  store  configurations  can 
be  cleared  with  a minimum  of  expensive  wind  tunnel  testing.  Also,  as  new  stores  are 
developed,  little  or  no  additional  wind  tunnel  testing  may  be  required. 

2.  The  data  base  provides  a "quick  look"  capability  and  Immediate  response  to 
operational  requirements  by  eliminating  the  need  to  schedule  wind  tunnel  time  and 
fabricate  store  models.  It  Is  particularly  valuable  for  trouble  shooting  during  flight 
test  program  where  time  Is  usually  critical. 

3.  The  flow  angularity  dcita  serves  as  an  excellent  data  base  for  store  design 
purposes.  Many  store  designs  can  be  iterated  at  minimum  expense  and  changed  without  the 
need  to  conduct  additional  wind  tunnel  tests.  Also,  the  data  may  be  used  to  estimate 
the  distributed  carriage  loads  acting  on  the  store  for  structural  design  purposes. 

4.  There  are  no  trajectory  limitations  due  to  sting  travel,  balance  loads,  or 
tunnel  boundaries. 

5.  Plow  angularity  can  be  used  conveniently  to  simulate  trajectories  for 
guided  weapons  having  active  auto  pilots  and  controls  during  release. 

6.  Flow  angularity  can  be  used  to  simulate  store  trajectories  where  the  aircraft 
released  the  store  while  In  a dlve/cllmb  or  accelerated  flight. 

3. 2. 3*2  Plow  Angularity  Disadvantages 

1.  The  flow  angularity  technique  Is  considered  to  be  the  least  accurate  of 

the  wind  tunnel  testing  techniques.  There  Is  considerable  art  Involved  In  making  certain 
assumptions  such  as  the  accurate  location  of  the  store  center  of  pressure  at  various  Mach 
numbers  In  an  Interference  flow  field,  especially  In  the  absence  of  good  free  stream 
store  data.  The  method  Is  not  recommended  for  unflnned,  unstable  stores,  or  low  density 
stores  where  the  aerodynamics  become  much  more  Important  than  the  Inertial  factors.  This 
Is  particularly  true  for  clustered  stores  on  MERs  and  TERs. 

2.  The  technique  requires  a large  Initial  Investment  In  wind  tunnel  testing  but 
Is  quite  cost  effective  If  a large  number  of  stores  and  store  configurations  are  to  be 
cleared  and/or  If  the  aircraft  becomes  a prime  weapon  carrier  and  remains  active  for 
many  years  such  as  the  F-4. 

3.  The  previously  discussed  method  of  calculating  the  aerodynamic  coefficients 
Is  subject  to  errors  If  the  flow  field  gradients  over  the  store  are  large. 

4.  Multiple,  ripple,  or  salvo  releases  cannot  be  investigated. 

5.  Errors  due  to  probe  Interference  are  unknown. 

3.2.4  Freedrop 

Freedrop  studies  are  made  by  releasing  or  ejecting  dynamically  scaled  store  models 
from  a parent  aircraft  Installed  In  the  wind  tunnel.  The  separation  characteristics  are 
determined  from  either  high  speed  motion  pictures  or  multiple  exposure  (strobe)  still 


photographs  taken  from  two  or  three  (ideally  orthogonal)  locations.  The  technique  can  be 
used  to  determine  the  separation  characteristics  of  single,  ripple,  salvo,  or  Jettison 
separations.  The  store  motions  are  constrained  only  by  collisions  with  the  parent  model 
or  the  tunnel  boundaries.  In  some  Instances  the  stores  may  be  recovered  with  little  or 
no  damage  even  when  released  at  supersonic  test  conditions.  The  bomb  rack  ejection 
foices  are  generally  simulated  by  small  pistons  driven  by  coll  or  leaf  springs,  pneumatic 
pistons  or  small  solid  propellant  charges  (e.g.  in  the  UK). 

The  static  forces  and  moments  generated  by  a flow  field  will  be  sealed  if  th« 
flow  field  and  model  geometry  are  similar  to  that  of  full  scale.  The  aerodynamic  accelera- 
tions of  the  scaled  store  will  be  similar  if  the  statls  forces  and  moments,  mass,  center 
of  gravity,  and  moment  of  Inertia  are  scaled. 

Three  scaling  laws,  termed  "heavy",  "light",  and  "Froude",  are  commonly  in  use. 
Again,  the  best  technique  depends  upon  the  problem,  personal  preferences,  and  wind  tunnel 
facilities  available.  For  example,  the  General  Dynamics  Corporation  much  prefers  heavy 
model  scaling,  whereas  the  light  model  method  is  used  almost  exclusively  at  the  Vought 
Corporation,  and  throughout  the  UK.  The  object  Is  to  preserve  the  proper  ratios  of  mass, 
length,  and  time  for  the  store  models  in  order  that  the  store  model  will  transcribe  the 
same  linear  and  angulai  path  with  respect  to  the  aircraft  model  as  the  full  scale  store 
would  with  the  aircraft.  Reference  16  and  refs.  3**  thru  discuss  the  scaling  laws  In 
detail  and  were  used  to  develop  the  following  discussion. 

3.2.A.1  Heav.v  Scaling 

In  this  method  the  free  stream  Mach  number  is  duplicated,  and  the  proper  air- 
craft flow  field  Is  preserved.  It  also  preserves  the  ratio  of  the  static  aerodynamic 
forces  to  gravity  forces  (store  weight)  at  the  time  of  release.  The  dynamic  derivatives 
Cm.)  are  not  properly  scaled,  and  the  angular  motions  are  underdamped;  however, 

) these  ar?  often  less  important  than  the  gravitational  forces.  The  requirement  to  m.alntnin 

the  proper  ratio  of  static  aerodynamic  forces  to  gravity  often  make  it  difficult  or 
impossible  to  obtain  sufficiently  dense  materials.  In  this  case  "mass  deficient"  models 
as  described  in  ref.  37  are  used  and  the  bomb  rack  ejection  force  Is  Increased  to  assist 
i the  model  In  passing  through  the  correct  flow  field  as  It  separates  the  aircraft. 

[ 3 • 2 . ‘1 . 2 Light  Scaling 

t 

■ In  this  method  the  free  stream  Mach  number  Is  also  duplicated;  the  aerodynamic 

E forces  are  properly  scaled;  but  the  proper  ratio  of  static  aerodynamic  forces  to  gravlly 

I forces  is  not  preserved.  The  gravitational  force  is  deficient  by  the  ratio  of  the  model 

to  aircraft  characteristic  length.  Angular  motion  Is  properly  simulated;  however,  linear 
accelerations  are  incorrect;  and  the  store  model  does  not  properly  traverse  the  aircraft 
' flow  field.  Unfortunately,  there  is  no  practical  means  available  to  scale  the  gravita- 

tional force;  therefore,  erroneous  store  separation  characteristics  can  result  from  the 
freedrop  technique.  References  Ul  and  *12  suggest  the  use  of  a ferromagnetic  sphere  to 
' create  a variable  artificial  gravity  field  about  the  wind  tunnel  test  section.  Ref'erencer, 

43  and  propose  the  development  of  a rig  to  accelerate  the  parent  aircraft  upward  at  the 
Instant  of  store  release  for  elimination  of  the  gravity  deficiency.  An  actuator  and 
ejector  synchronization  system  has  been  further  developed  from  ref.  *15  (see  rof.  tr,)  nnd 
this  could  offer  Improvements  for  "mass  deficient"  heavy  model  scaling  as  well  a.c  light 
I scaling.  This  technique  provides  the  required  separation  increment,  but  not  tt:e 

relative  velocity  Increment  between  the  separated  store  and  free  stream.  In  addition, 

It  provides  an  unwanted  component  of  vertical  velocity  to  the  aircraft  model.  Another 
technique  is  to  vary  the  parent  model  Incidence  during  the  acceleration.  This  method 
.'  ] maintains  the  correct  local  flow  field  around  the  aircraft  model.  However,  the  Incidence 

, ; of  the  flow  field  relative  to  the  separated  store  is  incorrect  and  the  separated  store  1 .s 

1 deficient  of  the  vertical  component  of  velocity.  The  merits  of  providing  aircraft  model 

incidence  variation  during  acceleration  are  therefore  questionable  (ref.  tA).  Common 
corrective  methods  Include  Increasing  the  bomb  rack  ejection  force  as  above  and  later, 
j with  the  use  of  a digital  computer  program,  correcting  the  model  trajectory  by  an  Incrc- 

I ment  depending  on  the  square  of  the  time  scale  and  gravitational  deficiency. 


3 . 2 . *4 . 3 Froude  Scaling 

In  this  method  the  Froude  number  is  duplicated  and  all  dynamic  .c  Im  1 1 arl  1 1 c.c 
are  preserved.  The  free  stream  Mach  number,  however,  cannot  also  be  duplicated,  and  the 
technique  Is  generally  limited  to  the  Incompressible  ca.se. 


3 . 2 . *4 . t Freedrop/CT3  Comparison 


.Ceference  *<7  reports  on  a program  where  the  CTS  was  used  to  .study  the  effects 
of  the  various  scaling  laws  and  to  evaluate  the  accuracy  of  the  CTS.  Freedrop  tests  were 
conducted  with  a variety  of  stable  and  unstable  stores  scaled  according  to  the  above 
methods.  This  provided  a set  of  "flight"  data  to  use  as  a base  for  comparison  of  CT." 
trajectories  of  these  stores  which  were  conducted  using  the  mass  and  inertia  of  the  full 
.scale  .stores  as  well  as  those  of  the  "heavy",  "light",  and  "Froude"  scaled  freedrop 
.models.  The  results  of  the  tc-st  showed  the  CTS  to  correlate  very  well  With  freedrop. 
Typical  agreement  for  a heavy  model  of  an  unstable  Store  with  very  hlA^ltch  rates 
Is  .shown  Ir.  Fig.  27.  Comparisons  of  the  various  scalj^  laws  confifi^lB  expectation 


that  the  neavy  and  Froude 


-•-aleii  linear  motions. 
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whereas  the  linear  motions  of  the  light  scaled  models  are  much  less  than  full  scale. 

The  angular  motions,  particularly  In  pitch,  show  the  largest  differences  between  the 
three  scaling  laws,  with  light  model  scaling  showing  the  best  correlation  (ref.  1(7). 

3.2.11.5  Propelled  Missile  Model 

References  ii8  and  i(9  report  on  the  freedrop  tests  of  a dynamically  scaled 
propelled  missile  in  the  Modane  S3  intermittent  transonic  and  supersonic  wind  tunnel. 

To  this  author's  knowledge  this  Is  a unique  test  as  the  dynamically  scaled  missile  model 
was  fitted  with  a scaled  microrocket  engine  which  was  actually  fired  In  the  wind  tunnel 
after  release  of  the  missile  model. 

The  heavy  scaling  laws  as  described  above  were  used.  The  deviation  between  the 
theoretical  value  of  the  force  of  gravity  and  the  actual  weight  was  compensated  for  by 
adjusting  the  ejection  device  to  Impart  a velocity  which  Is  homologous  to  that  obtained 
In  flight  under  the  combined  effect  of  the  accelerations  of  ejection  and  gravity. 

Small  weight  deviations  are  usually  not  Important  In  the  case  of  vertical 
ejection;  however,  the  effect  of  gravity  on  the  relative  trajectory  of  a forward  propelled 
missile  becomes  significant.  Its  effect  was  simulated  by  an  aerodynamic  force  passing 
through  the  missile  center  of  gravity.  This  force  io  was  obtained  by  setting  the  missile 
at  a negative  angle  of  Incident  aa  ^ dative  to  Its  normal  position  and  rotating  the  fins 
by  an  angle  iB  to  satisfy  the  following  relationships; 

Fp  SIN  Aa  + C2  (Ao,  AB)  Sq  = AZ 

Cm  (Aa,A6)  Slq  = 0 

Where  Fp  Is  the  engine  thrust.  Cm  the  pitching  moment  coefficient,  S the  reference  area, 

1 the  reference  length,  and  q the  dynamic  pressure. 

It  was  necessary  to  study  and  make  a set  of  solid-fuel  microrockets  to  give  the 
thrust  required  by  test  similarity  conditions  in  each  case  for  the  tests  on  firing  self- 
propelled  missiles  from  a carrier  aircraft.  This  thrust  was  set  at  as  constant  a value 
as  possible  throughout  the  duration  necessary  for  observing  the  phenomenon  in  question. 

The  tolerance  of  the  deviation  between  the  thrust  direction  and  the  geometric  axis  of 
the  missile  was  the  same  order  as  that  o'"  actual  missiles.  Finally,  the  microrocket  had 
to  be  made  an  Integral  part  of  the  structure  of  the  missile  while  maintaining  the  re- 
quirements for  geometric  and  mass  similarity. 

Since  the  thrust  sc.^le  generally  varies  with  the  Mach  number  and  the  firing 
altitude.  It  Is  Indlspensa’^le  to  be  able  to  adapt  the  thrust  of  the  engine  to  the  test 
configuration  without  changing  the  construction  of  the  missile.  This  variation  Is 
achieved  by  changing  the  throat  diameter. 

Figure  28  shows  the  missile  being  launched  in  the  S3  wind  tunnel.  Cross-checks 
of  the  flight  and  wind  tunnel  tests  and  comparisons  with  the  calculated  trajectories 
were  made  for  missiles  fired  from  a carrier  aircraft.  Certain  of  these  comparisons  had 
excellent  results,  the  deviations  obtained  not  being  greater  than  the  scattering  of 
actual  firings.  Other  comparisons  dealing  with  the  same  type  of  missiles,  but  wh^ch  were 
different  from  the  first,  were  much  less  satisfactory:  this  can  be  attributed  to  the 
failure  to  correctly  achieve  the  similarity  of  thrust  for  the  mlcrorocket  engine  In  this 
case.  A correction  based  on  the  difference  between  the  actual  and  theoretical  thrusts 
did  not  make  it  possible  to  obtain  a true  correspondence  because  it  was  not  possible  to 
account  for  the  unknown  Interaction  between  the  Jet  of  the  rocket  and  the  aerodynamic 
field  of  the  carrier. 

3.2.'(.6  Freedrop  Advantages 

In  general  most  papers  report  good  correlation  between  freedrop  and  full  scale 
flight  test.  Freedrop  csui  play  an  Important  role  In  any  store  separation  program, 
especially  where  the  Jettison  of  multiple  ejector  racks  and  stores  as  a unit  Is  involved. 
Some  advantages  are: 

1.  There  are  no  physical  limits  due  to  sting  travel.  Trajectories  are  limited 
only  by  the  camera  field  of  view  and  the  wind  tunnel  boundaries. 

2.  There  are  no  sting  effects  and  weapon  afterbodies  do  not  have  to  be  altered 
to  accomodate  a captive  sting. 

3.  A store  can  be  Installed  in  the  proper  carriage  position  on  the  aircraft 
pylon  eliminating  the  CTS  touchwlre  errors  discussed  In  paragraph  3*2. 1.3. 

(( . Multlple/rlpple,  and  salvo  releases  can  be  conducted. 

5.  Freedrop  Is  applicable  to  Jettison  problems  Involving  MERs  and  TERs  with 
attached  stores. 
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6.  Folding  fins  and  retardation  devices  can  be  modeled  and  operated  during  the 
wind  tunnel  trajectory. 

7.  The  effective  flow  angles  due  to  the  release  velocity  of  the  store  are 
preserved . 

3.2.11.7  Freedrop  Disadvantages 

1.  Stores  must  be  dynamically  scaled  and  are  not  always  recoverable.  Many 
models  of  the  same  store  may  be  required  to  cover  store  Inertia  characteristics  (l.e. 
full  and  empty  fuel  tanks)  and  the  flight  conditions  desired.  Models  may  be  hard  to 
work  and/or  expensive  exotic  materials  may  be  required  to  meet  certain  mass  requirements. 

2.  Freedrop  Is  sometimes  much  slower  than  CTS  for  high  speed  continuous  flow 
wind  tunnels  without  Injection  systems.  New  drop  models  must  be  installed  after  each 
drop;  therefore,  the  wind  tunnel  must  be  stopped.  This  is  usually  of  no  consequence  for 
a blow-down  or  a low  speed  continuous  flow  wind  tunnel,  but  freedrop  proves  to  be  slow 
and  Inefficient  when  conducted  In  high  speed  continuous  flow  wind  tunnels  not  equipped 
with  model  Injection  systems.  One  run  per  hour  Is  not  uncommon. 

3.  Time-space  data  must  be  reduced  If  quantitative  trajectory  data  is  required. 

4.  Releases  from  accelerated  and  dive  angle  flight  can  only  be  simulated 
approximately . 

5.  Freedrop  cannot  be  used  to  simulate  trajectories  for  guided  weapons  having 
active  autopilots  and  controls  during  release. 

6.  Freedrop  Is  similar  to  CTS  In  that  once  a trajectory  is  run  for  a given  set 
of  parameters  the  trajectory  data  may  become  Invalid  If  any  of  the  store  physical  pro- 
perties are  significantly  changed.  However,  the  aerodynamic  interference  coefficients 
may  be  extracted  from  the  data  and  used  In  a similar  manner  as  grid  data. 

4 Store  Separation  Flight  Testing  j 

Reference  50  contains  an  excellent  description  of  store  separation  flight  testing 
techniques  and  the  methods  used  to  reduce  the  data  to  quantitative  form.  The  majority  of 
the  following  discussion  Is  extracted  directly  from  this  reference. 


Much  emphasis  In  the  past  few  years  has  rightfully  been  placed  on  the  preflight 
analysis  efforts  of  alrcraft/stores  compatibility  due  to  the  high  cost  and  risk  factors 
that  accompany  actual  flight  testing.  However,  no  analytical  or  wind  tunnel  prediction 
technique  can  be  effectively  used  to  reduce  flight  testing  without  some  method  of  correlat- 
ing the  predicted  store  trajectory  to  Its  actual  Inflight  trajectory.  Without  a quantita- 
tive inflight  store  separation  trajectory  definition  system,  it  can  never  be  determined 
If  the  prediction  techniques  used  are  accurate.  The  following  describes  the  methods  used 
by  the  US  Air  Force  for  the  collection  and  reduction  of  store  separation  flight  test  data. 


The  aircraft  used  to  release  the  stores  Is  normally  equipped  with  several  high 
speed,  l6mm  motion  picture  cameras,  normally  operating  at  200  frames/second  and  having 
time  annotation  on  each  frame.  The  cameras  are  mounted  to  view  the  store  release  from 
at  least  two  angles,  one  of  which  should  be  as  close  as  possible  to  a side  view.  So  that 
camera  data  will  be  of  the  highest  quality,  the  cameras  should  be  equipped  with  automatic 
exposure  control  and  wired  such  that  when  the  pilot  activates  the  stores  release  button, 
the  cameras  are  Immediately  turned  on  but  the  stores  release  signal  is  delayed  by 
approximately  0.5  seconds.  This  delay  In  release  allows  the  cameras  to  reach  full 
running  speed  prior  to  the  photographing  of  the  store  release.  The  cameras  then  run  for 
a preselected  time  (usually  3-5  seconds)  and  then  automatically  shut  off.  This  rel- 
atively simple  delay  circuit  Installation  has  caused  a significant  increase  of  useable 
camera  data  since  Its  initial  use  a few  years  ago.  In  addition  to  these  data  cameras, 
aircraft  conditions  at  time  of  stores  release  are  also  recorded  by  means  of  a cockpit 
camera,  an  onboard  data  recording  package  tied  Into  the  aircraft  instrument  system,  or 
(occasionally)  by  pilot,  or  flight  crew  readings  of  the  cockpit  Instruments. 

Once  the  store  separation  has  been  made,  the  quantitative  photographic  data  must  be 
reduced  to  a form  similar  to  that  of  the  predictions  so  that  a direct  comparison  between 
predicted  and  Inflight  trajectories  may  be  made.  To  do  this,  two  techniques  are  currently 
employed  by  the  US  Air  Force;  one,  called  "photogrammetry " developed  by  the  Air  Force  at 
Eglln  AFB,  and  the  other  called  "photo- Imaging" , developed  by  US  Navy  engineers  at  the 
Pacific  Missile  Test  Center  and  Naval  Weapons  Center.  Both  are  capable  of  providing 
excellent  data,  but  the  photo-imaging  technique  Is  superior  in  Its  usefulness  and  Is  con- 
sidered to  be  state-of-the-art. 


4 . 1 Photogrammetrlc  Data  Reduction 

In  this  method,  both  the  store  being  released  and  the  aircraft  pylon  must  be 
painted  with  a background  color  and  a contrastlng-color  pattern  of  dots  whose  positions 

are  accurately  known  with  reference  to  some  specific  point  (see  Fig.  29).  Size  and 

color  of  the  spots  Is  not  fixed;  they  are  optimized  for  accuracy  and  ease  of  film  read- 
ing. However,  at  least  a specified  number  of  dots  must  be  visible  at  all  times  in  the 

film.  Onboard  camera  lenses  are  selected  so  that  both  the  store  being  released  and  the 
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part  of  the  aircraft  adjacent  (pylon,  for  example)  are  visible  on  the  film.  After  the 
release,  each  frame  of  the  onboard-gathered  movie  film  is  processed  through  a film 
reader  manually.  These  data,  along  with  a series  of  geometric  and  physlca"'.  constants, 

; such  as  location  of  the  reference  dots  with  respect  to  a specific  position,  camera 

location  and  lens  focal  length,  are  input  to  a computer.  The  computer  output  is  the 
store  trajectory,  printed  out  in  terms  of  roll,  pitch,  and  yaw  angles  and  X,  Y,  and  Z 
displacements  of  the  store  versus  time.  Although  a two-camera  solution  would  be  pre- 
ferable, a one-ca'- 'ra  solution  can  be  used  most  of  the  time  and  will  provide  accuracies 
of  about  + two  Inches  (5  cm)  for  displacements  and  + two  degrees  for  angular  motions. 

The  photogrammetrlc  computer  program  requires  starting  estimates  of  store  and  camera 
orientation  with  respect  to  the  aircraft.  A final,  iterated,  solution  is  then  obtained 
! which  achieves  convergence  for  even  poor  starting  values.  After  the  first  frame,  the 

program  employs  previous  frame  results  as  the  estimate  for  the  succeeding  frame.  Be- 
cause of  this,  wing  flexure  and  vibration  are  automatically  eliminated.  The  computer 
is  programmed  to  print  out  the  trajectories  in  both  a tabular  and  plotted  format,  so 
that  a direct  comparison  may  be  made  between  predicted  and  inflight  trajectories. 

.2  Photo-Imaging  Data  Reduction 

This  system  utilizes  an  image  matching  technique  to  obtain  spatial  position  and 
orientation  of  pho' ographed  objects  with  respect  to  recording  cameras  (see  Fig.  30). 

The  system  begins  by  projecting  each  frame  of  the  onboard  flight-gathered  data  film 
through  an  optical  system  into  a high  resolution  video  camera  and  displaying  the  result- 
ing image  on  a TV  monitor  located  on  an  operator's  console.  Another  high  resolution 
video  camera  is  positioned  near  the  console  to  view  an  exact  scale  model  of  the  store. 

This  store  model  is  mounted  on  a remotely-controlled  six-degree-of- freedom  model 
positioning  mechanism.  The  video  signal  from  this  second  TV  camera  is  fed  through  a 
^ video  mixer,  and  the  resulting  image  is  simultaneously  displayed  on  the  same  TV  monitor  j 

as  that  from  the  data  film.  The  operator  can  adjust  the  position  and  orientation  of  the 
store  model  through  the  use  of  a set  of  levers  on  the  console.  He  adjusts  the  store 


model  until  the  image  of  the  store  on  the  positioner  is  exactly  superimposed  on  the 
image  of  the  store  from  the  data  film  (a  process  similar  to  using  a camera  range  finder). 
Once  the  two  images  are  exactly  aligned  and  superimposed,  the  operator  can  press  a single 
button  which  transfers  the  encoded  frame  count  and  position  data  to  an  IBM  card.  Each 
frame  of  the  film  is  similarly  reduced  until  a card  deck  is  generated.  This  deck  is 
input  to  a computer  program — just  as  in  the  photogrammetry  process — to  solve  the  spatial 
relationships.  The  output  from  the  photo- imaging  technique  is  a set  of  tabular  data  and 
selected  plots  which  accurately  define  the  store  separation  trajectory  to  compare  directly 
with  the  predictions.  This  technique  produces  extremely  accurate  data  (+  0.1  ft  C±  3 cm] 
for  displacements  and  +1.0°  for  angles)  and  has  the  added  advantage  of  not  requiring  a 
complex  painting  scheme  on  the  store  and  aircraft.  Because  of  this,  the  cost  of  reducing 
the  film  data  from  a specific  store  separation  is  about  one  half  that  of  the  photo- 
grammetrlc technique.  A photo- imaging  system  now  exists  at  three  US  Navy  testing  loca- 
tions . 


4.3 


CHASE 


Reference  51  reports  on  a new  photogrammetrlc  technique  called  CHASE  which  was 
developed  by  the  McDonnel  Aircraft  Company  and  used  to  support  the  F-15  program.  CHASE 
is  an  analytical  and  software  technique  that  yields  six-degrees-of-freedom  data  with  an 
accuracy  equal  to,  or  better  than,  any  other  existing  system.  The  system  is  fast.  A 
separation  requires,  on  the  average,  only  one  hour  on  a film  reader  and  two  minutes  on  an 
average  computer.  Three  important  advantages  are  that  the  system  requires  little  pre- 
paration since  the  stores  need  no  marking;  no  special  equipment  is  required;  and  the 
results  are  independent  of  the  camera  position.  This  last  advantage  is  responsible  for 
the  system  name,  CHASE,  as  the  ultimate  objective  for  future  development  is  the 
quantitative  reduction  of  film  taken  from  a "chase"  aircraft. 

The  CHASE  concept  is  shown  in  Pig.  31 

(1)  In  the  field  of  view  information  of  three  targets  on  the  airplane  is 
read  from  the  film.  These  three  targets  are  referred  to  as  Boresite  Tar- 
gets. Their  positions  are  converted  into  included  angles  between  the 
lines  of  sight  from  the  camera.  These  lines  form  a tetrahedron,  a rigid 
structure.  The  baseline  dimensions  of  this  tetrahedron  are  established 
using  the  aircraft  stations  of  the  boreslght  points.  An  iterative  tech- 
nique using  the  Laws-of-Coslnes  is  used  to  locate  the  camera  such  that 
the  projected  radlals  make  a best  fit  of  the  ‘argets.  When  the  coordinate 
sum  of  the  successive  radial  errors  is  less  tiian  one  inch,  a solution  has 
been  established  locating  the  camera.  The  orientation  or  look  angle  of 
the  camera  is  computed  using  this  camera  location  and  the  optical  transfer 
functions.  The  camera  location  and  orientation  is  computed  for  every  frame 
that  is  processed.  Each  frame  then  is  in  itself  a complete  solution,  and 
is  not  dependent  upon  another  camera,  nor  is  it  time  dependent.  It  adjusts 
for  the  conditions  that  exist  at  that  very  precise  moment. 

(2)  Using  that  same  frame,  three  points  are  read  on  the  store.  Various 
features  of  the  store  having  distinct  outlines  are  used  for  these  three 
points.  Again  the  included  angles  to  those  points  define  another 
tetrahedron.  Using  the  location  of  these  points  for  the  baseline  of  that 
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tetrahedron,  the  base  is  shifted  around  in  the  same  manner  until  there 
Is  a best  fit  for  the  radlals.  When  the  sum  of  the  differences  Is  less 
than  one  tenth  of  an  Inch  (2.5  mm),  the  location  of  the  plane  (the 
stores  coordinate  system  in  space)  is  established. 

(3)  At  this  point  the  store  Is  numerically  reconstructed.  From 
his  numerical  representation  the  data,  as  requested  by  the  user, 

Is  precisely  furnished.  Dlscret.j  points  on.  In  or  outside  the  store 
and  attitudes  of  a preferred  coordinate  system  are  presented  rather 
than  the  traditional  nose,  CG,  tall.  The  analyst  can  now  jbserve 
clearances  of  critical  points.  This  Is  partlcula"ly  beneficial  lor 
nonsymmetrlcal  stores  or  those  having  protrusions. 

The  basis  of  the  technique  Is  that  the  Boresite  Targets  are  precisely  located  on 
the  aircraft.  This  makes  It  possible  to  accurately  calculate  the  camera  position  rela- 
tive to  the  aircraft  at  any  one  time.  Accurate  dimensional  data  on  the  store  is  con- 
tained In  the  software  permitting  accurate  calculation  of  the  store  position  relative 
to  the  camera  at  any  one  time.  Therefore,  the  position  of  the  store  relative  to  the 
aircraft  may  be  calculated  as  a function  of  time  and  independent  of  camera  position. 

The  real  success  of  the  CHASE  system  is  the  result  of  Innovative  mathematics  in 
the  software  and  the  use  of  extensive  information  files  on  boresight,  optical  calibra- 
tions, and  aircraft  Instrumentation  configuration.  Vast  Improvements  In  optical  calibra- 
tion techniques  for  camera  lenses  were  made  during  the  development  of  CHASE.  These 
Improvements  were  probably  the  most  significant  single  factor  contributing  to  the  success 
of  CHASE. 

4 . Summary  of  Flight  Test  Data  Reduction  Methods 

All  three  of  the  methods  described  above  provide  accurate,  useful  quantitative 
data,  both  In  a tabular  and  a plotted  format.  All  of  them  are  Inhert-ntly  accurate  enough 
to  provide  good,  usable  data.  The  degree  of  mathematical  accuracy  f.i  talned  Is  not  as 
Important  as  how  many  of  the  error-causing  factors  are  accounted  for  by  the  method,  and 
(more  Importantly)  whether  the  factors  are  compensated  for  or  corrected.  Data  reduction 
accuracies  of  + 3 Inches  (5.1  cm)  and  ± 3 degrees  can  be  absolutely  adequate,  but  not  if 
the  effect  on  store  separation  of  wing  flexibility,  for  Instance,  is  not  properly 
accounted  for.  Of  all  the  error-causl.ng  factors,  the  ones  which  seem  to  be  the  most 
Important  (and  most  difficult  to  correct  for)  are  connected  with  the  camera  optics. 

Errors  caused  by  lens/camera  alignment,  oallbratlc:i,  internal  manufacturing  aberrations 
and  uncertain  optical  centers  are  among  the  most  Important.  Although  great  care  must 
be  exercised  In  developing  a data  reduction  method  which  properly  accounts  for  as  many  of 
the  error-causing  factors  as  Is  possible,  equal  caro  must  be  used  In  insuring  that  the 
method  does  not  introduce  other  large  errors  through  tiie  human  factor.  A method  which 
requires  an  Inordinate  amount  of  human  input  and  manipulation  of  data  prior  to  and  during 
computer  reduction  Is  extremely  liable  to  errors,  particularly  If  no  built-in  test  features 
are  Incorporated. 

5 Typical  Store  Separation  Problems  and  Recommended  Solutions 

Much  can  be  learned  about  store  separation  by  examining  past  problems  and  successes. 
The  desirable  and  undesirable  parameters  can  be  identified  and  this  information,  or  design 
criteria,  applied  to  new  aircraft,  bomb  ejector  rack,  and  store  developments.  This  sec- 
tion will  describe  some  of  the  store  separation  problems  that  have  occurred  In  the  past, 
discuss  the  parameters  involved,  and  recommend  corrective  design  criteria  for  future 
weapon  system  developments. 

5 • 1 Jettison  Problems 

5.1.1  External  Fuel  Tanks 

Figure  32  shows  an  external  600  gallon  (2271  litre)  empty  fuel  tank/pyl' ' 
striking  an  FB-lllA  aircraft.  This  Is  a highly  unusual  case  In  that  aerodynamic 
stability  contributed  to  the  Incident,  and  the  solution  to  the  problem  was  to  reduce 
the  pitch  plane  stability.  In  the  original  design  of  the  tank,  the  tall  fins  were 
arranged  symmetrically  In  an  "X"  configuration  (Fig.  33).  The  tank  was  slightly 
statically  stable  In  the  pitch  plane  but  unstable  in  the  yaw  plane  due  to  the  presence 
of  the  pylon.  The  forward  ejector  of  the  tank/pylon  release  mechanism  Is  forward  of  the 
tank  center  of  gravity  to  Impart  a nose-down  pitching  moment,  so  the  tank  will  develop 
a nose-down  attitude  and  essentially  "fly"  down  and  away  from  the  aircraft.  When 
ejected,  the  tank/pylon  pitched  down  and  gave  all  Indications  of  a satisfactory  separa- 
tlonj  however,  as  the  stable  tank  pitched  back  up,  the  pylon  caused  the  tank  to  roll 
approximately  90  degrees  as  the  angle  of  attack  changed  from  negative  to  positive.  In 
this  attitude  there  was  no  aerodynamic  stability  in  the  original  pitch  plane,  and  the 
pitching  moment  became  more  positive.  The  result  Is  clearly  shown.  The  low  density  of 
the  tank  was  a contributing  factor  as  the  lift  due  to  the  nose-up  attitude  was  sufficient 
to  overcome  the  gravity  force. 

Reference  52  discusses  the  solution  to  the  problem  which  was  siinply  to  reorientate 
the  fins  as  shown  In  Fig.  33  to  produce  static  Instability  In  the  pitch  plane.  This 
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causes  the  tank  to  continue  to  pitch  down  at  an  Increasing  pitch  rate  and  reach  large  1 

nose-down  angles  before  It  has  time  to  yaw  significantly,  thus  eliminating  the  possibility 
of  pitch  recovery.  i 

Figure  3*1  shows  an  empty  finned  fuel  tank  being  Jettisoned  from  the  A-37  aircraft.  i 

The  fuel  tank  was  constructed  from  a fire  bomb  shell  and  had  a three  fin  configuration.  The 
fin  design  was  quite  poor  as  the  aerodynamics  were  unsymmetrlc  and  the  area  was  too  small  1 

to  give  the  store  positive  static  stability.  In  addition  to  an  unsymmetrlcal  unstable  1 

aerodynamic  configuration,  the  item  had  very  low  density.  Also,  It  was  not  ejected  from 
the  aircraft  as  the  A-37  bomb  racks  are  of  the  gravity  release  type  that  provide  no  j 

ejection  force  to  the  store.  This  is  a classic  case  where  many  of  the  underslrables , low 
density,  static  Instability,  and  no  ejection  control  coupled  to  cause  a near  catastrophe.  | 

5.1.2  Multiple  Ejector  Racks 

Figure  35  shows  a Multiple  Ejector  Rack  with  an  empty  munitions  dispenser  striking 
an  F-fJ  aircraft.  The  MER,  with  a dispenser  attached  to  the  forward  MER  shoulder  station, 
was  ejected  from  the  aircraft  fuselage  station.  The  package  was  low  density ,aero- 
dynamlcally  unstable  and  had  a center-of-gravlty  forward  of  the  bomb  rack  ejector  which 
resulted  in  a nose-up  pitching  moment  from  the  ejector. 

This  type  of  Jettison  problem  Is  considered  to  be  the  most  complex,  difficult  to 
accurately  predict,  and  dangerous  of  all  store  separation  problems,  even  when  compared  to 
the  case  of  empty  fuel  tanks.  (As  a matter  of  Interest,  the  aircraft  was  lost  the  day 
after  this  photograph  was  taken  when  additional  Jettison  tests  resulted  In  the  MER  strik- 
ing the  horizontal  stabilizer).  There  are  many  different  combinations  of  MER  loadings, 
each  of  which  changes  the  aerodynamics  and  mass  properties  of  the  package.  In  addition 
to  the  sheer  numbers  Involved,  the  aerodynamics  are  unsymmetrlcal,  impossible  to  predict 
analytically,  and  difficult  to  measure  In  the  wind  tunnel.  The  configurations  are  un- 
symmetrlcal,  aerodynamlcally  unstable,  and  of  relative  low  density  because  of  the  large 
effective  volume.  The  problem  Is  too  complex  to  model  analytically,  and  the  asymmetries  1 

and  small  size  of  the  MER  beam  make  It  difficult  to  Install  strain-gage  balances  for  CTS  j 

or  grid  studies.  To  date,  the  only  known  successful  method  for  accurately  predicting  | 

MER/TER  Jettison  trajectories  has  been  with  the  use  of  freedrop  techniques.  i 

5.2  Jettison  - Attractive  Solutions  | 

The  most  attractive  solution  to  the  Jettison  problem  for  aerodynamlcally  unstable  I 

Items  Is  an  aft  pivot  release  system.  This  system  restrains  the  aft  end  of  a pylon,  MER 

beam,  or  fuel  tank  so  that  the  rotation  Is  Initially  about  the  aft  end  rather  than  the  i 

center  of  gravity  of  the  Item.  This  causes  the  ejection  forces  to  always  produce  a nose- 
down  moment  to  the  item  although  the  ejector  llne-of-actlon  may  be  aft  of  the  center  of  j 

gravity.  A hook  within  the  mechanism  restrains  the  item  In  pitch  until  It  reaches  a i 

predetermined  nose-down  pitch  attitude  and  "flys"  away  from  the  aircraft.  1 

The  basic  Idea  Is  not  new.  The  B-58  external  fuel  tank,  the  P-lll  pylons  and  j 

fuel  tank/pylons  and  all  pylons  of  the  F-15  employ  this  system.  The  F-111  system  is  j 

limited,  however,  as  the  pivot  points  are  not  placed  at  the  aft  end  of  the  item.  Figure  j 

36  shows  the  F-lll  design  which  limits  the  combination  of  maximum  restraint  angle  and  ’ 

pitch  velocity  to  avoid  collision  of  the  aft  end  of  the  tank  with  the  wing  trailing  edge.  | 

5.2.1  F-4  Aft  Pivot  Studies  i 


Reference  53  reports  on  an  analytlcal/wlnd  tunnel  program  to  expand  the  Jettison 
envelope  for  the  MER  on  the  P-'t  centerline  station.  The  proposed  aft  pivot  modification, 
which  was  not  adopted,  is  shown  in  Fig.  37.  The  results  of  the  investigation  showed  that: 

1.  Significant  Improvements  In  Jettison  characteristics  would  result. 

2.  An  aft  pivot  release  angle  greater  than  25  degrees  would  be  required  to 
achieve  safe  Jettison  of  all  MER  configurations  throughout  the  F-i(  envelope. 

5.2.2  F-15  Aft  Pivot  Pylon 

An  aft  pivot  release  system  was  incorporated  at  all  P-15  major  store  stations 
for  the  pylons,  MERs,  and  600  gallon  (2271  litre)  fuel  tanks.  Reference  5*1  describes 
the  design  and  testing  of  this  system  which  Is  shown  In  Fig.  38.  Aft  pivots  are  Installed 
at  both  the  py lon/alrcraft  and  the  MER  or  fuel  tank/pylon  Interfaces  to  provide  for 
various  Jettison  options  that  may  be  required  by  the  pilot.  Both  CTS  and  freedrop  wind 
tunnel  testing  were  conducted  to  determine  the  Jettison  characteristics  prior  to  flight 
test  and  establish  an  optimum  aft  pivot  release  angle  for  full/empty  tanks  throughout 
the  desired  Jettison  envelope. 

Figure  39  shows  the  CTS  tunnel  installation  which  used  a "bent  sting".  This 
allows  longer  and  more  informative  trajectories  to  be  obtained  for  Items  having  high 
nose-down  pitch  rates.  The  aft  pivot  restraint  was  simulated  by  restricting  the  combina- 
tion of  pitch  and  vertical  displacement  within  the  CTS  program  until  the  store  pitch 
reached  the  aft  pivot  release  angle. 

Figure  *<0  shows  the  freedrop  model  Installed  on  the  left  wing  pylon.  The  aft 
p'vot  mechanisms  for  both  Interfaces  were  modeled  and  can  be  seen  In  the  photograph. 
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Figure  41  is  an  example  of  the  correlation  obtained  between  CTS,  freedrop,  and 
full  scale  flight  tests.  "Heavy  scaling"  laws  were  used  for  the  freedrop  models. 

5 . 3 Delivery  - Problems 

5.3-1  Unstable  Stores 

Figure  42  shows  a finned  firebomb  released  from  a MER  striking  the  horizontal 
stabilizer  of  an  F-105  aircraft.  Upon  ejection,  the  store  rotated  to  a slightly  nose- 
up  attitude  due  to  the  aerodynamic  and  bomb  rack  ejector  moments.  As  was  the  case  with 
the  A-37  (para  5-1.1),  the  poor  fin  design  did  not  provide  sufficient  stability  for 
pitch  plane  recovery,  and  the  nose-up  attitude  Increased  until  sufficient  lift  was 
developed  to  cause  the  store  to  rise  and  strike  the  aircraft.  This  problem  was  corrected 
by  redesign  of  the  fin  to  provide  positive  static  stability. 


5.3- 2  Improper  Mass  Balance  ii 

Figure  43  shows  a fast  level  flight  ripple  release  of  MK-82  bombs  (Inert)  from  !; 

the  F-111  aircraft.  All  bombs  pitched  nose-up  and  seemed  to  float  wildly  under  the  air-  < 

craft.  The  bomb  with  the  extreme  nose-up  pitch  attitude  struck  the  aircraft  empennage  ij 

causing  severe  damage,  and  one  bomb  went  up  over  the  top  of  the  vertical  stabilizer. 

Many  factors  contributed  to  this  accident.  To  start  with.  Improper  filling  and  mass  i 

balance  procedures  had  been  used  during  the  process  of  "building-up"  the  inert  bombs  for  j j 

test  purposes.  The  result  was  a lighter  bomb  with  a forward  center  of  gravity.  The  ■ j 

Initial  pltch-up  was  caused  by  the  ejection  force  being  applied  aft  of  the  weapon  center  I 

of  gravity.  In  addition,  the  tests  were  conducted  at  flight  conditions  of  high  dynamic 
pressure  (.95  Mach  at  1000  feet)  which  produced  enough  lift  force  at  these  nose-up 
attitudes  for  the  bombs  to  "fly”.  Another  contributing  factor  was  the  marginal  static 
stability  of  the  MK-82  bomb  at  ♦■his  Mach  number  (and  high  angles  of  attack).  Also,  the 
stores  were  released  from  the  very  flexible  MER  having  bomb  ejector  racks  with  low  impulse 
single  ejection  pistons  and  no  pitch  control.  This  example  shows  the  importance  of  proper 
center  of  gravity  control  and  emphasizes  the  role  of  the  bomb  ejector  rack  as  a primary 
parcimeter  In  store  separation.  Releases  at  high  dynamic  pressures  must  be  carefully  con- 
trolled, especially  when  the  stores  are  statically  unstable  or  marginally  stable. 

5.3- 3  Stores  with  Folding  Fins 

Figure  44  shows  a "Rockeye"  dispenser  striking  the  fuselage  of  an  A-7D  aircraft - 
Note  that  only  one  of  the  stabilizing  fins  of  the  second  store  has  fully  opened.  At  the 
time  of  this  photograph,  the  fins  of  the  first  store  are  in  position;  however.  Its  fin 
opening  was  also  delayed  and  erratic.  The  "Rockeye"  dispenser  has  good  static  stability 
with  the  fins  deployed,  but  is  marginally  stable  with  the  fins  In  the  stowed  position.  i 

Also,  the  fins  are  not  mechanically  Interconnected  to  insure  simultaneous  opening.  The 
delayed  and  erratic  fin  opening  resulted  in  the  store  being  statically  unstable  and 
having  highly  unsymmetrlcal  aerodynamics  during  the  critical  time  period  at  release. 

This  example  clearly  illustrates  the  pitfalls  of  stores  with  folding  fins, 
especially  when  the  fins  are  not  Interconnected  and  the  store  Is  aerodynamlcally  unstable 
at  release. 

5.3- 4  Pitch-Down  - Bottom  TER  Station 

Figure  45  shows  the  ripple  release  of  SUU-30  dispensers  from  a MER  carried  on  ^ 

the  centerline  station  of  an  P-105-  Note  the  large  nose-down  pitch  attitude  of  the  store  ; 

released  from  the  forward  bottom  MER  station.  This  characteristic  is  typical  for  any  ] 

large  diameter  store  released  from  the  bottom  TER  station  at  high  airspeeds.  Figure  46 
shows  how  the  nose-down  pitch  attitude  drastically  Increases  for  a SUU-51  dispenser  for  j 

successive  level  flight  F-4  releases  at  .6,  .8,  and  Mach  numbers,  all  at  an  altitude 
of  5000  feet.  ; 

This  trajectory  characteristic  Is  a result  of  the  large  aerodynamic  couple  acting 
on  the  store  as  shown  In  Pigs.  9 and  10  and  discussed  in  para  2.2.2.  Although  the  phe- 
nomenon is  not  completely  understood,  the  characteristic  pitch  down  Is  believed  to  be  a 
strong  function  of  the  Interference  effects  of  the  adjacent  stores  and  the  large  over- 
pressure that  develops  In  the  cavity  formed  at  the  nose  and  In  the  center  of  the  three 
stores.  This  Is  also  evidenced  by  the  fact  that  smaller  diameter  stores,  which  are 
spaced  further  apart  and  do  not  restrict  or  choke  the  flow,  are  much  less  affected. 

Figure  47  shows  a store  having  a hemlsperlcal  nose  and  similar  In  shape  to  the  SUU- 
30  after  release  from  the  F-4  bottom  Inboard  TER  station  at  1.15  Mach  and  10,000  feet. 

The  trajectory  was  clean  and  flat  and  the  maximum  pitch  angle  was  less  than  ten  degrees 
throughout  the  complete  flight  envelope.  The  primary  differences  between  this  store  and 
the  SUU-30  are  that  it  Is  12  Inches  (30.5  cm)  In  diameter  with  approximately  1.3  calibers 
of  static  stability  as  opposed  to  16  Inches  (4o.6  cm)  In  diameter  and  approximately  .6 
calibers  of  static  stability  for  the  SUU-30. 

The  top  photograph  of  figure  48  shows  the  release  of  two  stores  from  bottom  F-4 
TER  station?  at  .9  Mach  and  5000  feet  altitude.  The  stores  were  released  simultaneously 
from  opposite  wings  to  achieve,  as  close  as  possible,  the  same  release  conditions.  The 
store  In  the  bottom  left  photograph  was  I6  Inches  (4o.6  cm)  In  diameter  with  the  mass 
properties  of  a typical  dispenser  weapon.  The  fins  were  fixed  and  of  maximum  span  to  ! 
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provide  as  much  static  stability  as  possible.  The  store  lengths  were  the  same;  but,  the 
store  in  the  bottom  right  photograph  was  1*1  Inches  (35.6  cm)  in  diameter  and  had  the  mass 
properties  of  a typical  dispenser  weapon  of  that  diameter  (appropriately  scaled  down 
from  16  inch  (40.6  cm  diameter).  The  fins  were  similar  in  shape  to  the  16  inch  (4o.6  cm) 
diameter  store;  however,  the  smaller  store  diameter  made  it  possible  to  Increase  the  rel- 
ative fin  span  (span  to  diameter  ratio  was  higher)  and  provide  slightly  greater  static 
stability.  This  flight  test  clearly  shows  the  Importance  of  aerodynaunlc  interference  and 
stability  on  store  release  charaeterlstics . 

The  above  flight  tests  and  recent  analytical  studies  indicate  that  store  static 
stability  is  also  a major  factor.  Figure  49  shows  the  results  of  varying  aerodynamic 
stability  on  store  pitch  characteristics  as  other  store  parameters  are  held  constant. 

The  charts  were  constructed  using  wind  tunnel  grid  data  in  a trajectory  simulation  com- 
puter program.  Adequate  store  static  stability  is  difficult  to  obtain  with  large  pay- 
load  cylindrical  stores  such  as  the  SUU-30  and  SUU-51  because  physical  constraints  of 
TER  geometry  make  it  impossible  to  fit  the  store  with  large  stabilizing  fins  unless  they 
are  folded  and  deployed  after  release.  This  approach  was  not  successful  in  the  case  of 
the  SUU-51  because  the  store  rotates  very  rapidly;  the  tall  does  not  translate;  and  the 
two  remaining  upper  stores  prevent  the  fins  from  opening  when  the  store  is  released.  The 
SUU-30  has  fixed  fins,  but  the  store  is  only  marginally  stable  at  transonic  Mach  numbers. 
Another  important  factor  not  be  neglected  is  that  most  present  US  MERs  and  TERs  are 
equipped  with  the  low  Impulse  single  piston  ejector  rack  as  described  in  para  2.2.1 

5 . 4 Delivery  - Attractive  Solutions 

5.4.1  Pitch  Down  - Bottom  TER  Station 

Since  1972  the  USAP  has  been  engaged  in  an  aggressive  program  of  analysis,  wind 
tunnel  test,  and  flight  test  in  an  attempt  to  better  understand  the  phenomenon  of  the 
bottom  TER  station  pitch-down  problem  and  to  correct  or  alleviate  the  problem  for  large 
diameter  stores  through  store  and  bomb  rack  design  changes.  There  is  intense  interest 
in  obtaining  a solution  for  the  large  diameter  store,  rather  than  limiting  diameter  to 
reduce  aerodynamic  Interference  and  permit  larger  stabilizing  fins,  because  of  the  large 
loss  in  weapon  payload  as  store  diameter  is  reduced.  The  investigations,  which  are 
reported  on  in  detail  in  refs.  55  thru  59>  Included: 

1.  A parametric  investigation  of  store  nose  shapes. 

2.  Oil  flow  and  pressure  distribution  store  models. 

3.  The  effect  of  weapon  ballast. 

4.  The  addition  of  an  aft  stagnation  plate  to  the  TER 'in  the  vicinity  of  the 
store  fins. 

5.  The  effect  of  store  staggering,  that  is  the  longitudinal  movement  of  the 
bottom  store  with  respect  to  the  upper  stores. 

6.  Various  modifications  to  the  forward  aerodynamic  fairing  of  the  TER,  which 
Included  total  removal  of  the  fairing. 

7.  The  effect  of  a "tunable"  dual  piston  ejector  rack  (para  2.2.1)  to  produce  a 
mechanical  nose-up  moment  to  the  store  to  assist  in  relieving  the  aerodynamic  nose- 
down  moment . 

Of  the  above,  only  6 and  7 were  flight  tested.  Unfortunately,  modifications  to 
the  forward  TER  fairing  failed  to  show  the  Improvements  during  the  flight  tests  predicted 
during  wind  tunnel  tests. 

5. 4. 1.1  Store  Staggering 

Figure  50  shows  the  significant  reduction  in  Installed  aerodynamic  pitching 
moment  obtained  for  a SUU-51  dispenser  caused  by  shifting  the  carriage  position  of  the 
bottom  station  aft  16  inches  or  about  4o.6  cm  (full  scale)  with  respect  to  the  TER  and 
upper  stores.  The  data  is  based  on  wind  tunnel  tests.  In  addition  to  providing  relief 
from  adverse  pitching  moments.  Chapter  2 shows  that  significant  drag  reductions  can  be 
realized  with  properly  staggered  multiple  stores.  Tl.srefore,  store  staggering  appears 
to  offer  considerable  potential  for  both  drag  reduct  >n  and  store  separation  Improvements. 
Additional  research  in  this  area  is  highly  recommended. 

5.4. 1.2  Dual  Elector  Rack 

The  dual  ejector,  high  Impulse,  "tunable"  bomb  rack  has  shown  very  promising 
results.  Figure  51  shows  the  release  of  SUU-30  dispensers  from  the  F-4  Inboard  TER 
station  using  a TER  equipped  with  high  Impulse  "tunable"  racks.  The  release  was  in  level 
flight  at  .9  Mach  and  5,000  feet  altitude.  In  the  left  photographs,  the  rack  orifices 
were  set  to  deliver  equal  force  to  both  ejection  pistons;  therefore,  the  aerodynamic 
pitching  moment  controlled  the  store  motion,  and  excessive  pitch-down  still  resulted. 

In  the  right  photographs  the  rack  was  "tuned"  to  deliver  all  of  the  available 
ejection  force  to  the  rear  ejection  piston  such  that  sufficient  nose-up  mechanical  moment 
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was  developed  to  overcome  the  large  nose-down  aerodynamic  moment.  The  resulting  tra- 
jectory, again  at  .9  Mach  and  5000  feet  altitude,  was  relatively  level.  Indicating  the 
feasibility  of  using  a bomb  rack  Induced  moment  to  correct  the  TER  pitch-down  problem. 


S.'^.l.J  Self-Compensating  Bomb  E.lector  Racks 

Although  It  has  been  clearly  demonstrated  that  "tuned"  bomb  racks  have  the 
potential  of  correcting  release  problems,  the  present  racks  must  be  set  prior  to  take-off 
for  particular  flight  conditions.  If  the  rack  Is  set  to  provide  a nose-up  moment  to 
compensate  for  the  large  nose-down  aerodynamic  moments  experienced  at  the  higher  airspeeds. 
Figure  52  shows  computer  simulation  predictions  (based  on  grid  wind  tunnel  data)  of  SUU-30 
releases  from  the  F-i|  with  the  "tunable"  rack  set  to  compensate  for  the  pitch-down  of  the 
bottom  TER  station  at  h-lgher  airspeeds  as  described  In  paragraph  5.*t.l.2  above.  Full 
scale  correlation  is  shown  for  these  conditions  that  were  flight  tested.  Note  that 
excessive  pitch-down  Is  not  predicted  for  the  1.2  Mach/200  feet  release.  This  Is  because 
of  the  typical  large  reduction  In  the  aerodynamic  pitching  moment  coefficient  above  1.0 
Mach.  Also,  note  that  the  pltch-up  Is  becoming  excessive  at  .5  Mach;  however,  a usable 
operational  envelope  still  exists. 

The  aerodynamic  loads  acting  on  the  stores  vary  considerably  throughout  the  normal 
flight  envelope  of  a modern  tactical  aircraft.  Therefore,  It  would  be  highly  desirable 
to  have  some  method  of  changing  the  bomb  ejector  rack  forces  and  moments  In  flight  to 
compensate  for  these  continuously  changing  aerodynamic  loads. 

References  60  and  6l  discuss  the  concept  of  a self-compensating  bomb  ejector  rack. 
Although  the  self-compensating  bomb  ejector  rack  Is  only  conceptual,  the  Idea  has  much 
merit  and  warrants  further  development.  The  In-f light  loads  acting  on  the  stores  would 
be  sensed  by  Instrumentation,  and  the  orifices  for  each  ejection  piston  would  be  con- 
tinuously varied  to  compensate  for  these  loads,  thus  minimizing  the  release  perturbations. 
Reference  6l  proposes  the  use  of  the  aircraft  fire  control  computer  to  provide  Intel- 
ligence to  the  rack  for  In-fllght  adjustment  of  the  Impulse  to  each  ejection  piston. 

The  required  data  would  be  determined  through  wind  tunnel  and  flight  tests  and  pre- 
programmed for  each  store  as  a function  of  flight  conditions.  The  latter  approach  Is 
considered  more  practical.  The  self-compensating  bomb  ejector  rack  also  offers  much 
potential  for  solving  other  release  problems  In  addition  to  the  TER  pitch-down 

5.'^.2  Conformal  Carriage 

An  attractive  solution  for  Improved  weapon  release  characteristics  Is  the  concept 
of  conformal  carriage.  Other  chapters  of  this  manual  discuss  the  improvements  that  can 
be  realized  In  reduced  carriage  drag  and  Increased  performance  and  handling  qualities, 
through  the  use  of  this  concept.  The  Jointly  sponsored  US  Navy /US  Air  Force  P-^  Con- 
formal Carriage  program  also  Included  a comprehensive  evaluation  of  the  separation 
characteristics  of  general  categories  of  conventional  weapons  such  as  a low  drag  general 
purpose  bomb  (MK-82),  a dispenser  munition  (Rockeye),  and  two  conceptual  bluff  weapon 
shapes.  The  program,  reported  on  In  ref.  62,  Included  comprehensive  wind  tunnel  testing 
and  flight  test  demonstration  In  which  approximately  200  weapons  were  safely  released  at 
speeds  up  to  1.6  Mach.  The  weapons  were  ejected  from  the  Conformal  Carriage  pallet  using 
the  Lode  14A  ejector  racks  (modified  to  use  two  ejection  cartridges  for  higher  Impulse) 
which  are  "tunable"  dual  ejection  piston  racks  with  the  capability  of  Imparting  an  ejec- 
tion velocity  of  about  15  feet  per  second  (*t.57  m/s)  to  a 500  pound  (227  kg)  store, 
which  Is  comparable  to  the  UK  racks  now  In  service  with  the  Royal  Air  Force. 

During  the  Conformal  Carriage  flight  test  program,  112  MK-82  bombs  were  released 
In  single  and  ripple  modes  at  Mach  numbers  from  .6  to  1.6  and  altitudes  of  5,000  feet  to 
30,000  feet.  Of  these,  thirty-five  dive  releases  were  made  with  release  Intervals  of 
60,  100,  and  l4o  milliseconds.  Also  20  Rockeye  and  65  bluff  stores  were  released.  In 
general,  excellent  release  characteristics  were  exhibited  throughout  the  wide  range  of 
conditions  demonstrated.  The  only  exception  was  that  ti:e  aft  row  of  MK-82  bombs  had  a 
tendency  to  pitch-down  <45  to  60  degrees  at  supersonic  speeds.  This  trend  was  also  noted 
during  the  wind  tunnel  test  progreim  as  shown  In  Fig  53  which  compares  .95  Mach  releases 
from  the  forward,  middle,  and  aft  rows.  Figure  5*4  shows  typical  MK-82  releases  at  the 
higher  Mach  numbers  and  the  excellent  separation  characteristics  of  a .95  Mach  ripple 
release . 

The  excessive  pitch-down  of  the  aft  row  Is  attributed  to  upwash  on  the  MK-82  tall 
fins  due  to  the  upslope  of  the  aft  closure  of  the  Conformal  Carriage  pallet  (see  Pig.  53). 
This  Is  considered  to  be  a minor  problem  which  can  be  corrected  by  future  pallet  designs 
and/or  proper  "tuning"  of  the  bomb  ejector  racks.  Self-compensating  bomb  ejector  racks 
would  offer  additional  Improvements. 

5 . 5 Delivery  Accuracy 

5.5.1  Delivery  Accuracy  Partuneters 

There  have  been  many  studies  dealing  with  the  deviations,  or  Inaccuracies,  of 
ungulded  ballistic  weapons,  or  the  so-called  "dumb  bomb".  These  studies  have  Included 
the  effects  of  such  factors  as  variation  In  release  signal  time  Interval,  ejector 
cartridge  Ignition  tlrae/burnlng  rate/impulse  variation,  bomb  ejector  rack  hook  opening 
time,  weapon  aerodynamic/mass  properties,  release  conditions,  atmospheric  conditions, 
etc.  The  studies  are  normally  conducted  using  slx-degree-of-freedom  (or  less)  trajectory 
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f programs  on  high  speed  digital  computers  (Fig.  22).  In  ref.  63.  Dr  Arthur  Maddox  reports 

on  a systematic  parametric  study  to  examine  the  sensitivity  of  weapon  down  range  Impact 
points  to  variations  In  the  primary  parameters  affecting  store  separation.  The  studies 
were  conducted  In  the  pitch  plane  for  three-degrees-of-freedom  and  Included  variations  of: 

Aerodynamic  Interference  (Varied  Parametrically) 

Release  Velocity 
Dive  Angle 
Release  Altitude 
Bomb  Ejector  Rack  Impulse 
Weapon  Stability 
Weapon  Mass/Inertia 

The  most  significant  conclusions  were:  (1)  the  end  results  are  heavily  dependent 
on  weapon  aerodynamics,  mutual  Interference  (flow  field),  and  bomb  ejector  rack  charac- 
teristics, and  (2)  the  Initial  characteristics  of  the  mutual  Interference  play  by  far  the 
largest  role  In  determining  the  store  separation  motion.  The  latter  Is  also  a significant 
conclusion  of  para  5.6. 

Reference  6^  reports  on  a comprehensive  flve-degree-of-freedom  trajectory  study  where 
the  sensitivities  of  a high  drag  and  low  drag  weapon  were  examined.  The  study  did  not  In- 
clude- Interference  flow  field  effects.  The  sensitivity  of  weapon  Impact  errors  were  pre- 
sented In  terras  of  down  range  and  cross  range  mlss-dlstances  for  uncertainties  In  the 
following  parameters: 

Release  Altitude 
Release  Velocity 
Dive  Angle 

Weapon  Ejection  Veloclty/Force 
Weapon  Weight 
Weapon  Diameter 
Air  Density 

Axial  Force  Coefficient 

Conclusions  were:  (1)  weapon  mlss-dlstance  becomes  more  sensitive  to  errors  in 
delivery  altitude  and  dive  angle  as  delivery  speed  Increases:  (2)  level  trajectories  are 
more  sensitive  than  dive  trajectories;  (3)  weapon  mlss-dlstance  becomes  less  sensitive 
to  errors  In  release  speed  as  the  delivery  speed  Is  Increased;  (it)  weapon  mlss-dlstance 
becomes  more  sensitive  to  errors  In  ejection  velocity  as  airspeed  Increases,  however,  this 
trend  reverses  as  dive  Is  Increased;  (5)  weapon  mlss-dlstance  becomes  more  sensitive  to 
errors  In  weapon  parameters  such  as  weight,  axial  force  coefficient,  maximum  diameter 
and  air  density  as  the  delivery  speed  is  Increased. 

In  addition  to  the  above,  ref.  6M  also  reported  on  the  effects  of  uncertainties  In: 

Heading 

Initial  Angular  Velocity  (Pitch) 

Initial  Pitch/Yaw  Angle 
Inertia 

Aerodynamic  Coefficients 
Normal/Side  Force 
Pitch/Yaw  Moment 
Pltch/Yaw  Damping 

Trends  from  examination  of  the  above  parameters  followed  an  Irregular  pattern  due 
to  the  complex  force  and  moment  relationships  present  In  trajectories  where  the  bomb  Is 
both  translating  and  oscillating  simultaneously. 

5.5.2  Flow  Field  Induced  Delivery  Errors 

While  uncertainties  In  the  parameters  examined  In  the  above  reports  can  cause  sig- 
nificant degradations  In  delivery  accuracy,  they  are  usually  secondary  when  compared  to 
the  decrease  In  delivery  accuracy  that  can  result  from  aircraft/weapon  aerodynamic  mutual 
Interference  (flow  field)  effects,  especially  at  the  higher  release  speeds. 

The  large  flow-fleld-lnduced  weapon  perturbations  addressed  In  this  section  are  of 
the  type  that  are  not  hazardous  to  the  aircraft.  The  primary  concern  Is  that  the  pertur- 
bations result  In  short  rounds  due  to  excessive  weapon  drag.  Increased  dispersion,  and 
decreased  delivery  accuracy.  Ballistic  tables  for  a given  US  aircraft  are  based  on  nom- 
inal values  for  weapons  released  from  any  station  of  the  aircraft  at  a given  set  of  flight 
conditions.  However,  the  local  flow  about  weapons  on  different  stations  of  the  same  air- 
craft varies  tremendously,  even  at  the  same  flight  conditions.  This  local  variation  In 
the  flow  field  can  result  In  extreme  differences  In  the  trajectories  of  weapons  released 
from  the  seune  aircraft  at  the  same  flight  conditions.  Obviously,  weapons  released  from 
those  stations  where  Interference  effects,  and  perturbations,  are  the  largest  will  have 
trajectories  with  the  greatest  deviation  from  the  nominal  value. 

Reference  31  reports  on  a study  where  realistic  flow  field  data  were  used  to  eval- 
uate the  effect  of  the  local  flow  on  the  impact  point  of  Identical  weapons  released  from 
different  stations  of  the  same  aircraft.  Table  1 shows  the  deviation  In  Impact  point  of 
a stable  weapon  due  to  flow  field  effects.  The  flow  field  data  was  obtained  from  the  wind 
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: tunnel  and  utilized  for  the  trajectory  calculations  as  described  In  para  3.2.3.  The  data 

I presented  are  for  six  800-pound  M-117  bombs  (363  kg)  released  from  the  TER  stations  of  the 

; P-ii  aircraft  at  5000  feet  and  Mach  numbers  of  0.5,  0.7,  and  0.9-  The  deviations  shown  are 

the  distances  between  ground  Impact  points  for  two  trajectory  runs  on  the  computer  which 
are  Identical,  with  the  exception  of  flow  field  "off"  and  flow  field  "on".  As  can  be  seen, 
flow  field  effects  can  be  quite  significant,  especially  at  the  higher  airspeeds.  Of 
special  note  Is  the  large  deviation  shown  for  the  bottom  TER  station  at  .9  Mach  even  though 
this  store  pitched  less  than  35  degrees. 

Figure  55  shows  the  ground  Impact  pattern  for  the  above  case  where  the  bombs  are  re- 
leased In  a "ripple  pairs"  mode  at  ito  millisecond  Intervals  at  .9  Mach  and  5000  feet.  Note 
In  Table  1 that  all  down  range  deviations  are  short  due  to  the  Induced  drag  of  the  pertur- 
bations from  the  flow  field  effects.  In  actual  practice,  this  would  be  accounted  for  by  a 
change  In  the  bomb  sight  depression  angle;  consequently  the  pattern  of  this  figure  was 
appropriately  centered  by  an  adjustment  of  250  feet  (76  m).  As  before,  the  differences  In 
the  two  Impact  patterns  are  due  exclusively  to  flow  field  effects. 

5.5.3  Flow  Field  Induced  Delivery  Errors  - Bottom  TER  Station 

Table  2 shows  the  tremendous  difference  In  the  down  range  weapon  Impact  point  for  a 
dispenser  munition  released  from  the  P-<»  bottom  Inboard  TER  station  as  release  speed  In- 
creases. The  difference  shown  Is  due  solely  to  flow  field  effects  and  was  calculated  using 
wind  tunnel  grid  data  In  a three-degree-of-freedom  trajectory  program.  The  deviations  of  ! 

the  first  row  were  calculated  using  the  characteristics  of  the  standard  US  F-Il  TER  with  Its  j 

single  piston  ejector  rack  as  described  In  para  2.2.1.  Paragraphs  5.*J.1.2  and  5. ^.1.3  j 

suggested  the  use  of  dual  ejection  and  self-compensating  bomb  ejector  racks  as  a possible  i 

solution,  or  Improvement,  for  the  bottom  TEB  station  pitch-down  problem.  The  deviations  of 
the  second  row  were  calculated  using  a hypothetical  dual  ejector  self-compensating  bomb  J 

rack  where  the  ejection  moments  are  "tuned"  to  compensate  for  the  aerodynamic  moments  at 
the  various  airspeeds.  As  can  be  seen,  this  approach  has  the  potential  to  significantly 
reduce  but  not  eliminate  the  significant  flow  field  effects.  The  main  reason  for  this  Is 
that  the  ejection  moments  of  current  typical  bomb  ejector  racks  last  only  for  about  100 
milliseconds  whereas  the  flow  field  effects  are  present  for  a much  longer  time. 

5-5.^  Potential  Delivery  Accuracy  Improvement  from  Vertical  Ejector  Racks 

The  Vertical  Ejector  Rack  (VER)  Is  a multiple  carrier  similar  to  the  MER  and  TER 
with  the  exception  that  the  bomb  ejector  racks  are  arranged  to  eject  all  stores  vertically 
down  rather  than  ejecting  some  stores  down  and  out  at  approximately  ^45  degrees  (see  para 
2.2.1).  There  are  two  VER  configurations  presently  being  studied  In  the  US.  These  are  the 
VER-4  which  carries  four  stores  In  two  rows  of  two  abreast,  and  the  VER-2  which  simply 
carries  two  stores  slde-by-side.  The  proposed  US  VER  will  have  dual  ejector,  high  impulse, 
i "tunable"  ejector  racks  utilizing  standard  bail  lugs  and  self-adjusting  sway  braces.  Al- 

I though  a systematic,  comprehensive  Investigation  has  not  been  completed  to  quantitatively 

(define  the  potential  difference  in  delivery  accuracy  over  present  MERs  and  TERs  it  is  ex- 
pected that  worthwhile  Improvements  will  be  realized.  This  speculation  Is  based  on  the 
following: 

t 1.  Adverse  flow  field  effects  and  the  pitch-down  problem  should  be  considerably  re- 

t duced  as  the  stores  are  no  longer  clustered  In  a group  of  three  (see  para  5.3.^). 

1 

i 2.  Lateral  dispersion  should  be  reduced  as  the  stores  are  now  ejected  downward 

S rather  thin  down  and  out  at  a 4)5°  angle. 

3.  Increased  bomb  ejector  rack  impulse  will  provide  greater  store  ejection  velocity, 
and  the  store  will  transverse  the  aircraft  interference  flow  field  faster.  This  should 
^ ; reduce  the  perturbations  caused  by  adverse  flow  field  effects.  In  the  case  of  the  VER,  the 

Increased  ejection  velocity  will  not  add  to  lateral  dispersion  as  It  would  for  the  shoulder 
, stations  of  the  MER  and  TER. 

1 )) . The  dual  ejector  "tunable"  feature  will  allow  adjustments  to  compensate  for 

adverse  aerodynamic  moments  and  obtain  Improved  trajectories. 

This  is  an  attractive  area  for  additional  research. 

5.5.5  Potential  Delivery  Accuracy  Improvement  from  Conformal  Carriage 

The  Conformal  Carriage  concept  has  considerable  potential  for  Improving  weapon 
delivery  accuracy.  An  Important  feature  of  this  concept  Is  structural  rigidity.  Ref- 
erences 63  and  6H  have  shown  that  variation  In  store  ejection  velocity  Is  a major  param- 
eter In  decreased  delivery  accuracy.  In  the  case  of  conformal  carriage,  the  majority  of 
the  ejector  rack  Impulse  does  work  on  the  store.  Little  performance  Is  lost  due  to 
carrier  flexibility.  Impulse  characteristics/ejection  velocities  are  much  more  consistent 
and  do  not  exhibit  the  variations  shown  for  the  case  of  the  MER  as  shown  In  Fig.  8 and 
discussed  in  para  2.2.1. 

The  most  Important  feature,  however.  Is  that  the  flow  field  in  proximity  of  the 

L fuselage  Is  very  uniform,  and  the  large  undesirable  weapon  perturbat Ions  associated  with 

underwing  and  clustered  multiple  carriage  are  minimized. 

Figure  56  from  ref.  62  shows  the  actual  flight  test  ground  impact  pattern  of  12  MK- 
82  bombs  released  at  .95  Mach  and  1900  feet  AGL  with  a 100  millisecond  ripple  Interval. 
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Launch  Transient  Analysis 


During  the  past  several  years,  the  trend  In  nonnuclear  weapon  development  has 
shifted  from  the  more  conventional  types  of  ungulded  weapons  to  extremely  accurate 
weapons  with  complex  guidance  and  control  systems.  The  majority  of  the  new  guided 
weapons  have  flight  control  systems  that  are  active  during  the  launch  phase  to  rate 
stabilize  the  weapon  and  reduce  adverse  perturbations.  At  this  time  on-line  computing 
capability  and/or  the  difficulty  of  modeling  small  scale  control  surfaces  make  some  of 
the  CTS  facilities  impractical  for  simulating  trajectories  for  guided  weapons  having 
active  autopilots  and  controls  during  release.  However,  in  some  oases  the  autopilot 
equations  and  the  aerodynamic  control  effectiveness  can  be  Incorporated  into  the  CTS 
computer  program  to  provide  a complete  simulation.  The  freedrop  technique  is  totally 
impractical  as  it  would  require  miniaturization  of  a complete  weapon  control  system  in 
a small  dynamically  scaled  model.  Two  convenient  techniques  for  this  purpose  are  the 
flow  field  and  grid  as  both  are  based  on  the  type  of  wind  tunnel  data  that  may  be  used 
in  a slx-degree-of-freedom  (SIXDOP)  trajectory  simulation  progreim  as  shown  in  Fig.  22. 

The  computer  simulation  Includes  mathematical  models  of  the  weapon  seeker  and  flight 
control  system.  The  simulation  is  modular  in  form  and  can  readily  be  adapted  to  various 
weapons  and  aircraft  simply  by  changing  the  applicable  subroutines.  For  example,  once 
the  simulation  is  developed  for  a particular  weapon,  trajectories  from  various  aircraft 
may  be  simulated  by  using  the  correct  interference  coefficients.  The  progreun  has  the 
option  of  using  flow  field  angularity  data  (para  3.2.3)  or  grid  data  (para  3.2.2.)  to 
calculate  the  interference  coefficients.  Normally,  a sufficient  number  of  control  fixed 
CTS  trajectories  will  be  run  for  later  correlation  and  program  checkout. 

The  free  stream  aerodynamics  for  the  weapon  to  be  simulated  are  normally  obtained 
from  comprehensive  wind  tunnel  tests  of  0.20  (or  larger)  scale  models  of  the  weapon. 

The  data,  typically  in  block  data  form,  is  normally  a total  three-dimensional  aerodynamic 
model  in  the  aeroballlstlc  axis  system  containing  control  effectiveness  and  damping  terms. 

The  total  aerodynamic  coefficients  acting  on  the  weapon  at  any  given  time  during 
the  trajectory  are  obtained  by  summing  the  free  stream,  interference,  and  control  con- 
tributions. For  example,  the  total  pitching  moment  coefficient  (where  o is  control 
surface  deflection)  may  be  obtained  by: 


d “ + Cm 

total  Mpg  jjjij 


5.6.1  Procedure 


The  development  of  a complete  trajectory  simulation  usually  consists  of  build- 
ing the  applicable  modules/subroutines  of  the  SIXDOF  program  to  include  the  aerodynamic 
interference  coefficients,  a complete  aerodynamic  model  of  the  weapon  with  control 
effectiveness,  and  appropriate  mathematical  models  of  the  weapon  flight  control  system 
and  seeker.  Once  this  is  accomplished,  simulations  may  be  made  of  the  separation  tra- 
jectories at  various  flight  conditions  throughout  the  desired  envelopes.  Uncontrolled, 
or  Jettison  mode  releases  with  fixed  control  surfaces,  may  be  conducted  by  simply 
by-passing  the  seeker  and  flight  control  subroutines. 

The  first  step  in  the  procedure  usually  consists  of  conducting  trajectory  simula- 
tions for  each  flight  condition  where  CTS  trajectories  were  obtained.  Good  correlation 
between  CTS  and  the  SIXDOF  simulations  indicates  a good  aerodynamic  model  of  the  inter- 
ference coefficients.  Once  this  is  obtained,  the  flight  control  system  can  be  activated 
to  investigate  the  controlled  launch  mode.  In  addition  to  nermal  launches,  the  simula- 
tion can  also  be  used  to  study  the  results  of  failure  of  such  components  as  the  weapon's 
flight  control  system  or  the  aircraft  ejector  rack. 

Normally,  the  primary  concern  in  a trajectory  study  is  to  ensure  that  the 
weapon  separates  safely  throughout  the  flight  envelope  and  that  chances  of  weapon-to- 
alrcraft  collisions  are  extremely  remote.  This  applies  to  the  controls-flxed  Jettison 
mode  as  well  as  the  controls-actlve  launch  mode.  Another,  but  much  less  studied  aspect, 
is  whether  the  weapon's  aerodynamics  and  flight  control  system  are  capable  of  handling 
the  launch  transients.  In  other  words,  will  the  seeker  and  glmbal  platform  of  a guided 
weapon  maintain  lock  on  the  target  during  the  launch  transient? 


Launch  Transient  Stud 


Example 


Reference  30  reports  on  an  investigation  to  determine  the  cause  of  excessive 
break-lock  for  a guided  weapon  launched  from  the  inboard  wing  station  of  the  A-7  aircraft. 
During  flight  tests,  6 out  of  11  weapons  released  from  the  inboard  wing  station  failed 
to  guide  properly.  The  problem  was  not  apparent  for  the  outboard  wing  station  where 
seven  launches  were  made  with  only  one  failure. 

Wind  tunnel  data  for  the  SIXDOF  simulations  was  obtained  in  the  form  of  CTS  and 
grid  data.  Slx-degree-of-freedom  launch  simulations  were  conducted  with  the  weapon  auto- 
pilot off  and  compared  with  CTS  trajectories  obtained  for  the  seune  flight  conditions. 

When  good  correlation  was  obtained,  leading  to  confidence  in  the  aerodynamics,  the  aero- 
pilot  and  actuator  math  models  in  the  SIXDOF  simulation  were  then  activated  to  simulate 
a normal  controlled  launch.  The  program  adds  the  effect  of  the  control  deflections 
commanded  by  the  autopilot  which  provides  pitch  and  yaw  rate  and  roll  position  stabiliza- 
tion to  the  weapon  during  the  first  two  seconds  of  the  launch  phase. 
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Figure  57  shows  the  excellent  correlation  obtained  between  the  computer  and 
CTS  prior  to  activation  of  the  autopilot  and  controls.  Figure  58  shows  the  correla- 
tion between  flight  test  telemetry  data  and  the  active  autopilot  computer  simulations. 
Flight  test  data  for  Inboard  launches  were  obtained  for  only  two  missions. 

From  the  above.  It  was  concluded  that  the  model  for  A-7  Inboard  launch  dynamics 
was  fairly  accurate,  and  a parametric  Investigation  was  conducted  In  an  attempt  to  find 
some  logical  basis  for  the  break-lock  and  to  establish  a launch  envelope.  A-7  Inboard 
wing  station  launches  were  simulated  for  Mach  numbers  of  0.7,  0.75,  0.8,  0.85,  0.9,  and 

0.95  at  altitudes  of  5,  10,  15,  and  20  thousand  feet.  A ^45°  dive  angle  and  a zero  degree 
glmbal  offset  angle  were  used  In  all  cases.  Time  histories  were  obtained  for  the  weapon 
angular  positions,  rates  and  accelerations  and  the  seeker  glmbal  platform  pitch,  yaw, 
and  roll  positions,  rates,  and  accelerations. 

In  conjunction  with  the  computer  simulations,  a guidance  unit  was  subjected  to 
rate  table  tests  to  determine  the  maximum  body  rates/accelerations  for  the  guidance  units. 
The  tests  concluded  that  the  guidance  unit  could  withstand  certain  angular  rates  without 
breaking  look;  however,  no  conclusions  were  made  as  to  the  effects  of  plteh/yaw/roll 
coupling  or  angular  accelerations.  Nevertheless,  the  Investigation  did  prove  the 
feasibility  of  this  approach  for  defining  the  launch  environment  and  the  rates/accelera- 
tions  the  weapon  seekers  could  expect  to  see  during  launch.  Also,  this  type  of  study 
could  assist  In  establishing  seeker  and  guidance  specifications. 

The  study  also  provided  guidelines  for  recommending  a launch  envelope  for  the 
Inboard  wing  station.  The  maximum  absolute  value  of  the  body/glmbal  rates  and  accelera- 
tions as  functions  of  Mach  number  and  altitude  were  obtained  from  the  simulations. 

Figure  59  depicts  the  maximum  absolute  body  pitch  acceleration  versus  Mach  number.  In 
almost  every  case,  a sharp  break  appears  in  the  curve  at  about  0.9  Mach  number  Indicat- 
ing a large  Increase  In  the  angular  excursions  at  this  point.  At  the  lower  altitudes, 
this  break  moves  toward  0.85  Mach  suggesting  that  something  below  0.9  Mach  would  be  a 
realistic  launch  limit  to  avoid  excessive  weapon  perturbations. 

5 . 7 Store  Design  Problems 

This  section  deals  with  the  application  of  separation  prediction  methods  to  support 
store  development  programs.  In  each  case  serious  design  deficiencies  which  resulted  In 
hazardous  separation  were  discovered  through  wind  tunnel  testing  and  trajectory  analysis. 
Proper  design  corrections  were  Implemented  prior  to  final  design  and  fabrication  of  full 
scale  test  hardware.  Early  Identification  resulted  in  considerable  money  being  saved  by 
avoiding  delays  In  the  development  and  flight  test  programs  and  later  redesign  which 
would  be  much  more  costly. 

5.7.1  Large  Guided  Weapon  - US 

References  30  and  33  report  on  application  of  the  flow  angularity  and  grid 
techniques  to  Investigate  F-4  Jettison  and  launch  characteristics  for  a large  guided 
weapon.  The  Investigation  was  conducted  during  the  early  stages  of  the  weapon  develop- 
ment program  and  resulted  In  considerable  changes  In  the  Initial  design.  Redesign  was 
accomplished  prior  to  fabrication  of  test  hardware  and  considerable  Improvement  of  F-4 
launch  and  Jettison  characteristics  was  realized. 

The  original  weapon  design  (Fig.  60)  had  very  large  strakes  and  folding  wing 
tips.  The  large  100  Inch  (254  cm)  wing  span  increased  glide  range  and  terminal  maneuver- 
ability. The  large  strakes  were  to  decrease  the  "tlps-out"  static  stability  for  better 
maneuverability  and  to  reduce  trim  drag  for  better  range.  Because  the  wing  tips  were 
not  mechanically  Interconnected  to  Insure  simultaneous  opening  and  because  wing  tip 
opening  reliability  was  less  than  100  percent.  It  was  decided  that  Jettison  and  launch 
envelopes  would  be  established  on  the  basis  of  "tlps-ln"  separation  characteristics. 
Unfortunately,  the  weapon  was  approximately  28  Inches  (71  ora)  statically  unstable  with 
the  tips  In,  and  the  separation  analysis  revealed  that  the  weapon  would  not  safely 
separate  from  the  Inboard  wing  stations  of  the  F-4  aircraft  over  a large  portion  of  the 
desired  Jettison  envelope  (Fig.  6l).  The  primary  reason  for  the  poor  separation 
characteristics  was  the  lack  of  basic  aerodynamic  static  stability.  Without  resorting 
to  a total  redesign,  the  following  three  attractive  solutions  were  first  Investigated: 

1.  Early  wing  tip  deployment  to  increase  stability. 

2.  Employing  a preset  nose-down  pitch  flap  bias. 

3.  "Tuning"  the  bomb  rack  to  effect  a nose-down  pitch  at  release. 

The  results  of  extensive  analyses  by  both  the  US  Air  force  and  the  weapon  con- 
tractor showed  that  none  of  the  above  options,  when  considered  singly  or  In  combination, 
provided  an  acceptable  solution.  The  Increase  In  weapon  stability  provided  by  the  wing 
tips  occurred  too  late  to  appreciably  change  the  early  portion  of  the  separation  tra- 
jectory. Also,  In  some  cases,  tip  deployment  more  than  doubled  the  lift  of  the  weapon, 
and  the  additional  wing  span  compounded  the  aircraft/weapon  clearance  problem. 

Load  capabilities  of  the  control  actuators  limited  the  available  pitch  flap 
bias  to  seven  degrees,  which  was  not  sufficient  to  provide  separation  throughout  the 
desl. ed  envelope.  Figure  62  shows  one  frame  of  a computer  generated  movie  of  a grid 


predicted  trajectory  of  the  weapon  with  seven  degree  nose-down  pitch  flap  bias 
released  from  the  F-4  at  0.9  Mach  and  *10,000  feet. 

The  best  Jettison  results  were  obtained  by  "tuning"  the  bomb  rack  to  the 
maximum  allowable  nose-down  pitch.  Although  this  option  allowed  Jettison  over  most  of 
the  captive  flight  envelope.  It  was  felt  that  excessive  angular  rates  and  accelerations 
generated  by  the  bomb  rack  might  result  In  weapon  launch  malfunctions. 

Several  weapon  redesigns  were  Investigated  by  the  US  Air  Force  and  the  contrac- 
tor and  are  reported  on  In  ref.  33.  These  Investigations  led  to  the  revised  design  of 
Fig.  63.  The  folding  wing  tips  were  eliminated,  and  the  strake  size  was  reduced  to 
provide  approximately  the  same  static  stability  as  the  original  design  with  deployed 
wing  tips  and  large  strakes.  Although  reduction  In  the  size  of  the  aerodynamic  surfaces 
was  undesirable  from  the  standpoint  of  glide  range  and  maneuverability.  It  was  Judged  to 
be  necessary  to  obtain  acceptable  separation  characteristics.  Figure  6**  shows  the 
comparison  of  grid  predicted  trajectories  and  flight  test  results  for  the  revised  design 
with  seven  degrees  of  nose-down  pitch  flap  blas-at  0.9  Mach  and  *40,000  feet.  Note  the 
significant  Improvement  In  separation  characteristics  when  compared  to  the  original  design 
at  the  same  flight  conditions  (Fig.  62).  Figure  65  shows  the  comparison  of  predic- 
tion and  flight  teat  at  0.8  Mach  and  13,000  feet.  Correlation  between  predictions  and 
flight  tests  were  considered  to  be  excellent  Indicating  that  early  redesign  was  Indeed 
necessary  to  achieve  satisfactory  separation  characteristics. 

5.7.2  Propelled  Missile  - France 

Since  1962,  the  study  of  propelled  missiles  separation  has  been  performed  both 
at  transonic  and  supersonic  reglnes  Inside  the  blow-down  pressurized  S3  Modane  Wind 
Tunnel  (section  0.76  x O.80  m^).  Figure  66  gives  some  typical  results  obtained  with 
a propelled  missile  model  fired  from  under  the  fuselage  of  a l/15th  scale  MIRAGE  III; 
the  micro-rocket  had  12  mm  In  diameter  and  a thrust  of  about  80  Newton  with  a combustion 
duration  of  20  mllll-seconds . During  the  Initial  tests,  the  pictures  taken  from  a high 
speed  movie  show  a very  dangerous  trajectory,  and  In  fact,  the  missile  hides  the  nose  of 
the  fuselage  for  these  flight  conditions;  a correct  trajectory  was  later  obtained  with  a 
small  deflection  on  the  missile  horizontal  tall. 

6 Cone luslons/Recommendat Ions 


The  following  conclusions  and  recommendations  are  based  on  specific  discussions 
within  the  text.  The  paragraph  of  the  text  that  relates  to  the  concluslon/recommendatlon 
Is  noted  at  the  end  In  parenthesis.  The  primary  objective  of  this  section  Is  to  high- 
light significant  points  and  Identify  the  most  attractive  areas  for  additional  research. 

(1)  The  continued  development.  Improvement,  and  use  of  store  separation  prediction 
techniques  Is  cost  effective,  can  result  In  Increased  mission  capability  and  enhances 
flight  safety  (1). 

(2)  Realistic  bomb  rack  ejection  data  Is  required  for  accurate  store  trajectory 
simulations.  This  data  Is  practically  non-existent  except  for  that  obtained  on  rigid 
test  stands  which  does  not  Include  the  significant  effects  of  rack/pylon/wlng  flexibility, 
temperature,  and  aerodynamic  store  loading  (2.2.1). 

(3)  The  further  development  of  optical  alignment  systems  to  precisely  align  the 
store  models  In  the  proper  aircraft  carriage  position  shows  much  promise  for  Increasing 
CTS  accuracy  (3.2.1. 3). 

(*4)  Additional  research  Is  required  to  determine  the  best  method  of  employing  the 
flow  angularity  technique.  Also  probe  Interference  effects  should  be  determined  (3.2.3). 

(5)  The  "limited  grid"  technique  assumes  that  the  Interference  effects  are  prima- 
rily functions  of  vertical  displacement  rather  than  Including  lateral  and  longitudinal  dis- 
placements or  rotations  as  In  the  normal  grid  technique,  A wind  tunnel  research  program 
should  be  conducted  to  determine  to  what  extent  this  assumption  Is  valid  (3.2.2). 

(6)  A wind  tunnel  research  program  should  be  conducted  to  further  Investigate  the 
effects  of  store  staggering  on  reducing  adverse  Installed  forces  and  moments  that  cause 
poor  separation  trajectories.  Multiple  carrier  configurations  could  possibly  be  optimized 
for  separation  as  well  as  reduced  drag  (5. *4. 1.1). 

(7)  The  aft  pivot  release  system  for  MER,  pylon,  and  fuel  tank  Jettison  Is  an 
excellent  approach  to  the  very  hazardous  problem  of  unstable  store  Jettison,  However, 
the  pivots  must  be  located  as  far  aft  on  the  Items  as  possible  and  restrain  the  Items  In 
pitch  as  long  as  possible  to  provide  optimum  results  (5.2), 

(8)  Additional  research  should  be  conducted  to  fully  develop  the  concept  of  self- 
compensating  dual  ejector  bomb  racks  (5. *4, 1,3). 

(9)  The  concept  of  "Conformal  Carriage"  offers  the  greatest  potential  for  Improve- 
ment of  separation  and  delivery  characteristics  for  ungulded  weapons.  Additional  wind 
tunnel  testing  Is  warranted  to  optimize  the  conformal  carriage  pallet  for  store  separa- 
tion and  to  eliminate  the  high  speed  pitch  problems  experienced  with  MK-82  bombs  (5.  *4.2). 
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I (10)  Flow  field  effects  can  be  extremely  Important  in  increasing  dispersion  and  j 

. degrading  delivery  accuracy  of  unguided  weapons.  Pattern  Improvements  for  "dumb  bombs"  j 

* can  be  realized  by  adopting  high  Impulse  tunable  bomb  ejector  racks  and  through  new  ' ■ 

[ developments  such  as  self-compensating  racks  and  Improved  carriage  concepts  such  as  ; 

, Vertical  Ejector  Racks  and  conformal  Carriage  (5.5).  | 

' i 

t 
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TABLE  1.  EFFECT  OF  THE  INTERFERENCE  FLOW  FIELD  ON  THE  TERMINAL  ACCURACY  OF  THE  M-117 
BOMB  RELEASED  FROM  THE  F-4  TER  AT  5,000  FEET  AND  MACH  NUMBERS  OF  0.5,  3.7, 


AND  0.9 

MISS  DISTANCES 

- METERS 

LEFT  WING  TER 

RIGHT  WING  TER 

®o® 

MACK  0.5/0. 

7/0.9 

®0® 

STATION 

RT  WG 

© 

_H6/-89/-140 

+14/+23/+33 

48/91/144 

© 

-9/-23/-')5 

+IO/+31/+38 

14/39/59 

© 

-7/-12/-12 

+43/+63/+87 

48/65/88 

LT  WG 

© 

-46/-89/-i1)0 

-14/-23/-33 

48/91/144 

© 

-11/-18/-18 

_iit/-65/-88 

46/67/96 

© 

-5/-18/-27 

-II/-32/-38 

12/37/47 

Negative  Downrange  is  Short 
Negative  Crossrange  is  Right 


TABLE  2.  DIFFERENCE  IN  DOWNRAGE  IMPACT  POINT  FOR  A DISPENSER  MUNITION  RELEASED  FROM 


THE 

F-4  BOTTOM  INBOARD  TER  STATION  AT  VARIOUS  MACH 

NUMBERS  - SINGLE 

AND 

SELF 

-COMPENSATING  DUAL  EJECTOR  RACKS 

IMPACT  DEVIATION 

COMPARISON 

Release  Conditions:  5,000 

ft,  straight  and 

level 

Standard 

TER 

1200  Lb  (5338  N) 

Ejector  Force 

Ejector  Moment 

Deviation 

Mach 

(Ft.  Lbs) 

(N.M) 

(Ft) 

(M) 

.5 

350 

475 

565  (S) 

172  (S) 

.7 

350 

475 

12  (S) 

4 (S) 

.9 

350 

475 

499  (S) 

152  (S) 

1.05 

350 

475 

484  (S) 

148  (S) 

1.2 

350 

475 

1010  (S) 

308  (S) 

Dual  EJ  ector  TER 

5,000  lb  (22,241  N) 

Ejector  Force 

Ejector  Moment 

Mach 

(Ft.  Lbs) 

(N.M) 

(Ft) 

(M) 

.5 

407 

552 

72  (L) 

22  (L) 

.7 

1087 

1474 

32  (L) 

10  (L) 

.9 

3657 

4958 

32  (L) 

10  (L) 

1.05 

4842 

6565 

74  (S) 

23  (S) 

1.2 

5729 

7767 

250  (S) 

76  (S) 

(S)  = W/INT  lands  short  of  no  INT 
(L)  = W/INT  lands  longer  than  no  INT 
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Figure  1 


Store  Separation  Parameters 
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Figure  9 F-4  Interference  Flow  Field  at  0.85  Mach  (Asymmetric  Configuration) 
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Figure  9 


F-*)  Interference  Flow  Field  at  0.85  Mach  (Asymmetric  Configuration) 
(Continued ) 
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(Continued) 


0.85  Mach  (Asymmetric  Configuration) 
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Figure  9 F-4  Interference  Flow  Field  at  0.85  Mach  (Asymmetric  Configuration) 
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Figure  9 F-'i  Interference  Flow  Field  at  0.85  Mach  (Asymmetric  Configuration) 
(Continued ) 
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F-I4  Interference  Flow  Field  at  0.85  Mach  (Asymmetric  Configuration) 
(Concluded ) 
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MODE  OF  TESTING 


INTERNAL  BALANCE  SUPPORT  (IBS) 


CORRECT  CONFIGURATION  OF  STORE, 
SUPPORTED  IN  CORRECT  CAPTIVE 
POSITION  BY  AN  INTERNAL  BALANCE 
ATTACHED  TO  THE  RACK 


IBS,  ALTERED  AFTERBODY 

STORE  WITH  ALTERED  AFTERBODY, 
SUPPORTED  IN  CORRECT  CAPTIVE 
POSITION  BY  AN  INTERNAL  BALANCE 
ATTACHED  TO  THE  RACK 


IBS,  DUMMY  STING 

STORE  WITH  ALTERED  AFTERBODY, 
SUPPORTED  IN  CORRECT  CAPTIVE 
POSITION  BY  AN  INTERNAL  BALANCE 
AHACHED  TO  THE  RACK,  WITH  A 
DUMMY  STING  PROPERLY  LOCATED 
TO  SIMULATE  STING-MOUNTING 


DUAL  - SUPPORT  (CBS  TECHNIQUE] 

STORE  WITH  ALTERED  AFTERBODY 
SUPPORTED  IN  APPROXIMATELY 
THE  CAPTIVE  POSITION  BY  THE 
CAPTIVE  TRAJECTORY  SYSTEM 
(CTS)  STING 


BALANCE  SENSES  SIX  COMPONENTS  OF 


FORCES  AND  MOMENTS  ACTING  ON  THE 
CORRECT  SHAPE  IN  THE  CORRECT 
CAPTIVE  POSITION 


FORCES  AND  MOMENTS  ACTING  ON  THE 
ALTERED  SHAPE  IN  THE  CORRECT 
CAPTIVE  POSITION 


FORCES  AND  MOMENTS  ACTING  ON  THE 
ALTERED  SHAPE  IN  THE  CORRECT 
CAPTIVE  POSITION,  AND  IN  THE 
PRESENCE  OF  A STING 


FORCES  AND  MOMENTS  ACTING  ON  THE 
ALTERED  SHAPE  IN  APPROXIMATELY 
THE  CAPTIVE  POSITION,  AND  IN  THE 
PRESENCE  OF  A STING 


Figure  20 


Four  Modes  to  Investigate  Store  Afterbody  Alteration  and  Sting 
Interference  Effects 
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P.Q.R  -ANGULAR  VELOCITIES 


X^.Y^.Z^  - POSITIONS 
h -ALTITUDE 

DELX,  DELY,  DELZ  -DISTANCES 
T -THRUST 


Figure  22 


Block  Diagram  Showing  Modules  and  Subroutines  of  a Typical 
Slx-Degrees-of-Freedom  Computer  Simulation  for  Trajectory 
Analysis 


Figure  2U 


F-1^  Flow  Angularity  Test 
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Figure  25  Pitch  and  Yaw  Time  Histories  of  a SUU-51/B  Bomb  Dispenser  Ejected 
from  the  Bottom  TER  Station  (Altitude  5,000  Feet  and  Mach  0.82) 
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FLOW-ANGULARITY  TECHNIQUE 

o CTS  WIND  TUNNEL  TEST  DATA 
oO  PHOTOGRAMHETRY  FLIGHT  TEST  RESULTS 


RELEASE  CONDITIONS: 

F-4  RIGHT  INBOARD  WING 
0.8  MACH  13,000  FEET 


Figure  26 


Correlation  of  Flow  Angularity,  CTS,  and  Plight  Test 
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Figure  29  Typical  Painting  Pattern  Used  for  Photogrammetrlc  Data  Reduction 
of  Store  Separation 
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DESCRIPTION 

TANK  CONFIGURATION 

BEFORE 


45°  L.E. SWEEP 
-26°  T.E. SWEEP 
3.3  FT2  exposed  AREA 


MOUNTING  ATTITUDE  (STATIC) 

PIVOTING  PYLON  STATIONS  - CENTER  LINE  OF  TANK  INCLINED 
2°  DOWN  FROM  AIRCRAFT  WATER  LINE 
WEIGHTS  (EJECTABLE,  RESIDUAL  FUEL) 

TANK  WITH  PIVOTING  PYLON  - 742  POUNDS 


Figure  33  FB-lllA  600-Ganon  (2271  Litre)  Tank/Pylon 
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CONVENTIONAL  MER  CONFIGURATION 


ADAPTER  FAIRING 


PROPOSED  PIVOTING  MER  CONFIGURATION 


Figure  37  Conventional  and  Proposed  Pivoting  MER  Configurations 


RESULTANT  FORCE  DUE 


Figure  38  F-15  Aft  Pivot  Mechanism 


(M)  (FT)  TYPICAL  FUEL  TANK  JETTISON  - WING 

X STATION  EMPTY  TANK 
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WING  STATION  EMPTY  TANK 

MACH  =0.88  LOAD  FACTOR  = 1 .Oq 

ALTITUDE  = 21,000  FEET 


Figure  111 


Comparison  of  F-15/600-Gallon  (2271  Litre)  Fuel  Tank  Captive  Trajectory 
System,  Freedrop,  and  Flight  Test  Data 
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MACH  NUMBER  =0.5 
LEVEL  RELEASE 
ALTITUDE  = 5000  FEET 

• SIMULATION 


MACH  NUMBER  =0.7 
LEVEL  RELEASE 
ALTITUDE  = 5000  FEET 

• SIMULATION 
A FLIGHT  TEST 


COLLISION  BOUNDARY 
(TYPICAL) 


COLLISION  BOUNDARY 
(TYPICAL) 
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Predicted  Releases  of  SUU-30  Dispensers  from  the  Bottom  Station 
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Flow  Field  Effect  on  the  Impact  Pattern  of  Six  M-117  Bombs  Released 
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Figure  56  Ground  Impact  Pattern  of  12  MK82  Bombs  Released  in  a Ripple  Mode 
at  100  Milliseconds  from  an  F-i)  Conformal  Carriage  Pallet  at 
Mach  0.95  Mach  and  1,900  Feet  AGL 
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SUMMARY 


This  paper  provides  a review  of  kinetic  heating  as  related  to  high  speed  tactical 
missiles.  The  aspects  considered  are  : the  design  problem;  areas  in  which  kinetic  heating 
is  important;  the  prediction  of  heating  in  attached  and  separated  flows;  measurements  on 
configurations  in  flight  and  in  wind  tunnels;  ground  simulation  of  flows  over  models;  and 
the  measurement  of  kinetic  heating.  The  experience  is  generally  obtained  from  studies  in 
related  areas  such  as  high  speed  aircraft,  reentry  vehicles,  etc.  rather  than  on  tactical 
missiles  since  little  information  appears  to  be  available  on  this  application  due  to  it 
being  a f/iirly  recently  confronted  problem  area.  Because  of  the  wide  coverage  of  the  field, 
a generous  list  of  references  is  provided  to  guide  the  reader  to  papers  gi  v i ng more  refined 
detai 1 s . 
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1 . INTRODUCTION 

Kinetic  heating  of  flight  vehicles  can  be  considered  a relatively  well  studied  problem 
at  present.  Experience  already  has  been  obtained  with  reentry  ballistic  missiles,  manned 
space  vehicles  and  high  speed  military  and  research  vehicles.  Heating  due  to  attached  flows 
over  simple  shapes  can  be  reasonably  well  predicted,  and  it  is  well  known  that  the  most 
critical  regions  are  at  stagnation  regions,  on  thin  structures,  such  as  wings  and  fins, 
and  in  the  regions  of  reattaching  shear  layers  caused  by  flow  interactions.  There  have 
been,  however,  few  publications  on  aerodynamic  heating  associated  with  tactical  missiles 
since  generally  flight  speeds  and  mission  times  have  been  small  enough  that  no  special 
design  is  required  to  combat  it.  For  missiles  with  a speed  range  above  Mach  2,  when  aero- 
dynamic heating  becomes  significant  in  structural  design  (Tq  260°C  at  sea  level,  see 
Fig.  1),  some  consideration  should  be  given  to  verify  whether  production  costs  of  thermally 
protected  vehicles  can  be  reduced  and/or  failures  minimized  by  appropriate  modification. 

It  is  thus  to  hypersonic  flow  studies  that  one  must  look  for  information  useful  to  mis- 
sile kinetic  hea t i ng . 

Compared  with  manned  vehicles,  which  require  to  have  a very  low  failure  rate  and  a 
cabin  environment  in  which  humans  can  exist,  the  design  of  a missile  to  counter  kinetic 
heating  does  not  necessarily  have  to  be  so  rigorous.  However,  it  is  desired  to  use  in- 
expensive materials  for  the  external  skin  whenever  possible  and  delicate  electronics, 
guidance  systems  or  payload  (for  example  most  bombs  and  fuses  have  as  their  explosive 
charge  some  form  of  TNT,  which  melts  at  80°C)  may  be  themselves  affected  by  heat.  Fur- 
thermore, the  wider  manoeuvre  margins  allowed  by  the  absence  of  a pilot  is  likely  to 
increase  the  likelihood  of  incurring  highly  localized  heating  rates  due  to  shock-surface 
i nteracti ons . 

In  most  cases  the  mission  of  a missile  includes  a short  dash  to  its  objective  at  a 
low  drag  incidence,  with  finally  rapid  manoeuvres  at  large  incidences  and  control  angles. 
The  result  of  this  is  that  steady  state  heat  transfer  and  relatively  isothermal  wall  con- 
ditions are  unlikely  to  exist  at  the  critical  regions  mentioned  earlier.  Hence  one  general 
problem  that  should  be  solved  is  a transient  heat  transfer  situation  with  anarbitrary  wall 
temperature  variation.  Another  critical  situation  is  that  missiles  carried  by  high  speed 
aircraft  to  their  launch  point  may  be  subjected  to  kinetic  heating  for  extended  periods 
such  that  the  skin  and  perhaps  most  of  the  internal  parts  may  achieve  temperatures  close 
to  the  flight  recovery  temperature.  Indeed,  the  performance  of  the  aircraft  could  be 
severely  limited  by  temperature  limits  of  the  store  (Ref.  1),  as  illustrated  in  figure  2. 
Active  cooling  systems  are  unlikely  to  be  used  because  of  their  complexity  and  cost. 
Protect! on , i f needed,  will  come  from  the  use  of  heat  sink  cooling,  use  of  appropriately 
high  temperature  resistant  materials,  low  thermoconductivity  materials  such  as  silicon 
rubber  and  from  the  use  of  low  temperature  ablators. 


A review  of  this  kind  is  likely  to  appeal  to  four  types  of  individuals:  the  missile 
designer,  the  missile  user,  the  researcher  and  the  educator.  These  individuals  may  require 
different  information.  The  designer  is  likely  to  require  information  at  all  levels  of 
sophistication.  In  the  preliminary  design  phases  only  time  and  money  for  simple  numerical 
predictions  will  be  available.  At  later  stages  of  design  as  more  capital  is  risked  by  poor 
design  then  more  sophisticated  numerical  calculations  or  wind  tunnel  tests  are  likely  to 
be  used.  An  organization  specializing  in  missile  design  over  an  extended  time  is  likely 
to  expend  much  effort  in  adapting  up-to-date  numerical  techniques  and  modern  instrumenta- 
tion and  facility  techniques  to  produce  the  most  optimum  design.  The  missile  user  has 
usually  an  interest  in  less  sophisticated  prediction  methods  to  enable  him  to  specify  the 
vehicle  he  wants,  and  to  assess  the  product  in  its  design,  trial  and  commissioning  phases. 
The  researcher  to  be  effective  and  useful  has  to  understand  current  problems  in  the  area 
in  order  to  fi'ep  ahead  of  the  requirement  of  the  designer  or  to  be  able  to  adapt  his 
researches  to  the  application.  The  educator  is  interested  in  providing  a suitable  training 
to  the  future  workers  in  the  field  in  fundamentals  and  experience.  The  article  is  written 
as  far  as  possible  keeping  all  these  requirements  in  mind,  but  it  must  be  emphasized  that 
the  subject  is  a broad  one,  and  hence  references  for  more  deeper  research  are  quoted  gener- 
ously in  order  to  keep  the  review  down  to  a reasonable  size. 

In  the  following  chapter  of  this  review,  the  elements  of  a design  calculation  are  out- 
lined. Chapter  3 outlines  flow  situations  in  which  kinetic  heating  is  most  likely  to  be 
a problem.  Chapter  4 deals  with  a review  of  prediction  methods  for  attached  flow  situations 
Heat  transfer  involved  with  flow  interactions  are  discussed  in  Chapter  5.  Some  applications 
to  configurations  are  presented  in  Chapter  6.  Finally,  some  remarks  on  wind  tunnel  facili- 
ties for  simulating  aerodynamic  heating  are  given  in  Chapter  7. 


2.  GENERAL  DESIGN  PROBLEM 

A general  but  realistic  design  problem  that  may  be  considered  is  the  heat  transfer  to 
a skin  of  finite  thickness  by  forced  convection,  conduction  through  the  skin  and  radiation 
from  its  surface  to  the  exterior  gas  and  the  interior  components  as  well  as  internal  free 
convection.  The  problem  is  illustrated  in  figure  3.  A few  remarks  on  ablation  protection 
will  be  made  at  the  end  of  this  chapter.  The  equations  can  be  generalized  as  follows 
(Ref.  2). 
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fluid  velocity  decreases  from  the  free  stream  velocity  at  the  outer  edge  to  zero  ad-  i 

jacent  to  the  wall.  With  this  zero  velocity  condition,  heat  can  be  transferred  between 
the  fluid  and  the  body  only  by  conduction.  This  may  be  represented  by  Fourier's  heat 
conduction  law  : 

q = (S  (1) 

y = 0 


In  practice,  especially  for  turbulent  boundary  layers,  to  calculate  the  temperature 
gradient  near  the  wall  is  complicated  and  hence  the  convection  process  is  usually  repre- 
sented by  : 

q = h(T^-T^)  (2) 

where  h is  a heat  transfer  coefficient  (units  watts/m^K)  for  q in  watts/m^  and  temperature 
in  K)  to  be  calculated  by  appropriate  solution  of  the  boundary  layer  equations  and  Tw  is 
the  wall  temperature.  Tf,  the  recovery  temperature  (sometimes  known  as  the  adiabatic  wall 
temperature)  is  calculated  from  : 


2 

u^ 


r is  a recovery  factor  usually  given  a value  of  Pr<>*5  (where  Pr  is  the  Prandtl  number  = 
uc„/k  and  which  has  a value  between  0.68-0.72  depending  on  temperature)  for  laminar  flows 

P 1/3 

and  0.89  or  (Pr)  for  turbulent  flows. 

Radiation  from  wal 1 

The  surface  will  be  losing  heat  by  radiation  to  its  surroundings  at  a rate  given  by 
the  Stefan-Bol tzmann  law  : 

q^  = 0 e T^^  (4) 

where  t is  the  surface  enissivity  factor  (tabulated  for  various  materials  in  Ref.  2)  and 
0 has  a value  of  5.67x10'®  W/m^K**  to  give  q in  W/ra^  . 

Radiation  to  wall 

The  surface  will  be  receiving  back  heat  by  radiation  from  the  surrounding  air  of  the 
amount  : 


Rr  - 0 c cg  T"  (5)  (5) 

where  eg  is  the  gas  emissivity  and  T is  the  temperature  of  the  radiating  gas.  This  source 
of  heat  transfer  is  usually  small  in  comparison  with  the  forced  convection  heat  input. 


Conduction  through  the  skin 

Here  one  must  consider  the  transient  condition  that  the  heat  transfer  is  time  variant, 
and  hence  the  energy  storage  in  the  material  must  be  considered  in  addition  to  heat  con- 
duction. The  general  equation  is  known  as  the  Fourier-Poisson  heat  conduction  equation 
which  in  rectilinear  coordinates  is  given  by  : 


il  ^ 

(ill 

. ill  . 

a^T 

3t 

3y2 

3z2 

(6) 


where  a = '' s thermal  diffusivity  of  the  material.  This  is  a parabolic  partial 

equation  which  requires  an  initial  condition  of  the  temperature  distribution  at  time  t=0 
and  such  boundary  conditions  as  the  heat  transfer  rate  (or  surface  temperature)  variation 
with  time  at  the  two  bounding  surfaces  over  the  calculation  period. 


The  solution  is  considerably  simplified  if  equilibrium  conditions  hence  steady  or 
quasi-steady  state  conditions  are  achieved  when  the  Fourier  heat  conduction  equation  is 
applicable,  i.e.  : 


MTi-Tj) 

q = (7) 

y 

where  Tj  and  T^  are  the  temperatures  at  the  two  bounding  surfaces.  A quasi-steady  state 
situation  occurs  when  the  time  for  a significant  change  in  average  wall  temperature  is 
very  large  when  compared  to  the  characteristic  time  i^/a,  where  i is  the  mean  thickness 
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Radiation  to  Interior 

The  equations  for  this  contribution  are  similar  to  equations  4 and  5. 

Natural  convection  in  interior 

The  fluid  motion  is  caused  by  density  differences.  The  heat  transfer  rate  is  usually 
determined  from  correlations  involving  the  equation  : 

Nu  = K (Gr.Pr)"  (8) 

h X 

where  N is  the  Nusselt  number  = ; 

Gr  is  the  Grashof  number  = aTx^p^b 

u^ 

where  6 is  a coefficient  of  volumetric  expansion  and  aT  is  a temperature 
di f ference . 

All  these  equations  should  be  solved  simultaneously  to  arrive  at  the  time  history  of 
skin  or  interior  temperature  during  a mission.  If  quasi-steady  state  conditions  are 
achieved,  considerable  simplification  is  achieved  because  of  the  change  in  conduction  solu- 
tion from  equation  6 to  equation  7.  In  many  cases  some  of  the  contributions  to  heat  trans- 
fer will  be  negligible  and  can  be  safely  dropped  from  the  calculation.  The  solution  of 
the  general  heat  transfer  problem  for  typical  aircraft  or  missile  structures  usually  in- 
volves a finite  element  approach  (Refs.  4,  5)  involving  the  solution  of  a large  number  of 
simultaneous  equations  to  be  solved  on  a digital  computer  or  analogue  simulator.  An  ap- 
proximate approach  has  been  applied  in  reference  6.  The  transient  conduction  problem  is 
out  of  the  scope  of  this  lecture,  but  the  latter  three  references  provide  a preliminary 
guide  to  the  subject.  More  sophisticated  techniques  and  computer  codes  may  arise  from  the 
present  great  interest  in  heat  transfer  in  space  vehicles. 

This  section  serves  to  illustrate  that  the  forced  convection  source  of  heating  (in 
this  application  known  as  aerodynamic  heating  or  kinetic  heating)  provides  a primary  role 
in  determining  a missile's  capability  of  withstanding  thermal  effects.  The  normal  input 
into  a design  program  is  the  heat  transfer  coefficient,  h,  which  is  often  given  in  its 
non-dimensional  forms  : 


where  x is  a distance  from  the  stagnation  point,  k is  the  thermal  conductivity  of  the  gas, 
u the  local  gas  velocity  and  Cp  the  specific  heat  of  the  gas.  St  is  a statement  of  the 
proportion  of  energy/unit  area  of  flow  transferred  to  unit  area  of  surface.  Nusselt  number 
is  related  to  Stanton  number  through  the  Reynolds  number  (ratio  of  inertia  forces  to  vis- 
cous forces)  and  the  Prandtl  number  (ratio  of  "momentum  diffusivity"  or  kinematic  visco- 
sity to  thermal  diffusivity,  v/a  or  uCp/k)  by 

Nu  = St.Re.Pr  (11) 

Such  values  can  be  predicted  by  various  methods  of  differing  complexity  ranging  from 
empirical  relationships  to  full  solution  of  the  time-dependent  three  dimensional  Navier- 
Stokes  equations  to  be  described  in  the  following  chapters. 

Ablation  protection  will  not  be  dealt  with  in  this  notes.  Its  use  can  be  expected  only 
for  hypersonic  speeds.  For  example,  the  X-15  (Ref.  7)  flew  at  speeds  up  to  Mach  6 without 
such  protection.  For  an  extension  of  its  speed  range  to  Mach  8,  ablation  materials  to  pro- 
tect its  nose  and  wing  leading  edges  were  examined  (Ref.  8).  A description  of  the  devel- 
opment of  the  thermal  protection  system  for  the  Apollo  spacecraft  is  discussed  in  refer- 
ence 9 and  for  the  Space  Shuttle  in  reference  10.  An  up-to-date  review  of  ablation  in 
eluding  119  references  is  given  in  reference  11. 

3.  FLOW  SITUATIONS  CONTROLLING  HEAT  TRANSFER  ON  A MISSILE 

A series  of  descriptive  examples  will  be  given  in  this  chapter  to  provide  the  back- 
ground for  the  review  and  to  aid  the  location  of  possible  areas  of  high  heating. 

3.1  Axisymmetric  body  at  zero  incidence 


A typical  body  is  given  in  figure  4.  The  vehicle  should  have  a blunt  nose  if  the  ve- 
hicle speed  is  high  enough  such  that  kinetic  heating  is  important.  As  will  be  illustrated 
later,  stagnation  heating  is  inversely  proportional  to  the  square  root  of  nose  radius,  and 
furthermore  it  is  desired  to  conduct  heat  away  from  this  critical  region.  Along  the  cone 
surfaces  an  axisymmetric  laminar  boundary  layer  will  develop.  When  a particular  value  of 
Rey no  1 ds number  is  achieved,  the  flow  will  undergo  a transition  to  a turbulent  boundary 
layer,  when  heat  transfer  rates  will  be  typically  tripled  above  the  laminar  values  which 
would  have  existed  at  that  point  without  transition.  The  transition  region  will  be  quite 
extensive,  sometimes  of  the  order  of  the  length  of  the  laminar  region,  and  the  heat  trans- 
fer rate  will  rise  monotonical ly  from  the  laminar  to  the  turbulent  level. 


The  expansion  around  the  corner  will  cause  a gradual  drop  in  heat  transfer  rate  to  its 
cylinder  value.  The  flare  on  the  body  could  cause  a sufficiently  high  induced  pressure 
gradient  to  separate  the  boundary  layer  which  can  initially  lower  or  raise  the  heat  trans- 
fer rate  whether  the  boundary  layer  is  laminar  or  turbulent,  respectively.  If  separation 
exists  on  the  flare,  there  will  exist  locally  an  intense  increase  in  heat  transfer  rate 
just  downstream  of  flow  reattachment  to  a value  many  times  that  of  the  undisturbed  flow 
and  sometimes  even  greater  than  the  stagnation  point  value.  The  flow  will  expand  and  devel- 
op in  a similar  way  as  past  the  shoulder,  and  finally  expand  around  the  base.  Some  inter- 
action with  the  ehgine  exhaust  plume  may  cause  locally  high  heat  transfer  rates  on  the  base. 

3 . 2 Body  at  angle  of  attack 

In  this  case,  the  boundary  layer  is  three  dimensional  providing  more  complication  than 
axisymmetric  flows.  A stagnation  line  will  occur  along  the  windward  generator  and  there 
exists  a cross  flow  at  the  body  side  surfaces  with  an  angle  greater  than  the  incidence  of 
the  body  to  the  stream.  A characteristic  of  the  three  dimensional  boundary  layer  is  that 
the  direction  of  the  shear  stress  at  the  surface  is  different  from  that  of  the  flow  at  the 
edge  of  the  boundary  layer,  with  the  result  that  the  profile  is  skewed.  Depending  on  the 
degree  of  skewhess  determines  whether  the  profile  in  the  outer  flow  streamwise  direction 
can  be  considered  quasi -two  dimensional  in  the  boundary  layer  solutions.  Uith  the  change 
to  an  adverse  pressure  gradient,  as  the  flow  passes  around  the  body,  the  flow  is  likelv 
'to  separate,  flow  aligning  shocks  are  formed  and  the  flow  reattaches  giving  a vortex  flow 
behaviour.  Lines  of  high  heat  transfer  rate  are  formed  in  the  region  of  flow  reattachment 
lines.  The  level  of  heat  transfer  rate  here  does  not  usually  exceed  typical  stagnation 
point  va 1 ues  . 

3.3  Component  interactions  (illustrated  in  figure  5) 

Aerodynamic,  flap  and  jet  control  and  other  protuberances  will  all  have  the  effect  of 
causing  separation,  hence  high  energy  shear  layer  reattachment,  the  cause  of  localized 
regions  of  high  heat  transfer  rates.  Such  flows  may  be  subject  to  spanwise  non-uniformities 
of  the  oncoming  stream  as  well  as  finite  span  effects. 

3.4  Wing-body  interactions  (figures  5,  6) 

At  zero  incidences,  corner  boundary  layer  flows  will  cause  minor  localized  high  heat 
transfer  rates  near  the  corher.  Much  more  severe  problems  occur  with  wings  or  tails  at 
incidence  in  the  presehce  of  a body. 

On  the  windward  surface  of  such  protuberances,  a three  dimensiohal  separated  region 
occurs  and  a region  of  very  high  heat  transfer  rate  is  found  on  the  body  near  the  wing 
body  junction.  On  the  leeward  surface  of  the  wing,  if  it  is  reasonably  highly  swept, 
leading  edge  vortex  flow  will  occur  with  the  reattaching  shear  layer  likely  to  cause  high 
heat  transfer  rates  on  the  body  along  a line  centered  near  the  wing  root  at  its  leading 
edge.  The  surfaces  within  gaps  between  all  moving  control  surfaces  also  are  likely  to 
encounter  high  heating  rates. 

3.5  Shock  interactions  (illustrated  in  figure  7) 

Shocks  caused  by  the  nose  on  aerofoil  leading  edges  or  by  accompanying  bodies  such  as 
boosters  engines  or  stores  on  a body,  wing  or  pylon  are  also  the  cause  of  severe  heating 
problems.  If  the  shock  is  directed  towards  a stagnation  region,  many  types  of  interaction 
can  occur,  some  of  which  cause  very  high  local  heat  transfer  rates. 


4.  ATTACHED  FLOW  HEAT  TRANSFEK 

In  this  section  we  assume  that  the  flow  can  be  dealt  with  by  using  the  thin  boundary 
layer  approach  with  boundary  conditions  defined  by  i nvi scid  flow  solutions.  Again,  these 
latter  solutions  can  be  obtained  at  various  degrees  of  compl i cat  ion  and  have  been  dealt 
with  ih  other  parts  of  the  Lecture  Series.  Flows  over  simple  configurations  can  be  solved 
using  the  gasdynamic  isehtropic  relations,  flow  across  normal  or  oblique  shocks,  Prandtl- 
Meyer  expahsioh,  Newtonian  and  modified  Newtonian  theories,  tangent  cone  and  tangent  wedge 
methods  (see  for  example  Refs.  12,  13).  More  complicated  solutions  of  the  inviscid  super- 
sonic flow  relations  involve  the  method  of  characteristics  (Ref.  13), panel  methods  (Ref. 
14)  ahd  the  most  up-to-date  are  the  modern  successice  line  over-relaxation  techniques  with 
fast  solvers  (NASA  Ames  Illiac  Group)  etc.  Turning  to  the  v i scous  part  of  the  solution 
which  involves  the  solution  of  the  compressible  laminar  and  turbulent  boundary  layer  equa- 
tions (in  their  differential  or  more  simple  integral  forms),  a good  overall  review  (em- 
phasizing turbulent  fl ows .however)  appears  in  a book  by  Cebeci  and  Smith  (Ref.  i5)  of  the 
McDonnell  Douglas  Aircraft  Company  suitable  for  application  to  aircraft  and  missiles.  The 
full  equations  are  presented  and  discussed  in  this  book.  Although  the  subject  of  heat 
transport  is  introduced,  however,  the  contents  of  this  book  little  discusses  applications 
in  heat  transfer. 

The  solution  of  the  boundary  layer  equations  are  usually  approached  in  many  ways  in- 
volving different  degrees  of  complication  : firstly,  "simple"  methods  involve  correlation 
methods,  integral  methods  and  transformations  to  the  inviscid  equations,  secondly,  numer- 
ical solutions  of  the  partial  differential  equations.  Suitable  available  solutions  will 
be  briefly  reviewed  in  the  following  subsections  by  using  the  state  of  the  boundary  layer 
as  the  primary  classification.  The  simple  correlation  methods  mentioned  are  presented  in 
references  2 and  16.  Many  such  simple  methods  are  being  used  in  the  design  of  the  space 


shuttle  orbiter  showing  that  *-his  approach  should  not  be  scorned  (Ref.  17). 

4 . 1  Stagnation  regions 

A summary  of  early  work  on  stagnation  point  heating  on  spherical  and  cylindrical  shapes 
was  made  by  Fay, Riddell  and  Kemp  (Ref.  18).  The  most  widely  used  predictions  are  those 
developed  from  the  expressions  of  Fay  and  Riddell  (Ref.  19)  for  these  cases.  Without  flow 
dissociation,  the  following  formula  is  used 
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where  p,  u,  h,  p are  density,  velocity,  enthalpy  and  viscosity  and  subscripts  w,  e,  o mean 
at  the  wall,  at  the  outer  edge  of  the  boundary  layer  and  at  the  stagnation  point  and  s is 
the  distance  f rom t he  s tagna t i on  point.  Using  modified  Newtonian  theory,  the  velocity  gra- 
dient at  the  stagnation  point  of  a sphere  or  cylinder  with  radius,  R^^,  is 


(13) 


where  Rj^  is 'the  sphere  radius  and  stagnation  pressure. 

The  heat  transfer  on  the  stagnation  lines  of  yawed  cylinders  (representing  leading 
edges  of  swept  wings  or  bodies  at  high  angles  of  attack)  is  discussed  in  reference  20.  At 
large  free  stream  Mach  numbers,  the  effect  of  yaw  is  essentially  to  correct  the  unyawed 
value  by  (cosa)***  where  a is  the  sweep  angle.  At  high  enough  Reynolds  numbers  and  angles 
of  sweep  from  40°  to  60°,  it  was  found  that  the  boundary  layer  on  a swept  cylinder  was 
completely  turbulent  even  at  the  stagnation  line. 

4 . 2  Laminar  boundary  layer 


A first  order  approximation  concerns  considering  a surface  as  part  of  a flat  plate. 
Eckert  (Ref.  21)  amongst  others  has  shown  that  for  a wide  range  of  Mach  numbers  and  temper- 
atures, a close  approximation  is  obtained  for  the  skin  friction  coefficient  on  a flat  plate 
in  laminar  (and  turbulent)  flow,  by  using  the  incompressible  value  evaluated  at  a temper- 
ature according  to  an  intermediate  (or  reference)  enthalpy  (or  temperature  for  a perfect 
gas).  Application  of  a Reynolds  analogy  factor,  relating  the  Stanton  number  to  the  skin 
friction  is  then  used.  A value  of  Pr'®*^,  equal  to  1.18  for  Pr  = 0.72  as  ascribed  to 
Colburn  is  usually  used  for  this  factor. 

Heat  transfer  over  more  complicated  axisymmetric  shapes  may  be  dealt  with  the  simila- 
rity analysis  of  Lees  (Ref.  22).  More  sophistication  and  probably  adequate  accuracy  may 
be  obtained  by  the  relatively  easy  application  of  the  Cohen  and  Reshotko  (Ref.  23)  method 
based  on  exact  solutions  for  specified  pressure  gradients  and  heat  transfer. 

An  efficient  numerical  scheme  for  both  two  dimensional  and  axisymmetric  flows  is  pre- 
sented by  Cebeci  and  Smith  (Ref.  15)  based  on  the  Keller-Box  computational  technique.  In 
their  book,  however,  they  provide  little  evidence  as  to  its  accuracy  in  predicting  heat 
transfer. 

4.3  Transition 


Transition  location  usually  provides  the  largest  uncertainty  in  thermal  protection 
design  systems  (see  for  example  Ref.  10  concerning  the  Space  Shuttle  design).  This  may  not 
be  so  critically  important  in  high  supersonic  speed  missiles  since  the  chief  problem  areas 
are  likely  to  be  on  stagnation  regions  and  regions  of  impinging  shear  layers.  There  have 
been  numerous  correlations  of  transition  location. 

For  a first  order  application,  it  can  generally  be  assumed  that  transition  will  com- 
mence in  the  range  of  Reynolds  numbers  based  on  distance  from  the  leading  edge,  Re^,  of 
around  SxlO^.  A more  convenient  parameter  to  use  is  one  based  on  a local  boundary  layer 
parameter  such  as  Re0.  Use  of  such  a parameter  also  reflects  the  reluctance  of  a boundary 
layer  to  undergo  transition  in  a favourable  pressure  gradient.  A value  of  Re  = 360  is 
a universally  used  value  (corresponding  to  an  Re^^  of  3*105  on  a flat  plate,  ’ 
with  zero  pressure  gradient). 

References  15,  24,  25  give  formulae  which  relate  the  transition  momentum  thickness 
Reynolds  number,  Re„  x_,  with  the  transition  x-Reynolds  number  and  which  claim  to  take 

into  account  pressure  gradient.  For  transition  on  airfoils,  Crabtree  (Ref.  26)  correlated 
data  with  Re^  against  a pressure  gradient  parameter  m . - ^ ^ and  found  that  appro- 
priate data  collapsed  on  this  line.  These  methods  relate,  however,  to  incompressible  flow. 
Hopkins  et  al  . (Ref.  27)  prepared  some  useful  charts  for  estimating  boundary  layer  trans- 
ition in  supersonic  flows.  This  report  reflects  the  number  of  parameters  important  in  des- 
cribing compressible  boundary  layer  transition.  Benek  and  High  (Ref.  28 j have  developed  a 
transition  point  prediction  technique  for  compressible  flows  incorporating  free  stream 
disturbances  and  weak  pressure  gradients  which  has  met  with  reasonable  success  for  simple 
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configurations.  All  these  reports  provide  simple  criteria  for  a very  complicated  ard  truly 
unsolved  problem  area.  The  most  recent  review  of  the  subject  by  Morkovin  (Ref.  29)  accen- 
tuates this  point. 

Transition  does  not  occur  instantaneously  but  usually  over  a considerable  length,  which 
for  high  speed  flows  can  be  of  the  same  order  as  that  over  which  the  laminar  boundary  layer 
develops.  Dhawan  and  Narashima  (Ref.  30)  demonstrate  the  particular  behaviour  of  the  mean 
velocity  profiles  within  a transitional  boundary  layer  and  tiave  provided  an  empirical  corre- 
lation concerning  the  length  of  transition.  Masaki  and  Yakura  (Ref.  :i)  have  shown  that  the 
length  of  transition  over  a large  Mach  number  range  of  conditions  can  be  reascably  approx- 
imated to  the  length  of  laminar  flow.  Chen  and  Tyson  (Ref.  32)  >'ave  developed  a correlation 
for  transition  occurring  on  blunt  bodies  for  both  compressible  and  incompressible  flow. 

The  heat  t ra ns f e r d i s t r i bu t i on  in  a transition  region  is  often  assumed  to  fo’low  a 
linear  variation  joining  the  laminar  value  at  the  beginning  of  transition  to  the  turbulent 
value  at  the  end  of  transition.  Slightly  more  sophistication  is  achieved  by  incorporating 
the  physics  of  turbulent  spot  development  in  a simple  fashion  by  "sharing"  the  laminar  and 
heat  transfer  rates  using  an  i ntermi ttency  distribution  similar  to  that  of  reference  30, 
i . e . : 

y(x)  = 1 - exp  [-0.412{  (x-x^^)/Ax)-'J  (14) 

where  ix  = ( tend"  ^ tr  ^ ^ ^ ’ ’‘tr  *tend  position  of  the  beginning  and  end  of 

transition. 

For  precise  prediction  of  transition  heating,  note  should  be  made  of  the  so  called 
" precu r s or ef f ec t s " at  high  Mach  numbers  (Ref.  33). 

Some  more  sophisticated  methods  have  been  used  to  calculate  the  boundary  layer  through 
transition.  Harris  (Ref.  34)  developed  a method  for  high  Mach  numbers  cases.  This  requires, 
however,  empirical  information  concerning  transition  location,  transition  length  and  an 
i ntermi ttency  distribution  to  modify  the  eddy  viscosity  distribution  through  the  transi- 
tional boundary  layer.  A similar  approach  has  been  developed  by  Adams  (Ref.  35).  The 
Cebeci-Smith  (Ref.  15)  method  is  in  a more  practical  state  for  predicting  missile  flows, 
but  requires  siri.ilar  empirical  techniques. 

Shamroth  and  McDonald  (Ref.  36),  however,  have  used  a different  approach  in  developing 
a practical  method  for  computing  the  development  of  the  boundary  layer  flow  during  trans- 
ition which  also  takes  into  account  boundary  conditions  such  as  free  stream  turbulence 
and  wall  roughness.  The  method  also  copes  with  rel ami nari za ti on  . 

4 . 4 Turbulent  boundary  layer 

As  in  the  case  of  laminar  boundary  layers,  a first  order  a pprox i ma t i on  of  calculating 
the  heat  transfer  rate  on  a surface  is  in  assuming  that  it  is  a flat  plate  with  locally  a 
zero  pressure  gradient.  An  appropriate  reference  enthalpy  method  to  obtain  skin  friction 
is  that  of  Eckert  (Ref.  21)  and  Sommer  and  Short  (Ref.  37).  Spalding  and  Chi  (Ref.  38) 
have  presented  a summary  of  early  correlation  methods  for  prediction  of  skin  friction  for 
compressible  flow  up  to  1964  and  developed  an  appropriate  s em i -empi r i ca 1 method.  A more 
recent  method  is  that  or  White  and  Cristophe  (Ref.  39). 

Care  must  be  taken  to  apply  an  appropriate  value  of  ^he  Reynolds  analogy  factor  to  be 
used  to  assess  heat  transfer  information  (through  the  Stanton  number)  from  the  predicted 
skin  friction  coefficients.  Hopkins  and  Inouye  (Ref.  40),  in  providing  the  latest  of  many 
survey  papers  on  correlation  methods  for  predicting  compressible  boundary  layers  have  in- 
dicated that  the  Van  Driest  method  (Ref.  41)  with  a Reynolds  analogy  factor  of  1.0, 

Spalding  and  Chi  (Ref.  38)  and  Eckert  (Ref.  20)  with  a von  Karman  Reynolds  analogy  factor 
(see  Ref.  42)  give  the  best  predictions  of  heat  transfer  rate.  The  virtual  origin  of  the 
turbulent  boundary  layer  used  to  define  the  flow  Reynolds  number  is  normally  taken  near 
the  end  of  transition. 


Some  scope  for  improvement  over  a wider  range  of  wall  to  recovery  temperature  ratios 
may  arise  from  application  of  Bradshaw's  "Van  Driest  III"  method  (Ref.  43)  of  piedicting 
skin  friction  which  is  based  on  a more  generalized  velocity  profile  law.  However,  at 
present  no  application  of  this  to  heat  transfer  prediction  has  yet  been  perceived  in  the 
literature.  A value  of  Reynolds  analogy  factor  near  1.1  appears  to  provide  a suitable  mean 
of  values.  Two  examples  of  comparisons  of  Eckert's  (Re*'.  21)  method  with  data  from  flight 
are  shown  in  figures  8,  9 taken  from  the  Bushnel 1 et  al  article  (Ref.  44).  All  of  these 
preceding  methods  are  developed  for  zero  pressure  gradient,  but  usually  appear  to  give 
reasonable  predictions  of  flows  with  modest  pressure  gradients. 

Integral  m ;thods  solve  the  von  Karman  integral  momentum  equation  along  with  various 
auxiliary  equations.  These  methods  provide  reasonably  accurate  predictions  for  a wide  range 
of  flow  conditions  except  under  severe  pressure  gradients,  non  equilibrium  boundary  layer 
conditions  and  to  flows  where  the  empirical  correlations  used  within  do  not  apply.  The 
methods  provide  fast  and  inexpensive  calculations,  but  have  their  limitations.  A recent 
review  of  these  is  given  in  reference  44. 

Significant  advances  are  being  made  in  solving  the  full  boundary  layer  equations  and 
are  being  incorporated  in  design  codes  (Refs.  44,  45,  46).  Once  this  sophistication  is 
considered  for  missile  of  aircraft  applications,  the  full  three  dimensional  equations 
should  be  taken  into  account.  An  optimistic  review  of  current  research  programs  given  in 


references  44  and  47  indicate  that  with  increasing  capabilities  of  digital  computer  sys 
and  the  matui ing  of  three  dimensional  inviscid  flow  field  codes,  general  purpose  three 
dimensional  boundary  layer  codes  (i.e.,  attached  flow  cases)  will  become  available  in  t 
next  two  or  tnree  year  period.  Designers  should  keep  themselves  up-to-date  on  this  prog 

An  example  of  such  full  solutions  is  the  mean  field  closure  methods.  There  are  usua 
four  closure  assumptions  which  must  be  specified  before  a solution  can  be  obtained.  Ttir 
of  them  are  those  familiar  in  incompressible  solutions  to  define  the  Reynolds  stresses 
through  the  eddy  viscosity  or  mixing  length,  i.e.,  the  wall  damping  region,  law  of  the 
red i on  and  wake  or  outer  region.  The  fourth  involves  deal’'j  with  the  Reynolds  heating 
v'h',  which  is  generally  handled  through  the  use  of  a "turbulent  conductivity"  ; 

7^  = . II  (15 

which  then  allows  the  definition  of  a "turbulent  Prandtl  number"  : 

P,-^  E ^ or  K = (16 

Once  Prt  is  known,  the  model  for  Reynolds  stress  can  be  used  to  determine  r. 

There  are  several  codes  available  that  are  applicable  to  the  kinetic  heating  problem  an 
which  are  well  documented.  Examples  are  the  method  of  Bradshaw,  Ferris  and  Atwell  (upda 
■■nd  put  in  Fortran  IV  language  in  Ref.  48),  StanS  (explained  in  detail  in  Ref.  49)  base 
on  the  Spalding  and  Patankar  numerical  scheme. 

5.  VISCOUS  INTERACTIONS 

The  most  severe  heating  problems  of  high  Mach  number  flight  are  associated  with  vis 
inviscid  interactions.  Complicated  geometries  expected  in  praxtical  configurations  can 
regions  of  hinh  compression  causing  the  flow  to  separate.  High  values  of  heating  are  th 
obtained  near  the  flow  reattachment  positions.  Such  "hot-spots"  can  lead  to  heat  transf* 
rates  sometimes  considerably  higher  than  the  stagnation  region  values.  Normally,  for  pr. 
tical  vehicles  at  cruise  or  design  flight  conditions,  the  interactions  will  occur  in  re 
gions  of  turbulent  flow.  An  excellent  survey  on  such  interactions  is  given  by  Korkegi 
(Ref.  50). 

Prediction  of  even  the  simplest  of  these  flows  is  extremely  difficult.  The  type  of 
field  is  categorized  according  to  the  order  of  magnitude  of  a characteristic  Reynolds  ni 
If  the  Reynolds  number  is  large,  the  flow  is  made  up  of  regions  which,  to  a great  exten 
can  be  described  by  Euler's  equations  for  inviscid  flow,  or  by  Prandtl's  eq  ations  for 
boundary  layer  flow.  However,  the  full  Na v i er- S to kes  equations  usually  are  needed  for  tl 
description  of  the  flow  in  local  zones  where  the  above  approximations  fail;  the  existeni 
of  such  zones  tends  to  be  the  rule  rather  than  the  exception  in  practical  missile  flow 
fields.  These  regions  in  which  the  Navi er-Stokes  equations  are  needed,  although  small, O' 
have  an  important  influence  over  the  complete  flow  and  they  are  an  essential  feature  o- 
the  flow  field  for  the  determination  of  the  overall  solution.  Some  classical  examples  ai 
flow  in  the  region  of  a wing  trailing  edge,  shock-boundary  layer  interactions,  boundary 
layer  flow  past  a come*-,  ba  ,e  flow,  separation  'ver  a compression  corner,  etc. 

Large  Reynolds  number  flows  are  likely  to  be  turbulent  and  this  is  a feature  of  prai 
tical  missile  flows.  The  Navier-Stokes  equations  remain  valid  for  turbulent  flows,  but 
numerical  prediction  of  such  flows  with  existing  methods  and  computers  cannot  deal  with 
the  small  scale  three  dimensional  turbulent  fluctuations.  The  result  is  that  the  time 
averaged  Na v i er- Stokes  equations  are  employed  together  with  additional  relations  or  dif 
ferential  equations  for  the  var  jjs  correlation  terms  in  order  to  close  the  system  of 
averaged  equ.ations.  These  additional  equations,  which  constitute  a turbulence  model,  an 
necessarily  highly  empirical.  Hence,  the  usefulness  of  a calculation  involving  turbuleni 
is  linked  strongly  to  the  validity  of  turbulence  model  used. 

Solutions  are  being  accomplished  for  simple  flows  at  present,  but  full  solutions  of 
flow  over  configurations  at  realistic  Reynolds  numbers  at  a design  level  are  not  envisai 
for  at  least  10  years  (Ref.  47).  The  situation  at  present  is  that  much  reliance  on  pred 
tion  of  kinetic  heating  in  regions  of  flow  interaction  is  based  on  empirical  analysis  o 
ex periimen ta  1 information.  Such  methods  are  likely  to  persist  for  the  far  future,  not  on 
to  provide  information  to  designers  but  also  to  computer  program  developers.  It  is  for 
this  reason  that  later  on  in  this  review,  importance  is  given  to  reviewing  existing  and 
future  wind  tunnel  projects. 

Each  of  the  types  of  interaction  mentioned  in  chapter  3 are  discussed  in  the  follow 
subjections. 


5.1  Conic 


?ssion  corners  and  shock  interactions 


Extensive  measurements  of  'upersonic  laminar,  transitional  and  turbulent  boundary  1, 
separution  over  various  configurations  including  a compression  corner  were  made  by  Chapi 
Kuehn  and  Larsen  (Ref.  51).  They  clearly  showed  the  strong  influence  of  transition  and 
much  larger  pressure  gradients  associated  with  turbulent  than  with  laminar  separation, 
review  of  boat  transfer  in  separated  and  reattached  flows  was  presented  by  Fletcher,  Br 
and  Page  (Ref.  52)  in  1970.  A more  recent  and  rather  complete  review  on  the  overall 
yrcblems  of  two  dimensional  laminar  and  turbulent  shock  wave-bounoary  layer  interaction 


in  high  speed  flows  has  been  made  in  1975  by  Hankey  and  Holden  (Ref.  53).  For  a designer, 
the  most  important  information  of  interest  is  the  shock  strength  {impinging  or  induced 
by  a wedge)  required  to  achieve  incipient  separation,  the  l.'ngth  of  the  separated  region 
and  angle  or  the  boundary  shear  layer  for  a particular  shock  strength  and  the  heatihg 
level  within  the  separated  region  and  at  or  near  the  reattachment  point  for  particular 
flow  conditions.  Correlations  of  some  sort  are  available  for  each  of  these  parameters, 
but  however,  only  for  simplified  geometrical  situations  such  as  two  dimensional  flat  plate 
flow  or  ax i syroraetr i c flow  and  generally  only  for  fully  laminar  and  fu'ly  turbulent  condi- 
tions. Appropriate  correlative  graphs  for  most  of  the  above  parameters  are  presented  in 
Hankey  and  Holden  (Ref.  53). 

One  of  the  most  important  pieces  of  information  concerns  the  tiaximum  heating  level  in 
t he  sepa  ra  ted  r-eg  i on  , generally  occurring  just  downstream  of  flow  eattachment.  For  both 
laminar  and  turbulent  flows,  experimentalists  have  related  this  parameter  to  the  pressure 
distribution  through  a power  law  relation  such  as 


''max  ['’max  , , , , 

I. 

where  subscript  o denotes  undisturbed  values.  The  mean  value  of  n is  0.7  for  laminar 
flows  and  0.85  for  turbulent  flows.  The  peax  pressure  is  an  easier  parameter  to  assess 
than  heat  transfer  rate  (Refs.  54,  55,  56). 

For  more  complete  solutions  one  must  look  to  the  development  of  numerical  schemes  for 
solving  two  dimensional  or  axisymmetric  boundary  layers.  Some  success  has  been  achieved 
by  the  traditional  technique  of  dealing  with  the  viscous  and  inviscid  flow  fields  sepa- 
rately and  matching  them  appropriately,  but  as  mentioned  earlier  some  attention  has  to  be 
given  to  the  "elliptic"  characteristics  of  the  equations  in  the  reverse  flow  separated 
regions  within  the  "parabolic"  boundary  layer  region.  Hankey  and  Holden  (Ref.  53)  provide 
a review  to  developments  in  this  area  as  well  as  in  the  solutions  of  the  full  Nav i er-S tokes 
solutions,  which  eventually  must  be  solved  for  realistic  flow  conditions. 

5 . 2 Wing-body  and  fin-body  interactions 

In  supersonic  flow,  the  interaction  of  the  strong  bow  shock  of  a blunt  fin  or  wing  with 
laminar  and  turbulent  boundary  layers  causes  widespread  upstream  and  lateral  flow  separa- 
tion. This  topic  has  beeh  the  object  of  concentrated  research  recently  by  groups  at  AFFDL, 
Princeton  University,  College  of  Aeronautics  at  Cranfield  and  VKI.  The  flow  is  character- 
ized by  a lambda  shock  structure  in  the  plane  of  symmetry,  which  spreads  out  laterally 
downstream  to  form  a broad  three  dimensional  interaction  region  with  strong  vortical  type 
flow.  Local  regions  of  high  heating  resulting  from  the  fin  interaction  appear  near  the 
base  and  extend  downstream  at  a fixed  angle  to  the  fin  (Fig.  10) 

These  high  heat  transfer  rates  have  been  related  to  flow  reattachment  or  impingement 
along  a line  associated  with  a vortex  type  flow  (Ref.  50).  Another  explanation  lies  in 
the  Sweeping  away  laterally  of  the  low  energy  flow  in  the  lower  boundary  layer  illustrated 
in  figure  11  by  the  strong  transverse  pressure  gradient  thus  thinning  the  shear  layer  near 
the  fin  (Ref.  57).  Again  the  maximum  heating  has  been  related  to  the  maximum  presssure 
through  a power  law  in  the  same  way  as  for  the  two  dimensional  case  (eq.  17)but  the  average 
value  of  n in  this  case  seems  to  be  closer  to  0.8.  This  demonstrates  that  much  higher 
heating  rates  are  found  in  the  three  dimensional  case  than  in  the  equivalent  two  dimen- 
sional case  for  the  same  pressure  rise.  Some  experiments  carried  out  at  AFFDL  (Ref.  58) 
indicated  that  the  maximum  heating  was  reduced  by  tripping  the  boundary  layer  with  a row 
of  roughness  elements.  This  has  been  checked  more  thoroughly  in  some  experiments  at  M=5.4 
at  VKI  in  an  as  yet  unpublished  work,  but  not  found  in  some  later  AFFDL  work  (Ref.  59). 

The  mechanism  for  this  phenomenon  is  yet  unexplained.  There  abounds  much  more  information 
on  the  three  dimensional  flow  field  and  surface  pressure  field  than  on  heat  transfer  meas- 
urements for  this  configuration. 

5.3  Axial  corner  f 1 ow 


Supersonic  flow  in  axial  corners  formed  by  two  intersecting  flat  surfaces  has  been 
the  subject  of  experimental  investigations  for  a decade  and  a half.  A corner  interaction 
occurs  as  a result  of  initial  flow  compression  on  one  or  both  surfaces  due  either  to 
boundary  layer  displacement  effects  or  to  the  inclination  of  the  surfaces  with  respect  to 
the  free  stream  or  both.  The  flow  field  is  quite  complex  as  first  found  by  Charwat  and 
Redekopp  (Ref.  60)  as  seen  in  figure  6. 

The  corner  problem  may  be  viewed  as  one  involving  a strongly  disturbed  inviscid  flow 
field,  and,  in  turn,  the  interaction  of  this  flow  field  with  surface  boundary  layers. 

Sharp  peaks  seen  have  been  associated  with  the  strong  vortex  or  vortices  attached  to  the 
corner.  The  corner  heat  transfer  distribution  has  distinct  features  in  common  with  two 
dimensional  shock  wave  boundary  layer  interactions  - a drop  in  heat  transfer  rates  beyond 
separation  (the  trough)  followed  by  a rise  to  high  values  (peaks)  at  reattachment.  (See 
Fig.  12  taken  from  Ref.  61).  Studies  on  corners  with  angles  between  surfaces  different 
than  90"  have  also  been  made  as  reviewed  in  reference  50.  Summarizing,  regions  of  high 
heat  transfer  are  obtained  due  to  corner  interaction.,  these  are  typically  several  times 
larger  than  undisturbed  values,  but  not  usually  as  high  as  stagnation  point  heating  values. 
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5 . 4 Base  flows  and  vortex  flows  on  expansion  surfaces  j 

Vortex  flows  as  may  arise  on  the  lee  -side  of  a fuselage  or  wing-body  at  angle  of  at-  | 

tack,  causing  possible  regions  of  high  heating  and  interference  with  control  surfaces,  1 

have  been  well  documented  by  Rainbird  (Ref.  62)  and  Peake,  Rainbird  and  Atraghji  (Ref.  63).  ] 

This  problem  of  heating  was  brought  into  prominence  with  the  space  shuttle  as  reviewed  in 
Ref.  17.  Again  heat  transfer  rates  several  time  larger  than  undisturbed  values  are  obtained 
around  the  centerline  of  wings  alone,  or  on  the  body  sides  above  the  wing  centered  about 
the  wing  leading  edge  root.  Furthermore,  heat  transfer  rates  do  not  usually  achieve  values 
typical  of  stagnation  regions,  but  under  certain  circumstances  may  be  cons ider ed  i mpor ta n t . 

A more  recent  review  of  the  subject  related  to  space  shuttle  is  given  in  reference  64  with 
emphasis  on  the  effects  of  surface  temperature  and  Reynolds  number  on  leeward  shuttle 
heating. 

Another  review  by  Bertin  (Ref.  65)  focusses  on  the  definition  of  the  flow  field  in  the 
base  region  and  in  the  leeward  separated  flow  behind  a vehicle  at  high  angle  of  attack 
(e.g.,  space  shuttle)  as  an  aid  to  determining  the  convective  heat  transfer  distribution. 

Generally,  the  heat  transfer  due  to  the  axisymmetric  flow  in  the  base  region  of  a body  at 
zero  angle  of  attack  are  relatively  small,  however,  there  is  a large  change  due  to  the 
onset  of  transition.  Smaller  effects  due  to  Mach  number,  mass  addition  and  wall  temperature 
are  also  discussed.  The  free  vortex  layer  type  separation  causes  much  higher  heating,  as 
noted  above,  which  appears  to  be  connected  to  the  thinning  of  the  viscous  shear  layer  as 
a result  of  the  outflow  caused  by  the  vortices.  Again  the  effects  of  Reynolds  number,  Mach 
number,  configuration  and  wall  temperature  on  the  flow  field  and  heat  transfer  rate  are 
discussed.  The  interesting  feature  in  some  of  these  latter  references  is  in  the  approach 
in  which  the  researcher  is  forced  to  make  studies  related  to  a specific  project  rather 
than  with  a fundamental  objective  in  mind. 

5 . 5 Shock  impingement 

The  most  severe  aerodynamic  heating  is  undoubtedly  due  to  shock  impingement  or  the 
interaction  of  an  externally  generated  shock  with  the  bow  wave  at  the  leading  edge  of  a 
blunt  body  (for  example,  that  caused  by  an  aircraft  on  its  store).  Examples  of  practical 
configurations  in  which  shock  impingement  arises  are  shown  in  figure  7.  This  problem  was 
identified  by  investigators  at  an  early  period,  but  it  was  not  until  the  extensive  study 
of  Edney  (Ref.  66)  who  obtained  very  detailed  schHeren  photographs  of  a remarkable 
quality,  that  understanding  of  the  interference  flow  field  was  gained.  Edney  measured  the 
shock  impingement  heating  on  a hemisphere,  a blunted  cone  and  a flat  faced  cylinder  at 
Mach  numbers  of  4.6  and  7.  Using  the  quasi  steady  techniques  of  laterally  sweeping  the 
models  relatively  slowly  across  a wedge  generated  shock  in  a test  section,  he  obtained 
accurate  local  measurements  of  heat  rates  and  pressures.  Very  localized  heat  transfer 
rates  of  the  order  of  ten  times  stagnation  heat  transfer  rates  are  achieved  by  such  im- 
pinging flows.  Peak  pressures  follow  very  nearly  the  same  distribution  of  peak  heating 
rates,  with  maximum  values  at  essentially  the  same  location  away  from  the  stagnation 
point  of  the  hemisphere.  This  fact  again  suggests  the  validity  of  pressure-heat  transfer 
correlations  for  this  case.  Edney  found  that  peak  heating  rate  increases  with  increasing 
impinging  shock  strength  and  Mach  number. 

A more  recent  study  of  shock  interference  heating  directly  following  on  Edney's  work 
is  that  of  Hains  and  Keys  (Ref.  67).  The  study  encompasses  many  shock  impingement  cases 
on  hemispheres,  wedges  at  high  angle  of  attack  and  on  swept  fins  as  well  as  discussing 
the  application  of  such  results  to  the  design  of  the  space  shuttle.  Peak  heating  values 
of  17  times  the  stagnation  value  were  recorded  and  it  is  predicted  that  up  to  37  times 
it  could  occur  on  the  space  shuttle  attached  to  the  booster  during  the  higher  altitude  j 

part  of  the  ascent  (M  = 10,  80,000  meters  altitude).  Further  diagnosis  of  flows  caused  I 

by  impingement  of  a shock  generated  by  a body  on  the  leading  edge  of  swept  and  unswept  j 

wings  is  presented  by  Bertin  (Ref.  68).  j 


6 . MEASUREMENTS  ON  CONFIGURATIONS  IN  FLIGHT  AND  IN  WIND  TUNNELS 

In  this  section,  a series  of  brief  statements  on  results  of  wind  tunnel  tests  or 
flight  tests  and  their  comparison  with  engineering  correlations  are  presented,  in  which  J 

surface  heating  on  configurations  is  featured.  There  is  a severe  lack  of  information  on  ',j 

tests  on  missile  shapes  at  supersonic  speeds  (as  opposed  to  reentry)  and  so  the  informa-  l 

tion  has  generally  been  gleaned  from  high  speed  research  aircraft,  and  lifting  reentry  i 

vehicle  sources.  It  is  believed,  however,  that  theseremarks  are  also  relevant  to  missile  ^ 

heating.  ^ 

Heat  transfer  measurements  measured  on  the  wing  of  the  X-15  airplane  at  low  and  high  H 

angles  of  attack  and  on  the  fuselage  at  low  angles  of  attack  (Ref.  69)  are  overestimated  ij 

by  Eckert's  reference  enthalpy  method  (Ref.  21)  and  the  theory  of  van  Driest  (Ref.  41).  t 

Adequate  prediction  by  Eckert's  method,  however,  can  be  oi.tained  if  the  effect  of  wall  " 

temperature  is  neglected.  This  is  further  confirmed  by  reference  70.  These  results  have  | 

been  under  some  dispute  but  later  results  by  Cary  (Ref.  71)  in  ground  facilities  have  '* 

substantiated  the  flight  measurements.  1 

I 

Selected  incompressible  flat  plate  turbulent  heating  expressions  used  in  an  appropriate 
manner  produce  good  correlation  with  flight  test  data  over  large  ranges  of  Mach  number, 

Reynolds  number  and  wall  temperature  ratios  for  bodies  with  various  cone  angles  and 
bluntness  ratios  (Zoby  & Sullivan,  Ref.  72).  For  Re  - 10’  calculated  heating  rates  based 
on  Blasius  or  Schul tz-Grunow  friction  factors  were  within  +22  and  -10%  of  measurements. 
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For  10^  ^Re--  8><10’  the  Schul  tz-Grunow  method  gave  better  correlation. 

A convenient  correlation  of  local  heat  transfer  rate  with  the  local  surface  pressure 
for  blunt  cones  at  various  angles  of  attack  was  derived  by  Widhopf  (Ref.  73).  A method  is 
given  by  Wing  (Ref.  74)  for  calculating  the  aerodynamic  heating  and  shear  stresses  at  the 
wall  for  tangent  ogive  noses  that  are  slender  enough  to  maintain  an  attached  nose  shock 
through  that  portion  of  flight  during  which  heat  transfer  is  significant.  A method  is 
developed  by  De  Jarnette  and  Hamilton  (Ref.  75)  which  calculates  laminar,  transitional 
and  turbulent  heating  rates  on  space  shuttle  type  configurations  at  angle  of  attack  in 
hypersonic  flow.  Results  for  blunted  circular  cones  and  a typical  delta  wing  space  shuttle 
orbiter  at  angle  of  attack  indicate  that  this  method  yields  accurate  laminar  heat  transfer 
rates  and  reasonably  accurate  transition  and  turbulent  heat  transfer  rates.  Improved  heat 
protection  of  tail  fin  leading  edges  was  sought  by  Overmier  (Ref.  76)  following  a sounding 
rocket  flight  failure. 

Heat  transfer  studies  to  an  airfoil  in  oscillating  flow  reveal  at  large  angle  of  at- 
tack, including  those  in  which  stall  would  occur  in  steady  flow,  a strong  periodic  starting 
vortex  from  the  leading  edge  causing  a dramatic  reattachment  of  the  flow  and  an  increase 
in  local  Nusselt  numbers  by  as  much  as  a factor  of  5 (Ref.  77).  Experimental  studies  of 
vortex  induced  heating  to  a cone-cylinder  body  at  Mach  6 by  Hefner  (Ref.  78)  indicate  that 
the  most  severe  lee-surface  heating  need  not  occur  as  a result  of  the  interaction  of  the 
primary  vorti ces . wi th  the  lee-surface.  Vortex  heating  studies  to  cone  flaps  also  at  Mach 
6 by  Hefner  and  Whitehead  (Ref.  79)  indicate  that  locally  high  heating  can  occur  on  leeside 
flaps  at  vehicle  angle  of  attack.  This  heating  is  generally  less  than  the  maximum  heating 
at  zero  angle  of  attack  (for  the  same  flap  deflection)  but  can  be  greater  than  the  vortex 
induced  heating  on  the  configurational  forebody  at  the  same  angle  of  attack. 

In  connection  with  space  shuttle,  the  range  of  Mach  number  and  Reynolds  number  has 
been  expanded  by  Creel  (Ref.  80)  to  assess  their  effect  on  orbiter/tank  interference 
heating.  The  primary  effect  of  interference  in  these  tests  is  to  cause  transition  to  fully 
developed  turbulent  flow.  As  a result  of  extensive  experimental  studies,  a technique  has 
been  developed  for  predicting  shock  shapes;  pressures  and  turbulent  heating  rates  on  the 
leading  edge  of  a fin,  swept  wing  antenna  or  similar  highly  swept  near  its  intersection 
with  a high  speed  vehicle  (Ref.  81). 

There  are  significant  increases  in  heat  transfer  rate  over  large  regions  of  the  Apollo 
command  module  due  to  the  presence  of  protuberances  and  cavities  (present  in  its  reentry 
configuration)  at  M = 10  and  1.4x10^  < 2.6  < 10^  (Ref.  82).  For  the  evaluation  of  the 
thermal  performance  of  RSI  (reusable  surface  insulation)  tiles  for  orotection  of  space 
shuttle  surfaces,  results  show  that  unfilled  gaps  between  tiles  seem  hotter  than  comparable 
undisturbed  areas  and  for  transverse  and  axial  gaps  a trend  of  decreasing  temperatures 
with  decreasing  gap  width  is  evident  (Brewer,  Saydah,  Nestler,  Florence,  Ref.  83). 

Dunavant  and  Throckmorton  (Ref.  84)  also  show  that  heat  transfer  is  significantly  increased 

when  one  tile  protrudes  above  another.  Further  information  on  gaps  and  many  otner  topics 

has  been  discussed  in  relation  to  the  ASSET  reentry  vehicle  program  by  Neumann  (Ref.  85).  j 

A series  of  tests  have  been  made  to  examine  three  dimensional  shock  wave/turbulent 
boundary  layer  interactions  on  a finned  missile  configuration  by  Hayes  (Ref.  86)  with 
aerodynamic  heating  providing  the  main  focus  of  interest.  The  work  is  a continuation  of 
fin/flat  plate  studies  discussed  earlier.  The  model  was  basically  an  ogive  cylinder  in- 
strumented with  200  thin  skin  heat  transfer  sensors.  During  the  test  series  several  types 

of  control  surfaces  (fins  and  canards)  were  mated  to  the  body  and  test  at  different  roll 

angles  and  an  angle  of  attack  ranges  from  0 to  12".  The  effect  of  gaps  between  the  control 

surface  and  the  bodies  were  examined.  For  the  "sealed"  control  surfaces,  the  peak  heating 
in  the  interaction  region  was  correlated  and  found  to  be  predicted  by  a pressure  inter- 
action theory  with  an  exponent  of  0.8  (Ref.  58). 

Flight  and  wind  tunnel  measurements  were  conducted  on  a pylon-mounted  store  by  I 

Matthews  and  Keys  (Ref.  l).The  main  objective  of  the  tests  was  to  substantiate  the  extra-  | 

polation  of  procedures  used  to  assess  the  heating  rates  on  a full  scale  store  mounted 
on  an  F-111  in  flight  with  those  measured  on  a small  scale  model  in  a wind  tunnel  model.  ! 

Some  substantiating  evidence  was  obtained;  however,  scatter  in  the  flight  test  data  pro-  ’ 

hibited  any  definite  conclusion. 

h 
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7.  TESTING  TECHNIQUES 
7 . 1 Wind  tunnels 

The  prediction  of  local  heating  over  the  whole  surface  of  a missile  (or  aircraft)  con- 
figuration can  be  stated  as  still  a large  way  from  possible,  because  of  the  complexity  of 
the  flow.  Wind  tunnel  testing  is  hence  likely  to  play  a continuing  important  role  for  a 
period  far  enough  in  the  future  that  new  facilities  are  being  considered.  For  flow  Mach 
numbers  below  5,  there  exist  very  few  heated  flow  facilities  available  for  studying  kinetic 
heating.  The  fact  that  there  are  many  tunnels  with  heated  flows  above  Mach  5 is  only  for 
the  reason  of  preventing  flow  condensation.  For  simulating  flow  over  missiles  at  high 
supersonic  Mach  numbers,  one  could  thus  envisage  replacing  the  hypersonic  nozzles  of  these 
latter  tunnels  with  lower  Mach  number  versions.  Because  of  the  power  levels  needed  to  heat 
such  flows,  usually  these  hypersonic  tunnels,  thus  also  such  converted  tunnels,  tend  to 
have  small  test  sections,  so  small  that  configurational  testing  is  difficult  to  accomplish. 
Nevertheless,  these  facilities  provide  a useful  service  in  testing  simple  models  fo  single 
components  of  a configuration. 
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Two  types  of  facilities  could  be  of  value  in  future  development  of  high  speed  mis-  ! 

siles  in  which  heating  plays  a critical  role.  The  first  one  would  be  used  for  testing  :| 

a complete  missile  including  its  structure  and  systems.  Such  a tunnel  should  have  a 
test  section  of  1 ;rge  enough  size  to  test  a complete  missile,  a flow  temperature  range  j 

the  same  as  the  stagnation  temperature  range  of  future  projected  missiles  and  the  correct  j 

Mach  number  and  Reynolds  number  range.  A call  for  such  an  “aerothermal  wind  tunnel"  with  j 

a Mach  number  performance  of  2 to  6 with  actual  flight  time  and  temperature  duplication 
and  full  scale  Reynolds  numbers  for  missiles  is  given  in  reference  87  (Fig.  13).  A 6 ft  i' 

(i,80  m)  diameter  test  section  would  be  sufficiently  large  to  test  most  full  scale  tacti-  ! 

cal  missiles.  The  operating  envelope  that  would  be  required  to  provide  flight  duplication  U 

in  a 6 ft  diameter  wind  tunnel  is  given  in  figure  14.  it  can  be  seen  that  an  air  supply 
of  3000  Ib/sec  (1360  kg/sec)  heated  to  3000“R  (1670°K)  at  a pressure  of  approximately  ' 

1500  Ib/m-  (100  atmospheres)  would  be  required.  This  would  constitute  a major  facility 
but  reference  88  discusses  that  the  technology  for  such  a tunnel  is  available. 

i 

The  other  type  of  tunnel  is  one  in  which  one  wishes  to  test  the  aerodynamics  and  heating  I 
to  the  external  surface  of  a configuration.  In  this  case,  both  the  flight  time  and  true  i 

temperature  do  not  have  to  be  duplicated,  hence  one  can  fall  back  on  economic  short  dura-  i 

tion  tunnels  operating  near  the  flow  condensation  temperature  (although  one  should  have  i 

sufficient  flow  temperature  to  create  a heat  transfer  to  models  at  ambient  temperature 
for  the  lower  Mach  number  cases).  The  important  parameters  to  simulate  are  Mach  number  and  ! 

Reynolds  numbers.  Provided  the  wall  to  recovery  temperature  ratio  is  more  than  a few  per  \ 

cent  higher  than  unity,  the  measured  value  of  the  heat  transfer  coefficient,  h,  (or  St  or  i 

Nu)  will  be  applicable  for  other  wall  temperatures.  Higher  accuracy  can  be  achieved  in  h 
by  using  as  high  a Ty^/Tf  as  possible.  Although  such  facilities  are  on  a scale  which  is 
modest  compared  to  the  "aerothermal  tunnel"  mentioned  above  (i.e.,  approximately  600  K, 

2 m test  section,  40  atm,  2 < M < 6),  such  tunnels  do  not  exist  at  present,  mainly  because  j 

of  a recognition  of  the  requirement  of  such  a facility  only  recently.  H 

An  interim  "aerothermal"  simulation  technique  for  testing  materials  on  simple  flat  , 

plate  or  hemisphere  shapes  has  been  devised  by  Matthews  and  Stallings  (Ref.  89).  Conven-  p 

tional  continuous  hypersonic  tunnels,  M = 6 and  10,  were  used  to  test  materials  mounted  on  i 

a wedge  at  such  an  angle  of  attack  and  such  supply  conditions  to  get  M,  Re  and  T^pag  cor-  ( 

rect  (see  Fig.  15  ).  Through  such  a technique  it  was  possible  to  simulate  the  flow  on  the  ? 

body  surface  and  around  a stabilizing  fin  of  a missile  at  M = 4,  altitude  of  60,000  ft 
(18,000  m).  A novel  optical  technique  was  described  to  measure  the  recession  rate  on 
tested  materials. 

For  aerodynamic  and  heating  simulation,  to  overcome  the  difficulties  associated  with 
the  high  power  levels  required  and  materials  and  instrumentation  problems  involved  with 
continuously  hypersonic  operating  tunnels,  short  duration  tunnels  were  devised  (for  a 
review  of  such  developments,  see  Lukasiewicz,  Ref.  90)  and  have  been  found  indispensable 
in  the  Apollo  and  space  shuttle  programs.  For  heat  transfer  studies,  a further  advantage 
is  that  fast  response,  sensitive  and  accurate  transient  methods  of  measurement  can  be  used 
(Schultz  and  Jones,  Ref.  91).  The  modest  temperature  requirement  needed  for  aerodynamic 
heating  studies  of  missile  configurations  suggest  the  ajplication  of  a class  of  facility 
recently  devised  for  the  different  application  of  heateJ  turbine  component  testing  (which 
also  requires  only  a modest  temperature)  by  Jones,  Schultz  and  Hendley  (Ref.  92)  called 
the  isentropic  light  piston  tunnel.  A large  version  of  this  turbine  facility  has  been  built 
at  VKI  (Refs.  93,  94).  This  VKI  tunnel  has  been  designed  with  a future  possibility  of  using 
it  for  studies  of  heat  transfer  flows  over  vehicle  configurations  at  high  Mach  numbers  and 
its  application  to  missile  testing  may  be  most  appropriate.  Its  characteristics  are  for  it 
to  generate  flow  temperatures  up  to  600  K at  pressures  of  40  atmospheres  for  running  times 
up  to  1 second  over  which  time  it  develops  a power  of  7 MW.  It  is  driven  economically  from 
the  Institute's  250  atm  compressed  air  supply.  With  a Mach  4 nozzle,  a test  section  size  of 
0.5  m diameter  and  a flow  Reynolds  number  of  1.8x10®  per  meter  could  be  achieved. 

7 . 2 Heat  transfer  measurements 

In  the  case  of  testing  in  "aerothermal"  test  facilities,  the  main  emphasis  on  measurement 
techniques  will  focus  on  temperature  measurements  of  internal  parts  of  the  missile  rather 
than  heat  transfer  measurements  to  the  exterior  surface.  The  subject  of  temperature  mea- 
surement is  dealt  with  in  detail  in  reference  95  and  no  further  mention  will  be  made  on 
this  except  in  relation  to  heat  transfer  measurements. 

7.2.1  Steady_state. technique 

Heat  transfer  measurements  using  steady  state  techniques  are  extremely  oifficult  to 
carry  out.  The  most  complete  and  up-to-date  review  on  this  subject  is  g’ven  by  Winter  in 
reference  96  (which  also,  however,  contains  a review  of  transient  techniques)  based  on 
work  carried  out  at  RAE  in  England.  Another  useful  reference  is  that  of  Eckert  and  Goldstein 
(Ref.  97). 

To  make  heat  transfer  measurements  under  steady  state  conditions  it  is  necessary  to 
supply  power  to  a model  equivalent  to  that  transferred  to  the  air  stream  or  to  extract  power 
from  the  model  accord’ngly  as  the  model  is  maintained  at  a temperature  higher  or  lower  than 
the  recovery  temperature  of  the  air  stream.  The  latter  technique  is  normally  carried  out 
by  passing  a cold  liquid  through  the  interior  of  the  model.  An  example  of  the  former  is 
that  carried  out  in  the  VKI  0.40  m continuous  supersonic  tunnel  S-1  on  a wedge  (Ref.  98). 

The  wedge  was  cast  in  an  epoxy  resin  around  thermocouples  and  then  machined  to  produce  a 
smooth  surface  and  expose  the  thermocouple  junctions.  The  heating  element  was  provided  by 
silver  plating  the  whole  surface  using  a mirror-silvering  process  resulting  in  a film  of 
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fairl>'  uniform  thickness  of  about  1 urn.  The  film  was  connected  by  silver  paint  to  electrodes 
running  along  the  sides  of  the  model.  If  it  is  assumed  that  the  film  is  of  uniform  thickness 
and  resistivity  and  that  the  current  is  supplied  uniformly,  then  the  heat  dissipated  will 
be  uniform  over  the  whole  surface.  Thus  measurements  of  the  surface  temperature,  Tw,  of 
the  heated  model  and  of  the  temperature,  Tr.  of  the  unheated  model  and  a knowledge  of  the 
electrical  power,  q,  dissipated  per  unit  area  enable  a heat  transfer  coefficient,  h,  to 
be  determined  from 


In  any  steady  state  technique,  care  is  needed  to  ensure  the  equilibrium  conditions 
have  been  obtained.  For  conditions  of  M = 2.2  and  Reynolds  numbers  of  1.6  and  3.3x10^  per 
m,  a running  time  of  1 hour  was  required  to  reach  equilibrium. 

Although  the  method  as  described  gives  information  at  constant  hear  transfer,  using 
multiple  elements  on  a surface,  constant  model  surface  temperature  can  more  easily  be 
obtained  and  with  appropriate  automatic  control  the  response  time  of  the  system  could  be 
as  fast  as  the  flow  establishment  or  tunnel  starting  time,  since  no  model  temperature 
change  is  involved.  This  method  would  be  much  more  complicated  than  the  " semi - i nf i ni te  slab" 
transient  method  to  be  described,  but  would  be  applicable  in  cases  in  which  rapid  tunnel 
start  or  rapid  model  injection  was  impractical  (since  the  method  is  not  dependent  on  the 
running  time)  and  would  prove  useful  in  activating  existing  continuous  or  blowdown  ambient 
temperature  supersonic  wind  tunnels  for  kinetic  heating  studies  (A  further  philosophy 
justifying  this  latter  approach  would  be  that  less  energy  would  be  needed  to  heat  the 
model  than  heat  the  flow).  The  heat  transfer  coefficients  thus  obtained  would  be  applicable 
to  the  real  situation  as  long  as  M and  Re  were  simulated  and  the  main  conclusion  would 
arise  from  the  boundary  layer  characteristics  (e.g.,  position  of  transition,  boundary 
layer  thickness,  etc.)  being  not  well  simulated. 

The  more  classic  approach  to  steady  state  beat  transfer  measurement  involved  internally 
cooling  a model  fitted  with  a thin  skin  uniform  skin  and  measuring  the  temperature  gradient 
across  the  skin.  The  choice  of  material  skin  is  a balance  between  a good  conductor  (high 
heat  transfer  rate,  but  low  temperature  difference)  and  a poor  conductor  (low  heat  trans- 
fer rate,  but  high  temperature  difference  across  the  skin).  Winter  (Ref.  96)  shows  that 
for  maximum  sensitivity  the  temperature  drop  through  the  skin  should  be  half  the  temper- 
ature drop  in  temperature  from  the  aerodynamic  recovery  temperature  to  the  coolant  temper- 
ature. An  extensive  review  is  made  by  Winter  on  heat  flow  meters  appropriate  to  these 
steady  flow  techniques,  many  developed  at  RAE  - Bedford. 

Another  possible  approach  is  through  the  use  of  the  analogy  of  heat  transfer  with  mass 
transfer.  This  has  been  applied  in  the  form  of  measuring  the  sublimation  rate  of  naphalene 
(Eckert  and  Goldstein,  Ref.  97). 

7.2.2  lESQsi ent_technigues 

Measurements  in  aerodynamic  heating  facilities  are  more  popularly  carried  out  using 
transient  techniques.  These  methods  depend  normally  on  a quick  start  tunnel  flow  (<0.1  secs) 
such  as  produced  in  such  short  duration  facilities  as  shock  tunnels,  piston  tunnels,  etc, 
or  on  the  rapid  injection  of  the  model  into  a blowdown  or  continous  tunnel.  A typical  range 
of  techniques  used  in  presented  in  reference  99. 

The  thin  skin  or  calorimeter  technique  involves  the  measurement  of  the  temperature  of 
the  thin  skin  made  of  a good  conductor  which  has  been  thermally  insulated  on  the  back  side 
(Refs.  91,  100).  For  a perfectly  constructed  gauge,  the  heat  transfer  rate  is  then  given 
simply  by  the  relation 

dT 

where  p,  b and  c are  the  denstiy,  thickness  and  specific  heat  of  the  skin  material.  In 
practice,  imperfections  in  construction  are  such  that  the  effective  thickness,  b,  must  be 
found  by  direct  calibration.  For  the  flows  of  interest,  it  is  quite  possible  that  the  skin 
temperature  rise  is  important  with  relation  to  the  driving  temperature,  Tp-fw*  which  must 
be  taken  into  account  in  defining  the  heat  transfer  coefficient,  h,  i.e. 


h = 


pbc  dT  /dt 


(19) 


Trimmer  et  al  describe  an  analysis  of  the  data  to  assess  and  eliminate  errors  due  to 
heat  conduction  along  the  skin.  Errors  due  to  thermal  radiation  can  normally  be  neglected. 
The  temperature  sensor  can  be  a thermocouple,  thin  film  resistance  thermometer  etc.. 
Response  times  of  such  heat  sensors  are  of  the  order  of  1-100  msec,  and  measurement  can  be 
made  in  a time  of  10  msec  - 1 second. 

Another  method  was  the  measurement  of  the  surface  temperature  of  a thick  layer  of  a 
poor  conductor  to  assess  the  heat  transfer  rate.  The  technique  is  decribed  in  detail  in 
reference  91.  The  measurement  time  is  controlled  by  the  thickness  of  the  material,  usually 
pyrex  glass  or  quartz,  required  to  cause  the  temperature  change  at  the  back  surface  to  be 
small.  Running  times  of  up  to  1 second  have  been  achieved  using  this  method  (Ref.  101). 
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The  response  time  is  controlled  by  the  characteristics  of  the  temperature  sensor  which  is 
usually  selected  to  be  a thin  film  platinum  resistance  gauge  or  thermocouple  painted  and 
baked  on  to  the  glass  or  ceramic  backing  material.  This  time  can  be  as  low  as  several 
r- I croseconds . The  heat  transfer  is  then  calculated  using  the  following  appropriate  solution 
of  the  one  dimensional  heat  conduction  equation  ; 
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which  can  be  carried  out  numerically  or  by  the  use  of  analogues.  The  analysis  of  numerical 
data  from  an  on-line  data  acquisition  system  is  reviewed  in  reference  102.  A recent  devel- 

p 

opment  is  the  use  of  MACOR  machinable  ceramic  available  from  Corning  Glass  from  which 
complicated  models  can  be  machined  and  on  which  cah  be  easily  fired  platinum  film  gauges 
(Ref.  103). 

In  the  space  shuttle  program,  considerable  use  was  made  of  thermographic  techniques 
for  determining  heat  transfer  patterns  on  these  complicated  configurations.  Such  techniques 
were  the  thermo- sens i ti ve  paints,  phase  change  paints,  liquid  crystals  and  thermographic 
phosphors.  These  techniques  are  mentioned  in  references  91,  97  and  99  and  their  application 
to  the  space  shuttle  program  in  reference  17.  Models  were  made  of  STYCAST,  a moulding  com- 
pound with  low  thermal  conductivity  which  was  selected  to  enhance  the  surface  temperature 
variations  on  the  model.  For  application  to  the  above-mentioned  short  duration  piston 
tunnel,  most  of  the  thermographic  techniques  will  respond  to  the  changes  in  surface  temper- 
ature to  a sufficient  extent  in  the  relatively  long  running  time.  This  suggests  an  economic 
but  effective  way  of  generating  experimental  data  of  a developmental  nature. 


The  most  sophisticated  technique  available  that  has  the  attributes  of  the  thermographic 
techniques  with  the  accuracy  of  the  transient  techniques  discussed  earlier  involves  the 
use  of  an  infra-red  scanning  camera  (see  paper  22  by  D.L.  Compton  in  Ref.  17).  Combined 
with  an  on-line  data  acquisition  system  to  deal  with  the  vast  amount  of  data  collected, 
accurate  overall  surface  measurements  could  be  achieved  on  configurations.  The  method 
would  require,  however,  some  substantial  development. 


8.  CONCLUDING  REMARKS 

In  this  report,  experimental  and  theoretical  aspects  of  kinetic  heating  of  missiles 
are  reviewed.  Simple  correlation  methods  appear  to  be  widely  used  and  reasonably  accurate 
for  predicting  heat  transfer  rates  due  to  attached  flow  or  near  two  dimensional  or  axi- 
symmetric  surfaces.  There  is  sufficient  literature  available  to  be  aware  that  surface  flow 
interactions  can  cause  severe  heating.  Crude  correlations  have  been  devised  to  predict  the 
level  of  the  maximum  heating  rates  achieved,  provided  the  pressure  field  is  known,  but 
little  information  is  available  on  the  location  of  such  regions  of  heating. 

There  have  been  recently  dramatic  advances  in  computational  methods  and  computers  to 
solve  the  full  Navier-Stokes  equations  towards  predicting  the  flow  over  complicated  shapes, 
but  even  the  most  optimistic  workers  in  this  field  expect  one  to  wait  another  10  or  15  years 
to  achieve  such  solutions  at  a developmental  level,  even  in  well  equipped  establishments. 
There  is  thus  a call  for  economic  wind  tunnel  tests  using  easy-to-bu i 1 d models  and  heat 
visualization  measuring  techniques  to  privode  rapid  answers  on  complete  configurations. 
Suitable  measurement  techniques  are  reviewed. 
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FIG.  2 PERFORMANCE  ENVELOPE  OF  PRESENT- 
DAY  AIRCRAFT  {From  Ref.  1) 
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FIG.  3 THE  GENERAL  HEAT  TRANSFER  PROBLEM 


FIG.  4 TYPICAL  MISSILE  CONFIGURATION 
AND  FLOW  FIELD  STRUCTURE 
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FIG.  7 PRACTICAL  EXAMPLES  OF  SHOCK 
IMPINGEMENT  HEATING 
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FIG.  3 PREDICTION  OF  TURBULENT  SKIN  FRIC 
TION  ON  CONVENTIONAL  FLIGHT  VEHICLES  BY 
ECKERT'S  METHOD  (From  Ref.  44) 
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FIG. 13  AEROTHERMAL  WIND  TUNNEL  (H  NUMBER 
2 TO  6)  (From  Ref.  37) 


FIG. 14  REQUIRED  OEPRATING  ENVELOPE  FOR  "N 
ADVANCED  AEROTHERMAL  WIND  TUNNEL  - 
DUPLICATED  FLIGHT  (From  Ref.  87) 
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These  conditions  can  be  determined  from  analytical  or  eidierlmental 
techniijues. 


a.  Flight  Environment 
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b.  SVind  Tunnel  Conditions  Required  to  Duplicate  Flight  Environment 


FIG. 15  TECHNIQUE  FOR  MATERIAL^  TESTI'vI  ’ % 
THE  AEDC  CONTINUOUS  FLOW  WIND  TL'NNEL>’ 

( F root  Ref  . 89  ) 
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